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THEME 


Tlie  development  of  advanced  components  for  new  aero  gas  turbine  propulsion  systems  rests  on  a  wide  range  of  practical 
and  theoretical  technologies.  The  subject  was  last  reviewed  at  the  32nd  PEP  Meeting  in  1968,  and  this  meeting  provided 
engineer*  and  scientists  with  an  opportunity  to  discuss  recent  progress  in  these  technologies  and  identify  requirements  for 
further  research. 

The  scope  of  the  meeting  included:  compressors,  both  sub-  and  supersonic,  axial  and  radial;  requirements  and  objectives 
for  components  and  component  integration  in  the  complete  engine;  turbines,  including  cooling  effects;  combustors  and 
afterburners,  including  mechanical  and  materials  aspects;  advanced  propellers,  and  associated  drive  systems.  ✓  \ 


Le  developpement  de  composants  avances  de  turbo-machines  aerobies  pour  de  nouveaux  systemes  de  propulsion,  repose 
sur  un  large  eventail  de  techniques  theoriques  et  pratiques.  Le  PEP  a  traite  ce  sujet  pour  la  demiere  fois  a  sa  32eme  reunion  en 
1 968.  Ce  nouveau  Symposium  a  donne  aux  ingenieurs  et  aux  scientifiques  l’occasion  de  discuter  des  progres  recents  dans  ccs 
techniques,  et  d’identifier  les  themes  de  futures  recherches. 

Les  exposes  et  discussions  ont  porte  sur  les  points  suivants:  specifications  et  objectifs  pour  les  composants,  et  leur 
integration  au  moteur  complet;  compresseurs  subsoniques,  axiaux  et  radiaux;  turbines  y  compris  effets  de  refroidissement; 
chambres  de  combustion  et  systemes  de  rechauffe,  avec  les  aspects  mecaniques  et  materiaux;  helices  avancees  et  leurs  systemes 
d'cntrainement. 
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THE  COMING  REVOLUTION  IN  TURBINE  ENGINE  TECHNOLOGY 
by 

James  S.  Petty  &  Robert  E.  Henderson 
Turbine  Engine  Division 

Air  Force  Wright  Aeronautical  Laboratories  ( AFWAL/POT) 
Wright-Patterson  Air  Force  Base,  Ohio  USA  45433 


SUMMARY 


A  major  change  in  turbopropulsion  technology  development  philosophy  is  now  being 
pursued  by  the  US  Air  Force  Wright  Aeronautical  Laboratories  (AFWAL)  which  will  provide 
revolutionary  advancements  in  overall  operational  performance  capability  for  future 
military  aircraft  and  aerospace  weapons  systems.  An  historical  perspective  illustrates 
the  significance  of  the  advancements  being  pursued,  with  engine  thrust-to-weight  used  as 
the  principal  performance  f lgure-of-merit.  The  High  Performance  Turbine  Engine 
Technologies  (HPTET)  effort,  an  initiative  begun  in  1982,  is  discussed.  The  overall  goal 
of  the  HPTET  effort  is  to  provide  the  advanced  materials,  innovative  structural  concepts 
and  advanced  aerothermodynamics  to  double  turbopropulsion  capability  by  the  year  2000. 
This  is  being  accomplished  through  an  aggressive,  highly  integrated  technology 
development  effort.  The  Aero  Propulsion  and  Materials  Laboratories  within  AFWAL  are 
partners  in  this  effort. 


INTRODUCTION 

Today,  a  synergistic  convergence  of  new  technologies  across  the  materials  and 
turbopropulsion  communities  is  beginning  to  occur.  Encouraging  developments  in 
turbomachinery  aerothermodynamics,  lightweight  high  temperature  materials,  and  new 
Innovative  engine  structural  concepts  are  pointing  the  way  toward  a  radical  departure 
from  the  way  turbine  engines  have  been  designed  and  built  in  the  past.  The  situation  is 
rather  similar  to  that  of  the  late  1930s  and  early  1940s  when  a  major  Jump  in  aircraft 
propulsion  capability  occured  because  of  the  development  of  a  new  type  of  engine  —  the 
turbine  engine  --  both  in  England  by  Sir  Frank  Whittle  and  in  Germany  by  Dr  Hans  von 
Ohain.  The  revolution  starting  today  is  not  the  result  of  a  new  engine  cycle,  but  rather 
the  result  of  the  convergence  of  new  developments  in  aerothermodynamics,  materials  and 
structures.  The  result  will  be  no  less  dramatic,  however. 

To  accelerate  the  development  and  application  of  these  new  emerging  technologies, 
and  to  maximize  their  early  payoff,  the  Aero  Propulsion  and  Materials  Laboratories  within 
the  Air  Force  Wright  Aeronautical  Laboratories  (AFWAL)  organization  have  Joined  together 
in  a  new  initiative  entitled  "High  Performance  Turbine  Engine  Technologies"  (HPTET).  The 
objective  of  this  initiative  is  to  develop  the  critical  technologies  required  to  double 
turbopropulsion  capability  by  the  year  2000  for  a  bi oad  range  of  future  Air  Force 
systems.  To  accomplish  this,  it  was  also  necessary  to  develop  a  new  integrated  approach 
to  the  development  and  demonstration/assessment  of  new  emerging  technologies. 

The  HPTET  initiative  began  in  1982  as  an  advanced  technology  development  study  in 
the  Aero  Propulsion  Laboratory.  With  the  realization  that  advanced  materials  development 
was  a  pacing  item,  the  AFWAL  Materials  Laboratory  joined  the  initiative  as  a  partner  in 
1984.  In  1985.  six  U.S.  turbine  engine  companies  (Allison  Gas  Turbine  Division,  Garrett 
Turbine  Engine  Company,  General  Electric,  Pratt  4  Whitney,  Teledyne  CAE,  and  Williams 
International)  Joined  with  the  Air  Force  in  developing  corporate  long  range  plans  to 
accomplish  the  ambitious  goal  of  the  HPTET  Initiative  by  the  turn  of  the  century.  These 
companies  have  also  made  substantial  commitments  of  company  resources  to  their  long  range 
plans . 

To  appreciate  the  level  of  technical  advancement  being  pursued  under  the  HPTET 
initiative,  one  must  put  things  in  proper  perspective.  A  commonly  used  f igure-of-merit 
for  describing  advancements  in  turbopropulsion  operational  capability  and  performance  is 
engine  thrust-to-weight  (T/W)  ratio.  This  is  of  particular  significance  when  dealing 
with  high  performance,  air  superiority  aircraft  where  maximum  T/W  capability  is  of  the 
utmost  Importance.  Hence,  when  one  speaks  of  doubling  propulsion  capability,  in  terms  of 
T/W  this  represents  a  2X  advancement  over  that  provided  by  contemporary  turbine  engines. 
However,  doubling  T/W  does  not  come  easy  and,  relative  to  today's  fighter  engines,  will 
require  a  number  of  dramatic,  if  not  revolutionary,  changes  in  engine  design  as  we  know 
it  today.  This  is  not  to  say  that  the  engine  of  tomorrow  will  be  a  totally  di  ffere.it 
design  concept  from  the  turbine  engine  of  today.  It  will  still  utilize  rotating 
machinery  and  will  still  contain  the  same  basic  core  components  —  compressor,  combustor 
and  turbine.  A  number  of  technological  barriers  will  be  broken,  however,  in  internal 
aerodynamics,  materials,  structural  design  and  operating  temperatures.  This,  in 
conjunction  with  the  technology  availability  target  date  of  the  year  2000,  makes  the 
engine  of  tomorrow  truly  a  revolutionary  leap  beyond  what  we  can  provide  with  today's 
technology.  The  overall  goal  of  the  HPTET  initiative  is  to  provide  in  the  next  12-15 
years  the  same  degree  of  technological  advancement  that  took  the  past  30-40  years  to 
accomplish . 

"Vie  fol  lowing  paragraphs  will  endeavor  to  place  the  HPTET  Initiative  In  historical 
perspective,  describe  the  HPTET  technical /management  approach,  discuss  some  or  the 
Dromlsing  oandldate  technologies  and  present  some  of  the  potential  payoffs  to  future  Air 
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Force  systems. 


AN  HISTORICAL  PERSPECTIVE 


To  better  appreciate  the 
extent  of  advancement  being  pursued 
under  the  HPTET  initiative,  a  brief 
look  at  how  far  the  turbine  engine 
has  come  over  the  past  MO  years  is 
in  order.  As  a  baqi?  for 
comparison,  engine  thrust-to-weight 
will  be  u3ed  as  the  oerformance 
figure-of -merit.  Figure  1  shows  an 
historical  evolution  of  the  turbine 
engine  in  terms  of  T/W  dating  back 
to  the  first  operational  Jet  engine 
—  the  German  Junkers  Jumo  00MB. 
Although  this  illustration  is 
complex,  it  highlights  advancements 
made  in  term?  of  propulsion  system 
specific  thrust  (engine  thrust  per 
unit  airflow  through  the  engine) 
and  specific  weight  (engine  weight 
per  unit  airflow  through  the 
engine),  the  ratio  of  which 
provides  lines  of  constant  thrust- 
to-welght.  From  this  illustration, 
one  can  derive  a  trend  of 
propulsion  system  advancements 
realized  over  the  past  30-MG  years. 


Fn/X 


Figure  1.  Turbine  Engine  Thrust/Weight  History 


Although  many  engines  are  represented  in  Figure  1,  only  two  will  be  briefly  examined 
to  provide  historical  perspective.  In  the  early  19M0s,  Germany  introduced  the  first 
operational  jet  engine,  the  Junkers  Jumo  OOMB.  Truly  a  revolutionary  advancement  in 
propulsion  capability  over  the  high  performance  aircraft  piston  engines  of  the  tine,  the 


00MB  represents  the  beginning  of  the  jet 
age  as  we  know  it  today.  The  T/W  ratio 
of  the  00MB  was  only  1.25,  but  it 
provided  the  twin-engined  Messerschmltt 
Me26 2  aircraft  with  a  maximum  air  speed 
of  540  miles/hour  in  level  flight  —  a 
formidable  threat  to  the  Allied  air 
forces  during  the  War.  The  00MB  was  a 
relatively  heavy  engine  with  a  turbine 
inlet  temperature  of  only  1300°F 
(700°C).  This  operating  temperature  is 
of  particular  significance  when  one 
notes  that  our  most  modern  engines  today 
utilize  hot  section  cooling  air  with 
temperatures  approaching  1300°F.  Still 
there  was  no  doubt  that  in  the  19M0’s, 
this  German  jet  engine  represented  a 
huge  leap  in  propulsion  system 
operational  and  performance  capability 
and  a  major  departure  from  conventional 
aircraft  engine  design  philosophy. 

Figure  2  Is  a  photograph  of  the  Jumo 
00MB,  a  design  not  significantly 
different  from  today’s  jet  engines  --  an 
axial  compressor  and  turbine,  and  a 
multi-can  combustor,  the  principal  core 
components  of  any  Jet  engine.  Again,  it 
became  operational  with  the  Me262  shown 
in  Figure  3,  a  twin-engine  aircraft 
which  first  flew  in  July  19M2  and 
entered  service  in  July  19MM, 
principally  against  Allied  bomber 
formations.  Although  a  very  lethal 
weapon  system  in  its  day,  the  Me262/00MB 
combination  had  poor  reliability  and 
range  —  many  aircraft  were  lost  due  to 
engine  mechanical  problems  and  high  fuel 
consumption.  Those  successfully 
returning  from  a  m’ssion  often  required 
partial,  if  not  complete  engine  overhaul, 
advancement  in  overall  aircraft  engine  ca] 
aircraft  propulsion. 


Figure  2.  Junkers  Jumo  00MB 


Figure  3.  Messerschmltt  Me262 

But,  again,  the  004B  did  represent  a  major 
bility  and  initiated  a  new  era  in  terms  of 


Referring  back  to  Figure  1,  one  will  also  note  an  engine  introduced  approximately 
thirty  years  after  the  00MB,  the  F100.  The  F100  represents  a  very  significant 
advancement  in  propulsion  capability  relative  to  the  00MB;  not  only  does  it  exhibit  a  T/W 
capability  6  times  that  o'*  the  00MB,  it  also  advanced  aircraft  operational  capability 
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Into  a  whole  new  flight  regime  —  the 
ability  to  climb  vertically  and 
accelerate  at  the  same  time.  Through 
advancements  In  materials,  permitting 
higher  temperature  and  lighter  weight 
structural  design,  the  P100  is  the  fleet 
leading  fighter  engine  in  the  U.S. 
arsenal  today.  Operating  at  turbine 
inlet  temperatures  greater  than  2500°F 
(1370°C)  and  with  full  afterburning, 
this  low  bypass,  augmented  turbofan 
engine  produces  nearly  25,000  pounds  of 
thrust  with  an  Installed  T/W  ratio  of 
nearly  7.4.  Figure  4  shows  a  cross- 
sectional  view  of  the  F100.  To  some 
extent  it  is  similar  to  the  004B.  It 
has  a  multi-stage  axial  compression 
system  (turbofan  configuration),  an 
annular  combustion  system  and  a  multi¬ 
stage  axial  turbine,  the  first  stage  of 
which  is  air-cooled.  The  F100  is  also 
equipped  with  a  large  multi-zone 
afterburner  and  an  axisymmetric 
convergent-di vergent  variable-geometry 
exhaust  nozzle.  It  is  used  in  two 
military-only  applications  by  the  U.S. 
today,  the  F-15,  a  twin-engine  aircraft, 
and  the  F-16,  a  single  engine  aircraft 
(Figure  5). 

The  next  generation  air  superiority 
aircraft  currently  undergoing  prototype 
development  is  the  Advanced  Tactical 
Fighter  (ATF).  Although  not  shown  in 
Figure  1,  the  engines  for  this  aircraft 
will  be  substantially  more  advanced  than 
the  F100,  having  higher  operating 
temperatures  and  higher  T/W  capability, 
but  perhaps  more  importantly,  allowing 
the  ATF  to  cruise  supersonica 1  ly  without 
afterburning.  Figure  6  is  a  photograph 
of  a  mock-up  of  one  of  the  ATF 
demonstrator  engines,  the  Pratt  A 
Whitney  XF119.  (General  Electric  also 
has  an  ATF  demonstrator  engine,  the 
XF120,  under  development.)  Externally, 
the  XF119  may  appear  similar  in 
configuration  to  the  F100,  at  least 
forward  of  the  exhaust  nozzle. 
Internally,  however,  a  number  of 
differences  exist,  including 
incorporation  of  advance  high 
temperature  materials,  structural  design 
changes,  substantially  reduced  parts 
count,  and  much  higher  operating 
termperature  capability.  One  very 
visible  and  significant  difference, 
of  course ,  is  the  addition  of  a 
two-dimensional  convergent- 
divergent  exhaust  nozzle  with  both 
thrust  vectoring  and  thrust 
reversing  capability.  Another 
significant,  but  less  obvious, 
change  to  this  engine  is  the 
incorporation  of  a  full-authority 
digital  electronic  control  system, 
without  which  the  many  variable 
features  required  of  this  engine 
would  not  be  possible. 

With  this  brief  historical 
review,  one  could  conclude,  as 
shown  by  the  bold  arrow  of  Figure 
7,  that  propulsion  system 
advancements  have  nearly  reached 
their  limit  in  terms  of  further 


Figure  4.  Pratt  &  Whitney  F100  Turbofan  Engine 


Figure  5.  F-15  and  F-l6  -  Modern  USAF  Fighters 


Figure  6.  Pratt  &  Whitney  XF119  ATF  Engine 
Demonstrator  Mockup 


improvements  in  T/W  capability.  In  Figure  7.  Future  Thrust/Weight  Trend  and 

fact,  there  are  some  today  who  feel  the  HPTET  Initiative 

turbine  engine  propulsion  is  a 

"sunset”  technology  that  has  reached  its  Improvement  plateau,  the  further  advancement  of 
which  simply  would  not  show  a  worthwhile  return  for  the  research  dollar  invested.  This 
could  not,  however,  be  further  from  the  truth.  The  balance  of  this  paper  wil)  focus  on 
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the  HPTET  initiative  and  those  technology  developments  currently  underway  or  in  planning 
which  will  assure  a  revolutionary  advancement  in  propulsion  system  capability  by  the 
turn-of-the-century .  The  gridded  box  of  Figure  7  represents  that  region  in  terms  of  T/W 
for  which  HPTET  is  currently  focused,  drawing  upon  the  most  advanced  three-dimensional 
aerodynamic  design  systems,  new  high  temperature  composite  and  fiber-reinforced  metal 
matrix  and  ceramic  materials,  and  structural  design  innovations  not  heretofore  considered 
for  turbomachinery  applications.  Like  the  Introduction  of  the  004B  engine  in  1940,  the 
HPTET  initiative  also  represents  a  new  era  in  propulsion  system  design  and  performance 
capability,  an  era  which  will  far  surpass  engine  operational  capability  today  or  in  the 
near  future. 

TECHNOLOGY  FLOW  IN  THE  HPTET  INITIATIVE 

Although  the  development  of  advanced  technology  is  the  most  visible  part  of  the 
HPTET  initiative,  the  integration  of  the  flow  of  advanced  technology  from  the  technology 
base  in  aerodynamics,  materials  and  structures,  through  its  use  in  the  design  of  advanced 
engine  components,  to  the  aasessment/verif ication  of  those  technologies  in  real  engine 
operating  environments  is  also  a  key  part  of  ensuring  the  maximum  and  most  rapid 
availability  of  the  new  technologies  at  the  most  reasonable  cost.  The  Air  Force  is  doing 
this  for  the  HPTET  initiative  by  integrating  its  turbopropul sion  exploratory  development 
and  advanced  technology  demonstrator  programs  provide  a  clear  path  from  the  laboratory 
to  availability  for  a  system.  Figure  8  shows  this  integration  schematically.  At 


TECHNOLOGY  BASE 

MATERIALS 


I  AluNMKHOf  S  MMC/VfflV  HI  TIMA  COMPOSirCS/SOOO  tUIII/HMCMT  AllOff 


X 


STRUCTURES  I  tianUUI*IK>NCID  STRUCT/SIMFtWliO  «ur*0«TS/C0Mf>0SJTC  OTO  s*« 

- -AY-  :  zxxzzxxzzxx 


AEROTHERMO  I  JO  viscous  ctomcoMOAiiv  non*  cmi/Hi  stag*  ioao**g/ikf  fNvtiOPf  ] 

C  \A  ~  W 

COMPONENT  DEVELOPMENT  1  cwwm 


COMPMSStOM  !Vt/C04M«UST0llSAURaiWf«*KH  *r*/Cr*tl 


TECHNOLOGY  VALIDATION  ATfCo/jrot*r«c 

AND  ASSESSMENT  "  *  * 


X - X 


Figure  8.  Technology  Flow  in  the  HPTET  Initiative 

appropriate  points  in  time,  the  best  applicable  technologies  are  integrated  in  the  design 
of  advanced  turbine  engine  components,  which  in  turn  are  integrated  into  advanced 
technology  demonstrator  engines.  These  demonstrators,  which  include  the  Advanced  Turbine 
Engine  Gas  Generators  (ATEGG),  Joint  Technology  Demonstrator  Engines  (JTDE),  and 
Expendable  Turbine  Engine  Concepts  (ETEC),  are  then  tested  under  realistic  operating 
conditions  to  verify  the  component  technologies  and  to  assess  the  interactions  of  these 
components  in  a  realistic  engine  environment.  The  close  integration  between  these  three 
levels  --  tech  base,  component  design,  and  engine  demonstration  —  requires  that  the 
engineers  at  each  level  remain  constantly  aware  of  the  relationship  of  their  activity  to 
the  whole.  The  result  of  doing  this  will  provide  a  much  more  rapid  transition  of 
technology  from  the  lab  to  the  field. 

THE  REVOLUTIONARY  NEW  TECHNOLOGIES 

To  the  engineer,  the  most  exciting  part  of  the  HPTET  initiative  is  the  pursuit  of 
new,  and  in  some  cases  radically  different,  technologies  for  use  in  future  turbine 
engines.  A  large  number  of  potentially  attractive  new  developments  are  emerging  in 
materials  and  aerothermodynamics,  which  in  turn  are  leading  to  innovative  new  structural 
concepts.  The  synergism  resulting  from  the  combinat  1  ons  of  these  developments,  and  a  new 
freedom  being  given  to  the  design  engineer  to  think  In  new  ways,  are  leading  to  the 
potential  for  a  major  increase  in  turbomachinery  capability.  A  number  of  these  emerging 
developments  will  be  highlighted  in  the  next  few  paragraphs. 

Advanced  Aerothermodynamics 

Advances  in  aerothermodynamic  design  capability  are  required,  not  only  to  maximize 
the  specific  thrust  of  future  engines,  but  also  to  reduce  weight  by  reducing  the  number 
of  rotating  stages  in  the  compressor  and  turbine,  making  the  combustor  and  exhaust  nozzle 
more  compact,  and  eliminating  the  afterburner  where  possible.  The  following  paragraphs 
describe  some  of  the  areas  needing  development  and  the  potential  payoffs  offered. 

o  3-D  Viscous  Aerothermodynamic  Models:  The  development  of  accurate  3-D 
computational  fluid  dynamic  (CFD)  codes  for  turbomachinery  has  led  to  a  surge  of 


1-5 


aerodynamic  design  advances  in  the  past  few  years. 
Figure  0  Ir>  a  photograph  of  an  advanced  low 
pressure  turbine  vane  designed  by  Pratt  A  Whitney 
using  a  3-D  code  and  tested  in  an  advanced 
demonstrator  engine.  Present  codes  are  for 
lnviscid  flows,  but  are  moving  toward  the 
incorporation  of  viscous  flow  modeling  eapabi?ity. 
Accurate  and  efficient  CFD  codes  are  needed  to 
enable  the  design  engineers  to  maximize  component 
efficiency  while  minimizing  weight  and  parts 
count . 

o  Advanced  Compact  Compression  Systems:  A 
major  advance  in  compression  system  areodynamic 
design  occurred  in  the  early  1970s  with  the 
development  of  high  through-flow  technology  by  Dr 
Arthur  Wennerstrom  of  AFWAL's  Aero  Propulsion 
Laboratory.  The  continuing  development  of  this 
technology,  combined  with  new  concepts  such  as 
swept  airfoils  and  the  use  of  advanced  CFD  tools, 
is  leading  to  very  compact  compression  systems 
which  produce  in  only  a  few  stages  the  same 
pressure  ratios  which  required  over  a  dozen  stages 
a  few  years  ago  —  and  without  any  efficiency 
degradation.  Figure  10  is  a  photograph  of  a 
swept-blade  compressor  stage  presently  undergoing 
evaluation  in  Dr  Wennerstrom’s  facility. 

Additional  development  is  required  to  make  these 
compressors  even  more  compact  and  lightweight. 
Other  compressor  concepts.  Including  centrifugal 
and  mixed-flow  compressors,  also  need  to  be 
further  developed  for  small  engine  applications. 

o  Near-Stoichiometric  Combustors:  To 
maximize  specific  core  power  (gas  generator 
exhaust  gas  power  per  unit  air  flow  rate),  and  to 
eliminate  the  need  for  afterburning  (reheat)  in 
some  applications,  the  combustor  exit  gases  need 
to  approach  stoichiometric  combustion  temperature. 
This  requires  that  nearly  all  of  the  air  entering 
the  combustor  be  used  in  combustion,  leaving  very 
little  for  liner  cooling  and  exit  temperature 
pattern  factor  (a  measure  of  combustor  exit 
emperature  uniformity)  tailoring.  In  addition, 
the  combustion  process  must  be  carefully  managed 
to  eliminate  fuel-rich  areas  which  could  produce 
visible  smoke  in  the  engine  exhaust.  The 
combustor  must  also  be  capable  of  stable  operation 
at  very  low  fuel-air  ratios  for  engine  idle  and 
deceleration.  Finally,  to  minimize  weight  the 
combustion  system  must  be  as  compact  as  possible. 
All  of  this  requires  considerable  advancement  in 
combustor  modeling  and  design,  and  may  involve 
innovative  concepts  such  as  staged  combustion  and 
variable  geometry. 


Figure  9.  3-D  Low  Pressure 

Turbine  Vane  Design 


Figure  10.  Advanced  Fan  Design 
with  Swept  Blades 


o  Aiiiiauced  Cooling  Techniques:  It  will  probably  not  be  possible  to  eliminate  all 
cooling  air  requirements  for  the  turbines  of  future  engines,  even  with  the  application  of 
very  high  temperature  non-metal  lie  composites,  such  as  carbon-carbon.  For  example,  the 
need  to  cope  with  stoichiometric  temperature  hot  streaks  from  the  combustor  will  require 
that  the  turbine  nozzle  vanes  be  cooled  as  efficiently  as  possible.  Present  materials 
and  cooling  techniques  would  require  excessive  cooling  air,  which  could  seriously  degrade 
performance  and  efficiency.  Improved  cooling  techniques  are  needed  for  both  non-metal  lie 
materials  and  for  advanced  metal  alloys. 


o  Short,  High  Pressure  Ratio,  Multi-Function  Exhaust  Nozzl  s :  As  the  engine 
specific  thrust  increases,  so  does  the  exhaust  nozzle  pressure  ratio.  This  is  true  for 
fighter  engines  and,  especially,  for  engines  for  high  Mach  number  applications.  As  a 
result,  the  nozzle  will  tend  to  become  larger  and  heavier.  Additionally,  future  exhaust 
nozzle  requirements  may  include  thrust  reversing,  and  pitch  and  yaw  thrust  vectoring. 

New  concepts  need  to  be  developed  for  exhaust  nozzle  aerodynamic  and  mechanical  design  to 
minimize  weight  and  size,  and  for  the  high  Mach  number  applications,  to  Integrate  the 
exhaust  nozzle  into  the  airframe  as  efficiently  as  possible. 


Advanced  Materials 

The  key  to  the  successful  achievement  of  the  HPTET  initiative  goal  of  doubling 
capability  is  the  development  and  application  of  new,  advanced  materials  not  previously 
available  for  use  in  turbine  engines.  Some  of  these  new  materials  are  listed  in  Table  I. 
They  range  from  very  high  temperature  composites  to  new  high  temperature  aluminum  alloys, 
and  also  include  non-structural  materials  such  as  lubricants.  Each  of  these  materials 
offers  the  possibility  of  a  major  improvement  in  a  number  of  critical  design  areas 
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throughout  the  engine,  such  as  use  temperature  or  specific  strength  (strength/density). 


TABLE  I.  HPTET  MATERIALS  REQUIREMENTS 


ENGINE 

COMPONENT 


COLD  SECTION 

(Fan/Compressor) 


STATE-OF-THE-ART 

MATERIALS 

Titanium  (to  80C°F) 
(il25°C) 

Nickel  (to  1200°F) 
(650°C) 


HPTET  MATERIALS 
REQUIREMENTS 

2-3X  Specific  Strength 
I200-l800°F 
650-  980°C 


CANDIDATE 

MATERIALS 

T1  Alumlnide  Compos. 
Ti  Composites 
Glass  Composites 
Hi-Temperature  A1 


HOT  SECTION  Nickel  (to  1900°F) 

(Combustor/Turbine  (1040°C) 

Augmentor/Nozzle)  Cobalt 


3-5X  Specific  Strength 
2700°F  with  Adv  Cooling 
lil80°C 

3000-4000°F  Uncooled 
1650-2200°C 


Ceramic/C-C  Composite 
Adv  Alumlnide  Compos. 
Refractory  Metals 


NON- STRUCTURAL 
( Bearings/Lubes ) 


350°F  Liquid  Lubes  up  to  1530°F 
175°C  815°C 
Metal  Bearings 


Solid  Lubes  to  1500°F 
Liquid  Lubes  to  800°F 
Ceramic  Bearings 


o  Carbon-Carbon  Composites:  Carbon-carbon  composites  are  some  of  the  highest 
payoff,  highest  risk  materials  presently  under  development.  Their  potential  for  very 
high  use  temperature  —  up  to  *JG00°F  (22G0°C)  --  and  high  specific  strength  make  them 
well  worth  pursuing.  Carbon-carbon  composites  have  been  available  for  a  number  of  years, 
and  are  presently  in  widespread  use  in  aircraft  brakes,  and  as  major  heat-shield 
components  in  the  Space  Transport  Systems  —  the  Space  Shuttles.  The  major  problem  which 
prevents  their  use  in  turbine  engines  at  present  is  the  difficulty  in  providing  oxidation 
protection  for  the  thousands  of  operational  hours  required  of  man-rated  engines. 

Progress  has  been  made  in  improving  oxidation  resistance  by  "inhibi ting"  the  carbon 
matrix  and  by  providing  improved  surface  protection.  Unfortunately,  most  of  these 
schemes  seriously  degrade  the  strength  of  the  composite,  rendering  it  less  attractive  for 
structural  uses.  Much  more  research  remains  to  be  done  to  provide  thinner,  more 
effective  coatings,  extending  possibly  to  the  protection  of  the  individual  fibers. 

Because  of  their  potential,  research  on  carbon-carbon  composites  is  undergoing  aggressive 
development  in  many  countries. 

o  Ceramic-Matrix  Composites  (CMC):  The  technology  of  high  temperature  ceramics  has 
advanced  considerably  in  the  past  decade.  Modern  ceramics  are  far  tougher  than  earlier 
ceramics,  and  much  less  prone  to  fracture  due  to  thermal  shock  or  mechanical  loads. 
However,  their  brittle  failure  mode  does  not  make  them  particularly  attractive  for  use  in 
man-rated  engines,  where  a  much  more  "graceful" 
failure  mode  is  desirable.  Properly  designed, 
ceramic-matrix  composites  have  the  high  specific 
strength  of  ceramic  fibers,  the  high  temperature 
capability  of  ceramics  and  a  more  graceful  failure 
characteristic.  Presently,  ceramic-matrix 
composites  are  limited  to  temperatures  less  than 
approximately  2500°F  (1400°C),  due  to  limitations 
of  the  available  fibers  and  matrix  materials. 

France  and  Japan  are  currently  leaders  in  CMC 
technology,  although  research  is  underway  in  many 
countries.  Figure  11  is  a  photograph  of  an 
experimental  CMC  turbine  for  a  small  missile 
engine.  It  was  produced  by  Societe  Europeenne  de 
Propulsion  (SEP)  of  France  and  is  presently 
undergoing  test  evaluation  in  the  United  States. 

Under  the  HPTET  initiative,  research  is  underway 
or  planned  to  identify  and  develop  new  ceramic 
matrix  and  fiber  systems  with  temperature 
capabilities  In  the  3000-H000oF  (1650-2200°C) 
range. 

o  Metal-Matrix  Composites  (MMC):  Metal-matrix  composites,  consisting  of  high 
strength  ceramic  fibers  Imbedded  in  a  high  specific  strength  tstal  matrix,  are  presently 
being  fabricated  into  engine  components  for  testing.  The  use  of  MMC  will  produce  major 
weight  reductions  in  both  static  and  rotating  engine  structures  because  of  their  high 
specific  strength  and  high  stiffness.  A  particularly  attractive  combination  for  the  near 
future  consists  of  silicon  carbide  fibers  in  a  titanium  alumlnide  matrix,  which  will 
provide  high  specific  strength  with  a  use  temperature  of  up  to  1800°F  (980°).  Work  is 
underway  on  this  and  other  MMC  systems  to  identify  compatible  component  materials  and  to 
develop  fabrication  techniques. 

o  High  Temperature  Alloys:  These  include  metal  alloys,  made  stronger,  lighter  and 
with  higher  temperature  capability.  Rapid  solidification-rate  powder  metallurgy  offers 
the  possibility  of  developing  new  alloy  combinations,  not  producible  normally,  tailored 
for  greatly  increased  strength,  toughness,  oxidation  resistance  and  temperature 
capability,  or  desired  combinations  of  these.  Research  is  planned  or  presently  underway 
to  provide  useful  900°F  (480°C)  aluminum,  1800<>F  (9S0<>C)  titanium  and  2700°F  (lk80°C) 


Figure  ll.  Small  Turbine  Rotor  of 

Ceramic-Matrix  Composite 
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columbium  (niobium)  alloys  by  the  late  1990s,  or  earlier.  If  successfully  developed,  the 
high  temperature  aluminum  alloy  may  displace  much  of  the  titanium  presently  used  in 
engines,  and  the  high  temperature  titanium  much  of  the  nickel  --  in  each  case  with  a 
significant  reduction  in  weight. 

o  Aluminides:  Intermetal  1 ic  compounds  containing  aluminum  show  great  promise  for 
increasing  oxidation  resistance  and  use  temperature  of  titanium  and  nickel.  Alpha2 
titanium  aluminide  (TioAl)  parts  are  presently  undergoing  evaluation  in  demonstrator 
engines  in  the  United  states,  and  gamma  titanium  aluminide  (TiAl)  parts  will  be  evaluated 
in  the  near  future.  TiAl  is  particularly  attractive,  not  only  because  of  its  lower 
density,  but  because  it  does  not  burn  —  a  problem  with  titanium  alloys  at  present. 
Unfortunately,  it  has  very  low  ductility  at  room  temperature  and  is  extremely  difficult 
to  fabricate.  New  techniques,  such  as  powder  metallurgy,  are  providing  considerable 
progress  toward  the  future  use  of  this  material,  which  could  replace  nickel  alloys 
throughout  much  of  the  engine  —  at  half  the  weight.  Further  in  the  future,  nickel 
aluminides  may  extend  the  use  temperature  of  nickel  to  near  2200°F  (1200°C).  However, 
much  work  remains  to  be  done  to  determine  alloy  constituents  and  processing  methods. 

o  Non-Structural  Materials:  Non-structura 1  materials  include  bearings  and 
lubricants.  At  present,  turbine  engine  lubricants  are  generally  limited  to  about  350°F 
(175°C).  This  low  use  temperature  often  requires  air-oil  or  fuel -oil  heat  exchangers  in 
current  engines.  At  high  Mach  numbers,  where  the  inlet  air  temperature  may  be  beyond 
800°F  (425°C)  and  the  fuel  is  in  demand  as  a  heat  sink  for  airframe,  cockpit  and 
electronics,  very  high  temperature  lubricants  and  bearings  are  a  requirement.  Work  is 
presently  being  undertaken  to  develop  liquid  lubricants  usable  to  600° F  (315°C),  and 
solid  lubricants  usable  to  1500°P  (8l5°C).  Current  turbine  engine  bearings  are  of  steel 
alloys,  but  these  are  not  suitable  for  the  high  temperatures  contemplated  in  future 
engines.  Ceramic  bearings  are  under  development  for  high  temperature  use  —  a  ceramic 
bearing  has  been  operated  for  nearly  100  hours  at  1200  °F  (650°C)  with  a  solid  lubricant. 
This  technology  is  being  pursued,  not  only  for  limited-life  engines,  but  for  long-life 
man-rated  engines  of  the  future. 

Structural  Innovation 


The  new  materials  discussed  above  must  be  applied  intelligently  to  engine  structures 
to  realize  their  full  potential.  In  many  cases,  particularly  for  the  composite 
materials,  simple  materials  substitution  into  existing  structural  designs  or  concepts  is 
ineffective.  It  is  necessary  to  rethink  the  way  engines  are  designed  —  to  invent  new 
innovative  structural  concepts  that  take  advantage  or  the  strengths  of  the  new  materials 
while  avoiding  their  weaknesses.  For  example,  fiber-reinforced  composite  materials 
generally  have  great  strength  in  tension  along  the  fibers,  but  much  less  strength  in 
compression  and  in  shear  across  the  fibers.  Some  of  the  structural  concepts  being 
considered  are  discussed  below. 

o  Hollow  Fan  and  Compressor  Blades:  Substantial  weight  savings  can  be  realized  by 
using  hollow  blade  designs  in  the  fan  and  the  first  stages  of  the  compressor.  The  large, 
low  aspect  ratio  blades  resulting  from  high  through-flow  aerodynamics,  the  development  of 
high  specific  strength  metal-matrix  composite  materials,  and  the  development  of  new 
manufacturing  methods  such  as  super  plastic  forming/diffusion  bonding  (SPF/DB)  are  making 
possible  the  development  of  lightweight,  hollow  blades  without  sacrificing  necessary 
ruggedness  or  aeroelastic  rigidity. 

o  Integrally  Bladed  Rotors:  A  significant  part  of  the  weight  of  a  rotor  with 
inserted  blades  is  in  the  material  used  for  the  blade  attachment  region  and  the 
additional  disk  material  required  to  withstand  the  centrifugal  pull  of  the  attachment. 
Integrally  bladed  rotors  (IBRs  or  "blisks")  offer  a  substantial  rotor  weight  saving  by 
eliminating  the  additional  material  required  in  the  blade,  rim  and  disk  to  handle  the 
attachment  loads.  Figure  12  shows  the  potential  for  weight  saving  by  using  blisk 
technology  in  an  advanced 
compressor  rotor  design.  Bllsks 
have  not  been  attractive  in  the 
past  because  of  the  lack  of  repair 
techniques  for  damaged  blades. 

However,  the  recent  development  of 
such  repair  techniques,  and  the 
weight  reduction  potential  of 
bllsks  are  making  them  Increasingly 
attractive  for  use  in  large 
engines.  Blisk  compressors  for 
large  engines  have  been  tested  in 
the  Air  Foroe*s  Advanced  Turbine 
Gas  Generator  (ATEGG)  and  the  Air 
Force/Navy  Joint  Technology 
Demonstrator  Engine  (JTDE) 
programs . 

o  Diskless  Rotors:  The  very 
high  specific  strengths  in  tension 
of  the  new  composite  materials  make 
it  possible  to  replace  the  disks  in 
conventional  rotor  designs  with 
fiber-reinforced  rings.  This  leads 


Figure  12.  Effect  of  Structural  Innovation 
on  Compressor  Rotor  Weight 
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to  substantial  weight  reductions,  particularly  for  high  through-flow  systems  which 
require  high  rotor  rim  speed.  Returning  to  Figure  12,  the  payoff  from  the  use  of  metal - 
matrix  composite  ring  structures  in  an  advanced  compressor  rotor,  when  coupled  with 
integral  blading,  is  a  weight  reduction  of  as  much  as  75$.  Similarly,  new  turbine 
structural  designs  now  being  studied  offer  weight  savings  of  over  50$  in  the  turbine 
rotor. 


o  Rotor  Support  Structures:  The  very  high  structural  stiffness  attainable  through 
the  use  of  fiber-reinforced  composite  materials  offers  the  possibility  of  lighter  and 
simpler  rotor  support  structures.  One  of  the  more  interesting  possibilities  presently 
under  investigation  is  the  "pedestal"  support.  In  this  concept,  the  rotor  is  overhung  on 
a  single  support  structure  which  is  integral  with  the  engine  case.  Other  equally 
Innovative  concepts  are  under  study.  The  potential  weight  savings  and  simplification  of 
the  engine  structure  should  be  considerable. 

o  Static  Structures:  Again,  the  very  high  strength  and  potential  structural 
stiffness  of  advanced  composite  materials  offers  possibilities  for  the  simplification  of 
the  engine  static  structural  design.  Contemporary  U.S.  turbofan  engine  designs  typically 
have  three  main  frames  and  five  bearing  compartments.  Advanced  structural  design 
approaches  will  attempt  to  eliminate  at  least  one  main  frame  and  one  bearing  compartment. 
In  addition,  current  U.S.  design  practice  is  generally  to  use  different  components  for 
managing  aerodynamic  and  mechanical  loads,  and  to  use  redundant  load  paths  for 
reliability  and  safety.  In  the  future,  aerodynamic  structures  will  also  carry  mechanical 
loads;  for  example,  the  compressor  exit  guide  vanes  in  the  combustor  diffuser  may  carry 
the  rotor  loads  from  a  pedestal  support.  In  addition,  the  level  of  load  path  redundancy 
must  to  be  reduced  as  much  as  is  practical.  Ideally  to  the  point  at  which  the  cost  in 
additional  weight  is  negligible. 

o  Control s/Accessories:  The  engine  controls  and  accessories,  including  the  engine 
gearbox  and  power  take-off,  account  for  approximately  20$  of  the  weight  of  the  F100 
fighter  engine.  As  the  weight  of  the  rest  of  the  engine  is  reduced  using  the  ? nnovations 
described  above,  the  controls  and  accessories  weight  will  become  more  important  unless 
similar  innovative  measures  are  taken  for  them.  Some  of  the  possibilities  under 
investigation  include:  High  temperature  electronic  engine  controls  with  reduced  cooling 
requirements;  Cases,  actuators  and  pumps  of  composite  materials;  Electric  actuation,  and; 
Elimination  of  the  power  take-off  shaft  and  gearbox  through  the  use  of  buried 
accessories. 

Lastly,  some  rather  unique  concepts  are  being  studied  for  specialized  engine 
applications.  One  of  these  is  the  use  of  endothermic  fuels  for  high  Mach  weapon  sy3tem 
applications.  An  endothermic  fuel  Is  one  which  can  be  dissociated,  or  "cracked",  in  the 
presence  of  heat  and  a  catalyst  into  higher  energy  components,  such  as  hydrogen  and 
toluene,  absorbing  considerable  energy  in  the  process.  Such  fuels  lie  midway  between 
conventional  hydrocarbon  fuels  and  cryogenic  fuels,  such  as  liquid  hydrogen  or  methane. 
Endothermic  fuels  possess  densities  comparable  to  conventional  fuels,  but  offer 
substantially  higher  heat  capacity  and  energy  density,  making  them  particularly  suitable 
for  regenerati vely  cooling  engine  and  airframe  structures. 

In  addition  to  the  developments  in  aerothermodynamics,  materials  and  structures,  the 
overall  engine  design  and  its  thermodynamic  cycle  also  need  to  be  viewed  in  an  innovative 
manner.  For  example,  by  placing  the  last  stage  of  the  fan  on  the  high  pressure 
compressor  rotor  ("core-driven  fan  stage")  to  reduce  the  low  pressure  turbine  work 
required.  It  may  be  possible  to  eliminate  the  vanes  between  the  high  and  low  pressure 
turbine  stages,  with  an  attendant  saving  in  weight  and  complexity. 

DURABILITY /REPAIRABILITY /MAINTAINABILITY 


Although  the  goal  of  the  HPTET  initiative  Is  to  double  propulsion  capability,  the 
lessons  of  the  past  must  not  be  forgotten  —  high  performance  cannot  be  secured  at  the 
expense  of  the  "ilitles";  durability,  repairabi lity ,  maintainability,  etc.  The  desire 
for  higher  performance  and  lower  engine  weight  will  result  in  simpler  engines,  in  many 
cases,  with  fewer  parts.  Some  preliminary  design  studies  indicate  that  it  should  be 
possible  to  make  these  future  engines  very  easy  to  disassemble  for  maintenance.  However, 
many  of  the  engine  components  will  be  made  of  the  new  materials  described  above, 
especially  the  composites,  with  which  there  is  little  or  no  inspection  or  repair 
experience.  As  a  result,  it  will  be  necessary  to  develop  non-destructive  Inspection  and 
repair  techniques  for  these  materials  before  they  can  be  used  effectively  In  operational 
engine  applications.  The  present  Air  Force  Engine  Structural  Integrity  Program  (ENSIP) 
was  developed  for  engines  with  critical  components  made  of  monolithic  metals.  The 
extension  of  ENSIP  principles  to  include  brittle  and  composite  materials  remains  to  be 
done. 

THE  COST 

As  one  might  expect,  the  total  cost  of  accomplishing  the  goal  of  doubling 
turbopropul slon  capability  will  be  high.  A  combined  Government/industry  estimate  for  a 
full  technology-limited  program  places  the  cost  at  approximately  $5000  million  over  the 
next  1*1  years.  Although  seemingly  high.  It  represents  only  a  modest  increase 
(approximately  20$)  to  the  cost  of  a  more  evolutionary  technology  development  process 
which  would  result  In  far  less  capability  advancement  by  the  turn-of-the-century. 
Regardless  of  resource  availability,  however,  the  HPTET  initiative  has  led  to  a  new 
research  and  development  approach.  Should  the  additional  research  funding  not  be 


forthcoming,  either  the  broad  scope  of  effort  would  be  reduced  or  some  relaxation  of  the 
HPTET  goal  relative  to  its  demonstration  by  the  year  2000  would  be  necessary. 

THE  PAYOFF 


The  potential  payoffs  of  the  HPTET  initiative  in  terms  of  increased  weapons  systems 
capability  are  substantial.  Figure  13  is  an  example  of  the  potential  payoff  for  an 
advanced  engine  technology  applied  to  a  future  tactical  fighter  with  supersonic  cruise 
capability.  With  an  aggressive 
evolutionary  engine  technology 
development  approach,  this 
fighter  will  be  45$  lower  in 
take-off  gruss  weight  than 
permitted  by  current  technology. 

With  the  revolutionary  HPTET 
approach,  this  fighter  can  also 
be  given  Y/STOL  (vertical/  short 
take-off  and  landing)  capability 
with  no  mission  penalty.  Other 
examples  of  potential  payoff 
include:  An  F-15  size 
interceptor  aircraft  capable  of 
cruising  beyond  Mach  3  for  a 
radius  of  over  1000  mi  1  es;  A 
new  high  Mach  propulsion  system 
capable  of  operating  beyond  Mach 
4,  but  slso  possessing  a 
subsonic  specific  fuel 
consumption  lower  than  today’s 
fighter  engines;  Expendable 
engines  providing  twice  the 
range  of  contemporary  systems 
for  a  variety  of  strategic  and 
tactical  missiles. 


ENGWK  THftlOT  /WEIGHT 

Figure  13.  HPTET  Payoff  for  a  Future  Tactical 
Fighter  Design 


There  are,  of  course,  also  substantial  payoffs  for  the  commercial  side  of  the 
turbine  engine  business:  High  bypass  turbofan  and  propfan  engines  with  very  high  overall 
pressure  ratios  will  be  able  to  operate  at  very  high  turbine  inlet  temperatures  with 
little  or  no  cooling  air  required  for  the  engine  hot  section.  This  could  subtantially 
reduce  specific  fuel  consumption  and,  hence,  operating  costs.  In  addition,  engine  parts 
count  will  be  reduced,  and  many  of  the  remaining  parts  will  be  simplified,  reducing  both 
cost  and  weight. 


These  are  just  a  few  examples  of  the  potential  payoff  of  the  HPTET  initiative.  In 
fact,  there  will  probably  be  no  part  of  the  U.S.  turbopropulsion  community  which  will  not 
feel  the  impact  and  benefits.  Almost  all  types  of  systems  presently  using  turbomachinery 
will  be  affected,  and  many  systems  not  presently  using  turbomachinery  will  find  it  to  be 
an  attractive  propulsion  system  alternative. 

CONCLUSIONS 


The  HPTET  Initiative  is  an  appropriate  undertaking  to  begin  at  this  time  because  of 
the  promise  offered  by  a  number  of  new  and  emerging  technologies,  and  the  attendant 
potential  payoff  to  future  Air  Force  systems. 

Planning  for  this  initiative  began  in  1982,  and  today  over  $40  million  in 
exploratory  development  contracts  are  underway.  The  AFWAL  Aero  Propulsion  and  Materials 
Laboratories  have  committed  their  resources  to  HPTET,  and  they  have  been  Joined  in  this 
commitment  by  the  U.S.  turbine  engine  industry. 

Recently,  at  the  urging  of  the  Deputy  Undersecretary  of  Defense  for  Research  and 
Advanced  Technology  (DUSDRE/R&AT),  the  other  Services  (Army  and  Navy),  Defense  Advanced 
Research  Projects  Agency  (DARPA),  and  NASA  have  joined  with  the  Air  Force  in  developing  a 
coordinated  long  range  plan  embracing  the  goal  of  the  HPTET  Initiative.  The  resulting 
Integrated  HPTET  (IHPTET)  plan  will  be  a  joint  DoD/NASA  Initiative  involving  the 
principal  US  Government  organizations  and  industry  involved  in  aircraft  and  missile 
turbine  engine  development.  It  will  guide  nearly  all  U.  S.  military  turbine  engine 
exploratory  and  advanced  technology  development  through  the  next  decade. 
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DISCUSSION 


HJ.Lkbtfuss,  Ge 

You  have  mentioned  a  SFC  reduction  of  30%  to  40%  for  the  HPTET  engine.  This  is  more  than  for  the  Prop  Fan 
engines.  Can  you  please  explain  how  you  will  get  this?  Or  is  it  mainly  the  result  of  non  using  the  afterburner  at 
supersonic  speeds? 

Author’s  Reply 

The  goal  of  30—50%  reduction  in  SFC  under  the  HPTET  initiative  relates  principally  to  supersonic,  air  superiority 
propulsion  systems,  currently  equipped  with  reheat  systems.  To  achieve  this  SFC  improvement,  dry  engine  specific 
thrust  will  be  improved  to  the  point  where  the  system  may  be  eliminated.  This  alone  should  provide  30 — 40% 
improvement  in  SFC;  the  balance  would  be  achieved  through  component  performance  improvements. 


A.Habnutl,  Fr 

What  overall  pressure  ratio(s)  do  you  expect  allowed  by  new  materials? 

Author’s  Reply 

A  number  of  emerging  new  materials  will  permit  future  compressors  to  operate  at  higher  temperature;  however,  the 
HPTET  program  is  not  focused  on  any  specific  engine  cycle  requiring  certain  overall  pressure  ratios.  For  example, 
emerging  nickel  and  titanium  aluminide  materials  offer  the  potential  for  higher  operating  pressures  and  temperatures  in 
the  compression  system.  Hence,  these  materials  could  be  applicable  to  the  needs  of  high  pressure  ratio,  high  bypass 
subsonic  systems  as  well  as  some  low  pressure  ratio  (but  high  temperature)  high  Mach  turbojet  compression  systems. 


R.  Fletcher,  UK 

In  your  paper,  you  identify  main  activities,  by  which  you  will  achieve  very  significant  improvements  in  engine 
performance,  namely  improved  aerodynamics,  the  use  of  new  materials  and  innovative  design.  Is  it  possible  for  you  to 
quantify  the  relative  importance  of  each  in  achieving  your  objectives? 

Author’s  Reply 

There  is  no  doubt  that  materials  coupled  with  structural  design  innovation  are  prime  drivers  in  the  HPT  technology 
development  initiative.  However,  this  is  not  to  the  exclusion  of  advanced  aerodynamics.  The  key  to  successfully 
achieving  the  goals  of  HPTET  rests  in  the  component  designer's  ability  to  effectively  marry  3D  aerodynamics  with  the 
new  emerging  high  strength-to-weight  materials.  For  example,  .ve  must  be  able  to  accommodate  the  advancements  in 
3D,  swept  leading  edge,  long-chord  airfoil  shapes  and  the  new  integral  blade-and-ring  structural  design  approach  using 
fibre-reinforced  metal-matrix  composite  materials. 


OPTIMISATION  OF  MILITARY  COMPRESSORS  FOR 
WEIGHT  AND  VOLUME 
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SUMMARY 


The  high  pressure  compression  system  for  future  fighter  engines  has  been  projected  at  two 
different  proven  technology  standards.  For  a  given  cycle  of  approximately  175  lbs  and  25  1  overall 
pressure  ratio,  three  compressors  have  been  evaluated,  ranging  from  a  seven  stage  unit  with  medium 
loading,  to  a  five  a..d  a  four  stage  unit  with  high  loading.  Test  data  of  the  original  research 
parent  compressors  and  two  project  specific  units  was  commonised  to  the  engine  size  and  conditions 
It  is  shown  that  apparent  benefits  between  machines  are  negated  and  no  significant  advantage  for 
lower  work  per  stage  could  be  identified  at  a  given  blading  technology  standard.  Relative  to  the 
seven  stage  unit  a  weight  advantage  of  20%  is  gained  by  the  adoption  o*  z  four  stage  unit,  and  is 
associated  with  an  aerofoil  count  reduction  of  15% 

Introduction  of  higher  specific  strength  metals  already  under  development  will  enable  a  8%  weight 
reduction  to  the  five  stage  compressor  Application  of  these  advanced  metals  to  a  three  stage 
compressor  of  higher  loading  has  the  potential  of  a  unit  weight  reduction  of  35 %  relative  to  the 
five  stage  machine. 


BASIC  ENGINE  REQUIREMENTS 

it  is  important  to  datum  the  physical  size  of  the  engines  under  discussion,  since  both  aerodynamics 
and  manufacturing  processes  favour  large  machines.  Internal  studies  have  indicated  that  an  engine 
of  about  20,000  ib  thrust  reheated  is  just  over  optimum  size  for  maximum  thrust. weight  ratios. 
Significantly  smaller  engines  are  hampered  by  machining  limitations,  whereas  the  larger  machines  are 
starting  to  be  affected  by  the  'square  cube'  law  This  paper  will  concentrate  on  an  engine  cycle  of 
approximately  175  lbs  fan  mass  flow,  and  an  engine  inlet  diameter  of  29  inches  Typical  overall 
compression  ratios  are  25-28:1  with  fan  pressure  ratios  ranging  from  3.5:1  to  4  5:1.  This  mix  of 
compression  system,  and  the  elevated  combustion  outlet  temperatures  compared  to  today's  in-service 
engines,  offers  cycles  capable  of  compromising  for  the  conflicting  demands  of  the  'Multiple 
Mission',  requirements  of  high  dry  thrust,  and  yet  excellent  loiter  fuel  burn,  high  mach  number  at 

low  levels  and  yet  agile  and  surge  free  at  high  attitude  and  low  mach  numbers 

It  Is  taken  as  accepted  that  the  future  fighter  aircraft  will  be  inherently  unstable  by  design 
This,  in  conjunction  with  'fly  by  wire'  systems,  places  an  onerous  burden  on  the  engine  designer, 
and  the  airframe  designer  The  airframe  designer  has  to  strive  to  suppress  intake  lip  vortices, 

wall  separations,  and  any  other  unsteady  flow  generators  within  the  intake,  under  the  adverse  flight 
conditions  that  are  encountered.  The  stability  margin  of  the  engine  is  lowest  at  the  high  altitude, 
low  flight  mach  number  region  of  the  flight  envelope,  which  is  also  coincident  with  the  anticipated 
worst  intake  conditions.  In  order  to  assess  the  high  pressure  ratio  compressor  requirements  it  is 

first  necessary  to  establish  the  inlet  distortion  characteristics.  Fortunately,  design  style  of 
wide  chord,  unsnubbered  rotors  leads  to  a  more  favourable  inherent  distortion  attenuation  in  the 
fen.  Similarly,  current  blading  techniques  tend  to  give  favourable  pressure  gradients  through  the 
fan,  leading  to  improved  fan  inner  work  potential.  This  has  tended  to  suppress  the  degree  of 
unsteady  flow  generated  at  exit  to  the  fan  that  can  exist  even  with  steady  inlet  flow  (Reference 

1) 


The  HP  compressor  is  therefore,  subjected  to  the 
attenuated  pressure  distortions  of  the  fan,  and 
the  implicit  temperature  distortion  resulting  from 
the  pressure  attenuation.  Indicative  stability 
margin  assessment  for  the  HP  compressor  is  given 
on  Figure  1.  The  compressors  discussed  in  this 
paper  assume  e  given  fen  technology  and  require 
the  same  surge  margins. 


FIQ  1 

TYPICAL  CORE  STABILITY  REQUIREMENTS 


2-2 


COMPRESSOR  DESIGN  OPTIONS 

Having  now  set  the  cycle,  and  the  parameters  for  designing  particular  blading,  it  is  necessary  to 
consider  the  stressing  requirements  of  the  HP  turbine.  From  the  cycle  peak  temperatures.  and 
estimates  of  efficiency  potential,  required  turbine  lifes.  the  turbine  blade  stress  level,  chord, 
and  hubtip  ratio  were  determined.  Hence  the  HP  shaft  speed  is  fixed  and  the  actual  process  of 
selecting  a  suitable  compressor  can  now  commence. 

For  projecting.  compressor  aerodynamic  loading  can  most  easily  be  expressed  by  the  term 

Ah  i 

U7  N 


Where  AH  -  Enthalpy  rise  across  the  HPC 
U  3  last  rotor  hub  blade  speed 
N  -  Number  of  compressor  stages 


Whilst  this  is  strictly  only  correct  for  a  compressor  of  similar  radius  ratios  and  similar  through 
flow  mach  numbers,  it  is  applied  for  indicative  variations  ignoring  these  limitations.  Refinements 
to  include  these  effects  are  normally  made  during  the  detailed  design  stage 


FIG  2  FIG  3 

MEDIUM  LOADED  COMPRESSOR  HISTORY  HIGH  LOADED  COMPRESSOR  HISTORY 


Of  the  compressors  available  within  Rolls-Royce,  two  units.  with  different  loading  values.  were 
suitable  for  consideration.  Both  units  had  their  origins  in  the  mid  to  late  nineteen  sixties  and 
their  family  pedigree  is  shown  in  Figures  2  and  3.  The  degree  of  scaling  and  cropping  to  achieve 
the  given  shaft  speed  at  the  cycle  flow  is  given  in  Figures  4  and  5  for  each  compressor  At  this 
stage,  recorded  test  data  were  corrected  for  changes  in  exit  hubtip  ratio,  and  the  actual  tip 
clearances  and  mechanical  standards.  This  reduced  the  differences  in  the  measured  performance  of 
the  two  units  to  similar  levels  of  surge  margin  and  efficiency 


FIG  4  FIG  6 

MEDIUM  LOADED  COMPRE88OR  DERIVATION  HIGH  LOADED  COMPRE880R  DERIVATION 


Since  there  was  no  identified  performance  deficit  for  the  higher  loading,  a  further  study.  using 
these  loadings  was  undertaken.  Simply,  the  exit  flow  function  (W/T/P)  from  the  compressor  being 

fixed  by  cycle  considerations,  the  question  of  exit  mach  number  and  exit  hub:tip  ratio  could  now  be 

addressed 

Given:  W/T/P 

Then:  Selecting  exit  mach  number  fixes  exit  area 

And:  Selecting  exit  hub:tip  at  given  mach  numbers  fixes  available  blade  speed  (RPM  fixed  by 

Turbine) 
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and  hence,  for  a  given  compressor  loading,  the  number  of  stages  to  achieve  the  required  pressure 
ratio  is  fixed  solely  by  the  choice  of  exit  hub.tip  ratio.  'Figure  6). 


NUMBER  OF 

>  3  -|  STAGES 

1  HIGH  ME  0 


FIG  6 

C0MPRE830R  EXIT  CONFIGURATIONS 


In  view  of  the  fact  that  fighter  engines  continue  to  utilise  passive  clearance  controls  on  the  HP 

compressor,  there  is  a  tendency  towards  the  lower  exit  hub.tip  ratio,  and  hence  minimising  the 

potential  performance  degradations  associated  with  high  hub  tip  ratio  blading  with  proportionately 
larger  tip  clearances 

Considering  the  two  levels  of  compressor  loading.  these  particular  compressors  were  further 

projected  at  constant  exit  mach  number. 

A  -  4  stage,  high  loading.  0  92  exit  hub  tip 
B  -  5  stage,  high  loading,  0  9  exit  hubtip 
C  -  7  stage,  medium  loading.  0.9  exit  hub  tip 


These  three  units  are  driven  by  the  same  turbine,  at  the  same  shaft  speed,  and  each  fulfil  the 
cycle  requirements  The  requirements  of  aspect  ratio  and  Reynolds  number  are  incorporated  in  the 
projecting  and  the  resulting  annulii  are  compared  in  Figure  7  In  all  cases,  only  a  variable  inlet 
guide  vane  would  be  necessary  for  part  speed  operation,  although  advantages  during  light  up  and  low 
speeds  might  be  derived  from  the  use  of  variable  first  stage  vanes 

Performance  predictions  of  the  three  units  indicated  similar  efficiencies  for  all  three  Although 

the  potential  efficiency  of  the  seven  stage  unit  was  marginally  higher.  this  was  negated  by  the 
necessity  of  meeting  minimum  chord/Reynolds  requirements,  resulting  in  significantly  lower  than 

optimum  aspect  ratios  for  the  work  input  per  stage  As  a  result  of  these  low  aspect  ratios  the 

surge  margin  indicated  for  the  seven  stage  machine  was  calculated  to  be  some  3%  greater  than  the 

five  and  four  stage  compressors  Adoption  of  the  lower  chords  would  have  implied  thicker  than 
optimum  leading  and  trailing  edges  An  advance  in  blade  profile  design  was  assumed  to  allow  this 
effect  to  be  accommodated.  If  the  lower  chords  were  adopted  to  capitalise  on  the  apparent 
efficiency  potential,  then  the  computed  surge  margin  would  be  the  same  at  high  Reynolds  numbers,  but 
would  be  significantly  less,  and  unacceptable  at  the  critical  high  attitude  low  mach  number 
conditions. 


T  ST*** 

1 - 
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FIG  7 

ANNULU8  GEOMETRIE8 

These  compressor  performance  assessments  were  achieved  by  blade  row  stacking  of  initial  designs 
The  methods  used  were  developments  of  a  recent  RAF  Pyestock  model  (Reference  2  and  3)  As  with  all 
these  methods,  despite  their  accounting  systems  for  loss,  mach  number,  aspect  ratio,  hub.tip  ratio 
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and  clearances,  they  are  by  nature  historical  th8  degree  of  empiricism  based  on  well  developed, 
medium  loaded  compressor  designs  has  to  be  extended  to  outside  the  normal  applicability  in  order  to 
estimate  the  characteristics  of  any  new,  more  highly  loaded  machine  As  such.  much  of  the 
adaptation  of  the  RA£  Pyestock  method  was  to  incorporate  observed  phenomena  from  the  limited  high 
loading  results  that  had  become  available  Modelling  of  the  parent  compressors  utilising  the  new 
amendments,  gave  very  encouraging  results  for  both  the  medium  and  high  loaded  compressors 

The  following  table  gives  the  leading  parameters  of  three  compressor?  studied  at  the  common  exist 
mach  number  and  flow  function 


■ - 

COMPRESSOR 

* 

c 

No  STAGES 

4 

5 

7 

INLET  HU8/TIP  RATIO 

.73 

.70 

.88 

EXIT  HUB/TIP  RATIO 

.62 

.0 

.0 

RELATIVE  EXIT  HU6  RADIUS 

112 

too 

too 

RELATIVE  LENGTH  RATIO 

80 

too 

129 

RELATIVE  No  AEROFOILS 

86 

100 

108 

RELATIVE  COMPRESSION  VOLUME 

78 

100 

128 

RELATIVE  COMPRESSOR  VOLUME 

102 

100 

110 

RELATIVE  WEIGHT  (VIQV  ONLY) 

03 

_ 

100 

118 

INITIAL  PI  TCHING 

During  the  projecting  phases  of  an  engine  it  is  not  necessary  to  finess  the  pitching  of  the  HP 
compressor  Although  in  essence  the  axtai  gaps  within  the  machine  are  dependant  on  absolute  chord, 
an  analysis  of  engine  proven  compressors  of  similar  exit  How  function  indicates  that  an  allowance 
of  6  to  7  mm  air  gap  axially  between  blade  rows  should  be  taken  as  the  mean  during  the  proiecting 
phase  Any  bleed  porting  from  the  casing  would  need  particular  evaluation  and  could  well  extend 
this  air  gap.  and  would  preferably  be  taken  at  the  exit  of  the  stator 

The  physical  chord  of  the  blades  can  be  selected  from  any  of  the  following 


•  Basic  Interference  Diagram  (Resonance  Avoidance) 

•  Required  Aspect  Ratio 

•  Critical  Reynolds  Number 

•  Leading  or  trailing  edge  thickness  maximum  thickness 

•  Circumferential  Pitching 

Of  the  above.  normally  the  aspect  raiio  and  critical  Reynolds  number  dominate  during  the 

projecting  phase,  with  the  others  being  refinements  as  a  particular  design  is  progressed  to 

maturity. 

Blade  aspect  ratios  are  primarily  chosen  from  consideration  of  stage  temperature  rise  and  reaction 
and  the  required  flow  range  which  is  a  function  of  the  amount  of  variable  geometry  to  be  adopted 

and  the  position  of  the  stage  in  the  compressor  Typically,  rear  stages  demand  lower  aspect  ratios, 

althougo  caution  must  be  exercised  regarding  the  first  stage  of  fixed  geometry  It  has  been  the 

general  experience  that  residual  pressure  ratios  down  stream  of  variable  geometry  to  the  order  of 

4:1  are  acceptable  for  ease  of  starting  and  quiescent  blades  More  recent  testing  of  relatively 
high  pressure  ratio  per  stage,  and  high  work  coefficient  compressors  has  indicated  that  4  1  may  be 
optimistic,  and  hence  additional  variable  geometry  could  be  necessary. 

Performance  of  the  compressor  at  altitude  would  traditionally  have  been  assessed  using  "Wasseir 
Reynolds  corrections  to  flow,  efficiency  and  compression  ratio  Whilst  the  “Wasseir'  method  of 

performance  correction  is  blade  chord  dependant,  more  recent  controlled  testing  (Reference  4)  has 
revealed  that  at  low  Reynolds  numbers  'Wasseir  can  be  optimistic  Subsequently,  this  has  been 
found  to  be  particularly  true  of  blades  with  any  form  of  leading  edge  imperfection,  such  as  would 
represent  typical  long  service/hostile  environment  blades  Consequently,  since  this  degradation  in 
performance  would  build  in  an  additional  unnecessary  surge  margin  burden,  all  compressors  are  steed 
on  individual  blade  row  chord  for  jheir  critical  Reynolds  number  at  the  worst  flight  condition 
Typically,  a  chordal  Reynolds  number  of  1.5  x  10®  is  selected  at  this  worst  case 


EXPERIMENTAL  DATA 


The  two  parent  compressors,  of  two  levels  of  work  were  both  sponsored  bv  RAE  Pyestock  though  the 

1970‘s  within  a  normal  general  research  contract  Both  of  the  units  were  designed  and  tested  at 

Rolls-Royce  Under  a  different  contract  between  MoD  (PE)  and  Rolls-Royce,  using  |omt  funding,  both 

a  four  and  five  stage  machine  were  designed  and  tested  They  represent  the  machines  A  ar.d  B  from 

the  previous  tab's 

Machine  A.  the  four  stage  unit  was  designed  at  a  large  physical  size  of  approximately  24"  exit 

diameter  Typical  rig  design  of  bolted  discs  and  heavy  casing  were  utilised  for  speed  and  cost  A 
strutted  intake,  equivalent  to  an  engine  standard,  and  a  diffuser  with  simulated  combustor  head 
formed  the  inlet  and  exit  to  the  machine  In  all  other  respects,  such  as  blade  leading  edge 

thickness,  bleed  ports,  tip  clearances,  axial  pitching,  surface  roughness  and  root  sealing  he 

compressor  was  to  engine  standards  Machine  B.  the  five  stage  unit  was  designed  for  use  as  an 

engine  compressor  Again,  testing  was  accomplished  using  an  engine  equivalent  struted  intake.  with 
a  diffuser  and  simulated  combustor  head  at  exit  Between  the  two  units  a  commonality  of 
instrumentation  standard  was  maintained 

The  blading  standard  of  the  two  units  was  purposely  held  to  a  common  philosophy  Pitch  chord  ratio 
selection  was  based  on  diffusion  loading  and  mach  number  Deviation  rules,  profile  types  and 

incidences  were  consistent  between  the  two  units,  as  was  the  design  pressure  ratio  and  exit  mach 
number  In  order  to  compare  the  performance  of  these  two  physically  difleren;  size  machines,  the 
data  sets  have  been  reduced  to  the  conditions  that  would  appertain  at  a  common  flow  installed  behind 
a  4  1  compression  ratio  fan.  at  sea  level  static  conditions.  Figure  8  shows  the  performance 
differences  that  exist  between  the  two  units  when  the  data  is  reduced  in  the  way  described  it 
should  be  noted  that  these  comparisons  are  made  for  the  first  build  of  each  unit,  and  no  stage 
matching  or  normal  compressor  developments  are  incorporated  in  the  results  They  consequently 
represent  the  closest  comparison  known  to  the  author  of  a  constant  technology  applied  between 
different  stage  numbers  for  the  same  overall  duty 

The  peak  efficiency  .  flow  relationship  >s 
essentially  identical  between  the  two  machines, 
although  the  mass  flow  speed  relationship  is 
margmaily  different  Likewise,  at  all  speeds 
above  approximately  80%  NH//^  the  surge 
boundary  is  sensibly  the  same  Below  75% 

NhVt?  the  surge  boundary  was  net 

established  for  the  four  stage  machine  due  to 
blading  excitation  Subsequent  analysis  has 
indicated  that  a  non-optimum  variable  vane 
schedule  was  utilised  for  th's  test  However,  the 
indications  are  that  the  four  stage  unit  would  be 
more  difficult  to  handle  through  the  low  speed 
region  compared  to  the  five  stage  unit  Engine 
testing  of  the  five  stage  unit  has  proven  that 
this  unit  has  more  than  adequate  capabilities  in 
the  start  up/low  idle  region  Although  the  four 
stage  unit  is  worse,  it  is  still  expected  to  be 
COMPARISON  OF  4  &  6  STAGE  COMPRESSORS  acceptable 


FUTURE  TRENDS 

Changing  to  the  four  stage  unit  from  the  five  results  in  a  saving  of  7%  of  module  weight.  which 
then  translates  into  approximately  2  0%  of  engine  weight  would  make  a  small,  but  worthwhile 

contribution  towards  the  continued  striving  for  higher  thrust  weight  ratios  which  must  be  achieved 
without  sacrifice  of  component  efficiencies,  either  at  maximum  rating  or  at  off  design  conditions 
Of  similar  order  of  merit  is  the  consideration  of  the  number  of  parts,  and  number  of  part  numbers 

that  would  be  associated  with  the  lower  stage  number  unit,  impacting  directly  on  initial  cost,  dnd 

cost  of  ownership  However,  hidden  within  the  accounting  systems  for  the  engine  remain  large 
compromises  for  stability  margins.  There  is  a  tendency  of  transonic  blading  to  have  the  efficiency 
peak  closer  to  the  stability  limit  (eg..  Reference  5)  and  an  estimate  of  the  efficiency  penalty  for 
large  inherent  stability  margins  are  of  the  order  of  1  to  1 5%  To  capitalise  on  this  potential  by 

the  development  of  Active  Control  Systems  could  therefore,  enable  an  increase  in  thrust  for  the  same 

engine  weight  of  1  -  15%  without  any  increase  in  combustor  outlet  temperature  This  becomes  more 

significant  as  the  compressor  loading  is  inc  eased  as  the  difficulty  of  achieving  peak  efficiency  on 
the  engine  working  time,  with  large  stability  margins  is  compounded  with  increases  in  blade  relative 

mach  numbers,  and  hence  loading 

Future  engine  cycles  for  fighter  engines  will  raise  the  combustor  outlet  temperatures  towards 
stoichiometric  conditions  and  also  raise  the  combustor  inlet  temperatures  as  cycle  pressure  ratios 
rise.  It  must  be  considered  doubtful  that  combustor  volumes  will  continue  to  decrease  as  the 

difficulty  to  fulfil  requirements  of  emissions,  low  smoke  and  carbon  formation  are  amplified  towards 

stoichiometric  conditions.  It  is  therefore,  imperative  that  the  basic  turbo  machinery  masses  are 

reduced.  Advances  in  aerodynamics  such  that  loadings  (  A  H/tr/N)  are  increased  by  a  further  25% 

are  currently  being  pursued.  In  order  to  -apitalise  on  the  potential  of  these  high  loadings,  with 

the  design  restraint  of  exit  hub:tip  ratio,  it  is  necessary  to  raise  the  shaft  speed,  and  allow  a 

further  reduction  in  stage  numbers. 
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FIG  9 

APPLICATION  OF  ADVANCED  MATERIALS 


Design  studies  for  a  similar  cycle  as  datum  in 
terms  of  maximum  compressor  delivery  temperature, 
and  maximum  combustor  outlet  temperature  indicate 
that  on  a  common  materials  technology  basis,  a 
weight  reduction  of  20%  for  the  HP  compressor 
could  be  anticipated  (Figure  9).  When  the 
increase  in  the  specific  strength  of  compressor 
materials  to  the  order  of  10  -  15%  becomes 
available,  then  the  datum  five  stage  machine  could 
enjoy  weight  reduction  of  some  8%.  whereas  the 
high  btide  speed  unit  could  benefit  by  a  further 
10  to  20%  reduction.  The  increases  required  in 
compressor  delivery  temperature  therefore  demand 
that  these  increases  in  specific  strength  are  also 
maintained  at  the  elevated  temperatures 


CONCLUSIONS 

At  the  engine  size  of  approximately  175  lbs  and  29  inch  inlet  diameter.  design  studies  indicate 

that  a  weight  saving  of  a  four  stage  highly  loaded  compressor  compared  to  a  seven  stage  medium 

loaded  compressor  is  of  the  order  of  20%.  Analyses  of  compressor  test  results.  when  evaluated  at 

the  required  physical  size  and  limitations  of  the  HP  turbine  collapse  apparent  benefits  of  different 
machines  to  minimal  uifferences  A  direct  comparison  between  a  four  and  a  five  stage  compressor  for 
the  same  duty  and  same  turbine,  indicates  that  the  lower  stage  number  was  only  of  problem  in  the  low 
speed  region,  but  not  so  limiting  as  to  prevent  engine  application.  Forthcoming  increases  in  the 

specific  strength  of  compressor  materials  will  enable  a  weight  reduction  of  the  five  stage  unit  of 

8%  whereas  these  high  strength  materials  in  conjunction  with  increase  aerodynamic  loadings  will 

permit  a  weight  saving  of  some  35%.  relative  to  the  five  stage  unit,  of  which  approximately  half  the 
decrease  is  due  to  the  increased  aerodynamic  loading 
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DISCUSSION 


G.  KARADIMAS,  Fr 

Has  the  exit  absolute  Mach  number  the  same  value  on  your  design  for 
the  5,  4  and  3  stages  compressors,  or  do  you  accept  higher  Mach  number  on 
the  3  stages  compressor  ? 

Author's  Reply 

The  4  and  5  stages  machines  have  an  equivalent  Mach  number.  The  3  sta¬ 
ges  machine  has  a  slightly  high  Mach  number,  just  about  0.3. 


G.  KARADIMAS,  Fr 

As  you  showed  us,  for  the  4  and  3  stages  compressors  you  accept  higher 
hub  to  tip  ratio.  Do  you  find,  in  the  last  stages,  similar  secondary 
phenomena,  or  is  there  a  great  difference  ? 

Author's  Reply 

We  attempted  to  find  it  on  our  design  approach,  because  we  allowed  for 
change  on  blockage,  and  change  on  stage  efficiency.  Therefore,  we  modified  the 
work  we  were  puting  on  the  last  stages.  This,  as  far  as  we  can  determine, 
indicates  the  effect  of  assuming  similar  efficiencies. 


L.  FOTTNER,  Ge 

Could  you  comment  on  the  application  of  inverse  or  prescribed  velocity 
profile  technology,  or  involved  end-bend  profiles  in  those  compressors  ? 


Author's  Reply 

In  those  compressors,  we  use  essentially  standard  design  methods.  As 
we  go  to  the  end  walls,  the  incidence  selection  is  modified.  In  particular, 
near  the  walls,  we  have  a  fairly  large  negative  incidence  relative  to  the 
standard  axysimetric  through-flow.  This  has  the  effect  of  overcambering  the 
leading  edges  of  all  the  stator  blades.  We  do  not  account  for  the  trailing 
edge  variation  deviation. 
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SUMMARY 

The  paper  examines  the  prospects  for  major  advances  in  gas  turbine  engine 
component  technology  over  the  next  20  years.  For  future  military  engines 
and  aircraft,  these  advances  could  lead  to  considerably  higher  thrust/ 
weight  ratios  than  are  currently  available.  The  gains  in  engine  perform¬ 
ance  resulting  from  various  specific  technology  advances  are  outlined  and 
their  impact  on  the  sizing  and  performance  of  a  typical  combat  aircraft 
are  considered.  In  conjunction  with  these  future  projections,  an  examin¬ 
ation  is  also  made  of  the  influences  of  main  engine  cycle  parameters,  such 
as  overall  pressure  ratio,  bypass  ratio,  and  rating  philosophy  on  the  mass 
and  performance  of  the  aircraft/engine  combination. 


1 .  INTRODUCTION 

Aircraft  gas  turbine  technology  has  advanced  steadily  ever  since  the  first  jet 
aircraft  entered  service  in  the  1940s  and  there  is  no  sign  yet  that  the  pace  of  progress 
is  slackening.  Improvements  in  engine  performance  continue  to  be  made  as  a  result  of 
the  introduction  of  new  materials  or  materials  processing  routes,  advances  in  hot  parts 
cooling  technology  and  increased  aerodynamic  and  mechanical  design  capabilities.  The 
gains  are  reflected  in  engines  having  higher  cycle  pressure  ratios  and  temperatures, 
reduced  turbomachinery  stage  numbers  and  -  of  particular  importance  for  combat  aircraft 
applications  -  higher  thrust/unit  volume  and  higher  thrust/weight  ratios  (see,  for 
instance.  Ref  1).  Indeed  the  latter  aspects  have  such  a  significant  impact  on  overall 
fighter  size  and  performance  that  combat  specific  thrust  (ie  maximum  thrust/unit  inlet 
airflow)  and  engine  thrust/weight  ratio  are  generally  regarded  as  among  the  most 
significant  indicators  of  technology  level.  Progress  tends  to  be  measured  by  the 
increase  in  thrust/weight  ratio  of  one  engine  generation  compared  with  the  preceding 
generation.  The  engines  in  current  service,  eg  RB199,  F100,  F404  have  thrust/weight 
ratios  of  7  to  8;  the  next  generation  of  engines,  which  will  power  the  advanced  tactical 
fighters  due  to  come  into  service  during  the  1990s  will  have  thrust/weight  ratios  of  10 
or  more.  For  the  generation  beyond  that,  some  technology  projections  are  so  encouraging 
that  a  figure  of  20  is  being  widely  canvassed  as  a  target  that  should  be  achievable 
within  a  few  years  of  the  turn  of  the  century. 

The  selection  of  the  most  appropriate  engine  cycle  and  design  for  a  future 
fighter  is  however  considerably  more  complex  than  simply  seeking  the  highest  possible 
thrust/weight  ratio.  At  base  level  the  choice  of  aircraft  concept  and  matching  engine 
cycle  will  depend  on  the  role,  or  roles,  that  the  new  fighter  is  intended  to  fulfil. 
These  are  typically  defined  in  terms  of  a  set  of  mission  requirements  (range,  speed, 
form  of  combat,  etc)  and  point  performances.  Candidate  designs  \re  iterated  and  refined 
to  achieve  the  "best"  solution  to  meet  the  requirements,  "best"  often  being  regarded  as 
minimum  possible  aircraft  size  and  weight.  Engine  fuel  consumption  and  thus  the  fuel 
mass  required  to  complete  the  missions  can  be  very  significant  here.  Different  mission 
requirements  can  lead  to  significant  differences  in  preferred  engine  cycle.  For 
example,  an  attempt  was  made  to  define  a  common  solution  to  the  U8AF  and  USN  tactical 
aircraft  requirements  of  the  1990s  (Ref  2).  Although  both  wanted  more  pay load- range, 
improved  manoeuvrability,  increased  combat  persistence  and  easier  supportabillty,  the 
basic  mission  requirements  -  air  superiority  for  the  Air  Force,  combat  air  patrol  for 
the  Navy  -  were  sufficiently  mismatched  to  lead  to  different  optimum  cycles.  While  the 
core  cycle  parameters  (overall  pressure  ratio,  combustor  exit  temperature  and  throttle 
ratio)  were  similar,  the  bypass  ratios  were  considerably  different  -  0.25  for  the  Air 
Force,  compared  with  1.0  for  the  Navy.  The  dependence  of  cycle  choice,  particularly 
bypass  ratio,  on  mission  requirements  is  also  shown  up  in  several  other  studies,  for 
both  CTOL  and  STOVL  aircraft  (References  3  to  7). 


i 


3-2 


The  aim  of  this  paper  is  to  investigate  the  relationships  -  sometimes  conflicting 
-  between  the  main  engine  cycle  parameters  and  the  three  key  performance  indicators: 
specific  thrust,  specific  fuel  consumption  and  thrust/weight  ratio.  Account  is  taken  of 
the  potential  technology  advances,  both  evolutionary  and  revolutionary,  over  the  next  10 
to  20  years.  The  inherent  influences  of  the  cycle  parameters  over  the  performance 
indicators  will  be  examined  and  the  further  contributions  to  increased  thrust/weight 
ratio  from  new  methods  of  mechanical  design  and  new  lightweight  materials  identified. 
However,  increased  thrust/weight  cannot  be  considered  as  an  end  in  itself.  It  is 
important  to  assess  the  impact  of  such  engine  improvements  on  the  overall  aircraft 
system.  This  aspect  is  also  addressed  in  the  paper.  In  the  interests  of  brevity,  the 
discussion  will  be  confined  to  "conventional"  fighter  engine  designs,  of  two  spool  fixed 
cycle  architecture;  the  bypass  and  core  streams  are  assumed  to  be  remixed  prior  to  entry 
to  a  normal  afterburning  system,  with  the  total  flow  being  exhausted  through  a  variable 
area  propelling  nozzle. 

2.  ENGINE  CYCLE  PARAMETERS  AND  ENGINE  PERFORMANCE 

2 . 1  Choice  of  Cycle  Parameters 

The  primary  aero-thermodynamic  parameters  which  can  be  selected  within  certain 
limits  for  a  gas  turbine  cycle  are: 

(a)  bypass  ratio  (bpr) 

(b)  fan  pressure  ratio  ( fpr ) 

(c)  cycle  temperature,  defined  throughout  this  paper  as  turbine  stator  outlet 
temperature  (SOT) 

(d)  overall  pressure  ratio  (oapr) 

In  addition  there  are  secondary  parameters  such  as  component  efficiencies  and 
cooling  air  flows.  Technological  improvements  can  be  quantified  by  advances  in  SOT  and 
efficiency,  reductions  in  cooling  flow  at  a  given  effectiveness,  and  increases  in 
pressure  ratio  per  stage.  There  will,  of  course,  be  interactions  between  some  of  the 
primary  and  secondary  parameters,  for  example  between  SOT  and  turbine  cooling  air  flow. 

Some  of  the  primary  parameters  can  be  interdependent  depending  upon  the  way  in 
which  the  engine  is  configured.  For  the  normal  mixed  engine  configuration,  at  a  given 
technology  level  (constant  component  efficiencies,  bleed  flows,  etc),  the  mixing 
constraint  ensures  that  bpr  is  dependent  on  the  values  of  the  other  primary  parameters. 
In  particular,  if  the  engine  core  efficiency  (SOT,  oapr,  and  efficiencies)  is  fixed, 
then  bpr  and  fpr  are  uniquely  related. 

2.2  The  Effect  of  Fan  Pressure  Ratio  and  SOT 


Thermodynamically  there  is  freedom  to  select  fpr  over  a  wide  range,  according  to 
the  requirements  of  the  cycle  selected.  In  practice  there  are  two  constraints  on  the 
upper  limit.  For  weight  reasons,  it  is  important  to  limit  the  number  of  turbomachinery 
stages;  increasing  fpr  to  a  point  where  further  fan  or  low  pressure  (LP)  turbine  stages 
have  to  be  added,  may  be  counter-productive  (this  point  is  discussed  again  later  in 
quantitative  terms) .  Secondly  in  a  mixed,  reheated  engine  configuration,  sufficient 
bypass  air  must  be  supplied  to  ensure  adequate  cooling  of  the  jet  pipe  and  exhaust 
components . 

As  noted  above,  the  constraint  of  equalizing  core  and  bypass  pressures  before 
entry  to  the  reheat  system  ensures  that  a  particular  bypass  ratio  will  be  defined  by  the 
level  of  fpr  chosen,  provided  that  SOT  remains  constant.  For  a  particular  combination 
of  core  efficiencies  and  bleeds,  Figure  1  shows  how  bpr  increases  with  SOT  for  fixed 
levels  of  fpr.  This  bpr  increase  occurs  because  the  gain  in  SOT  enables  the  core  to 
become  smaller  whilst  still  providing  sufficient  power  output  to  drive  the  fan.  As  will 
be  seen,  the  effect  of  these  trends  on  performance  is  small,  but  they  can  have  a 
significant  effect  on  thrust/weight  ratio. 

Considering  first  the  effect  of  fpr  on  maximum  specific  thrust  in  reheat,  it  is 
first  of  all  necessary  to  establish  the  maximum  allowable  fuel/air  ratio  (far)  in  the 
reheat  system.  Theoretically,  the  fuel/air  ratio  can  be  increased  until  stoichiometric 
conditions  are  reached  at  0.068  far.  In  practice,  stability  problems  within  the  reheat 
system  mean  that  lower  limiting  values  of  far  have  to  be  used.  These  instabilities  are 
complex  phenomena  whose  characteristics  vary  from  one  design  to  another  in  a  way  that 
bears  little  relation  to  the  cycle.  For  the  purposes  of  this  paper,  the  limiting  far 
has  been  fixed  arbitrarily  at  0.06  for  all  engine  cycles  considered.  A  slightly  higher 
figure  might  have  been  selected,  but  this  would  not  have  significantly  affected  the 
results. 

The  variation  of  maximum  specific  thrust  with  fpr  and  SOT  is  shown  in  Figure  2. 
Maximum  thrust  is  virtually  independent  of  SOT,  but  Increases  significantly  with  fpr. 
These  effects  are  caused  by  the  fact  that,  when  fpr  and  far  are  fixed,  the  pressures  and 
temperatures  in  the  exhaust  nozzle  are  almost  constant.  Thus  neither  of  the 
contributions  (velocity  or  pressure)  to  thrust  are  altered.  The  gain  in  specific  thrust 


with  fpr  is  due  mainly  to  the  increase  in  the  pressure  thrust  contribution.  The  overall 
specific  fuel  consumption  (sfc)  in  full  reheat  is  similarly  dependent  on  fpr,  but 
independent  of  SOT  (Figure  3)  because  at  the  same  far  the  amount  of  fuel  used  within 
each  cycle  is  approximately  constant. 

Turning  now  to  the  situation  with  reheat  off  ("dry"  operation),  the  variations  of 
specific  thrust  with  SOT  and  fpr  are  broadly  similar  to  the  reheat  case,  see  Figure  4. 
Specific  thrust  tends  to  fall  slightly  as  SOT  is  increased,  but  again  the  major  effect 
is  the  increase  with  fpr,  which  arises  directly  from  the  increase  in  nozzle  pressure 
ratio.  Dry  operation  is  habitually  used  for  the  endurance  parts  of  the  aircraft 
mission,  so  the  effect  on  sfc  is  the  main  factor  of  interest.  Figure  5  shows  that  sfc 
increases  considerably  as  fpr  is  increased,  essentially  because  of  the  resultant  loss  in 
propulsive  efficiency.  The  trend  is  only  slightly  offset  by  increasing  SOT. 

The  choice  of  fpr  thus  has  a  major  impact  on  overall  engine  performance  and  a 
requirement  for  high  combat  specific  thrust  is  in  conflict  with  a  requirement  for  good 
sfc  at  throttled  back  conditions.  The  key  importance  of  fpr  is  illustrated  more  clamly 
in  Figure  6,  which  shows  sfc  loops  for  engines  having  the  same  core  cycle  and  design 
mass  flow,  but  differing  fpr's.  A  fighter  aircraft  whose  primarily  role  .£  one  of 
combat  air  patrol,  where  75%  of  its  available  fuel  would  be  qsed  a*  z.  setting  of  25%-50% 
of  maximum  dry  thrust,  would  favour  a  low  fpr.  The  best  choice  for  an  air  superiority 
fighter,  however,  in  which  perhaps  75%  of  the  available  fuel  load  is  used  at  maximum 
thrust  conditions,  would  be  the  highest  available  fpr  with  its  consequent  low  bpr . 

For  such  an  air  superiority  fighter,  the  logical  end  point  is  an  engine  design 
with  an  extremely  high  fpr,  but  no  reheat  system  with  its  attendant  mass  and  complica¬ 
tion.  Additional  turbomachinery  stages  could  be  an  acceptable  penalty  in  these 
circumstances.  Figure  7  show?  .nat  by  increasing  fpr  to  a  value  of  about  8,  and 
increasing  SOT  to  aid  mixlr*g  and  dry  sfc,  a  maximum  dry  thrust  can  be  obtained  approxi¬ 
mately  equal  to  the  raximum  reheated  thrust  for  the  4.5  fpr  engine  shown  in  Figure  6. 

This  high  thrust  is  also  obtained  at  a  much  reduced  sfc  compared  to  the  reheated  case. 

The  severe  sfc  penalty  at  part  thrust  is  however  clear.  Even  with  an  SOT  increased 
by  about  JOO*c  above  the  levels  used  in  Figure  6,  the  sfc  at  low  thrusts  is  20%-30% 
higher  than  the  reheated  designs.  For  all  except  a  very  restricted  range  of  missions, 
this  characteristic  could  be  a  considerable  disadvantage.  The  ideal  cycle  would  be  one 
which  has  the  good  high  thrust  sfc  of  a  high  specific  thrust,  high  fpr  engine  together 
with  the  low  dry  sfc  of  the  low  fpr  cycle  -  ie  a  variable  cycle  engine.  Cycle  varia¬ 
bility  is  a  major  topic  in  its  own  right  and  consideration  of  it  must  lie  beyond  the 
scope  of  this  paper.  Suffice  it  to  say  that  while  the  thermodynamic  attractions  are 
apparent,  the  engineering  problems  are  far  from  negligible. 

2-3  The  Effect  of  Overall  Pressure  Ratio 

The  main  effect  of  oapr  is  on  the  sfc  under  dry  operating  conditions.  In  order 
to  obtain  high  core  efficiency,  the  highest  possible  oapr  needs  to  be  utilized. 

Assuming  constant  component  efficiencies,  Figure  8  shows  that  increasing  oapr  from  20  to 
30,  at  fixed  fpr  and  SOT,  reduces  dry  sfc  by  about  7%,  but  has  negligible  effect  on 
reheated  performance;  the  reason  for  this  is  that  the  increased  thermal  efficiency  of 
the  core  due  to  increasing  oapr  is  utilized  in  making  the  core  smaller;  the  net  effect 
is  therefore  similar  to  increasing  SOT.  It  is  worth  noting  in  passing  that  the  same 
effect,  both  qualitatively  and  quantitatively  would  result  from  increasing  each  of  the 
turbomachinery  component  efficiencies  by  about  2*5%. 

Figure  8  is  valid  provided  that  there  is  no  limitation  to  increasing  oapr.  In 
practice,  materials,  stress  and  temperature  limitations  place  constraints  on  allowable 
oapr,  and  the  effect  of  these  can  be  considerable.  Figure  9  shows  a  family  of  SOT 
schedules  for  a  set  of  postulated  engine  designs  having  different  design  oapr's.  All 
engines  have  the  same  fpr  at  the  sea-level  static  design  point,  and  are  limited  to  the 
same  maximum  HP  compressor  exit  temperature.  The  oapr  of  each  engine  varies  from  20 
where  SOT  is  not  limited  at  all  on  compressor  exit  temperature  grounds,  to  30  where  the 
limiting  compressor  temperature  operates  from  a  low  engine  inlet  temperature.  The 
effects  for  a  typical  supersonic  flight  condition,  where  engine  inlet  temperature  and 
therefore  compressor  exit  temperature  is  relatively  high,  are  illustrated  in  Figure  10. 
At  the  higher  design  oapr  levels,  the  temperature  limitation  forces  the  engine  to  be 
throttled  back,  with  major  penalities  on  both  sfc  and  thrust,  throughout  the  combat 
range.  For  the  particular  case  shown,  which  is  purely  illustrative,  but  has  a 
compressor  exit  temperature  typical  of  current  designs,  the  maximum  thrust  of  the  30 
oapr  design  is  reduced  by  20%  at  the  flight  condi tion  shown  and  sfc  is  increased  by 
10%. 


Combat  engines  are  currently  being  designed  with  oapr's  of  around  25:1.  Because 
it  is  very  difficult  to  cool  HP  compressor  components,  further  advances  depend  on 
material  Improvements.  However,  there  is  little  doubt  that  improvements  to  metal  alloys 
will  quickly  achieve  the  additional  capability  required  for  a  30  oapr  design,  and 
further  increases  are  in  prospect  with  continued  materials  development. 

The  approach  to  selection  of  oapr  is  therefore  clear.  The  highest  possible  cycle 
pressure  ratio  should  be  chosen,  but  only  up  to  the  point  where  compressor  limitations 
start  restricting  operation  in  important  parts  of  the  flight  envelope.  In  a  diverse 
combination  of  requirements  (a  subsonic  combat  air  patrol  and  supersonic  intercept,  for 
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instance),  the  choice  of  oapr  will  tend  to  be  determined  by  the  intercept  mission,  where 
too  high  a  value  of  oapr  could  potentially  result  in  an  oversized  engine,  in  order  to 
meet  the  supersonic  thrust  requirement. 

3-  ERG  I  HE  THRUST/ WEIGHT  RATIO 

3.1  Cycle  Effects 

It  has  been  shown  that  increasing  the  fan  pressure  ratio  increases  combat 
'specific  thi. ust ,  while  increasing  the  cycle  temperature  allows  core  size  to  be  reduced. 
The  latter  step  may  be  expected  to  improve  thrust/ weight  ratio,  but  the  situation  i r 
less  clear  in  the  case  of  fan  pressure  ratio.  Although  thrust  is  improved,  the  increase 
in  fpr  is  accompanied  by  an  increase  in  core  size,  while  the  fan  itself  may  require  an 
additional  stage.  Engine  mass  is  therefore  likely  to  be  significantly  increased.  In 
order  to  investigate  these  effects  quantitatively,  it  is  necessary  to  estimate  the 
changes  in  engine  mass.  At  this  stage  it  will  be  assumed  that  engine  architecture, 
materials  and  construction  methods  remain  essentially  unchanged. 

Precise  estimation  of  engine  mass  is  not  possible  without  detailed  design 
drawings  and  for  a  parametric  study  of  the  type  described  in  this  paper,  it  is  necessary 
to  resort  to  some  simple  approximate  method.  The  approach  used  here  is  similar  to  a 
method  developed  by  NASA  (Ref  8)  and  is  based  on  empirical  correlations  for  the  masses 
of  the  individual  major  components.  By  definition  it  is  founded  largely  on  past  and 
current  experience  and  has  limitations  if  used  well  outside  that  experience.  But  for 
present  purposes  it  gives  useful,  first  order  results  and,  in  particular,  allows  the 
effects  of  changing  the  sizes  and  numbers  of  components  to  be  quantified. 

Considering  first  the  effect  of  increasing  fan  pressure  ratio,  the  current  trend 
towards  much  higher  fpr  has  been  made  practicable  by  the  great  strides  of  the  last  few 
years  in  compressor  aerodynamic  design.  Whereas  present  generation  military  engines 
have  fans  with  a  fpr  lower  than  3.0  in  three  stages,  it  is  now  possible  to  achieve  well 
over  4.0,  still  in  three  stages  and  with  little  increase  in  fan  mass.  Research  designs 
are  also  being  produced  to  achieve  such  pressure  ratios  in  two  stages,  although  because 
of  the  considerably  greater  blade  chords  needed,  such  fans  are  likely  to  produce  a  mass 
saving  only  if  constructed  largely  from  lightweight  non-metallic  materials.  Whether  the 
baseline  design  has  two  stages  or  three  as  the  fpr  is  increased  beyond,  say  4.5,  it  may 
eventually  become  necessary  to  add  a  fan  stage,  in  order  to  maintain  acceptable  fan 
loadings.  For  the  reheated  engine  arrangement  considered  in  this  paper,  one  extra  fan 
stage  is  predicted  to  add  around  5%  to  the  total  engine  mass. 

A  further  and  larger  increase  results  from  the  increasing  core  size.  In  this 
case  the  change  is  more  progressive  as  it  is  related  more  to  core  engine  diameters  and 
lengths  than  changing  stage  numbers.  In  fact,  for  fixed  overall  pressure  ratio  and 
cycle  temperature,  there  is  likely  to  be  a  decrease  in  the  number  of  HP  compressor 

stages  as  fpr  is  increased,  but  the  dimensional  growth  dominates.  With  the  core  and  LP 

turbine  representing  30%  to  40%  of  the  total  engine  mass,  the  effect  is  significant.  An 

increase  in  fpr  from  3.7  to  5.0  is  predicted  to  increase  total  mass  by  at  least  20%. 

Thus,  although  there  is  a  10%  increase  in  specific  thrust,  thrust/weight  ratio  actually 
reduces  by  at  least  10%.  This  decrease,  together  with  an  added  fan  stage,  causes  the 
difference  in  the  two  bands  plotted  in  Fig  11. 

Fig  11  shows  thrust/ weight  ratio  plotted  against  cycle  temperature  and,  as 
expected,  increasing  SOT  leads  to  an  improvement  in  thrust/weight  ratio.  As  was  shown 
by  Fig  1,  at  any  given  fan  pressure  ratio  and  specific  thrust,  bypass  ratio  is  highly 
dependent  on  cycle  temperature  and  increasing  the  latter  allows  core  size  to  be  reduced 
considerably .  Turbine  temperatures  have  continued  to  increase  as  a  result  of  advancing 
cooling  technology  and  improved  materials.  The  engines  being  developed  for  the  1990s 
will  have  SOTs  in  excess  of  1800K,  ie  up  to  200*C  more  than  the  temperatures  of  the 
previous  generation.  Technology  demonstrator  programmes  are  already  considering  SOTs  of 
2000K  and  more  (Ref  9)  and  there  is  a  good  prospect  of  advancing  to  2200K  with  metal 
blades  and  discs,  and  in  excess  of  2400K  if  acceptable  ceramic-based  components  can  be 
perfected.  The  temperature  plots  throughout  this  paper  have  been  drawn  on  the 
projection  that  such  temperatures  will  be  attainable  within  the  next  20  years. 

Although  the  general  thrust/ weight  ratio  trend  is  upward,  there  is  again  a 
complication  due  to  component  loading.  As  the  core  size  reduces,  the  aerodynamic 
loading  on  the  LP  turbine  has  to  increase  in  order  to  maintain  the  power  required  to 
drive  the  fan.  Fig  12  shows  the  variation  in  turbine  loading  and  indicates  where  it 
would  be  necessary  to  increase,  first  of  all  from  a  single  turbine  stage  to  two  stages 
and  then  to  three,  in  order  to  avoid  gross  overloading  and  unacceptable  losses  in 
efficiency.  The  intrinsically  lower  bypass  ratio  of  the  higher  fpr  cycles  gives  them  an 
advantage  in  this  respect.  Each  time  a  turbine  stage  is  added  there  is  a  significant 
increase  in  engine  mass,  indicated  on  Fig  11  by  the  step  changes  in  the  curves. 

Taking  the  above  factors  into  account.  Fig  11  shows  that,  without  changing  engine 
layout  or  conventional  metal  construction,  cycle  improvements  over  the  next  10  to  20 
years  will  allow  thrust/weight  ratios  to  be  increased  from  the  value  of  around  10  of  the 
1990  generation  of  engines  to  12  or  13.  Engines  having  moderate  fan  pressure  ratios 
will  continue  to  have  some  advantage  over  those  with  high  fan  pressure  ratio. 


Mater lala  and  Structure  Changes 


The  gains  in  thrust/ weight  ratio  to  be  obtained  from  the  cycle  and  froa 
aero thermodynamic  improvements,  such  as  further  increases  in  stage  loading,  are  clearly 
significant,  but  considerable  further  gains  can  be  achieved  by  attacking  the  root  causes 
of  engine  mass,  ie  the  materials.  Hitherto,  the  combinations  of  stress,  temperature  and 
reliability  required  in  aero-engines  have  precluded  the  use  of  anything  but  premium 
metal  alloys  -  titaniums  for  the  front  end,  nickel  and  cobalt-based  alloys  for  the  hot 
parts.  There  is  however  an  increasingly  intensive  effort  to  develop  suitable  non- 
metallic  materials,  eg  polyimides,  carbon- carbon,  monolithic  and  composite  ceramics, 
etc.  The  technology  of  such  materials  has  progressed  to  the  point  where  they  can  now  be 
considered,  at  le«„c.  £i>i  certain  static  components.  More  wid&apread  ap^liwaiio.., 
including  their  use  for  rotating  components,  remains  a  matter  for  some  speculation,  with 
views  ranging  from  strong  optimism  to  considerable  scepticism.  In  general  however  the 
question  is  not  whether  such  developments  will  take  place,  but  when.  Accordingly,  in 
the  discussion  that  follows  a  distinction  is  made  between  near  term  technologies  which 
could  be  available  within  ten  years,  for  the  initiation  of  a  new  project,  and 
technologies  that  appear  to  lie  nearer  the  twenty  year  time- frame. 

In  order  to  assess  how  new  materials  and  mechanical  design  techniques  will  impact 
on  thruat/weight ,  it  is  useful  to  consider  the  mass  breakdown  of  a  typical  1990s 
technology  level  metal  engine  (Fig  13).  The  important  point  to  note  is  that  the  basic 
powerplant,  ie  the  turbomachinery  and  associated  casings,  accounts  for  less  than  half 
the  total.  The  reheat  system  with  its  fuel  supply  and  the  exhaust  nozzle  account  for 
nearly  30%,  while  the  main  engine  fuel  and  control  system,  auxiliary  gearbox,  lubricat¬ 
ing  oil  system  and  other  accessories  account  for  over  25%.  There  is  thus  considerable 
scope  for  reducing  mass  without  making  any  radical  changes  to  the  rotating  turbo¬ 
machinery.  Mass  savings  have  been  evaluated  for  a  number  of  potential  nearer  term 
technologies,  for  which  research  bases  exist  or  are  in  the  process  of  being  developed: 


Jet  pipe  and  exhaust  nozzle  in  carbon-carbon  7-9  % 

Fan  casing  and  bypass  duct  in  polyimide  3-4  % 

Replace  oil  system  (including  sump,  coolers,  filters)  by  gas  4-6  % 

bearings 

Use  ceramics  for  reheat  f lameholders ,  turbine  stator  vanes  and  2-3  % 

shrouds,  etc 

Make  wider  use  of  high  temperature  titanium  and  lightweight  metal  2-3  % 

composites;  and  "blisc"  construction  for  rotating  components 

Simplify  gearbox  and  drives,  or  replace  by  turbo-driven  system  1-2  % 

Simplify  fuel  system  and  controls,  use  plastic  casings,  fibre-optic  4-5  % 

transmission 


23-32% 


Clearly,  not  all  of  the  above  items  may  reach  fruition,  or  the  projected  savings 
may  not  be  fully  realized,  but  even  so  there  are  good  prospects  for  achieving  mass 
savings  of  around  25%,  compared  with  the  all  metal  engine  architectures  that  have  been 
used  hitherto.  Indeed  one  or  two  of  the  above  savings  are  already  being  designed  into 
the  1990s  generation  of  engines.  When  these  developments  are  added  to  the  gains  in 
prospect  from  the  cycle,  it  can  be  seen  that  thruat/weight  ratios  of  around  15  will 
become  possible. 

Turning  now  to  the  more  speculative  uses  of  non-metallic  materials,  the  most 
likely  progression  of  applications  is  the  use  of  fibre-reinforced  polyimides  for  the  fan 
blades,  ceramic-based  materials  for  turbine  stators  and  possibly  also  the  combustor, 
ceramic-based  turbine  rotor  blades  and  ultimately  ceramic  turbine  discs  or  bliscs.  With 
their  much  lower  density  such  materials  will  allow  blade  speeds  to  be  increased  as  well 
as  component  sizes  and  weights  to  be  reduced.  However  their  full  exploitation  demands  a 
completely  different  approach  to  mechanical  design  and  the  overall  mass  savings  are 
therefore  difficult  to  quantify  without  carrying  out  proper  design  studies.  Such 
studies  lie  outside  the  scope  of  this  paper,  but  it  may  tentatively  be  estimated  that 
the  mass  of  the  turbomachinery  could  be  reduced  by  up  to  a  third,  compared  with  a 
conventional  all-metal  design.  The  further  saving  to  the  overall  engine  mass  is 
therefore  likely  to  be  in  the  region  of  15%.  Taken  with  the  savings  already  enumerated, 
it  is  evident  that  thrust/weight  ratios  close  to  20  should  ultimately  be  attainable, 
while  still  retaining  the  basic  concept  of  a  mixed  flow  two  spool  engine  with  a  reheat 
system. 


It  is  however  necessary  to  observe  that  attainment  of  such  high  thrust/weight 
ratios  depends  on  a  number  of  highly  speculative  technology  items.  While  it  is  possible 
to  predict  with  some  confidence  that  technology  readiness  for  thrust/ weight  ratios  of  up 
to  15  will  be  demonstrable  within  the  space  of  the  next  10  years,  the  further  advance  to 
20  is  much  less  certain.  Realization  of  such  figures  within  the  next  twenty  years  will 
be  dependent  on  maintaining  aggressive  and  extensive  technology  research  programmes  on 
both  materials  and  mechanical  design  methods  and,  not  least,  adequately  demonstrating 
their  reliability  to  Service  customers. 
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4.  THE  EFFECT  OF  T/W  OH  AIRCRAFT  MAS* 

The  ultimate  value  of  the  big  improvements  in  engine  thrust/ weight  ratio 
discussed  in  the  preceding  section  depends  on  how  they  affect  the  overall  aircraft 
system.  To  evaluate  this  effect,  a  Multivariate  Optimisation  (MVO)  technique  for  combat 
aircraft  design  developed  at  RAE10  ,  has  been  used  to  establish  the  likely  improvements 
in  overall  take-off  mass.  The  technique  involves  taking  an  example  of  a  suitable 
mission  requirement  together  with  a  set  of  point  performance  requirements,  and  obtaining 
the  optimum  values  for  a  set  of  variables  defining  the  aircraft  configuration  (eg  wing 
planform,  fuselage  shape  and  size,  engine  size)  that  minimise  the  empty  mass  of  the 
aircraft  while  satisfying  all  of  the  requirements. 

Apart  from  those  that  are  incapable  of  being  scaled  (crew,  weapons,  etc)  all 
components  can  be  scaled  independently  to  fit  the  given  requirements  laid  down.  To 
ensure  that  all  of  the  configurations  produced  have  acceptable  geometry,  a  set  of 
constraints  are  applied  during  the  design  synthesis,  such  that,  for  instance,  the 
fuselage  should  be  large  enough  to  accommodate  all  of  the  items  specified. 

In  combination  with  a  set  of  point  performance  requirements,  two  missions  have 
been  investigated! 

(a)  an  intercept  mission  which  uses  the  majority  of  its  fuel  in  reheat  in 
travelling  at  supersonic  speed  at  high  altitude  followed  by  a  combat 
phase, 

(b)  a  typical  long  loiter  mission,  in  which  the  majority  of  the  fuel  is  used 
at  subsonic  speed  with  engines  well  throttled  back. 

Baseline  current  technology  engine  T/W  values  for  the  appropriate  sire  of  engine 
have  been  taken  as  10.5  for  a  3.7  fpr  engine,  and  9.0  for  a  4.5  f pr .  From  the  improve¬ 
ments  detailed  in  Sections  3.1  and  3.2  it  is  reasonable  to  assume  nearer  term  T/W 
improvements  of  50%,  leading  to  figures  of  15.0  and  13.5  respectively.  In  order  to 
isolate  the  effects  due  to  the  engine,  the  airframe  and  avionics  technologies  are 
assumed  to  remain  constant. 

The  results  are  shown  in  Tables  l  and  2.  Both  tables  show  similar  results;  the 
effect  of  reducing  engine  mass  by  approximately  35%  is  to  reduce  fuel  usage  by  between 
3.3%  and  6.3%,  and  to  reduce  take-off  mass  by  between  6.3%  and  8.1%  depending  upon  the 
mission  and  the  cycle  being  examined.  The  increase  in  engine  T/W  results  in  an 
associated  reduction  in  the  structural  mass  of  the  fuselage,  which  in  turn  allows  a 
decrease  in  wing  size  and  hence  aerodynamic  drag.  Therefore  the  engine  thrust  require¬ 
ment  can  also  be  reduced,  leading  to  a  smaller  engine  and  further  mass  savings.  With 
the  benefits  of  these  effects,  the  total  saving  on  take-off  mass  amounts  to  about  1.7 
times  the  saving  on  engine  mass  alone. 

Intuitively  it  would  be  expected  that  the  savings  predicted  would  vary  depending 
on  the  mission  ana  particular  engine  cycle  chosen.  However  in  the  examples  chosen  here, 
the  engines  range  from  a  'leaky  turbojet'  (bpr  *  0.25)  to  a  conventional  fighter  (bpr  « 
0.66),  and  the  missions  involve  significantly  different  fuel  usage  requirements  in  dry 
and  reheat  operation.  Yet  the  variation  in  the  trade-off  against  engine  mass  is  seer  to 
be  remarkably  insensitive  to  either  cycle  or  mission  requirement,  within  the  range 
investigated . 

The  calculations  reported  here  may  be  slightly  pessimistic  in  their  trade-offs. 
Although  the  various  aircraft  components  were  scaled,  the  basic  aerodynamics  (wing 
planform,  sweep,  etc)  were  left  unchanged.  As  a  result,  any  reduction  in  engine  mass 
(which  is  sited  behind  the  centre  of  gravity)  was  balanced  simply  by  repositioning  the 
wing  fore  and  aft  in  the  fuselage  or  by  increasing  the  fuselage  length.  A  comprehensive 
approach  would  re-optimise  the  aerodynamics  and  would  tend  to  increase  the  saving. 
Nevertheless  the  present  results  compare  reasonably  well  with  other  work.  Denning  and 
Mitchell7,  in  investigating  the  effect  of  various  propulsion  parameters  on  advanced 
STOVL  aircraft,  obtained  a  reduction  of  11%  in  take-off  gross  weight  (TOGW)  for  an 
increase  in  engine  T/W  from  10  to  15,  Lehman  and  Crafa6  obtained  a  4%  reduction  in  TOGW 
for  a  supersonic  interceptor  and  5%  for  a  Navy  VSTOL  aircraft  as  a  result  of  a  20% 
increase  in  T/W.  Extrapolating  these  figures  to  a  50%  increase  in  T/W  would  give  a  TOGW 
gain  of  around  10%.  In  a  more  general  US  study,  which  considered  the  effects  of 
improving  aircraft  and  engine  technologies  together  for  a  supersonic  cruise  STOL 
fighter,  Dollyhigh  and  Foss11  varied  aircraft  thrust/ weight  and  engine  thrust/weight 
independently.  Their  results  indicate  that  improvements  in  engine  T/W  tend  to  give  a 
better  return  as  aircraft  thrust/weight  is  improved,  but  the  effect  becomes  small  at 
high  engine  thrust/weight.  For  the  typical  aircraft  thrust/weight  of  about  1.2,  as 
considered  in  the  present  work,  their  results  show  an  8%  to  10%  reduction  in  TOGW  for  an 
increase  in  engine  T/w  from  10  to  15. 

Thus  while  the  results  of  the  present  study  are  on  the  low  edge  of  the  band, 
there  is  genera1  agreement  that  an  Increase  from  10  to  15  in  engine  T/W  yields  an 
aircraft  TOGW  reduction  of  the  order  of  10%.  References  7  and  11  also  considered  the 
step  from  15  to  20  engine  T/W  and  both  found  a  further  5%  reduction  in  TOGW,  thus 
indicating  that  the  gains  become  less  marked  at  very  high  values  of  engine  T/W. 
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5.  DISCUSSION 

It  is  clear  that  increasing  engine  thrust/weight  ratio  brings  considerable 
dividends  to  the  aircraft.  Moreover,  since  air  frame  and  aircraft  systems  technologies 
are  currently  advancing  at  a  similar  pace  to  engine  technology,  the  gains  will  be 
compounded.  Reference  11  suggests  that  the  potential  10%  reduction  in  TOGW  resulting 
from  the  increase  in  engine  T/W  over  a  10  year  timespan,  will  be  augmented  by  a  similar 
gain  due  to  aircraft  improvements,  giving  a  total  reduction  of  over  20%  for  an  aircraft 
having  the  same  level  of  performance.  The  improvements  can  equally  be  exploited  in  an 
aircraft  o *  ^changed  TOGW  but  greatly  enhanced  range  and/or  point  performance. 

Engine  weight  thus  has  an  important  influence  on  the  overall  aircraft,  but  the 
paramount  need  to  match  the  engine  cycle  to  the  aircraft  mission  requirements  in  the 
most  effective  way  must  not  be  forgotten.  Modern  fighters  normally  have  a  take-off  fuel 
fraction  of  at  least  30%  of  TOGW,  compared  with  the  10%  or  less  represented  by  the 
engine  itself.  Fuel  consumption  needs  must  therefore  be  balanced  carefully  against  the 
need  for  maximum  possible  combat  thrust.  Even  though  cycle  parameters  and  engine 
thrust/weight  ratio  are  to  some  extent  interdependent,  as  demonstrated  in  the  first  part 
of  this  paper,  the  cycle  must  normally  be  chosen  in  the  first  place  to  meet  the  mission 
fuel  usage  requirements,  with  thrust/weight  ratio  subsequently  being  maximised  to  the 
extent  permitted  by  the  available  technology. 

In  this  paper  it  has  been  established  that  technology  advances  within  the  next  10 
years  will  make  it  possible  for  engine  thrust/weight  ratios  of  up  to  15  to  be  achieved. 
Further  Increases  to  around  20  are  also  in  prospect,  in  a  longer  time-frame,  but  such  an 
expectation  depends  on  bolder  technical  steps  and  must  be  regarded  as  much  more 
speculative.  Moreover,  the  fact  that  the  benefits  to  the  aircraft  appears  to  follow  a 
law  of  diminishing  returns  reinforces  the  indication  that  continuing  to  increase  engine 
thrust/weight  ratio  must  eventually  cease  to  be  cost  effective.  Even  for  the  nearer 
term  prospect,  it  must  be  recognised  that  the  technology  levels  involved  are  very 
advanced  and,  for  example,  involve  extremely  high  cycle  temperatures.  It  may  prove 
extremely  difficult  to  exploit  such  technology  developments  fully  while  at  the  same  time 
keeping  adequate  control  over  the  costs  of  ownership. 

In  the  current  financial  climate.  Air  Forces  are  becoming  more  concerned  about 
reducing  overall  life  cycle  costs,  especially  in  the  light  of  past  problems,  and  this 
has  highlighted  the  need  for  a  disciplined  approach  to  engine  structural  development. 
Within  the  US,  this  approach  has  led  to  the  development  of  ENSIP  (Engine  Structural 
Integrity  Program)  requirements12  ,  in  which  many  of  the  possible  problems  which  can 
occur  in  engine  service  can  be  identified  and  rectified  within  the  research,  definition 
and  demonstrator  phases  of  a  project,  ie  prior  to  full  development  of  in-Bervice 
engines.  Similarly  in  the  UK,  Ruffles*  has  described  how  adequate  research  and 
development  ahead  of  project  launch  is  necessary  to  create  a  competitive  technology 
base,  and  how  failure  to  make  that  investment  will  increase  project  development  costs. 

So  although  engine  technology  will  undoubtedly  continue  to  proceed  along  the  path 
to  higher  thrusts  from  smaller  and  lighter  powerplants,  increasing  importance  will  be 
applied  in  the  future  to  the  reduction  of  life  cycle  costs.  This  could  lead  to  future 
research  efforts  being  aimed  more  at  reducing  such  costs  and  especially  in  improving 
reliability  and  maintainability,  rather  than  at  simply  achieving  the  ultimate  in 
performance  and  low  weight. 

6.  CONCLUSIONS 

In  a  mixed  configuration,  maximum  reheated  engine  thrust  is  almost  solely 
dependent  upon  the  level  of  fan  pressure  ratio  used.  Although  having  negligible  effect 
upon  engine  thrust  at  the  design  point,  increased  SOT  enables  engine  mass  to  be  reduced 
through  the  reduction  in  core  size.  Within  a  conventional  layout,  a  combination  of  SOT, 
reduced  stage  numbers  and  advanced  lightweight  materials  for  static  components  will 
enable  the  technology  readiness  for  a  T/W  value  of  15  to  be  achieved  within  a  timescale 
of  10  years  .  Advances  above  this  value  will  require  a  more  radical  approach  to 
mechanical  design  with  the  widespread  use  of  ceramics  and  other  non-metallic  materials 
in  the  rotating  components.  By  these  means  values  of  up  to  20  may  be  achievable,  within 
a  20  year  timescale.  At  a  constant  aircraft  technology  level,  an  improvement  in  engine 
T/W  from  10  to  15  is  likely  to  produce  an  overall  take-off  weight  saving  of  about  10% . 

A  further  gain  of  5%  is  likely  if  engine  T/w  is  increased  to  20. 

Advances  in  materials  and  mechanical  engineering  technology  will  provide  the 
greater  contribution  towards  these  improvements,  but  the  choices  of  fan  pressure  ratio 
and  cycle  temperature  will  also  be  significant.  In  general,  for  maximum  engine  T/w,  fan 
pressure  ratio  should  be  kept  relatively  low  and  SOT  made  as  high  as  possible.  However, 
because  of  the  over-riding  need  to  select  the  cycle  to  provide  the  best  balance  between 
fuel  usage  and  thrust  requirements  for  specified  missions,  achievable  t/W  will  depend 
ultimately  on  the  application  for  which  the  engine  is  designed. 
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3.7  FAN  PRESSURE  RATIO  ENGINE 


Fuel  Usage 


Eng  i  ne 
Mass  (kg) 


Fuel 

Used  (kg) 


Take-off 
Maas  (kg) 


Saving  Take-off 

mass 


Saving  Engine 

Mass 


1 

Intercept  Mission 

Long  Loiter  Mission 

75%  R/H,  25%  Dry 

36%  R/H,  64%  Dry 

Datum 

(T/W  -  10.5) 

Improved 
(T/W  -  15) 

Saving 

Datum 

(T/W  10.5) 

Improved 
(T/W  15) 

Saving 

1662 

1100 

562 

(33. 8%) 

1612 

1059 

553 

(34.3%) 

4479 

4196 

283 

(6.3%) 

4220 

4020 

200 

(4.7%) 

14883 

13874 

1009 

(6.8%) 

14484 

13571 

913 

(6.3%) 

1.79 

n 

1.65 

Table  2 


4.5  FAN  PRESSURE  RATIO  ENGINE 


Intercept  Mission 

Long 

Loiter  Mission 

Fuel  Usage 

60% 

R/H,  40%  Dry 

38% 

R/H,  62%  Dry 

Datum 

(T/w  -  9.0) 

Improved 
(T/W  .  13.5) 

Saving 

Datum 

(T/W  -  9.0) 

Improved 
(T/W  13.5) 

Saving 

Engine 

Mass  (kg) 

2016 

1262 

754 

(37.4%) 

1969 

1281 

688 

(34.9%) 

Fuel 

Used  (kg) 

4509 

4240 

269 

(6.0%) 

4329 

4187 

142 

(3.3%) 

Take-off 

Maas  (kg) 

15303 

14060 

1243 

(8.1%) 

15163 

13995 

1168 

(7.7%) 

Saving 

Take-off  mass 

1.65 

1.70 

Saving  Engine 

Mass 


REHEAT  SPECIFIC  THRUST  IKN  SEC/KGl 
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FIGURE  S:  THE  VARIATION  OF  DRY  S.F.C. 
WITH  SOT  (SLS,  OAPR  *  24) 


NET  THRUST  (**> 


FIGURE  7:  COMPARISON  OF  REHEATED  AND 
DRY  ENGINE  S.F.C.  AT  SLS  CONDITIONS 
(OAPR  CONSTANT) 


KEY 

- -  ORY  THRUST 

- - REHEAT  APPUEO 


»  FAN  M  5)0 
«  FAN  P«  =  1  » 
•  FAN  P  «  *  l  S 


0  00  tfl  00  20  00  JO  00  *D  00  SO  00 

NET  THRUST  IKWI 


FIGURE  6:  TYPICAL  S.F.C.  VARIATION  FOR 
REHEATED  ENGINES 

(MACH  0.8 /SEA  LEVEL,  OAPR  CONSTANT 
AT  DESIGN  POINT) 


KEY 

t  OAPR  *20 

*  OAPR*  22 

*  OAPR -24 

*  OAPR -26 


20  00  SO  00  60  00 

NET  THRUST  (KNt 


FIGURE  8:  S.F.C.  VS  THRUST  AT  MACH  0.6/3.05  KM 
IFPR  CONSTANT  AT  SLS  CONDITIONS) 
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REHEAT  SYSTEM 
AND  ACCESSORIES 
( 28*/.) 


CONTROLS  SYSTEM 
AND  ACCESSORIES 
( 26V.) 


TURBINE  SYSTEM 
AND 

COMBUSTION  CHAMBER 
(24V.) 


COMPRESSION  SYSTEM 
AND 

BYPASS  DUCT 
(22V.) 


FIGURE  13:  MASS  BREAKDOWN  OF  TYPICAL  REHEATED  MILITARY  ENGINE 


OISCUSSION 


A.  LARDELLIER,  Fr 

Does  the  breakdown  of  weight  include  equipments  and  nozzle  ?  Which  ty¬ 
pe  of  nozzle  was  assumed  ? 

Author's  Reply 

Yes,  the  weight  includes  the  nozzle  and  accessories.  A  variable  area 
convergent  nozzle  was  assumed,  both  for  the  weight  and  also  for  the  thrust 
and  discharge  coefficients  used. 
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SPECIFICATION  DU  MOTEUR  ET  DE  SES 
COMPOSANTS  A  PARTIR  DES  MISSIONS  DE  L'AVION 


par 


A.LardelLier  et  J.Dufau 
S.N.E.C.MA. 
Centre  de  Villaroche 
77550  Mousy  Cramayel 
France 


1  -  INTRODUCTION 

Le  souci  de  definir  avec  precision  les  caracteristiques  de  taille  et  de  cycle  du 
moteur  afin  de  pouvoir  specifier  ses  composants  est  depuis  toujours  une  necessite 
pour  le  motoriste. 

La  SNECMA  a  procede  dans  le  passe  a  des  etudes  parametriques  utilisant  des  modeles 
simplifies  d' avion.  Ces  etudes  ont  permis  de  definir  des  1976  le  cycle  du  moteur 
M88  que  nous  connaissons  aujourd'hui. 

II  est  apparu  necessaire  de  disposer  d'un  outil  d’estimation  plus  performant,  afin 
de  mieux  prendre  en  compte  les  exigences  operationnelles .  Celui-ci  fait  l'objet  de 
la  presentation  qui  suit. 

2  -  METHODE 


Le  cout  et  la  duree  de  developpement  d'un  avion  de  combat  et  de9  systemes  associes 
{radar,  moteurs  etc.)  necessitent,  des  le  stade  de  1  ’ avant-pro jet ,  1 ' uti 1 isation 
d’outils  puissants  permettant  d ' apprehender  suf f isamment  tot  les  technologies  ne- 
cessaires  a  sa  realisation.  Le  motoriste  n* echappe  pas  a  cette  regie  lorB  de  la 
conception  des  moteurs  de  la  generation  future. 

L’ integration  cel lule-moteurs  doit  etre  realisee  avec  les  objectifs  suivants  : 

-  realisation  des  missions  assignees  a  1’ avion 

-  cout 8  minimaux. 

Afin  de  repondre  a  ces  criteres,  la  SNECMA  s'est  dotee  d'un  outil  d'aide  a 
1 ' optimisation  des  cycles  moteurs.  Celui-ci  permet  de  calculer  les  tailles  avions 
et  moteurs  en  vue  de  realiser  une  mission  donnee. 
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Son  organigramme  general  est  la  suivant  : 

-  calcul  du  cycle  moteur 

-  calcul  de  la  masse  et  encombrement  rooteur 

-  calcul  de  1* avion  (masse  et  aArodynamique) 

-  calcul  de  la  mission. 

On  notera  que  le  calcul  de  la  masse  et  de  1 1 encombrement  du  tnoteur  depend  essen- 
tiel lament  de  son  debit  total  ;  en  ca  qui  concerns  1* avion,  sa  masse  ainsi  que  ses 
caracter istiques  aArodynaniiques  dependent  de  la  taille  des  moteurs,  de  ses  capaci- 
tes  d'eraport  de  carburant  interne  et  de  sa  configuration  aArodynamique. 

En  regie  generale  la  taille  du  moteur  (debit)  est  fixee  par  la  realisation 
d' exigences  operationnelles  telles  que  distance  de  dAcollage,  facteurs  de  charge 
au  combat,  limite  du  domaine  de  vol  requis. 

La  taille  de  1’ avion,  A  moteurs  donnes  depend  alors  essentiellement  de  sa  capacite 
A  realiser  ses  missions  sur  plein  interne. 

La  raethode  de  resolution  est  representAe  figure  n*  1. 

Lea  calculs  du  cycle  thermodynamique  ne  feront  pas  l'objet  de  developpement  parti* 
culier  au  cours  de  cet  expose.  On  supposera  disponibles  les  reBultats  suivants, 
necessaires  a  la  suite  du  calcul  s 

-  pousseea  specifiques  et  consomraat ions  specifiques  au  plein  gaz  sec  et  plein 
gaz  avec  postcombustion, 

-  consommations  spAcifiques  aux  pouasees  necessaires  en  regime  de  croisiAre. 

*  paramAtres  internes  de  fonctionnement  tels  que  temperatures  et  pressions  issue 
de  chaque  composant. 

Nou 8  nous  interesserons  par  contre  au  fonctionnement  et  aux  resultats  issus  des 
autres  phases  du  calcul  s 

*  dimens ionnement  moteur, 

-  dimens ionnement  avion, 

-  calcul  des  missions. 

2.1.  PIMENS IONNEMENT  DU  MOTEUR 


Celui-ci  est  effectuA  en  deux  phases  r 

-  dimens ionnement  aArodynamique, 

-  dimens ionnement  mAcanique. 

2.1.1.  Dimens ionnement  aArodynamique 


Le  diroens ionnement  aArodynamique  des  composanta  realise  en  avant- 
projet  est  basA  sur  des  mAthodea  monodimensionnelles  de  calcul  des 
veines  des  principaux  composants  ( compresseurs  et  turbines). 


Cependant  les  resultata  qui  en  aont  issue  sont  compatibles  avec 
1* experience  SNECMA  des  constituanta  des  moteurs  militaires  actuels 
LARZAC,  M5'3 ,  M88 . 

L' utilisateur  du  logiciel  fournit  Isa  hypotheses  servant  au  dimenBion- 
neroent  tel les  que  : 

-  debit  specif ique  a  1' entree  et  4  la  sortie  du  composant, 

-  charge  par  etage  (compresseurs  et  turbines), 

-  vitease  maximale  en  bout  d’aubage, 

-  rapports  de  nvoyeux. 

Lea  donnees  aupplementairea  proviennent  du  cycle  thermodynamique .  On 
peut  citer  parmi  celles-ci  ; 

-  taux  de  compression  ou  de  detente, 

-  rendement, 

-  debit  reduit  d’ entree, 

au  point  de  dimenaionnement  pour  cheque  compresseur  ou  turbine. 

Le  programme  determine  alors  le  nombre  d'etages,  et  la  veine  aerodyna- 
mique  du  compoaant,  le  nombre  d'aubea  (rotor  et  stator)  et  la  vitesae 
de  rotation. 

Le  dimenaionnement  aerodynamique  eat  assort!  de  deux  contraintea  : 

-  4galit£  dea  vitesses  de  rotation  des  composants  d‘un  meroe  corps, 

-  compatibility  dea  veinea  entre  lea  differents  corps. 

L* ensemble  des  dimensions  eat  alora  tranafere  aux  programmes  de  dimen- 
sionnement  mecanique. 

2.1.2.  Dimens ionnement  mecanique 

Outre  les  donnees  geometriques  issues  de  l'etape  precedente, 
1’ execution  de  ce  programme  necessite  : 

-  la  definition  de  la  technologie  de  realisation  de  chaque  compo- 
sanL, 

-  les  hypotheses  sur  les  materiaux  utilises,  en  fonction  de  l'epoque 
vis£e. 

A  dAfaut  de  definition  explicits  de  ces  donnees,  le  programme  choisit 
les  materiaux  de  chaque  composant  en  fonction  des  temperatures  inter¬ 
nes  en  cherchant  tou jours  A  minimiser  la  masse. 


Dans  l’hypothese  ou  les  regimes  et  dimensions  des  composants  des  en¬ 
sembles  tournanu®  du  moLeur  s  averent  i..corapatil»it*®  avec  les  caracte- 
ristiques  mecaniques  du  meilleur  mater iau  disponibl'*  le  programme 
calcule  les  caracteristiques  du  materiau  pour  savoir  realiser  le  di- 
mensionnement  mecanique.  Si  1 ' accroisseraent  des  caracteristiques  des 
matAriaux  depasse  la  valeur  previsible  a  1 'horizon  vise,  il  est  neces- 
saire  de  redefinir  la  veine.  La  logique  de  calcul  est  explicitee  figu¬ 
re  n®  2. 


Les  programmes  aerodynamiques  traites  sont  les  suivants  : 

-  Compresseur  BP 

-  Compresseur  HP 

-  Turbine  BP 

-  Turbine  HP. 

Le  dimensionnement  mecanique  porte  sur  s 


-  Compresseur  BP 

-  Compresseur  HP 

-  Turbine  BP 

-  Turbine  HP 

-  Aube s 

-  Carters. 

Le  canal  de  post-combustion  et  la  tuyere  ne  figurent  pas  parmi  les 
programmes  de  dimensionnement.  Cependant  leur  masse  est  estimee  au 
moyen  d'une  loi  simple  en  fonction  du  debit  moteur. 

Les  resultats  fournis  par  cette  phase  de  calcul  sont  : 

-  dessin  simplifie  du  moteur  (voir  figure  N®  10), 

-  masse  du  moteur, 

-  centre  de  gravite  du  moteur. 

2.2.  MODELISATION  DE  L' AVION 


Au  cours  du  deroulement  de  cette  partie  du  programme  sont  evaluees  les  don- 
nees  necessaires  aux  calculs  des  missions,  a  savoir  : 

-  masse  de  1* avion, 

-  capacite  d'emport  carburant, 

-  caracteristiques  aerodynamiques  : 

-  coefficient  de  trainee, 

-  surface  de  reference, 

-  trainees  des  emports  externes. 


Le  calcul  d'un  avion  s'effectue  A  partir  de  la  taille  des  moteurs  qui 
l’equipent  et  de  la  formule  desiree  pour  la  cellule  (voir  figure  n®  3). 


Outre  le  crit&re  d' emport  de  carourant  interne  fixe  pour  la  realisation  dee 
missions  qui  lui  sont  assignees  deux  contraintes  internes  permettent  de  figer 
la  geom^trie  s 

-  respect  de  la  loi  dee  aires, 

-  centrage  donnant  une  marge  statique  negative  donnee. 

Le  choix  de  ce  critere  a  AtA  dictA  par  la  tendance  actuelle  sur  les  avions  de 
combat  et  se  justifie  par  la  nAcessitA  d'agilitfe  au  combat. 

Les  paramAtres  qui  interviennent  dans  la  realisation  d'un  avion  sont  tree  nom- 
breux  aussi  le  programme  a-t-il  At6  congu  en  vue  d’ of fir  deux  modes  de  fonc- 
tionnement  : 

-  avion  de  geometric  extern®  "connue", 

-  avion  "nouveau". 

Dans  le  second  cas,  le  plus  frAquemroent  rencontrA  lors  d'une  4tude  parametri- 
que  "cycle  -  avion  -  mission"  les  donnees  gAometriques  sont  calculAes  a  par- 
tir  de  correlations  statistiques  Atablies  sur  les  avions  existants. 

Parmi  les  choix  principaux  offerts  a  1 ' utilisateur  nous  pouvons  citer  : 

-  choix  de  la  motor isation, 

-  choix  de  la  formule  aerodynamique, 

-  choix  du  type  et  de  1 'emplacement  des  entreeu  d'air, 

-  choix  parmi  un  catalogue  de  l'armement  emporte  et  de  1 ' emplacement  de 
1  *  emport , 

-  choix  de  1' emport  externe  de  carburant  si  celui-ci  eat  necessaire  a  la 
realisation  de  la  mission, 

-  choix  du  domaine  de  vol  et  pluB  particulierement  Mach  maximum  realisable 
A  1' altitude  de  36  090  ft. 

La  logique  de  constitution  de  1' avion  s'appuie  sur  des  contraintes  gAomAtri- 
ques  simples  qui  permettent  d ' apprehender  les  dimensions  de  chaque  "partie", 
ainsi  : 

-  la  taille  des  moteurs,  leur  debit,  leur  nombre  et  le  Mach  maxi  du  domaine 
de  vol  permettent  de  determiner  la  taille  et  la  longueur  des  entrees 
d'air  (fonction  de  leur  emplacement  sur  la  cellule)  : 

-  la  visibilite  arriAre  du  ou  des  pilotes  permet  de  determiner  le  diAdre 
minimum  de  la  voilure  ou  son  allongement  maximum  ; 

-  la  largeur  et  la  longueur  du  cockpit  sont  determinAe*  par  1'emploi  de  ma- 
tAriels  existants  ; 

-  le  volume  et  le  diamAtre  de  la  pointe  doivent  permettre  1’ utilisation 
d'un  radar  de  combat  ; 


la  cellule  doit  dAgager  un  espace  suffisant  A  1 ' escamotage  du  train. 
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Les  allongements ,  ef filaments  et  epaisseurs  relative*  de  voilure,  empennage, 
derive  ou  plane-canard*  eont  fixes,  sauf  indication  contraire,  par  le  choix 
de  la  formule  aerodynamique  (voir  figure  n“  4). 


Le  calcul  de  la  geometric  de  1' avion  est  egalement  assort i  d'une  estimation 
de  sa  masse  et  de  ses  caracteristique*  aerodynamique*. 

L’ evolution  des  materiaux  de  construction  des  cellules  d'aeronefs  nous  a  con¬ 
duit  k  offrir  la  possibility  d' utilisation  de  materiaux  composites  sur  cer- 
taines  parties  de  1* avion. 

Ce  sous-programe  fournit  un  schema  de  l'avion  (figure  n*  11). 

2.3.  CALCUL  DES  MISSIONS 

Les  donnees  du  calcul  des  missions  peuvent  etre  dissociees  en  deux  families  : 

-  donnees  issues  des  phases  precedentes, 

-  donnees  propres  k  la  definition  des  missions. 

La  premiere  famine  est  constitute  par  : 

-  les  performances  du  moteur, 

-  la  masse  de  l’avion, 

-  la  quantite  de  carburant  emportee, 

-  les  caracteristiques  aerodynaraiques  de  l'avion. 

La  seconde  famille  se  presente  comme  1 ' enchainement  sequentiel  de  phases  dis¬ 
cretes  : 

-  decollage, 

-  acceleration  a  altitude  constante, 

-  montee  a  vitesse  ou  Mach  constant, 

-  croisiere  a  vitesse  constante, 

-  largage  des  charges  externes, 

-  calcul  de  performances  ponctuelles, 

(vitesse  ascensionnelle,  marge  et  limite  de  manoeuvre). 

Les  caracteristiques  de  chaque  phase  de  mission  peuvent  etre  soit  dee  donnees 
du  probiyme  (cas  de  la  recherche  d’un  cycle  et  d'un  avion  adapte)  soit  des  in- 
connues  (recherche  de  1' impact  sur  la  mission  de  variations  de  caracteristi¬ 
ques  moteur  par  example) . 

2.4.  RE8ULTATS 

Pour  un  cycle  donne  les  resultats  sont  constitues  par  : 

-  la  taille  du  moteur  et  sa  masse, 

-  un  plan  simplifie  de  la  veine  sur  lequel  figurent  nenamoins  les  principa- 
les  caracteristiques  des  composants  (norabre  d'aubes,  materiaux,  contrain- 
tes  et  temperature  metal), 

-  la  taille  de  l'avion  et  son  bilan  de  masse, 

-  un  plan  trois  vues  simplifiy  de  l'avion. 
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3  -  VALIDlTg 


Ce  logiciel,  relativement  complex©,  Atant  base  sur  des  lois  statistiques  pour  ce 
qui  concern®  la  dAfinition  de  1' avion  et  de  ses  caractAristiques  se  dev&it  d'etre 
validA  et  AtalonnA  si  nAcessaire  sur  des  avions  existants. 

La  validation,  effectuAe  en  trois  Atapea  A  portA  sur  : 

-  le  calcul  des  masses  et  des  capacitAs  d'emport  interne  en  carburant, 

-  la  precision  de  determination  des  caracteristiques  aerodynamiques  des  avions, 

-  la  credibility  et  la  precision  des  rAsultas  de  calcul  des  missions. 

Lea  deux  premieres  Stapes  ont  AtA  elles-memes  dAcoraposAes  en  deux.  Le  calcul  s'est 
deroule  une  premiAre  fois  en  figeant  toutes  les  caracteristiques  gAomAtriquea  con- 
nues  des  avions  sur  lesquels  a  ports  la  validation  puis  une  deuxiAme  fois  avec  en 
unique  donnee  les  tailles,  masse  et  debit  du  moteur  equipant  la  cellule. 

La  troisiAme  4 tape  a  Ate  effectuAe  en  ne  fournissant  outre  les  donnAes  de  la 
mission,  que  les  caractAristiques  thermodynamiques  du  cycle  (TET,  taux  de 
dilution,  taux  de  compression  global,  taux  de  PC). 

Apr A 8  quelques  modifications,  le  logiciel  aujourd'hui  en  usage  fournit  deo  resul- 
tats  se  situant  dans  une  fourchette  de  ±  5  %  autour  de  la  realite,  au  rooins  en  ce 
qui  concerne  les  formules  aerodynamiques  validAes  : 

-  delta 

-  delta  canards 

-  double  delta  canards 

-  aile  haute  en  fleche  +  empennage. 

4  -  APPLICATION  PE  LA  MBTHODE 


La  mAthode  decrite  precedenxnent  permet  de  realiser  d'autres  types  d* etudes  que  l'on 
peut  regrouper  en  trois  ensembles  principaux  : 

-  Missions  donnAes  s  cycles  et  avions  variables 

-  Avion  et  missions  figAs  :  influence  du  cycle 

-  Avion  et  cycle  donnes  :  calcul  des  missions. 

Nous  vous  proposons  de  montrer  ici  trois  exemples  d* application  de  la  mAthode  : 

-  influence  de  la  masse  moteur  A  type  d' avion  et  mission  donnes  ; 

-  influence  du  taux  de  post- combust ion  sur  une  mission  de  croisiAre  supersonique 

-  influence  des  paramAtres  de  mission  sur  le  cycle  et  la  taille  de  1' avion. 
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4.1.  INFLUENCE  DE  LA  MASSE  DU  MOTEUR 

II  est  communeraent  admis  quo  la  cout  d 1  acquisition  d'un  avion  militaire  eat 
proport ionnel  A  sa  masse  a  vide.  La  recherche  pour  les  moteurs  du  meilleur 
rapport  poussee  sur  masse  repond  aussi  A  cet  objectif.  II  a  paru  interessant 
de  chiffrer  les  repercussions  sur  la  taille  d'un  avion  rempliesant  son  Aven- 
tail  de  missions  d'une  variation  de  masse  des  moteurs  l'equipant.  Cette  eva¬ 
luation  a  ports  sur  une  mission  d'attaque  au  sol  de  type  LO  -  LO  -  LQ  avec  un 
avion  bimoteur  de  formule  double  delta  canards  en  supposant  que  la  marge  sta- 
tique  devait  etre  conserve*. 

L* augmentation  de  masse  du  moteur  se  traduit  par  une  augmentation  de  taille 
et  done  de  masse  de  1 ' avion  que  l'on  peut  attribuer  a  : 

-  conservation  de  la  marge  statique, 

-  eraport  supplementaire  de  carburant  (plein  interne)  necessaire  a  la  reali¬ 
sation  de  la  mission. 

Pour  un  avion  bimoteur,  on  retiendra  qu'une  augmentation  de  5  %  de  la  masse 
de  cheque  moteur  se  traduit  au  total  par  ♦  1,4  %  masse  environ  sur  la  cellule 
et  +  2,75  %  de  carburant  en  plus  soit  au  total  2,2  %  sur  la  masse  a  la  mise 
en  route  (figure  n*  5). 

Une  possibility  interessante  du  modele  est  de  pouvoir  etablir,  dans  le  cadre 
d ' utilisations  semblables  a  cet  exemple,  des  coefficients  d' influence  liant 
performances  moteur,  performances  avion  et  criteres  de  mission. 

Nous  avons  calcule  sur  cette  mission  LO-LO-LO  1 'amelioration  de  consommation 
specif ique  qui  permettrait  de  compenser  1 ' accroissement  d’emport  de  carburant 
calcule  auparavant. 

L' augmentation  de  masse  de  mise  en  route  est  minimale  lorsque  l'on  assure  le 
centrage  sans  augmenter  la  capacite  d'emport  de  carburant.  Dans  cette  hypo- 
these  il  est  necessaire  de  diminuer  la  consommation  specifique  du  moteur  de 
1  %  (voir  figure  n"  5). 

4.2.  INFLUENCE  DU  TAUX  DE  POST- COMBUST I ON 

En  regie  generale,  sur  les  avions  de  combat  super soniques,  1 ' acceleration  et 
la  croisiere  au  dela  de  M  *  1  sont  effectuees  avec  post-combustion  (soit  au 
plein  gat  PC  soit  en  intermediaires  PC).  II  faut  cependant  remarquer  que  les 
temps  de  fonctionnement  dans  ces  conditions  sont  restraints,  les  missions  qui 
nAcessitent  ce  type  de  fonctionnement  Atant  principalement  des  missions  de 
type  interception  a  haute  altitude.  Le  problems  devient  different  lorsque 
l’on  demands  a  1' avion  de  pouvoir  croiser  en  super sonique  pendant  de  longues 
distances. 

On  peut  alors  s'interroger  sur  1'intAret  d'ameliorer  les  consommations  kilo- 
mAtriques  de  1’ avion  en  adoptant  des  moteurs  sans  post-combustion.  Une  etude 
visant  A  Avaluer  les  tallies  des  avions  ainsi  AquipAs  a  Ate  realisee  au  moyen 
du  logiciel  Avion  -  Moteur  -  Mission. 
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La  mission  choisie  pour  effectuer  la  comparaison  se  decompose  corane  suit  : 
MISSION  CROISIERE  SUPERSONIQUE 

-  Decollage  PG  PC 

-  Montie  a  1 'altitude  et  au  Mach  de  croisiere 

-  Croiai&re  superaonique  aur  70  %  du  rayon  d‘ action 

-  Combat  A  36  000  ft  ;  M  1,8 

-  Retour  aymetrique 

Deux  rayons  d* action  ont  ete  envisages  : 

Rl  -  600  Nra 
R2  »  400  Nm. 

Le  Mach  de  croisiire  choiai  a  ete  H  ■  1,6  a  Z  ■  50  000  ft. 

Les  moteurs  sees  double  corps  -  double  flux  melanges  sur  lesquels  a  porte 
1' etude  sont  defavorises  par  1' evolution  du  taux  de  dilution  dans  le  domaine 
de  vol.  Ceci  conduit  a  un  rapport  Fcombat/Pdecollage  plus  faible  que  celui 
des  moteurs  avec  post-combustion. 

Le  point  dimensionnant  n'est  plus  alors  la  capacite  A  realiser  le  rayon 
d' action  mais  le  facteur  de  charge  a  Z  *  36  090  ft,  M  *  1,8. 

Les  tailles  des  avions  et  des  moteurs  strictement  necessaires  a  realiser  le 
rayon  d* action  ne  permettent  pas  d’ assurer  le  taux  de  virage  au  combat. 

Les  resultats  figure  n*  6  montrent  que  le  gain  obtenu  par  1 ’ amelioration  de 
Cs  en  croisi&re,  sur  la  mission  consideree,  ne  se  repercutent  pas  sur 
1' avion.  La  cause  principale  est  1 ' accroissement  du  debit  moteur  necessaire. 

4.3.  INFLUENCE  DES  PARAMETRES  DE  MISSION 

La  mission  de  penetration  supersonique  decrite  au  paragraphe  precedent  a  ega- 
lement  servi  de  support  a  une  etude  visant  a  chiffrer  1’ influence  sur  1' avion 
et  le  moteur  des  deux  principaux  paramAtrea  de  la  mission  a  savoir  le  Mach  de 
croisiere  et  le  pourcentage  de  rayon  d* action  effectue  en  supersonique. 

Le  cycle  thermodynamique  des  moteurs  defini  par  s 

\  -  0,3 

x  BP  -  4,2 
*  GL  -  26,5 
TPC  -  2100*K 


a  Ate  choisi  lore  d'une  etude  preliminaire. 


V 

* 

6 


i 

i 


La  formula  aerodynamique  de  1 'avion  :  double  delta-canards  ;  bimoteur. 


Les  masses  au  decollage  dea  avions  obtenus  sont  plus  sensibles  au  pourcentage 
de  penetration  supersonique  a  effectuer  qu'au  norobre  de  Mach  auquel 
s'effectue  la  mission  (voir  figures  n*  7,  n*  B  et  n*  9). 

CONCLUSION 

L* integration  des  le  stade  avant-projets  des  contraintes  operationnelles  definies 
par  lea  objectifs  de  missions  et  la  prise  en  compte  des  caracteristiques  de  masse 
et  d ‘ aerodynamique  des  avions  de  combat,  permet  : 


*  de  definir  le  cycle  moteur  le  mieux  adapte  a  1* ensemble  des  missions  a  reali- 
ser. 

*  de  cerner  les  difficult&s  technologiqueB  de  realisation  du  moteur  (materiaux, 
tallies )  , 


de  chiffrer  lea  consequences  d‘ evolutions  des  parametres  moteurs  sur  la  reali¬ 
sation  des  moteurs. 
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FIOURE  5  INFLUENCE  DE  LA  MASSE  OU  MOTEUR 
EFFECT  OF  fWNUBgff 


FIOURE  « 


COMPAftAtSON  MOTEUR  SANS/AVEC  POST  COMBUSTION 

SAME  COTAJKSOK  WTTH/WfTMOUT  AM 


■OUT 

A  womKT* 

•  « 

♦  M« 

♦  in  « 

• 

■  % 

♦  1 « 

• 

-  1  * 

A  A/C  MKMWT 

*  44  * 

A  Bwano* 

A  LOAD  FACTO* 

-  ST  % 

FIOURE  7  :  EVOLUTION  DE  LA  MASSE  AVION 
CHAMQE  OF  A/C  WOQHT 

rm*r  mm 

Amdurr  memm» ct  «»  KMrntt  now  imcm  r.« 


FIGURE  6  :  COMPARAISON  DES  SURFACES  OE  VOttJJRE 
COMPARISON  OF  MNO  AREAS 
AtHCBAFl  HEffiinci  >0%  mmAnw  IMCM  IS 

*■»'»**  *' 


1.1- 

1.4- 

1.5- 
1.x- 
1.1- 
1.0- 


FIGURE  9  :  EVOLUTION  DU  DEBTT  MOTEUR 
CHAUCX  OF  EMQtME  FlOwnATE 


noioi  ri/nMii  r*  m 


AmcHAfr  xerximce  aox  tomtom  no*  mac*  ».« 
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FIGURE  lot:  COUPC  DU  MOTEUR  OOTEMJE  ARMS  I 


FIGURE  11  :  DESSM  DE  L'AVKM 

*maUFT  COMFMUUnOE 


DISCUSS I OK 


A.S.  UCER,  Turkey 

Could  you  give  some  examples  of  the  data  necessary  to  characterize  the 
aircraft  and  mission  on  the  computer  ? 


Reponse  de  V Auteur 

Les  donnees  propres  a  la  mission  ne  sont  pas  tres  nombreuses.  Elies 
concernent  essentlellement  les  performances  ponctuelles,  tel les  que  : 

-  distance  au  decollage 

-  facteurs  de  charge  en  combat 

-  llmltes  de  manoeuvre 

D'autres  donnees  sont  relatives  aux  vltesses  de  montee  de  T avion,  a 
l'altitude  de  crolslere  et  aux  accelerations. 


APPLICATION  OF  HIGHLY  LOADED  SINGLE-STAGE  MIXED-FLOW  COMPRESSORS 
IN  SMALL  JET-ENGINES 


*) 

R.  Monig  ,  K.D.  Broi 

*  ) 

Inatitut  Ciir  Strahlantr iebe  und 
Turboarbeitsmaschinen ,  RWTH  Aachen 
Teraplergraben  55 
5100  Aachen,  West  Germany 


♦  >  *  ) 
hhausen  ,  H.E.  Gallua 


♦ ) 

Motoren-  und  Turbinen-Union 
Munchen  GmbH 
Dachauer  Str.  665 
8000  Munchen  50,  West  Germany 


Summary 

The  predominant  requirements  on  small  jet-engines  are  high  power-to-weight  ratio  and  low 
specific  fuel  consumption  in  combination  with  structural  simplicity.  The  consequent 
demands  on  the  compressor  can  be  fulfilled  either  by  a  conventional  two-stage  unit  or  by 
an  extremely  loaded  single  stage.  This  single  stage  'ompressors  has  to  be  able  to  perform 
a  sufficiently  large  massflow  and  total  pressure  ratio.  Consequently  the  application  of  a 
mixed-flow  compressor  with  supersonic  flow  at  rotor-  and  stator-inlet  (supersonic  mixed- 
flow  compressor)  turns  out  to  be  advantageous.  The  conception  of  a  jet-engine  with  a 
supersonic  compressor  demonstrates  the  significantly  reduced  size  compared  to  other 
engines  of  the  same  thrust  class. 


Nomenclature 


cQ  flight  speed 
D  diameter 
F  thrust 

F  specific  fuel  consumption 
H  height 

h  specific  enthalpy 
M  Mach  number 
m  massflow 
n  rotational  speed 

Q  heat  of  reaction 

Subscripts 

C  compressor 
CC  combustion  chamber 
F  fuel 
I  intake 
m  mean 
m  mechanical 
NO  nuzzle 
r  relative 
s  lsentropic 


T  temperature 
u  circumferential  speed 
Y  ut i 1 izable  comp,  power 
a  absolute  flow  angle 
relative  flow  angle 
u  hub/tip  ratio 
k  ratio  of  specific  heat 

t  pressure  ratio 

17  efficiency 


t  total 

0  stagnation  properties 

1  upstream  of  rotor 

2  upstream  of  stator 

3  downstream  of  compressor 

4  upstream  of  turbine 

5  upstream  of  turbine  rotor 

6  downstream  of  turbine 


1.  Introduction 


The  overall  dimensions  of  jet-engine  compressors  used  in 
engines  are  strongly  limited  by  application  purposes, 
loaded  compressor  stages  are  required,  in  order  to  obtain 
a  low  specific  fuel  consumption. 


small  turbojet  and  turboshaft 
Thus  for  these  engines  highly 
a  high  total  pressure  t  '  !».  and 


Tab.  1  outlines  the  charactenst  ic  features  of  various  small  jet-engines  / 1 , 2  /  *  The 
specific  fuel  consumption  is  mainly  placed  in  the  range  between  105  and  130  kg/kNh.  Only 
the  two  bypass-engines  (K  and  N)  have  a  considerably  lower  fuel  consumption.  Generally 
efficiency  of  jet-engines  tends  to  become  slightly  better  with  increasing  power.  In  the 
observed  class  of  engines,  however,  a  significant  and  uniform  dependence  of  fuel  con¬ 
sumption  on  the  available  thrust  is  not  observed. 


Regarding  the  compressor,  the  considered  engines  can  be  devided  into  two  main  classes. 
The  lowest  thrust  class  is  characterized  by  use  of  single  stage  centrifugal  compressors. 
Multistage  compressors  are  commonly  used  in  the  upper  thrust  range  beyond  2.5  kN. 


Fig.  1  reveals  that  the  massflow  increases  in  a  nearly  linear  way  with  the  static  thrust. 
The  turbine  inlet  temperatures  ,  commonly  placed  between  1040  and  1280  K,  is  only  of 
secondary  importance  with  respect  to  the  required  massflow.  The  engines  with  compara- 
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tively  high  massflow  and  low  turbine  inlet  temperatures  (SOT)  are  placed  in  the  upper 
range  of  the  screened  region.  Engines  with  higher  SOT  are  located  near  the  lower  limiting 
line. 

The  low  massflow  of  less  than  2.5  kg/s  m  the  thrust  class  beneath  1.5  kN  can  be  easily 
performed  by  conventional  single  stage  centrifugal  compressors.  The  increased  massflow  of 
^et-engines  with  higher  thrust  requires  the  application  of  axial  flow  low  pressure  stage** 
or,  at  least,  advanced  conceptions  of  transonic  centrifugal  compressors  (engines  S  and 
X)  . 

The  average  stage-characteristics  of  tne  various  compressor  units  are  presented  in  Fig. 
2.  Gas-generators  with  multi-stage  axial  flow  compressors  commonly  have  a  stage  pressure- 
ratio  m  the  range  of  1.2  to  1.6.  Their  design  massflow  is  generally  situated  between  5.0 
and  8.0  kg/s. 

The  application  of  two-stage  axial  f low/cent r i fuga 1  compressors,  however,  leads  to  an 
average  stage  pressure  ratio  of  about  2.5  and  a  lower  massflow  between  1.0  and  6.0  kg/s 
(exception:  engine  Y  with  a  massflow  of  13.5  kg/s). 

The  pressure  ratio  of  single  stage  centrifugal  compressors  is  generally  placed  beyond  3,5 
(except  engine  A,  having  a  pressure  ratio  of  2.8).  In  most  cases  their  massflow  is  lower 
than  2.0  kg/s  (exception:  engines  X  and  S,  having  a  massflow  of  9.6,  respectively  5.8 
kg/s). 

Another  point  of  interest  is  the  util  liable  power  Y,  added  to  the  flow  by  each  compressor 
stage  (Fig. 2).  For  the  subsequent  classification  a  stage  efficiency  of  R6^  and  an  inlet 
temperature  of  280  K  is  assumed.  It  is  obvious  that  the  power  of  most  compressor  stages 
in  small  jet-engines  is  located  in  the  range  of  100  to  500  kw.  Only  a  few  engines  have  a 
lower  (A)  or  considerably  higher  (S,  X,  Y)  power  per  stage  between  1000  and  1500  kW. 
This  category  of  increased  power  is  also  reached  by  supersonic  axial  flow  compressors. 

These  engines  are  characterized  by  supersonic  velocities  f ron  hub  to  tip  in  at  least  one 
axial  gap  of  the  stage.  Prior  developments  of  different  compressor  types  at  N’ACA  3  , 
ONERA  ' 4 /,  AFARL  /5/  and  the  RWTH  Aachen  -6  revealed: 

*  impulse-type  rotors  with  supersonic  inlet  and  exit  flow  are  appropriate  for  a  high 
total  pressure  rise  at  high  efficiency,  but. 

*  the  high  supersonic  Mach  numbers  (M  =  1.7)  of  t  ho  absolute  flow  lead  t o  high 

shock  and  separation  losses  in  the  stator  and  unsatisfying  stage  efficiency  7  . 

*  Shock-rotors  operating  with  a  strong  shock  ~s'av<»  m  the  j  n  let -sect  j  on  and  a  criti¬ 
cal  rotor  outlet  normally  have  a  slightly  lower  efficiency,  but 

*  the  subsonic  axial  flow  and  moderate  supersonic  absolute  flow  (M  =  1.4)  upstream 

of  the  stator  leads  to  a  superior  stage  efficiency  and  uncritical  off -design 
performance  -8'. 

The  design  point  of  such  a  supersonic  axial  flow  compressor  with  shock-rotor  is  narked  by 
the  solid  square  in  Fig. 2.  The  essential  features  of  this  compressor  stage  are  shown  in 
Fig. 3.  The  relative  velocity  at  rotor  inlet  and  the  absolute  velocity  at  stator  inlet  is 
supersonic.  The  tandem  stator  proved  to  be  necessary  in  order  to  combine  high  diffusion 
with  high  flow  turning  at  satisfy  ing  ef f j c iency .  The  design  point  is  narked  by: 


* 

rotational  speed 

no 

2  30  4  3  tg *n 

* 

inlet  Mach  number 

Mi 

0.69 

* 

exit  Mach  number 

Mir 

0.48 

* 

corrected  massflow 

m 

11.7  kg's 

* 

total  pressure  ratio 

3 . 0  5 

* 

total  efficiency 

fit 

8  2.0  * 

These  design  data  are  validated  by  experimental  rig-tests  9  .  This  conception  addit  i<>n- 
ally  promises  to  be  convenient  for  compressors  with  an  even  higher  specific  power.  For  an 
application  as  single  stage  compressor  in  a  sma 1 l  jot-engine  the  performance  data  have  to 
be  consistent  with  thermodynamic  requ l rement s  of  the  engine. 


2.  Thermodynamics  of  snail  jet  engines 


According  to  the  appl icat  ions  of  small,  low-cost  jet  -eng i hes  ,  certain  geometrical,  ther¬ 
modynamical  and  also  mechanical  restrictions  have  to  be  considered.  In  the  present  case 
the  following  conditions  were  specified: 


flight  mission  at.  sea  level  with 
hrust  at  flight  conditions 
turbine  inlet  temperature 
outer  diameter 


Mo  0.8 

fo  '  2.7  kN 

Tu  1250  K  (uncooled  blades) 

40  0  mm 


Regarding  these  data  the  subsequent  thermodynamic  study  was  restricted  to  single  shaft 
engines.  Total  pressure  losses  in  intake,  combustion  chamber  and  exit  nozzle  were  consi¬ 
dered  according  to  empirical  data  /IQ/.  The  effiency  of  the  compressor  stage,  generally 
decreasing  with  increasing  total  pressure  ratio,  is  described  by  an  empirical  function’ 

VtS-C  =  1  ~  Ci(Ci  +  JC$  +  (*<  -  Cs)ICi )  (1) 


Cl  =  0.120 
C3  =  7.236 


C2  =  0.901 
C 4  =  7,521 


This  tota 1 -pressure  dependent  maximum  compressor  efficiency  is  shown  in  Fig. 4.  Published 
data  of  investigated  transonic  axial  and  centrifugal  compressor  stages  are  marked  by 
solid  symbols.  The  general  efficiency  trend  is  reproduced  by  the  assumed  function.  Regar¬ 
ding  the  turbine,  efficiency  variations  have  not  been  carried  out.  For  design  purposes 
the  total  efficiency  was  assumed  to  be  88.0  percent. 

Single  stage  supersonic  compressors  of  the  proposed  shock- in-rotor  type  are  expected  to 
be  appropriate  for  total  pressure  ratios  up  to  5.  With  respect  to  a  generalized  optimiza¬ 
tion  the  compressor  total  pressure  ratio  was  varied  between  2  and  10. 

For  a  given  total  pressure  rise  the  same  thrust  may  be  obtained  at  high  massflow  and  low 
turbine  inlet  temperature  or  at  smaller  massflow  and  higher  turbine  inlet  temperature. 
Thus  a  temperature  range  of  1000  K  to  1250  K  waa  covered.  As  a  result  of  these  calcula¬ 
tions,  the  overall  efficiency 


and  the  specific  fuel  consumption 


Fs  —  mp/F 


is  plotted  versus  the  specific  thrust 

a  =  F /(m^/icpTo)  (4) 

in  Fig. 5.  Solid  lines  represent  constant  turbine  inlet  temperatures,  broken  lines  refer 
to  constant  total  pressure  ratios.  It  is  evident  that  the  overall  efficiency  is  primarily 
affected  by  the  total  pressure  ratio.  The  specific  thrust,  however,  mainly  depends  on  the 
turbine  inlet  temperature.  In  order  to  achieve  a  satisfying  efficiency,  a  minimum  total 
pressure  ratio  of  about  4  is  required.  Furthermore,  it  is  obvious  that  at  total  pressure 
ratios  of  about  6  the  decreasing  efficiency  of  single  stage  compressors  nearly  compen¬ 
sates  the  thermodynamic  benefit. 

In  regard  of  the  specified  performance  data  the  necessary  massflow  and  the  specific  fuel 
consumption  can  be  determined  from  Fig. 6.  The  total  pressure  ratio  is  varied  from  4  to  6. 
The  turbine  inlet  temperature  covers  the  range  between  1000  and  1250  K.  In  order  to  check 
the  influence  of  leakage,  a  rated  le.  kage  from  0  to  3  %  at  the  compressor  outlet  has  been 
assumed.  It  is  evident  that  the  s^  cific  fuel  consumption  is  affected  by  leakage  to  a 
high  degree.  Regarding  a  supersonic  compressor  with  a  total  pressure  ratio  of  5:1  zero 
leakage  leads  to  a  minimum  consumption  of  141  gk/kNh.  For  3  %  leakage,  however,  the 
corresponding  fuel  consumption  increases  to  154  kg/kNh.  With  respect  to  the  comparatively 
high  total  massflow  a  reduction  of  the  rated  leakage  to  less  than  3  %  appears  to  be 
probable.  Nevertheless  this  unfavourable  case  was  assumed  for  the  subsequent  geometry 
variations.  In  view  of  a  low  thermal  turbine  loading  the  turbine  inlet  temperature  is 
chosen  to  be  1050  K.  The  necessary  massflow  is  determined  to  be  0.2  kg/s. 

3.  Geometry  of  jet-engines  with  highly  loaded  single  stage  compressors 

The  efficiency  of  supersonic  compressors ,  operating  with  strong  passage-shocks  is  affec¬ 
ted  by  the  inlet  Mach  number  to  a  great  extent.  The  shock  losses  may  be  restricted  to  an 
acceptable  level  only  if  the  supersonic  inlet  Mach  number  is  sufficiently  low.  Thus,  the 
following  aerodynamic  conditions  were  specified  for  the  rotor: 


inlet  absolute  Mach 

number 

Mi 

=  0.7 

inlet  relative  Mach 

number 

=  1.4 

inlet  flow  without  swirl 

Ol 

=  90° 

outlet  relative  Mach 

number 

M„ 

=  1.0 

flow  turning  angle 

«  46° 

As  a  result,  the  corresponding  circumferential  speed  at  the  compressor  inlet  can  be 
det  erm i ned  f  rom 


iaa(atcnn(M\IMir}) 


(5) 
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Conservation  of  energy  leads  to  the  equation  for  the  circumferential  speed  at  the  rotor 
outlet; 


Uin  =  y/D+JT)l-C*/{l-A) 


(«) 


where ; 


_  (K-^tyu^co 

A'  2(I+5?££J 

Mlctx'faRTa 

B=  TT^Wr 

C  =  cf(Tt2  -  Tn) 

D  =  (C(l  -  A)  +  B/2)/(l  -  A) 


Thus,  the  circumferential  speed  at  the  rotor-inlet  and  -outlet  can  be  determined  for  a 
given  total  pressure  ratio,  Mach  number  level  and  flow  angle.  Assuming  total  pressure 
rise,  stage  efficiency,  and  relative  flow  turning  to  be  constant  reveals  that  a  lower 
circumferential  speed  is  required  in  case  of  decreasing  the  relative  outlet  Mach  number. 
This  fact  can  be  easily  explained  by  the  absolute  circumferential  speed  downstream  of  the 
rotor,  increasing  with  higher  diffusion  inside  the  rotor.  Thus  compressor  stages  incorpo¬ 
rating  shock  rotors  generally  need  a  lower  circumferential  speed  compared  to  impulse-type 
stages.  Consequently  the  mechanical  loading  of  shock -rotor  stages  is  considerably  lower. 
Nevertheless  it  is  high  in  comparison  to  conventional  axial  flow  compressors. 

For  the  shock-rotor,  the  variation  of  total  pressure  ratio  with  circumferential  speed, 
mean  outlet  radius  and  rotational  speed  is  shown  in  Fig. 7.  The  broken  lines  -  each  one 
representing  a  constant  outlet  radius  -  are  of  exponential  shape  due  to  the  nearly 
quadratic  dependence  of  rotational  speed  and  energy  transfer.  The  region  of  technical 
relevance  for  single  stage  jet-engine  compressors  is  marked  by  screening. 

The  required  rotational  speed  of  the  compressor  can  be  determined  by  means  of  Fig. 8.  The 
hub/tip  ratio  at  the  rotor  inlet  and  the  absolute  inlet  Mach  number  has  been  varied  in 
the  range  of  0.6  to  0.8.  The  relative  Mach  number  is  1.4.  An  increase  of  the  absolute 
inlet  Mach  number  yields  decreasing  circumferential  speed  with  respect  to  the  constant 
relative  Mach  number.  The  also  increasing  massflow  per  unit  area  'eads  to  a  smaller  inlet 
diameter  at  constant  hub/tip  ratio.  Thus  there  are  two  phenomena  of  reverse  effect  on  the 
rotational  speed.  In  the  observed  Mach  number  range  the  decreasing  circumferential  speed 
is  of  primary  importance.  The  rotational  speed  therefore  decreases  with  increasing  Mach 
number.  For  given  massflow  and  inlet  Mach  number  and  consequently  constant  inlet  cross- 
section,  an  increasing  hub/tip  ratio  of  course  requires  a  larger  mean  radius  and  a  lower 
rotational  speed. 

Conservation  of  mass  additionally  yields  the  blade  height  at  the  rotor-inlet  and  -outlet. 
The  hub-  and  tip-radius  at  the  rotor  inlet,  dependent  on  compressor  massflow  and  rotatio¬ 
ns  1  speed,  is  given  in  Fig. 9.  Increasing  rotational  speed  leads  to  smaller  inlet  radii 
due  to  the  constant  circumferential  speed  predetermined  by  eq .  (1).  In  the  case  of  high 
massflow  and  high  rotational  speed  the  extremely  small  hub/tip  ratios  may  cause  mechani¬ 
cal  problems.  The  increased  blade-height,  on  the  other  side,  is  expected  to  be  favourable 
in  respect  of  the  tip-clearance  and  end-wall  boundary  layer  losses. 

The  corresponding  properties  at  the  rotor  outlet  are  shown  in  Fig. 10.  The  outlet  diameter 
becomes  considerably  large  for  low  rotational  speeds.  A  comparison  shows  that  for  a  given 
rotational  speed  the  outlet  radius  is  always  larger  than  the  inlet  radius,  due  to  the 
higher  circumferential  outlet  speed.  Thus  it  is  evident  that  only  a  mixed  flow  compressor 
is  able  to  satisfy  all  the  requirements.  The  passage  shape  is  influenced  by  the  rotat 10- 
na 1  speed.  The  difference  between  outlet-  and  inlet-radius  decreases  with  increasing 
rotational  speed  due  to  the  constant  ratio  u2m/ulm  and  decreasing  radius. 

Since  the  shaft -speed  affects  the  turbine  geometry  as  well,-  it  is  necessary  to  consider 
the  corresponding  turbine-geometry  before  the  final  lay-out.  For  an  approximate  determi¬ 
nation  of  the  turbine  geometry,  some  additional  conditions  have  to  be  specified: 


inlet  Mach  number 

m4 

=  0.25 

stator  outlet  Mach 

number 

Mi 

-  1.0 

turbine  outlet  Mach 

number 

Mi 

=  0.4 

absolute  flow  angle 

at  stator  outlet 

o# 

*  17° 

absolute  flow  angle 

at  rotor  outlet 

-  90° 
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The  rotational  speed  of  the  turbine  is  already  given  by  the  compressor  speed.  The  assumed 
flow  angles  in  combination  with  balance  of  power  lead  to  the  necessary  circumferential 
speed  at  the  rotor  inlet.  The  required  radius  is  obtained  from  this  circrumferent ial  speed 
and  the  known  rotational  speed.  The  outer  turbine  diameter  is  chosen  to  be  constant. 


Pig.  11  shows  the  compressor  and  turbine  geometry  of  the  proposed  jet-engine  for  various 
hub/tip  diameter  ratios  at  the  compressor  inlet.  The  rotational  speed  decreases  from  the 
left-hand  to  the  right-hand  side.  A  higher  hub/tip  ratio  leads  to  increasing  outer 
diameter  of  compressor  and  turbine.  Furthermore,  the  shape  of  the  mixed  flow  compressor 
becomes  more  radial  and  the  aspect  ratio  of  compressor  and  turbine  decreases  significant¬ 
ly- 


Additionally,  a  remarkable  increase  of  jet-engine  thrust  can  be  performed  by  increasing 
the  massflow.  in  Fig. 12  the  geometry  of  compressor-rotor  and  turbine  is  shown  for  a  jet- 
engine  with  a  thrust  of  5  kN.  The  flow  path  geometry  of  this  engine  is  very  similar 
compared  to  the  smaller  jet-engine.  Thus  increasing  the  static  thrust  is  not  expected  to 
cause  serious  problems. 

Irrespective  of  thrust,  the  rotor  passage  geometry  can  be  expected  to  have  a  significant 
influence  on  the  flow  losses  inside  the  rotor.  A  small  hub/tip  ratio  on  the  one  hand  will 
lead  to  a  comparatively  high  Mach  number  level  at  the  tip  region  of  the  leading  edge  and 
may  therefore  contribute  to  higher  shock-losses.  High  hub/tip  ratios,  however,  lead  to  a 
low  blade  height.  Thus,  losses  caused  by  wall-,  corner-,  and  tip-clearance  effects  may 
rise  considerably.  Therefor,  the  rotor  geometries  of  moderate  diagonal  shape  promise  to 
be  advantageous  with  respect  to  efficiency. 

Fig. 13  shows  a  possible  lay-out  of  a  mixed  flow  supersonic  rotor  for  Freon  operation.  The 
profiles  are  designed  along  quasi-streaml ines  and  stacked  radially  upon  their  centres  of 
mass.  The  profile-  and  passage-design  was  carried  out  by  means  of  a  streamline-curvature 
calculation  method.  The  governing  equations  are  based  on  a  scheme  proposed  by  Novak  /ll/. 
Substantial  modifications  and  extensions,  however,  were  necesssary  in  order  to  achieve 
stability  and  accuracy  for  transonic  and  supersonic  flow  conditions.  Particularly  the 
treatment  of  flow  domains  with  supersonic  axial  flow,  strong  shock-waves  and  near-choking 
conditions  was  subject  to  further  improvements  /9/ .  Additionally,  semi -empirical  models 
were  used  in  order  to  consider  shock-,  boundary  layer-,  and  separation- losses  /8/. 

An  appropriate  supersonic  stator  with  splitter-blades  is  shown  in  Fig. 14.  The  profile 
angles  of  the  stator  will  be  exactly  adapted  to  the  measured  flow  properties  of  the 
rotor.  Additionally,  the  passage-  and  profile-shape  and  the  position  of  the  splitter- 
blades  will  be  optimized  experimentally. 

Based  on  the  preliminary  dimensions  of  mixed-flow  compressor  and  turbine,  two  small  jet- 
engines  are  outlined  in  Fig. 15.  The  static  thrust  of  the  smaller  jet-engine  (marked  by 
screening)  is  approximately  3.7  kN .  The  second  engine  (hatched)  has  a  static  thrust  of 
about  6.8  kN. 


Fig. 16  shows  two  other  jet  engines  having  a  static  thrust  in 
first  one  uses  a  three-stage  axial  flow  compressor,  the  second 
two-stage  axial -f low/centrifugal  compressor.  The  significantly 
jet-engine  with  mixed-flow  compressor  outlined  in  Fig. 15  leads 
city  and  lower  manufacturing  costs. 


the  range  of  3.7  kN .  The 
operates  on  the  basis  of  a 
lower  size  of  the  proposed 
to  a  higher  loading  capa- 


4.  Conclusion 

Single  stage  jet-engine  compressors  have  to  have  a  sufficiently  high  total  pressure  ratio 
in  order  to  fulfill  the  established  standards  regarding  overall  efficiency  and  specific 
fuel  consumption.  Centrifugal  compressors  are  generally  able  to  satisfy  these  demands. 
Nevertheless  the  application  is  restricted  to  engines  with  low  massflow  and  consequently 
low  thrust.  Supersonic  mixed-flow  compressors  are  promising  with  respect  to  a  higher 
massflow  and  likewise  high  total  pressure  ratio.  Thus  the  application  of  single  stage 
compressors  can  be  extended  to  engines  with  increased  thrust.  Furthermore,  the  frontal 
area  of  those  engines  is  considerably  lower  compared  to  engines  with  centrifugal  compres¬ 
sors.  The  overall  length  decreases  significantly  in  comparison  with  jet-engines  using 
multi-stage  compressors.  Thus  mixed  flow  supersonic  compressors  are  expected  to  be  advan¬ 
tageous  with  respect  to  power-to-weight  ratio  and  manufacturing  costs. 
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T0  288  K 


Fig. 8  Required  speed 
for  supersonic 
compressors 
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Fig.  10  Rotor  outlet 

geometry  for  5:1 
compressor 


Fig. 9  Rotor  inlet 

geometry  for  5:1 
compressor 
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Fig. 11  Geometry  of  the  turbo-unit 
for  2.7  kN  engine 
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Horisontal  viewpoint:  0°  Horisont&l  viewpoint:  +30°  Horisontal  viewpoint:  +60° 


Pig. 13  Design  of  a  mixed-flow  compressor  rotor 


Horizontal  viewpoint:  —60°  Horisontal  viewpoint:  -30° 


Fig. 14  Tandem  stator  for  mixed-flow  compressor 


1ST  -  static  thrust  3.7  kN 
1ST  •  static  thrust  6.8  kN 


TURBOMECA  ARBIZON  IV  ■  static  thrust  3.6  kN 


Fig. 16  Small  jet-engines 
with  multi-stage 
compressor 
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DISCUSSION 


Y.  RIBAUD,  Fr 

Travail lez-vous  avec  une  society  Industrlelle  et  avez-vous  con$u  de 
tels  rotors  avec  ecoulement  mlxte  ? 

Author's  Reply 

Concerning  the  first  point  of  your  question,  we  did  not  work  together 
with  an  Industrial  company. 

The  mixed  -  flow  compressor  has  been  designed  and  it  Is  In  construc¬ 
tion  now.  Thus,  experimental  Investigations  In  our  test  rig  have  not  yet  been 
carried  out. 


P.  BELAYGUE,  Fr 

Pourrlez-vous  nous  donner  quelques  precisions  sur  les  limitations  de 
chambre  de  combustion  que  vous  avez  prevues  dans  votre  etude  parametrlque  ? 


Author's  Reply 

Our  work  primarily  deal ed  with  the  design  of  the  mixed-flow  supersonic 
compressor.  This  additional  vlewgraph  shows  an  example  of  compressor,  com¬ 
bustion  chamber  and  turbine.  It  might  be  necessary  to  use  an  additional  dif¬ 
fuser  downstream  of  the  compressor  unit. 
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RESUME 

Pour  r6duire  la  consommation  specifique  des  turbines  A  ga*  de  faible  puissance.  diff6rents  cycles  de  turbomoteurs  A  turbine 
libra  et  A  turbine  Ii6e  sont  6tudi6s.  Le  moteur  A  debit  variable  perrnet  de  rMuire  de  maniire  significative  la  consommation  specifique 
A  charge  partielle.  La  variation  de  puissance  est  obtenue  par  change ment  du  debit  des  composants  A  g6om6trie  variable  ;  le  moteur 
fonctionne  A  pression,  temperature  entree  turbine  et  vitesse  de  rotation  constantes.  Les  hypotheses  A  prendre  en  compte  pour  ces 
systemes  A  geometric  variable  doivent  6tre  affinees  pour  prdciser  les  gains  potentiels  de  telles  solutions.  Les  resultats  de  I'etude  men6e 
sur  un  compresseur  centrifuge  A  taux  de  compression  de  8,5  et  A  diffuseur  radial  A  cal  age  variable  montrent  qu'une  variation  de  debit 
de  50  %  peut  4tre  obtenue  avec  des  ecarts  de  rendement  Iimit6s  et  une  sensibility  au  jeu  faible. 


1.  INTRODUCTION 

Ilya  toujours  eu  une  demande  pressante  auprds  des  motorizes  pour  diminuer  la  consommation  specifique  de  leurs  moteurs  et 
de  nombraux  efforts  ont  ete  de ptoyds  dans  ce  sens  au  cours  des  demieres  decennies. 

Si  I'on  prand  par  example  le  cas  des  applications  aeronautiques,  I'ameiioration  du  rendement  s'est  toujours  faite  sur  la  base  de 
cycles  simples.  L'eievation  de  la  temperature  A  I'entrte  des  turbines,  autorisee  par  le d6veloppement  d'alliages  refractaires plus  resistants, 
combine©  A  ['augmentation  du  rapport  de  pression,  a  conduit  A  des  ameliorations  progressives  de  rendement  (Ref.  1).  Ces  gains  ont 
6te  d'autant  plus  significatifs  que  les  progrts  dans  les  methodes  de  calcul  d'ecoulement  et  de  structure  ont  permis  d'ameiiorer  les 
performances  des  composants. 

Mais  pour  une  puissance  donnee,  la  diminution  de  taille  due  A  ('augmentation  de  puissance  specifique,  conduit  A  des  limitations 
aussi  bien  en  rapport  de  pression,  qu’en  rendement  de  composants,  Et  ces  limitations,  d'autant  plus  s6v£res  que  le  moteur  est  petit, 
laissent  pr^sager,  dans  le  cas  de  cycles  simples,  des  gains  limitAs. 

Par  ailteurs,  un  moteur  est  dessine  pour  un  point  donne  du  domaine  d'utilisation  et  les  performances  hors  adaptation  sont 
optimisem  pour  satisfaire  une  mission  donnee.  Dans  le  cas  de  la  motorisation  des  heiicopteres,  c'est  surtout  la  consommation  A 
puissance  partielle  (50  %  &  60  %  de  la  puissance  nominate)  qu'il  s'agit  de  priviiegter.  Pour  les  moteurs  A  gAomftrie  fixe,  tes  possibility 
de  compromis  sont  limitees  et  ceci  se  traduit  inevitablement  par  un  accrofesement  de  la  consommation  specifique  A  charge  partielle. 

Par  contra,  te  concept  de  geom6trie  variable,  offre  la  possibility  de  reduire  les  consommations  spedfiques  en  permettant  de  faire 
fonctionner  les  composants  plus  pres  des  conditions  optimales  sur  toute  retend ue  de  la  mission,  qua  ce  soit  le  compresseur,  la  turbine 
ou  fe  recuperateur  s'il  y  en  a  un.  Mais  fas  gains  potentials  dependent  beaucoup  des  pertes  inherentes  A  de  tets  systemes,  qu'il  s'agisse 
des  jeux  necessaires  A  leur  fonctionne  ment  ou  des  fuites  qu'ils  induiaent,  penalites  qui  n'existent  pas  dans  le  cas  de  systemes  A  geometric 
fixe. 


Si  historiquement  la  g6o metric  variable  a  ete  introduite  dans  les  compresseurs  multi-etages,  les  auteurs  1 )  analysent  son  intferit 
dans  le  cas  du  compresaaur  centrifuge  mo  no -At  age  qui  a  tendance  A  devenir  le  seul  etage  de  compression  des  turbomoteurs  de  faible 
puissance  et  2)  presentent  tes  performances  d'un  compresseur  centrifuge  A  8,5  de  taux  da  compression  obtenues  au  banc  d'essai  avec 
un  diffuseur  radial  A  calage  variable. 


2.  TURBOMOTEURS  DE  PETITE  PUISSANCE  :  SITUATION  ACTUELLE  ET  EVOLUTIC  NS  POSSIBLES. 

2.1  Situation  actual  te  : 

Tout  an  recherchent  une  augmentation  de  puissance  specifique  at  une  diminution  de  consommation  specifique,  ('architecture 
retenue  par  les  const ructeurs,  pour  tes  turbomoteurs  tes  plus  recants  de  la  classe  des  500  ch,  est  des  plus  simples.  If  s'agit  d'une 
configuration  A  turbine  libra  avec  : 

-  un  etage  de  compression  centrifuge, 

-  un  etage  de  turbine  haute  pression  axiate. 


-  un  etaga  de  turbine  de  puissance  axiale. 
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C'est  le  Caspar  example  du  TM  319  (fig.  1)  d6veiopp6  par  la  Soci6t6  TURBOMECA  (R6f.  2  et  3). 


La  rapport  da  pression  retenu,  8.5,  qui  est  proche  de  ('optimum  de  puissance  spAcifique  (fig.  2),  peut  6tre  obtenu  en  un  seul 
dtage  avec  un  bon  rendement  et  une  plage  da  fonctionnement  suffisante  sans  g6om6trie  variable.  La  temperature  choisie  correspond 
aux  possibility  d'une  turbine  non  refroidie  en  matiriau  monoctistallin. 


Turbomoteur  6  turbine  libre 


Fig.  2  Variation  de  la  consommation  et  de  la  puissance 
specif ique  en  fonction  du  rapport  de  pression 
et  de  la  temp6rature  &  I 'entree  de  la  turbine 


Bien  que  les  components  du  moteur,  notamment  la  turbine  libre  et  le  compresseur,  soient  optimises  pour  obtenir  un  bon 
compromis  d  charge  partielle,  on  note  une  augmentation  de  21  %  de  la  consommation  specif  ique  6  50  %  de  la  puissance  nominate 
sur  f'arbre  (fig.  31. 


Turbomoteur  £  turbine  libre 


Fig.  3  -  Evolution  de  la  consommation  spicifique 
en  fonction  de  la  puissance  sur  I'arbre 


Diffttrentes  possibility  peuvent  6tre  envisages  pour  etnSliorar  cette  situation,  aussi  bien  pour  un  turbomoteur  A  turbine  libre 
que  pour  un  turbomoteur  d  turbine  life,  dans  le  cas  d'un  cycle  simple  ou  avec  ichangeur  aval.  L'apport  de  la  gtomfttrie  variable  est 
#tudi4  dans  (es  chapitres  suivants. 


2.2  Ameliorations  possibles  du  turbomoteur  A  turbine  libre. 

L'adjonction  d'un  echangeur  aval  rdchauffant  I'air  entrant  dans  la  chambre  de  combustion,  avec  des  calorie?  pr6lev£es  £  la 
sortie  de  la  turbine  de  puis;ance,  permet  ungain  significatif  de  consommation  $p6cifique.  II  est  6  noter  que  le  rapport  de  pression  de  8,5 
s'accomode  bien  d'un  cycle  avec  echangeur  aval  puisqu'une  augmentation  cl  j  rapport  de  pression.  £  me  me  temperature  entree  turbine, 
entraiherait  une  augmentation  de  consommation  specif ique  (fig.4). 


Avec  I'hypothese  d'une  efficacite  d'echangeur  de  80  %  sur  la  base  du  cycle  du  TM  319,  le  gain  de  consommation  specifique  est 
de  27  %  £  la  puissance  nominate  et  reste  presque  constant  sur  toute  la  plage  de  fonctionnement  (fig.  5). 

La  temperature  £  I'entree  de  l'6changeur  d£croissant  en  fonction  de  la  puissance,  une  amelioration  supplemental  re  peut  6tre 
obtenue  £  charge  partielle  si  Ton  maintient  une  temperature  plus  6lev£e.  Cela  peut-etre  obtenu  par  diminution,  aux  faibles  puissances, 
de  la  permeabilite  de  la  turbine  libre.  Un  distributeur  de  turbine  libre  £  calage  variable  permet  ainsi  un  gain  supplements  ire  de  7  %  de 
consommation  £  charge  partielle  (fig.  6). 

En  partant  de  la  puissance  nominate,  on  rencontre  une  limitation  de  marge  au  pom  page  (P). 


Turbomoteur  £  turbine  libre 
avec  echangeur 


Turbomoteur  £  turbine  libre 
avec  echangeur  et  DTL  variable 


Fig.  5  -  Evolution  de  la  consommation  specifique 
en  fonction  de  la  puissance  sur  I'arbre 


Fig.  6  •  Evolution  de  la  consommation  specifique 
en  fonction  de  la  puissance  sur  I’arbre 


Pour  s'affranchir  de  cette  limitation,  on  peut  envisager  I'introduction  d'une  gEomEtrie  variable  sur  le  compresseur.  Com  me  le 
montre  la  figure  7,  seul  un  diffuseur  radial  k  calage  variable  permet  de  rEpoodre  A  la  question  ;  une  grille  de  prErotation  k  calage 
variable  ne  permet  pas  en  effet  de  modifier  fa  iigne  de  pompage  du  compresseur. 


II  est  ainsi  possible  de  maintenir  une  consommation  spEcifique  quasiment  constante  jusqu'au  tiers  de  la  puissance  nominale 
(fig.  8),  en  respectant  respectivement  les  limites  de  temperature  entrEe  turbine  et  de  temperature  entree  Echangeur  IE). 

2.3  Ameliorations  possibles  du  turbomoteur  k  turbine  liEe. 

Le  cycle  du  TM  319  peut  aussi  Etre  envisage  pour  une  configuration  k  turbine  liEe  avec  un  seul  Stage  de  dEtente  centripEte. 

Sans  gEomEtrie  variable,  si  les  performances  £  la  puissance  nominale  sont  comparables  k  cellos  du  turbomoteur  k  turbine  libre, 
il  n'en  est  pas  de  mEme  k  charge  part ielle  ou  les  Evolutions  du  rendement  compresseur  k  vitesse  constante  sont  peu  tavo rabies 

Si  Ton  envisage  par  contre  le  mEme  degrE  de  complexitE  que  prEcEdemment,  c'esf-d-dire  un  diffuseur  radial  k  calage  variable 
et  une  variation  de  capacitE  de  la  turbine  (REf.  4  et  5),  on  peut  obtenir  un  gain  substantiel  de  consommation  k  charge  partielle  (fig.  9). 

Bien  sur,  I'ad  jo  notion  d'un  Echangeur  aval  permet  dans  cette  configuration  aussi  une  diminution  de  30  %  de  la  consommation 
spEcifique  k  50  %  de  la  puissance  nominale  sur  I'arbre. 
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Fig.  8  -  Evolution  de  la  consommation  spEcifique  Fig.  9  •  Evolution  de  la  consommation  spEcifique 

en  fonction  de  la  puissance  sur  I'arbre  en  fonction  de  la  puissance  sur  I'arbre 

3.  DIFFUSEUR  RADIAL  A  CALAGE  VARIABLE 


Les  Etudes  de  cycles  prEcEdentes  ont  montrE  I'intErEt  du  diffuseur  radial  k  calage  variable  et  ont  conduit  k  dEfinir,  rEaliser 
et  essayer  un  prototype  adaptE  k  un  compresseur  centrifuge  k  taux  de  pression  oe  8,5. 

3.1  CaractEristiques  g  I  oba  les  de  la  diffusion 

Les  compresseurs  centrifuges  E  fort  rapport  de  pression  nEcessitent  I'utilisation  d'un  systEme  de  diffusion  efficece  k  la  sortie 
du  mobile  pour  transformer  I'Energie  cinEtlque  en  pression. 


r 


Dans  le  cas  6tudi6,  un  ralentissement  tr£s  important  (entre  un  nombrede  Mach  M2  =  1,2  en  sortie  du  mobile  et  un  no  mb  re  cfe 
Mach  M&  =  0,15  b  la  sortie  du  diffuseur)  doit  §tre  effectu6  avec  une  efficacitG  de  diffusion  &26  au  moins  6gale  b  0,70. 

CP 

&26  -  - ^ — 7^-7—; —  avec  CP1(,  :  Coefficient  de  recuperation  en  pression  statique 

UP,  ideal 

Pst,  —  Pst3  _  accroissement  de  pression  statique 
26  Pt2  —  Pst2  pression  dynamique  b  I'entr6e 

Simultan6ment,  la  forte  composante  tangentielle  de  I'Scoulement  absolu  en  sortie  du  mobile  doit  §tre  annu!6e,  ce  qui  corres 
pond  b  une  deviation  de  I'tcoulement  de  70°  au  travers  de  I'ensemble  de  diffusion. 

Ces  deux  conditions  peuvent  Stre  remplies  par  plusieurs  types  de  diffuseurs  :  aubfe,  b  canaux,  b  «pipe»,  b  aubes  en  tandem, 
mats  seuls  les  diffuseurs  aub^s  ou  b  canaux  permettent,  par  rotation,  de  faire  varier  la  section  de  passage  au  col  tout  en  maintenant 
des  incidences  satisfaisantes  sur  les  aubages.  Pour  des  raisons  de  tenue  mdcanique  des  aubes,  un  diffuseur  b  canaux  (fig.  10)  a  btb 
choisi  pour  experimenter  un  systdme  b  calage  variable. 


Nombre  de  Mach  b  I'entrfe  M3  =  1,15 

Nombre  de  pales  ZM  —  19 

Rapport  des  sections  sortie/entr6e  S4/S3  =  2,35 
Rapport  des  diamdtres  sortie/entr6e  04/03  =  1 ,62 
Angle  de  divergence  du  canal  20  =  10° 

Diffuseur  de  hauteur  constante  H.  -  H . 


Fig.  10  -  Caract6ristique$  du  diffuseur 


3.2  Principe  du  diffuseur  radial  b  calage  variable 

La  definition  du  diffuseur  radial  b  calage  variable  est  issue  de  considerations  a6rodynamiques  et  d'effet  de  jeu. 

3.2.1  AGrodynamique 

L'ensemble  de  diffusion  doit  rester  adaptG  pour  des  variations  de  debit  importantes  Le  choix  du  centre  de  rotation  de  I'aubage 
(fig.  11)  doit  . 

•  limiter  les  variations  d'extension  radiale  du  diffuseur  lisse  pour  assurer  son  bon  fonctionnement,  ce  qui  implique  de  placer  le 
centre  de  rotation  b  proximite  du  bord  d'attaque  de  I'aube. 

conserver  une  bonne  adaptation  de  I'aubage  &  I'ecouiement  incident  dans  le  domaine  d'utilisation,  malgre  la  variation  d'angle 
de  calage. 

La  plage  de  dGbit  btudibe,  de  75  b  125%  du  dbbit  nominal,  correspond  b  une  variation  de  calage  du  diffuseur  de  ±  5°. 


Diffuseur 

nominal 


125  %  da  la  section 
nominate  au  col 

A  0  =  +  5° 


75  %  de  la  section 
nominale  au  col 

A  0  =  -  5° 


Fig.  11  -  Diffuseur  radial  £  calage  variable.  Choix  du  centre  de  rotation 
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3.2*2  Effetdejeu 

Les  systfcmes  A  calage  variable  essay£s  a  ce  jour,  sur  les  diffuseur*  radiaux  de  compresseurs  centrifuges  (r6f.  6  et  7)  et  sur  les 
distributeurs  de  turbines  centripdtes  (rdf.  8),  sont  fortement  p6nalis6s  par  les  effets  du  jeu  sur  les  performances.  La  diminution  du 
rendement  constat6e  est  de  I'ordre  du  point  par  pourcent  de  jeu  relatif  aux  extrfcmitfcs  des  aubes. 

Un  calcul  «aube  h  aube»  transsonique  (ref.  9)  ave c  simulation  des  pertes  a  permis  de  calculer  la  distribution  des  pressions  statiques 
sur  I'intracos  et  sur  I'extrados  de  la  pale  (fig.  1 21. 

De  fa<;on  d  rdduire  les  effets  de  jeu,  des  flasques  tournants  solidaires  des  aubages  dans  la  partie  captation  suppriment  les  fuites 
intrados/  extrados  dans  la  zone  des  forts  gradients  de  pression.  Les  flasques  tournants  de  la  pale  adjacente  permettent  de  limiter  les 
fuites  dans  la  zone  centi  le.  Enfin,  vers  la  sortie  du  diffuseur,  les  fuites  sont  limitfces  par  le  faible  6cart  de  pression  et  par  le  laminage  de 
I 'air  dO  S  l'6paisseur  loci  e  de  I'aubage. 


Fig.  12  -  Distribution  de  pression  statique 
dans  le  diffuseur  au  point  nominal 


.  Pression  statique 

Pression  totale  6  I'entrfo 

Zone  6tanche 

Zone  couverte  par 
la  pale  adjacente 

JTTi  S~\ 

1 

|  Extrados  j 

j  1 

-  r 

i 

:  i 

1 — ! - 

1 

Corde  rMuite 

3.3  Definition  du  montage  d'essai  du  compresseur 

Le  montage  d'essai  a  6t6  d£fini  afin  de  relever  les  performances  du  compresseur  pour  difffcrents  calages  du  diffuseur  radial  et 
pour  diff6rents  jeux  aux  extr6mit6s  des  aubages  sans  d6montage  du  l<*  machine. 

Le  principe  de  fonctionnement  retenu  est  $ch6matis6  figure  13. 

La  commande  en  rotation  est  effectu4e  par  une  couronne  qui  enframe  I'aubage  par  I'mtermMiaire  d'un  maneton. 


4 - 
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L 'ensemble  des  problimes  micaniques  pos6s  : 

•  efforts  de  commande  des  aubages  variables, 

-  dilatations  thermiques  relatives  des  diffirentes  pidces  (la  temperature  des  gaz  pouvant  aller  jusqu'd  350°C), 

-  deplacement  reiatif  du  flasque  avant  par  rapport  au  flasque  arriire  pour  le  rgglage  du  jeu  aux  extrimitis  des  aubes  (la  mesure 
du  jeu  itant  effectuie  par  des  capteurs  de  proximiti), 

a  iti  pris  en  compte  pour  la  definition  du  montage  d’essai. 

La  figure  14  mo^tre  I 'ensemble  des  aubes  positionnies  sur  le  flasque  avant  et  liies  d  la  couronne  de  commande. 


3.4  Risultats  d'essais 
3.4.1  R foultats  globaux 

Les  performances  du  compresseur  ont  iti  mesuries  pour  quatre  calages  du  diffuseur  radial  correspondent  d  75,  85,  100,  125  % 
de  la  section  au  col  nominale. 

Pour  un  jeu  nul  :,ux  extrimitis  des  aubes,  les  diffirents  diagrammes  compresseurs  sont  prisentis  fig.  15. 

Le  taux  de  compression  (total  /  statique)  est  donni  pour  diffirents  debits  et  vitesses  de  rotation  riduits.  Or  remarque  que  le 
debit  et  la  limite  de  pompage  varient  proportionnellement  £  la  section  au  col  du  diffuseur  tant  que  la  roue  mobile  n'est  pas  bloquie. 
Cela  confirme  I'itude  thiorique  prisentie  pricidemment  (fig.  7).  II  en  est  de  meme  pour  le  taux  de  pression  qui  varie  peu  avec  le  dibit 
pour  une  vitetse  de  rotation  donnie. 


Fig.  15  -  Influence  du  calage  du  diffuseur  radial  sur  les  performances 
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La  variation  du  rendement  (maximum  ou  &  1 1  %  de  marge  au  pompage  sur  chaque  isovitesse)  est  donn6e  fig.  16  en  fonction  du 
taux  de  pression,  pour  difterents  calages  du  diffuseur  radial. 

L'optimum  de  rendement  se  d6place  vers  les  forts  taux  de  pression  lorsque  I'on  ferme  le  diffuseur  radial  ;  cela  r6sulte  de 
I'adaptction  rotative  de  la  roue  et  du  diffuseur  radial. 


Fig.  16  -  Influence  du  calage  du  diffuseur  radial 
sur  le  rendement 


3.4.2  Analyse  des  r6sultats 

L'analyse  detail  I6e  des  performances  montre  que  ('augmentation  de  rendement  mesur6e  lors  de  I'ouverture  du  diffuseur  radial 
est  due  aussi  bien  d  la  roue  (fig.  17)  qu'au  diffuseur  (fig.  18). 

L'6volution  du  taux  de  diffusion  r6el  MR2  de  la  roue  ramen6  au  taux  de  diffusion  id£al  MR2I  (suivant  la  formulation  propos6e 
r6f6rence  10)  est  pr6sent6e  fig.  17  pour  diffSrents  calages  du  diffuseur  radial.  Les  performances  du  mobile  s'am6liorent  par  ouverture 
du  diffuseur  radial  ;  ces  ameliorations  sont  limitfces  par  le  blocage  de  1‘avant  roue.  Pour  les  faibles  debits,  les  performances  du  mobile 
sont  Iimit6es  par  la  d6sadaptation  en  incidence. 

L'6volution  de  la  perte  de  charge  du  diffuseur  radial  ramen^e  au  facteur  de  charge  a6rodynamique  D34  (Generalisation  du 
facteur  de  LIEBLEIN  ;  r£f.  11  ;  pour  un  ecouiement  radial)  est  presentee  fig.  18  pour  differents  calages  du  diffuseur  radial.  Les 
performances  du  diffuseur  s'am6liorent  £  I'ouverture,  essentiellement  du  fait  de  la  diminution  du  facteur  de  charge  aerodynamique. 


Fig.  17  -  Influence  du  calage  du  diffuseur  radial 
sur  les  performances  de  la  roue 


Fig.  18  -  Influence  du  calage  du  diffuseur  radial 
sur  ses  performances 


3.4.3  L'influence  du  jeu 
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L'influence  du  jeu  aux  extrimitis  des  aubes  sur  les  performances  est  prisentie  fig.  19  pour  diffirents  calages  du  diffuseur  radial 
at  pour  une  vitesse  de  rotation  de  93  %  de  la  vitesse  nominate. 

L' augmentation  du  jeu  amine  une  augmentation  proportionnelle  de  la  section  au  col  et  autorise  des  fuites  d'air  de  I'intrados  6 
I'extrados  des  aubages.  Cela  se  traduit  par  un  diplacement  des  caractiristiques  vers  les  forts  dibits  lorsque  le  diffuseur  est  bloqui  (75  % 
et  85  %  de  (a  section  au  col  nominate)  sans  toutefois  digrader  le  niveau  de  rendement.  Lorsque  le  diffuseur  n'est  pas  bloqui,  les  perfor¬ 
mances  ne  sont  pas  affecties  par  un  jeu  de  3  %  aux  extrimitis  des  aubages. 


Fig.  19  -  Influence  du  jeu  aux  extrimitis  des  aubes  sur  les  performances 


4.  CONCLUSION 

Les  itudes  paramitriques  effectuies  sur  des  cycles  de  turbomoteurs  de  la  classe  des  500  ch,  montrent  I'intirit  de  la  giomitrie 
variable  pour  riduii  'a  consommation  de  carburant  i  charge  partielle. 

Dans  cette  taille  de  moteur  ou  la  compression  s'effectue  en  un  seul  itage  centrifuge,  la  combinaison  d'un  diffuseur  radial  d  caiage 
variable  et  : 

—  d'un  distributee  de  turbine  de  puissance  i  caiage  variable  dans  une  configuration  &  turbine  libre  et  ichangeur  aval, 

—  d'un  distributeur  variable  de  turbine  centripite  dans  une  configuration  &  turbine  liie  avec  ou  sans  ichangeur  aval, 

permet  d'obtenir  une  consommation  spicifique  sensiblement  constante  de  40  %  d  100  %  de  la  puissance  nominale. 

Une  rialisation  de  diffuseur  radial  d  caiage  variable,  adaptie  i  un  compresseur  centrifuge  de  8,5  de  taux  de  pression,  a  iti  faite. 
Les  essais  montrent : 

—  qu'une  variation  de  dibit  de  50  %  peut  itre  obtenue  d  une  vitesse  donnie  pour  une  faible  variation  de  rendement  et  de 
taux  de  pression, 

—  que  la  sensibiliti  au  jeu  est  faible. 

Ces  risultats  permettent  de  ccnforter  les  gains  potentiels  que  montre  I'itude  paramitrique  prisentie. 
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DISCUSSION 


Y.  RIBAUO,  Fr 

L'emplol  d'un  echangeur  aval  apparalt  tres  Interessant.  Avez-vous  deja 
essaye  un  tel  echangeur  sur  turbomoteur,  et  si  oul,  quel  est  l'accroi ssement 
de  polds  du  moteur  lie  a  1 'echangeur  ? 


Rgponse  de  1 'auteur 

Un  echangeur  Integre  a  un  turbomoteur  n'a  pas  ete  essaye.  Toutefois, 
les  essals  d'elements  d'echangeur  ont  montre  la  possibility  d'obtenlr  un  ni¬ 
veau  d'efflcacite  superleur  a  80  %.  L'accroi ssement  de  la  masse  du  moteur, 
due  a  1 ' introduction  d'un  echangeur,  sera  essentiel lement  fonctlon  du  niveau 
d'efflcacite  retenu. 
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OPERATION  OF  GAS  TURBINE  ENGINES  IN  DUST-LADEN  ENVIRONMENTS* 

By 
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R.M.  Adams 
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Abstract 


Results  are  reported  for  a  measurement  program  designed  to  investigate  the  performance 
deterioration  of  gas  turbine  engines  and  the  associated  auxiliary  equipment  difficulties 
when  operating  in  dust-laden  environments.  Three  TF33  turbofan  engines  and  one  J57  turbojet 
engine  have  been  tested  with  two  different  dust  blends.  The  predominant  damage  mechanism 
in  all  of  the  engines  was  compressor  blade  erosion.  The  length  of  dust  exposure  time 
required  to  cause  engine  damage  was  dependent  upon  power  setting  and  dust  concentration. 
The  turbine  inlet  temperature  for  these  engines  was  too  low  to  realize  uc^osition  of  glassy 
material  on  the  hot  section  components. 

The  Environmental  Control  System  (ECS)  was  monitored  to  ascertain  the  relative  amount 
of  ingested  material  and  the  size  distribution  of  that  material  that  makes  its  way  to  the 
ECS.  A  significant  fraction  of  the  dust  is  not  centrifuged  out  of  the  flow  and  does  end  up 
in  the  control  system  air.  These  particles  have  a  mean  size  on  the  order  of  6^m. 

The  engine  parameters  most  indicative  of  degradation  have  been  identified  and  are 
discussed.  Even  with  an  eroded  compressor  significant  thrust  can  be  generated  by 
unconventional  operation  of  available  compressor  bleeds. 

1.  INTRODUCTION 

This  is  the  third  in  a  series  of  three  technical  papers  describing  the  results  of  a 
measurement  program  designed  to  ascertain  the  operation  of  gas  turbine  engines  in  dusty 
environments.  Reference  1  presented  results  obtained  for  two  different  TF33  turbofan 
engines  and  one  J57  turbojet  engine  when  exposed  to  a  single  dust  blend.  The  TF33  turbofan  is 
a  derivative  of  the  J57  which  evolved  by  removing  the  first  three  stages  of  the  J57 
compressor  and  replacing  them  with  two  fan  stages.  The  third  stage  turbine  of  the  J57  was 
enlarged  and  an  additional  low  pressure  stage  was  added.  The  J57  compressor  has  basically 
the  same  flow  path  as  the  TF33  aft  of  the  fan  stages,  but  the  high  pressure  compressor 
blades  are  constructed  of  steel  instead  of  titanium  for  the  models  tested.  It  was  initially 
thought  that  perhaps  the  titantium  was  more  susceptible  to  erosion  than  would  be  the  steel 
blades.  This  did  not  turn  out  to  be  the  case  as  is  described  in  (1).  Upon  completion  of 
the  first  turbojet  measurements,  the  engine  was  torn  down  and  the  results  presented  in  (1) 
concentrated  on  the  damage  sustained  by  that  engine.  The  principal  damage  mode  was 
compressor  blade  erosion.  Previously  reported  (3-5)  encounters  with  dust  clouds  involving 
T56,  RB .211,  and  JT-9D  engines  resulted  in  significant  glassy  deposits  on  the  hot  section 
components  becoming  the  foremost  damage  mode. 

It  is  also  Important  to  develop  a  predictive  capability  so  that  one  can  extrapolate 
the  results  reported  In  (1)  to  other  engines  and  other  operating  conditions  for  which  data 
are  not  available.  Detailed  measurements  of  compressor  and  turbine  erosion  are  available  as 
a  result  of  this  measurement  program  because  one  of  the  TF33s  and  the  J57  were  both  torn 
down  for  detailed  inspection.  Refurbished  blades  as  well  as  new  blade  profiles  were 
provided  so  that  comparisons  of  the  wear  characteristics  could  be  made.  Reference  (2) 
provides  a  discussion  of  the  analysis  effort. 

The  technology  program  currently  underway  at  Calspan  in  the  area  of  propulsion 
research  utilizes  a  unique  facility  that  allows  one  to  subject  operating  engines  to  adverse 
environments  without  endangering  either  an  airplane  or  a  flight  crew.  Reference  (1) 
describes  the  facility  and  some  of  the  results  obtained  from  the  first  two  TF33  turbofan 
engines  and  the  J57  turbojet  engine.  Reference  (2)  describes  the  analysis  effort  that  was 
undertaken  to  extrapolate  the  results  to  other  engines  and  other  operating  environments. 
The  purpose  of  this  paper  is  to  discuss  results  obtained  for  a  third  TF33  operated  at 
conditions  similar  to  one  of  the  previous  TF33s  but  with  a  dust  mixture  significantly 
different  than  used  in  (1). 


V 


*The  research  reported  in  this  paper  was  sponsored  by  the  Defense  Nuclear  Agency  under 
contract  DNA  001-83-C-0182. 
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This  paper  also  addresses  the  results  from  tests  where  the  engine  high  pressure 
compressor  bleed  air  was  sampled  for  dust.  From  previous  reports  of  aircraft  encounters 
with  volcanic  clouds  0-5)  it  is  known  that  a  portion  of  the  engine  ingested  material  ends  up 
in  the  environmental  control  air  supply.  For  all  of  the  encounters,  the  crew  has  reported 
an  acid-like  smell  with  other  indications  of  the  volcanic  cloud.  For  the  engines  used 
here,  the  air  supply  for  the  cabin  air  conditioning  system  is  taken  downstream  of  the  16th 
stage  compressor  from  the  diffuser  casing  at  a  location  on  the  outer  shell.  The  necessary 
plumbing  was  installed  on  one  of  the  TF33  engines  so  that  samples  of  the  material  contained 
in  the  compressor  bleed  air  could  be  collected  and  analyzed.  In  addition,  the  same  sampling 
system  was  used  to  collect  samples  of  material  leaving  the  fan  discharge  for  later  analysis. 
The  results  of  this  analysis  will  be  described  later  in  this  paper. 

The  remainder  of  this  paper  will  provide  a  very  brief  summary  of  the  experimental 
technique,  a  summary  of  the  material  composition,  a  discussion  of  results  and  a  set  of 
conclusions  and  recommendations. 

2.  EXPERIMENTAL  APPARATUS  AND  TECHNIQUE 

A  sketch  of  the  dust  injection  system,  the  dust  tube,  and  the  engine  mounting  system 
as  they  are  located  within  the  engine  test  cell  is  given  in  Figure  1.  The  primary  components 
of  the  dust  ingestion  system  are  the  reservoir,  the  weighbelt  feeder,  the  compressed  air 
system,  and  the  dust  tube.  A  bellmouth  is  placed  at  the  entrance  to  the  dust  tube  to  help 
with  flow  quality.  The  engine  is  mounted  from  an  H-frame  and  is  independent  of  the  test 
stand  as  illustrated. 


Figure  1  Schematic  of  dust  injection  system. 


2.1  The  TF33-P-11A  Engine 

The  particular  engine  of  interest  in  this  program  was  the  TF33-P-11A  turbofan  built 
by  Pratt/Whitney  Aircraft.  To  subject  this  engine  to  the  proposed  environment  one  needs: 
(1)  a  substantial  thrust  bed,  (2)  a  substantial  enclosure  to  protect  the  surroundings  in 
the  event  of  a  catastrophic  engine  rupture  or  fire,  (3)  a  noise  suppression  structure  to 
attenuate  the  engine  noise  level  emanating  from  the  fan,  the  core,  and  the  jet  exhaust,  (4) 
a  cell  which  provides  a  sufficient  flow  of  well-behaved  air,  and  (5)  an  appropriate  fuel 
storage  and  delivery  system. 

The  TF33-P-11A  engine  used  here  was  taken  from  an  RB-57F  aircraft.  The  TF33-P-3,  P- 
5,  and  P-9  engines  are  currently  in  use  on  the  C-135B,  the  EC-135B  and  C,  and  the  B52-H 
aircraft.  The  TF33-P-7  and  P-7A  engines  are  used  on  the  C-141  and  the  TF33-PW-100A  engine 
is  used  on  the  E-3A.  The  sea  level  static  takeoff  parameters  for  the  F-9  model  are 
approximately  8,200  Kg  (18,000  lbs)  thrust,  inlet  airflow  of  209  Kg/s  (460  lb/s, ,  bypass 
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airflow  of  120  Kg/s  (264  lb/s),  turbine  inlet  temperature  of  870°C  (1600°F>,  turbine 
discharge  temperature  of  480°C  (895°F),  and  compression  ratio  of  approximately  13.5:1. 
The  engine  is  equipped  with  an  intercompressor  bleed  valve  which  is  used  to  increase  the 
surge  margin  at  low  speed.  Some  models  of  the  TF33  are  equipped  with  a  bleed  valve  override 
so  that  the  valve  can  be  maintained  in  the  closed  position  during  crosswind  taxi  and  thus 
avoid  low  speed  engine  surge.  The  TF33-P-HA  is  one  of  these  engines. 

2.2  The  Dust  Injection  System 

The  dust  injection  system  used  here  is  the  same  system  that  was  described  in  (1)  and 
sketched  in  Figure  1.  A  3.65m  (12  ft)  long  dust  pipe  provides  a  conduit  to  the  engine  face. 
The  dust  pipe  contains  a  cluster  of  six  nozzles  through  which  the  dust  is  introduced  at 
the  upstream  end.  This  combination  of  multiple  nozzles  and  length  of  dust  pipe  is  used 
to  establish  a  uniform  and  equilibrated  dust  cloud  just  upstream  of  the  fan  face.  It  is 
important  that  the  velocity  of  the  dust  particles  be  in  equilibrium  with  the  local  velocity 
of  the  air  stream  ahead  of  the  engine  face  in  order  to  correctly  simulate  the  encounter  with 
a  stabilized  cloud.  From  this  initial  state  of  dispersion,  the  air  and  the  dust  particles 
are  accelerated  and  turned  by  the  bullet  nose  to  the  engine  face  similar  to  what  occurs 
in  flight. 

The  dust  is  delivered  to  each  of  the  six  nozzles  as  a  high-loading  air-particle 
dispersoid  which  is  transported  by  compressed  air.  Both  the  particulate  material  and  the 
carrier  airflow  are  carefully  metered.  The  carrier  airflow  is  constant  at  all  feed  rates 
and  engine  power  settings.  The  lines  are  sized  to  limit  the  airflow  to  2%  of  inlet  air 
and  deliver  the  particles  into  the  inlet  air  at  a  release  velocity  which  is  closely  matched 
to  the  local  value. 

2.3  Dust  Blend  #1  and  #2 

In  the  series  of  TF33  and  J57  dust  ingestion  tests,  two  different  blends  of  dust 
have  been  used  to  represent  dust  environments.  A  detailed  description  of  blend  #1  was  given 
in  (1)  and  was  composed  of  1/3  Hollywood  sand  2.5/9  Corona  Clay  ♦  1/3  Mt.  St.  Helens  ash 
■♦•0.5/9  Bentonite.  The  particle  size  distribution  of  each  of  the  components  in  the  mix  is 
also  given  in  (1).  Blend  #2  was  constructed  in  order  to  increase  the  glass  content  of  the 
mixture  and  to  lower  the  melting  temperature  of  the  glass  in  that  mixture.  To  achieve 
this  purpose,  the  Mt.  St.  Helens  ash  was  replaced  with  a  greater  amount  of  black  scoria 
which  was  obtained  from  Twin  Mountain  quarry  at  Des  Moines,  New  Mexico.  An  analysis  of 
the  scoria  performed  by  the  University  of  Nebraska  and  the  National  Soil  Survey  Laboratory 
(7)  produced  the  result  given  in  Table  1.  On  the  basis  of  these  results,  it  was  assumed  that 
the  scoria  glass  fraction  was  on  the  order  of  85% . 


Table  1.  Summary  of  glass  fraction  analysis  for  black  scoria. 


Glass  Fraction  -  University  of  Nebraska 


250  pm  portion: 

glass  for  sure  :  76$ 

glass  likely  but  too  opaque  :  7.3$ 

partly  glass  (nitrophere)  :  3*3$ 

crystalline  for  sure:  14.4$  (plagioclass  and  pyroxene) 
nominal  glass  fraction  :  80  -  85$ 


Glass  Fraction  -  National  Soil  Survey  Laboratory _ 

100  to  250  pm  size  :  94$  glass  (37.6$  glass) 

47  to  100  pm  size  :  88$  glass  (19.4$  glass) 

<47  pm  size  :  70$  glass  (26.6$  glass) 

weighted  sum  83.6$  glass  fraction 


40$ 

22$ 

35$ 


The  next  important  matter  was  to  specify  the  appropriate  mi.  ture  to  be  used  for  the 
engine  measurements.  This  blend  was  specified  by  RDA  (G.  Rawson)  (8)  and  is  given  in  Table 
2.  As  was  noted  earlier,  the  intent  of  this  new  blend  (blend  #2)  was  to  increase  the  glass 
content  from  approximately  8$  to  approximately  34$  and  to  significantly  reduce  the  melting 
temperature  of  the  glass  in  the  mixture. 

Figures  2(a)  and  (b)  are  a  micrograph  of  the  scoria  magnified  100  times  and  the 
elemental  composition  spectrum  of  the  scoria.  The  elemental  spectrum  is  consistent  with 
the  University  of  Nebraska  analysis  illustrating  prominent  peaks  at  silicon,  aluminum, 
calcium  and  iron.  Figures  3(a)  and  (b)  are  a  micrograph  and  an  elemental  composition  for 
Mt.  St.  Helens  ash.  Comparison  of  Figure  2(a)  with  Figure  3(a)  illustrates  that  the  Mt. 
St.  Helens  ash  can  reasonably  be  represented  by  a  sphere  whereas  the  scoria  ha3  the  shape 
of  platelets. 


Table  2.  Definition  of  blend  #2  for  use  in  TF33-P-UA  engine 


Hollywood  Sand 

premix  recipe: 

15*  of 

< 106  n  m  size  bin 

Corona  Clay 

85*  of 

106  /cm  to  250  pm  size  bin 

premix  recipe: 

75*  of 

<  106  /i  m  size  bin 

New  Mexico  scoria 

25*  of 

106/10  to  250  /io  size  bin 

premix  recipe: 

Bentonite 

100*  of 

<  250  /t  m  size  bin 

as  available: 

100*  of 

<106  /i  m  size  bin 

Mixing  recipe  of  premixed  materials 

above: 

2o%  Hollywood  sand  26f 

Corona  clay 

42%  scoria  +■  6 %  Bentonite 

-.a*-' 

% 


(a!  MICROGRAPH  OF  SAMPLE  MAGNIFIED  100  TIMES 


(»)  MICROGRAPH  OF  SAMPLE  MAGNIFIED  20  TIMES 


Al  i  |— Si  ^ 


(b)  ELEMENTAL  COMPOSITION  SPECTRUM 


(bl  ELEMENTAL  COMPOSITION  SPECTRUM 


Figure  2  Scanning  electron  microscope  micrograph  and 
composition  ipectrum  of  Mack  scoria. 


Figure  3  Scanning  electron  microscope  micrograph  and 
composition  Nwctrum  of  Mt.  St  Helens  ash 
sample  (unprocessed  ash). 
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2.4  EXPERIMENTAL  PROCEDURE 

Prior  to  dust  exposure,  the  engine  was  sent  through  a  set  of  preliminary  runs  for 
the  purposes  of*  (1)  checking  engine,  instrumentation,  and  facility  operation; 
(2)  generating  pre-exposure  engine  baseline  data;  and  (3)  providing  operating  personnel 
with  engine  handling  characteristics  during  rapid  accelerations  and  decelerations.  Baseline 
data  in  the  Has  installed"  configuration  were  Important  in  order  to  monitor  the  engine 
deterioration  with  Increased  dust  exposure. 

To  perform  a  dust  exposure  measurement,  the  engine  throttle  is  advanced  to  the 
predetermined  EGT  value,  several  minutes  are  allowed  for  the  engine  to  thermally  stabilize, 
the  dust  feed  system  is  initiated  by  turning  on  the  injecting  air  at  the  MA-1A  start  cart 
and  then  starting  the  weighbelt  feeder.  All  available  engine  monitoring  parameters  are 
recorded  Just  prior  to  dust  initiation,  many  times  during  ingestion,  and  immediately  after 
the  dust  flow  is  terminated.  Control  cab  and  control  room  readings  are  taken  simultaneously. 
Throughout  the  run,  the  engine  pressure  ratio  (EPR)  corresponding  to  the  initial  EGT  set 
point  is  held  constant. 

The  selected  EGT  set  points  were  picked  for  descent,  cruise  and  military  rated  thrust 
(MRT )  and  are  based  on  typical  in-flight  data  collected  by  the  USAF  Strategic  Air  Command. 
Aslo  before  each  dust  exposure  run,  dust  weight  flow  is  calculated  to  match  the  desired 
dust  concentration.  The  calculation  involves  several  steps.  First,  an  EGT  for  the  given 
TIT  set  point  is  inferred  from  the  Pratt/Whitney- furnished  EGT  vs.  TIT  plot.  Secondly, 
baseline  plots  of  EPR  vs.  EGT/T-p2  are  used  to  infer  an  EPR  value  from  the  measured  EGT  and 
Tt2 •  Thirdly,  the  corresponding  corrected  engine  air  weight  flow  is  determined  from 
bellmouth  pitot-probe  measurements.  Finally,  the  dust  ingestion  concentration  is  multiplied 
by  the  air  volumetric  flow  rate  to  give  the  target  dust  weight  flow. 

When  the  engine  had  ingested  the  total  amount  of  material  prescribed  for  the  run, 
the  feeder  was  stopped  and  the  injected  air  shut  off.  At  the  end  of  each  exposure,  a  set 
of  readings  was  taken  before  shutting  down  and  readings  were  taken  at  two  or  three 
intermediate  power  settings  in  order  to  establish  a  deteriorated  engine  baseline.  The 
engine  was  run  through  several  rapid  acceleration/deceleration  cycles  to  determine  the 
engine  response.  The  acceleration  schedule  consisted  of  moving  the  throttle  from  idle  to 
an  intermediate  power  setting  in  six  seconds,  holding  the  throttle  steady  for  several 
seconds,  and  returning  the  throttle  to  idle  in  six  seconds. 

3.  DISCUSSION  OF  RESULTS 


The  results  to  be  presented  here  will  be  divided  into  three  basic  parts;  (a)  a 
comparison  between  the  results  obtained  for  two  TF33  engines  that  were  exposed  to 
significantly  different  dust  blends  but  for  a  similar  test  matrix,  (b)  a  description  of 
the  wear  characteristics  on  the  component  parts  for  one  of  the  TF33  engines  using  photographs 
taken  during  the  tear  down,  and  (c)  a  discussion  of  the  ECS  and  fan  bypass  sampling. 

3.1  Results  obtained  using  two  TF33’s  and  two  dust  mixtures 

This  section  of  the  paper  will  describe  the  results  obtained  for  the  two  TF33  engines 
when  they  were  subjected  to  different  dust  blends.  One  of  the  engines  that  will  be  discussed 
here  was  tested  in  a  group  of  two  TF33s  and  one  J57  all  exposed  to  the  blend  #1  mixture. 
This  particular  engine  (TF33  engine  #2)  experienced  a  test  matrix  similar  to  that  of  TF33 
engine  #3  the  last  engine  tested..  Engine  #2  was  exposed  to  the  dust  mixture  described 
earlier  as  blend  #1.  The  primary  damage  mode  for  all  of  the  engines  exposed  to  this  mixture 
was  compressor  blade  erosion.  However,  on  the  basis  of  in-flight  experiences  (3-5), 
deposition  of  glassy  material  is  known  to  occur  on  hot  section  components  during  encounters 
with  volcanic  material.  Late  in  the  measurement  program,  it  was  determined  that  the  Mt. 
St.  Helens  ash  was  composed  of  about  25%  glassy  material  instead  of  the  initially  believed 
80%.  This  raised  the  obvious  question  regarding  the  results  obtained  with  these  engines; 
did  glassification  not  occur  because  the  TIT  was  too  low  or  did  it  not  occur  because  the 
glass  concentration  of  the  blend  was  too  low? 

The  third  TF33  was  therefore  dedicated  to  a  glassification  study.  The  question  to 
be  answered  was:  at  the  operating  temperatures  of  the  TF33  engine,  will  naturally  occurring 
glass  melt  in  the  combustor  and  subsequently  deposit  on  the  hot  section  components  of  the 
machine?  For  this  purpose,  the  Mt.  St.  Helens  ash  was  replaced  with  a  low  melting  temperatue 
glassy  material,  black  Twin  Mountain  scoria,  and  the  relative  fraction  of  the  scoria  in  the 
mix  was  increased.  The  new  mixture  to  be  used  for  TF33  engine  #3  was  termed  blend  #2. 
Viscosity-temperature  calculations  were  performed  by  Cranmer  (6)  demonstrating  that  the 
viscosity  of  black  scoria  in  the  2000°F  temperature  range  was  on  the  order  of  50  times  less 
than  that  of  the  Mt.  St.  Helens  ash.  The  test  matrices  to  which  engine  #2  and  engine  #3 
were  subjected  are  given  in  Tables  3  and  4,  respectively. 


Table  3  Dust  ingestion  matrix  for  engine  #2 


Exposure  Time 

Run 

# 

Load 

kg 

Cone , 
mg/m3 

This  run,  hrs. 

Cum.  Hrs. 

Power 

TIT 

°C 

EGT 

°C 

61 

26 

120 

0.38 

0.38 

MRT 

918 

477 

62 

34 

240 

0.25 

0.63 

MRT 

875 

463 

63 

33 

480 

0.125 

0.76 

MRT 

873 

461 

64 

80 

240 

0.75 

1.51 

cruise 

679 

340 

65 

140 

240 

1.40 

2.91 

cruise 

677 

338 

66 

200 

480 

1.0 

3.91 

cruise 

682 

343 

70 

27 

120 

0.52 

4.425 

cruise 

715 

363 

71 

26 

0.30 

4.725 

idle 

530 

265 

Total  dust  load  =  566  kg 

Total  exposure  time  s  4.725  hrs 

Table  4  Dust  ingestion  matrix  for  engine  #3. 


Run 

# 

Load 

kg 

Cone . 
mg/m3 

Exposure 

Time 

Power 

TIT 

°C 

EGT 

°C 

This  run,  hr3. 

Cum.  Hrs. 

98 

47.7 

480 

0.25 

0.25 

Cruise 

682 

344 

99 

94.5 

900 

0.25 

0.50 

Cruise 

682 

344 

100 

67.3 

480 

0.25 

0.75 

MRT 

918 

477 

101 

129.1 

900 

0.25 

1.00 

MRT 

918 

477 

103 

49.5 

480 

0.25 

_ 

1.25 

Cruise 

682 

344 

Total  dust  load  =  388.1  kg 
Total  exposure  time  =  1.25  hrs. 


3.2  Description  of  engine  damage 

At  the  conclusion  of  run  #71,  engine  #2  had  ingested  566  kg  of  blend  #1  over  a  time 
period  of  4.725  hours.  Because  the  engine  is  disassembled  from  the  tail  cone  towards  the 
fan,  the  discussion  of  results  will  also  proceed  in  that  direction.  The  damage  description 
will  be  illustrated  with  photos  taken  from  the  tear  down  of  TF33  engine  #1;  TF33  engine  #2 
was  not  disassembled  but  a  borescope  inspection  revealed  very  similar  damage.  The  first 
hot  section  components  to  be  removed  were  the  low-pressure  turbine  stages  and  nothing 
unusual  was  observed  with  these  parts  except  for  a  light  dusting  of  dirt  on  the  blades 
which  could  easily  be  removed  with  the  finger.  The  high-pressure  turbine  rotor  was  the 
next  component  removed  and  it  also  had  a  light  layer  of  dust  on  the  blade  surface  as  shown  in 
the  photograph  of  Figure  4.  The  most  interesting  feature  of  this  photograph  is  not  the 
dust,  but  rather  the  manner  in  which  the  dust  illustrates  the  flow  pattern  over  the  suction 
surface  of  the  rotor  blades.  The  dust  appears  to  collect  only  in  the  midspan  region  of 
the  blade. 


Figure  4  Photograph  of  HP  turbine  rotor. 
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The  HP  nozzle  guide  vane  (NGV)  has  a  thermal  barrier  coating  and  compressor  discharge 
air  is  directed  through  an  internal  cavity  of  the  vane  to  provide  forced  convection  cooling. 
The  only  influence  of  the  dust  on  the  NGV  was  to  remove  a  portion  of  the  thermal  barrier 
coating  in  the  stagnation  region  of  the  vane  as  shown  in  the  photograph  of  Figure  5.  There 
was  also  a  light  dusting  of  material  on  the  suction  surface  of  the  NGV  that  could  easily 
be  removed.  However,  no  evidence  of  glassified  material  was  found  on  the  NGV  surfaces. 


Figure  5  Photograph  of  HP  turbine  nozzle  guide  vane. 


The  combustor  was  then  removed  and  found  to  be  in  reasonably  good  condition.  No 
evidence  of  glassified  material  was  found  anywhere  in  the  combustor  system.  There  was  a 
light  dusting  at  one  location  in  the  #8  combustor  can  as  shown  on  the  photograph  of  Figure 
6.  This  material  was  loose  and  did  not  appear  to  have  any  adverse  influence  on  the  operation 
of  the  device.  Figure  7  is  a  photograph  of  one  of  the  burner  nozzles  that  again  illustrates 
a  light  dusting  of  material,  but  nothing  of  sufficient  quantity  or  solidity  to  be  troublesome. 
The  small  diameter  tubing  leading  to  the  pressure  transducer  that  measures  burner  pressure 
and  then  communicates  with  the  fuel-flow  controller  was  carefully  inspected.  There  was  a 
very  small  accumulation  of  light  dust  in  this  tube,  but  the  line  would  have  to  be  considered 
unobstructed . 


Figure  6  Photograph  of  inside  surface  of  #8  combustor  can. 


Figure  7  Photograph  of  burner  nozzles. 


The  high-pressure  compressor  was  the  next  major  component  to  be  removed  from  the 
engine  and  at  this  point  the  damage  mechanism  became  obvious.  The  16th  stage  compressor 
blade  tip  wa3  seer:  to  be  badly  eroded  as  illustrated  in  the  photograph  of  Figure  8.  For 
this  stage,  the  squealer  is  nearly  gone  and  the  leading  edge  in  the  70$  to  100%  span  region 
is  badly  worn  away.  What  one  cannot  see  from  the  photograph  is  that  the  tip  region  of  the 
blades  were  worn  to  a  knife  edge,  so  sharp  that  great  care  had  to  be  taken  in  handling  the 
rotor  disc.  The  wear  pattern  on  the  13th  stage  blade  is  shown  to  be  similar  to  what  was  seen 
for  the  16th  stage.  Again  the  squealer  is  nearly  gone  and  the  leading  edge  of  the  blade  in 
the  70%  to  100%  span  region  is  badly  worn.  Figure  9  is  a  photograph  comparing  new  blades 
with  blades  taken  from  stages  10,  12,  14,  and  15  of  the  engine.  A  blade  tip  tear  is  clearly 
shown  in  Figure  9  for  the  10th  stage  blade.  Stages  12,  14,  and  15  clearly  demonstrate  bad 
tip  wear  with  14  and  15  being  particularly  bad.  Figure  10  is  a  photograph  of  the  suction 
surface  of  one  blade  from  each  of  the  HP  compressor  stages.  Figure  11  is  a  photograph  of 
the  10th  stage  compressor  disc  illustrating  that  the  blade  selected  for  presentation  in 
Figure  4  was  typical  and  not  an  isolated  case. 


Figure  8  Photograph  of  16th  stags  HP  compressor  disc. 


Figure  9  Photograph  of  15th,  14th,  12th,  and  10th  stage  HP  compressor  blades. 


Figure  11  Photograph  of  10th  stage  HP  compressor  disc. 
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The  low-pressure  blades  were  also  worn  and  damaged,  but  not  as  badly  as  the  HP  blades. 
Figure  12  is  a  photograph  of  the  4th  stage  LP  disc  as  it  was  being  removed  from  the  machine 
illustrating  a  saw  tooth  wear  pattern  near  the  trailing  edge  in  the  tip  region.  This 
particular  pattern  was  not  present  on  all  of  the  4th  stage  blades,  but  it  was  present  on  a 
large  fraction  of  them. 


Figure  12  Photograph  of  4th  stage  of  LP  compressor. 

The  internal  cavities  of  the  engine  collected  significant  quantities  of  dirt  as  can 
be  seen  from  the  photograph  given  in  Figure  13.  This  dirt  was  compacted  but  it  could  be 
easily  removed  by  scraping  with  a  soft  object.  For  analysis  purposes,  large  amounts  were 
collected  in  this  way. 


Figure  13  Photograph  of  internal  cavities  of  engine  01. 

Because  glassification  was  not  observed  in  engine  #2,  the  blend  was  changed  as 
discussed  above  and  a  third  TF33  was  installed  in  the  test  cell.  The  test  conditions  to 
which  the  third  TF33  engine  was  subjected  are  given  in  Table  4.  At  the  conclusion  of  Run 
#103,  the  engine  had  accepted  a  total  load  of  388.1  kg  over  a  total  exposure  time  of  1.25 
hours.  Of  this  exposure  time,  0.75  hours  was  at  cruise  power  and  0.5  hours  was  at  MRT. 
The  maximum  dust  concentration  to  which  the  engine  was  exposed  was  almost  twice  the  highest 
value  previously  used.  The  very  prominent  St.  Elmo's  glow  reported  in  (1)  was  again 
observed  for  dust  blend  #2.  Because  of  the  higher  power  settings  and  the  higher  dust 
loadings,  the  glow  was  much  brighter  than  shown  in  the  photographs  of  (1). 

At  the  completion  of  each  run,  a  detailed  internal  inspection  (borescoping)  of  the 
engine  was  performed.  Easy  access  was  possible  to  the  combustor,  the  HP  turbine  nozzle 
guide  vane,  the  LP  rotors,  the  16th  stage  compressor  blades  and  the  1st  and  2nd  stage  LP 
compressor  blades.  The  borescope  used  to  perfom  these  examinations  is  a  6  mm  diameter 
Olympus  unit  with  a  controllable  head.  The  unit  is  equipped  with  a  35  mm  camera  so  that 
internal  photographs  of  the  machine  could  be  and  were  taken  for  future  refe^Anee. 

Also  at  the  completion  of  each  dust  ingestion  run,  the  engine  was  required  to  undergo 
several  accelerat ion-dwell-decelerat ion  (6  sec  -  2  sec  -  6  sec  duration)  cycles  to  insure 
proper  throttle  response.  First  indication  of  significant  engine  damage  usually  surfaced 
during  the  acceleration  portion  of  this  sequence  in  the  form  of  a  tailpipe  3urge,  one  of 
which  is  shown  in  the  photograph  of  Figure  14. 
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Figure  14  Tailpipe  Kirge  for  TF33  engine  #2. 


In  order  to  easily  advance  the  engine  to  the  cruise  power  condition  for  Run  #103* 
the  anti-ice  system  was  turned  on  and  the  bleed  valve  was  held  in  the  open  position.  The 
power  lever  angle  (PLA)  is  slowly  advanced  until  achieving  a  Px7  of  5.5.  The  PLA  is  then 
retarded  to  obtain  a  Px7  of  about  3.0  and  the  bleed  valve  is  switched  to  the  closed  position. 
The  engine  can  then  be  easily  accelerated  to  a  Px7  in  the  8  to  9  range  and  the  operator  has 
good  control  of  the  engine  (MRT  corresponds  to  Px?  of  about  10). 

At  no  point  during  the  measurements  was  glassification  observed  on  any  of  the 
components.  The  primary  damage  mechanism  for  this  engine  was  th?  same  as  it  had  been  for 
the  two  previous  TF33s  and  the  J57,  erosion  of  the  compressor  blading.  The  pattern  of  the 
erosion  was  very  similar  to  what  had  been  previously  seen.  While  the  engine  #3  measurements 
were  being  performed,  a  separate  combustor  measurement  program  reported  in  (9)  was  also 
underway.  The  material  used  in  (7)  was  consistent  with  blend  #1  and  blend  #2  compositions. 
However,  the  turbine  inlet  temperature  in  (7)  could  be  varied  over  quite  a  large  range  as 
could  the  dust  concentration.  As  these  combustor  measurements  were  completed,  it  became 
obvious  that  the  reason  why  glassification  was  not  observed  in  the  TF33  was  that  the  turbine 
inlet  temperature  was  about  200°  to  300°F  too  low  to  melt  and  deposit  any  of  the  dust 
constituents. 

By  way  of  comparison,  the  two  TF33  engines  exposed  to  dust  blend  #1  which  contained 
Mt.  St.  Helens  ash  accepted  considerably  larger  amounts  of  dust  and  operated  somewhat 
longer  than  engine  #3  (see  (1)).  Engine  #1  was  operated  at  a  dust  concentration  of  120 
mg/m3  and  at  a  power  setting  of  descent  (for  1.45  hours)  and  cruise  (for  10.42  hours)  for 
a  total  loading  of  860  kg  over  11.87  hours  of  exposure.  Engine  #2  was  operated  at  dust 
concentrations  in  the  range  120  rag/m3  to  480  mg/ra3  at  power  settings  of  idle  (0.3  hours), 
cruise  (3.15  hours;,  and  MRT  (0.76  hours)  for  a  total  loading  of  572  kg  over  4.73  hours 
of  exposure. 

The  total  time  at  MRT  was  about  the  same  for  engine  #2  and  engine  #3.  However,  engine 
#2  accepted  93  kg  of  blend  #1  during  this  time  and  engine  #3  accepted  196.4  kg  of  blend  #2.  It 
is  known  from  (3)  that  either  higher  power  settings  or  higher  dust  concentrations  have  a 
tendency  to  deteriorate  the  machine  at  a  more  rapid  rate.  Because  of  the  much  higher 
loading  for  engine  #3,  it  is  difficult  to  be  certain  whether  the  rapid  deterioration  of 
this  engine  was  due  to  the  erosive  characteristics  of  the  scoria  material  or  if  it  is  the 
result  of  the  higher  concentrations  at  the  higher  power  settings. 

3.3  Dust  sampling  in  bypass  and  ECS 

During  testing  of  engine  #2,  the  by-pass  air  and  bleed  ai*-  to  the  ECS  were  sampled. 
This  sampling  was  planned  for  the  purpose  of  obtaining  preliminary  measurements  of  dust 
density  and  size  in  order  to  assess  whether  or  not  a  threat  to  crew  and  electronic  equipment 
in  the  cabin  exists. 

Among  the  questions  to  be  answered  were: 

(a)  What  is  the  level  of  dust  release  at  the  compressor  bleed  which  is  used  for  the 
ECS  air? 

(b)  Does  this  level  scale  with  the  dust  concentration  at  the  engine  inlet? 

(c)  Is  there  significant  pulverization  of  the  dust  as  it  moves  along  the  compressor? 

(d)  How  much  pulver izat ’ on  takes  place  in  the  fan  and  how  much  in  the  compressor 
stages  further  downstream? 


(e)  How  does  bleed  dust  concentration  vary  with  throttle  setting? 


8-12 


The  sampling  system  which  was  used  for  these  measurements  consisted  of  a  cylindrical 
heat  resistant  filter  bag,  a  short  admission  line,  a  remotely  operated  valve  and,  in  the 
case  of  by-pass  sampling,  a  2.54  cm  (1-inch)  diameter  probe  facing  into  the  by-oass  discharge 
flow.  For  sampling  in  the  compressor  bleed  air,  the  admission  valve  was  mounted  directly 
to  the  bleed  air  flange  which  is  located  at  the  10  o'clock  position  on  the  rear  compressor 
housing.  An  orifice  plate  was  used  to  meter  the  airflow  in  the  bleed.  The  high  pressure 
service  airbleed  level  of  1.0$  of  core  engine  airflow  at  cruise  thrust  was  selected  as 
typical  to  evaluate  airbleed  content.  For  sampling  in  the  by-pass  discharge,  the  2.54  cm 
probe  was  installed  facing  the  stream  inside  the  collector  duct  also  at  the  10  o'clock 
position.  The  remainder  of  the  sampling  system  was  the  same  in  the  two  measurements.  In 
each  case  the  collection  time  was  remotely  controlled  by  opening  and  closing  the  solenoid 
valve  at  the  desired  times  in  the  test  sequence.  The  amount  of  dust  sample  collected  in 
the  filter  bag  was  determined  by  weighing  the  filter  before  and  after  the  test. 

As  a  result  of  the  sampling,  dust  amounts  ranging  from  10  to  235  grams  were  obtained 
from  the  ECS.  These  results  are  presented  in  Table  5.  Prior  to  test  Run  #65,  a  limited 
effort  was  devoted  to  implement  the  sampling  system  for  the  ECS  bleed.  During  Run  #65, 
the  first  bulk  sample  of  dust  from  the  ECS  air  was  obtained  in  the  filter.  Comparison  of 
the  pretest  and  post  test  weight  of  the  filter  bag  indicates  that  32.2  grams  of  dust  were 
collected  over  a  sampling  time  of  10  minutes.  During  this  time,  the  engine  operated  at 
cruise  power  in  air  with  a  dust  concentration  fo  240  mg/m3f  resulting  in  a  total  amount 
of  ingested  dust’ equal  to  14.5  kg  (32  lb)  during  the  sampling  time.  A  larger  sample  was 
obtained  in  Run  #66  at  the  same  engine  power  setting  but  at  higher  dust  concentration  in 
the  inlet  air  (480  mg/ra3).  In  this  case,  the  threefold  increase  in  sampling  time  and 
twofold  increase  in  dust  density  resulted  in  a  total  amount  of  ingested  dust  equal  to  102 
kg  (225  lb).  This  was  followed  by  a  sequence  of  three  runs  in  clear  air  which  were  scheduled 
to  investigate  the  possibility  of  accelerating  the  engine  beyond  the  critical  rpm  level. 

Table  5  Summary  of  test  conditions  and  results  at  dust  sampling  in  bleed  and  bypass  air. 


Run  No. 

Total  Dust 
Ingested  (Kg) 

Sampling 

Time/Location 

(mm) 

Amount 

Collected  (g) 

Rate  of 

Collection  (g/min) 

65 

19.5 

10/ECS 

32.2 

3.2 

66 

102 

30/ECS 

235 

7.5 

67-69 

0 

0 

70 

26.6 

30/ECS 

63 

2.1 

71 

23 

16/BYPASS 

10 

0.63 

TOTAL  DUST  INGESTED  =  WEIGHT  FEED  RATE  x  SAMPLING  TIME 


After  Run  #69,  before  changing  to  the  installation  of  the  sampling  system  in  the  by¬ 
pass  duct,  one  more  collection  in  the  ECS  bleed  produced  63  grams  in  30  minutes  during  Run 
#70.  In  this  run,  the  engine  operated  at  cruise  power  and  ingested  26.6  Kg  (58.5  lb)  during 
the  sampling  time  (at  a  concentration  of  120  mg/m3). 

After  Run  #70,  the  sampling  was  moved  to  a  location  in  the  by-pass  discharge  duct.  On 
the  first  run  attempted  after  this  change,  it  was  not  possible  to  accelerate  the  engine 
beyond  a  near  idle  power  setting.  The  by-pass  sampling  was  carried  out  at  this  low  thrust 
setting  for  16  minutes,  and  23  Kg  (50.4  lb)  of  dust  were  ingested  by  the  engine  during 
this  time.  The  dust  in  the  ECS  system  results  in  erosion  of  the  plumbing  at  the  pick-off 
point  on  the  engine.  Figure  15  is  a  photograph  of  the  ECS  air  duct  taken  soon  after  Run  #71. 


Figure  15  Photograph  of  EC S  plumbing. 
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The  rate  at  which  samples  of  dust  were  collected  from  the  bleed  air  and  by-pass  air 
are  also  indicated  in  Table  5.  From  these  and  the  measured  feed  rate  of  the  input  dust  the 
value  of  two  important  parameters  which  charaterize  the  contamination  of  the  bleed  air 
were  computed.  The  absolute  level  of  contamination  of  the  bleed  air  at  any  inlet  dust 
concentration  is  defined  as  the  fraction  of  the  input  dust  that  shows  up  in  the  bleed.  In 
the  three  cases  sampled,  the  value  of  this  fraction  was  approximately  constant  with  an 
average  value  of  2.2  parts  per  thousand.  The  efficiency  of  the  particle  collection  process 
at  the  ECS  bleed  can  be  obtained  from  this  contamination  level  and  the  estimated  air  mass 
flow  in  the  bleed  manifold.  In  our  case,  the  latter  was  0.5%  of  the  total  mass  flow  into 
the  engine.  This  results  in  a  45%  particle  collection  efficiency  in  the  ECS  bleed.  The 
collection  efficiency  depends  primarily  on  the  geometry  of  the  engine  near  the  ECS  bleed 
and  the  local  air  velocity.  The  engine  geometry  is  fixed  and  the  contribution  of  changes  in 
the  local  air  velocity  to  the  collection  efficiency,  with  moderate  changes  in  thrust 
setting,  is  expected  to  be  small.  Thus,  the  collection  efficiency  is  relatively  independent 
of  thrust  setting,  its  measured  level  can  be  used  to  estimate  the  absolute  level  of 
contamination  for  the  bleed  air  at  power  settings  other  than  cruise.  For  example,  at  MRT 
the  increase  in  ECS  airflow  of  about  50%  would  produce  an  absolute  level  of  contaminat ion 
for  the  bleed  air  equal  to  3.4  parts  per  thousand  of  input  dust  feed  rate. 

A  quantitative  indication  of  the  degree  of  pulveriation  is  contained  in  Figures  16 
and  17.  These  results  of  particle  size  distribution  were  obtained  using  the  two  indpendent 
techniques  of  wet  size  analysis  (Microtrac)  and  air  jet  dry  size  analysis  (Alpine  Air  Jet 
Sieve).  The  average  size  of  the  particles  collected  in  the  ECS  after  passing  16  stages  of 
the  compressor  was  about  6  microns.  However,  the  average  particle  size  of  the  material 
collected  in  the  by-pass  was  also  on  the  order  of  6  microns.  The  average  particle  size  for 
the  input  material  was  on  the  order  of  38  microns.  It  is  suggested  that  most  of  the 
pulverization  takes  place  in  the  initial  rotating  stages  of  the  engine. 


PARTICLE  SIZE  DISTRIBUTION 
(BASED  ON  VOLUME  PER  CHANNEL! 


Figure  16  ECS  run  #66  average  particle  diameter  a  6  microns. 


PARTICLE  SIZE  DISTRIBUTION 
(BASED  ON  VOLUME  PER  CHANNEL) 


Figure  17  Bypen  air  run  #71  average  particle  diameter  *6  microns. 
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The  observations  noted  above  should  prove  useful  in  determining  safety  precautions 
relative  to  cabin  contamination.  A  well-known  danger  (10)  which  comes  from  breathing  air 
with  suspended  particles  is  that  they  may  form  permanent  deposits  in  the  lungs.  Fine 
particles  are  most  dangerous.  Because  their  settling  velocity  is  a  fraction  of  1  mm/s, 
they  remain  suspended  for  long  times  and  are  easily  recirculated  by  air  currents.  Fine 
particles  of  sizes  between  0.5  and  10  pm  are  most  likely  to  be  retained  in  the  lungs.  The 

nasal  passages  tend  to  trap  particles  larger  than  10  fim,  while  particles  below  0.5 /tm  are 

mostly  exhaled  again. 

4.  CONCLUSIONS 

Two  TF33-P-11A  engine  have  been  subjected  to  two  different  dust  mixtures  and  the 
performance  deterioration  has  been  monitored.  In  addition,  samples  of  dust  have  been 
collected  form  the  ECS  and  the  fan  by-pass.  The  thrust  settings,  the  dust  concentrations, 
and  the  melting  temperature  of  the  mixture  were  different  for  the  two  engines. 

The  most  important  damage  mechanisms  for  this  engine  is  compressor  erosion. 
Glassification  was  not  observed  with  either  dust  blend  under  any  of  the  power  settings. 

The  reason  for  the  lack  of  glassification  is  now  known  to  be  the  result  of  the  turbine 

inlet  temperature  being  too  low  to  produce  significant  melting  of  the  material. 

A  significant  amount  of  dust  was  captured  in  the  ECS  system.  The  particle  size 
distribution  suggested  the  particles  are  fractured  in  passing  through  the  compressor  and 
at  the  ECS  bleed  they  are  predominately  6  m  and  below.  Samples  collected  at  the  fan  exit 
were  also  fractured,  having  particle  sizes  of  6  m  and  below.  The  suggestion  is  that  the 
dust  pulverization  occurs  in  the  early  fan  and  compressor  stages. 
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DISCUSSION 


K-l 


D.K.  HENNECKE,  Ge 

You  stated  that  you  didn't  observe  glassification  because  tne  turbine 
entry  temperature  was  too  low.  But  a  portion  of  the  particles  is  passing 
through  the  combustor  primary  zone  whose  temperature  is  essentially  indepen¬ 
dant  of  the  turbine  inlet  temperature  of  the  particular  engine. 

Author's  Reply 

The  low  turbine  inlet  temperature  is  the  principal  cause  for  the  absen¬ 
ce  of  glassification  in  the  TF33.  The  melting  and  deposition  process  de¬ 
pends  on  the  entire  temperature  history  experienced  by  the  individual 
particles.  Residence  time  in  various  regions  of  the  combustor  are  more  im¬ 
portant  than  the  peak  temperature  encountered.  For  example,  a  fine  particle 
swirling  with  the  gas  flow  may  soften  as  it  traverses  the  primary  combustion 
zone  and  then  become  hard  again  as  it  goes  through  the  dilution  zone  to  a 
relatively  low  temperature  turbine  inlet.  Furthermore,  each  TF33  combustor 
can  havta  complex  geometry  with  six  fuel  nozzles  and  six  entries  of  swirled 
primary  air.  I  believe  that  such  a  geometry  leads  to  a  shorter  residence  ti¬ 
me  of  the  fine  particles  in  the  primary  combustion  zone. 


Y.  RIBAUD,  Fr 

Pensez-vous  que  les  pieges  a  poussiere  permettent  un  meilleur  fonc- 
tionnement  du  moteur  dans  une  atmosphere  volcanique  ? 

Author's  Reply 

Yes.  It  is  a  solution  possible  for  small  engines.  Separators  of  va¬ 
rious  design  are  used  on  helicopter  installations.  They  are  not  used  on  en¬ 
gines  with  a  large  airflow,  such  as  the  TF33. 


J.  HOURMOUZIADIS ,  Ge 

You  have  mentionned  that  volcanic  ash  was  deposited  on  the  pressure 
side  of  a  turbine  inlet  guide  vane.  Have  you  observed  any  such  deposits  on 
the  suction  side,  and  if  so,  on  what  part  of  the  airfoil  ? 

Author's  Reply 

No.  There  were  no  deposits  over  most  of  the  suction  side.  Only  near 
the  leading  edge  and  over  a  small  fraction  of  the  chord,  perhaps  one  or  two 
percent. 
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A.  BROOKS,  US 

Why  Is  It  not  viable  to  separate  sand  and  dust  in  engines  larger  than 
helicopter  engines  ? 

Author's  Reply 


In  principle,  some  separator  designs  could  be  scaled  up  to  large 
engines.  For  example,  as  you  know,  there  are  separators  that  use  streamline 
curvature  in  the  axial  planes  of  the  engine  inlet  to  cause  dust  to  migrate 
to  the  inlet  perimeter  where  suction  is  applied  in  order  to  reject  the  par¬ 
ticles  overboard.  These  separators  have  low  losses  and  could  be  scaled  up. 
In  pratice,  however  weight  penalties  and  subsystem  complexities  associated 
with  the  larger  dimensions  appear  to  have  discouraged  such  installations.  To 
my  knowledge,  separators  are  currently  used  only  for  engines  with  airflow  up 
to  about  20  Kg/s  (  =  50  1 b/s ) .  The  TF33  has  an  airflow  of  209  Kg/s  (460  lb/s) 

Verbally,  you  also  mentioned  that  there  should  be  substantial  centri¬ 
fuging  of  the  dust  occurring  naturally  in  the  fan  stages.  I  want  to  emphasi¬ 
ze  that  our  measurements  indicate  that  centrifuging  is  rather 
insignificant. 


W.A.  VAN  BODEGOM ,  N1 

Is  dust  damage  considered  incidental  ? 

Are  there  any  (official)  instructions/procedures  concerning  operating 
in  dusty  environments  ? 

Author's  Reply 

For  commercial  aircraft,  one  may  consider  dust  damage  from  encounters 
with  airborne  clouds  to  be  incidental.  There  are  official  instructions  for 
encounter  avoidance  on  a  case  by  case  basis.  At  present,  there  are  no  offi¬ 
cial  procedures  to  follow,  should  the  encounter  take  place.  For  example,  FAA 
Advisories  were  issued  in  the  past  for  known  eruption  areas. 

For  some  military  aircraft,  encounters  with  airborne  dust  clouds 
cannot  be  considered  incidental.  In  parallel  to  this  program,  there  are  ef¬ 
forts  directed  to  provide  means  for  early  detection  of  the  cloud.  Then,  the 
pilot  may  avoid  or  choose  a  course  to  minimize  damage,  within  mission 
constraints.  In  our  measurement  program  we  are  developing  procedures  that 
will  allow  the  pilot  to  best  manage  its  engine  resource  while  damage  occurs. 
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SUMMARY 


The  paper  brings  together  some  of  the  main  conclusions  drawn  from  recent  work 
in  an  on-going  experimental  program  of  research  on  the  aerodynamics  of  a  highly  loaded 
turbine  stage.  Detailed  data  have  been  secured  relating  to  the  aerodynamic  performance 
of  transonic  nozzles  of  high  turning  angle  (tested  with  two  different  outer  wall 
contours)  and  the  influence  of  the  stage  environment  on  such  measurements.  Further  work 
addressed  rotor  performance  (as  affected  by  blade  loading),  and  also  overall  stage 
performance.  The  ultimate  objective  of  the  work  is  the  extension  of  turbine  design 
methods  to  regimes  combining  high  stage  loadings  with  high  pressure  ratios,  with  special 
emphasis  on  small  blade  sizes. 


LIST  OF  SYMBOLS 

bxn  vane  axial  chord 

bxr  rotor  axial  chord 

Cx  axial  velocity,  m/s 

Cp0  nozzle  local  total  pressure  loss  coefficient 

__  (po1ra  “  po2)/(po1m  “  ps2ra) 

CpQ  circumferential  average  of  CpQ 

Cpo  area  weighted  radial  average  of  CpQ 

AH  change  in  stagnation  enthalpy,  J/kg 

ra  mass  flow  rate,  kg/s 

M  absolute  Mach  number 

Hn  overall  area  weighted  mean  Mach  number  at  plane  2 

Mr  relative  Mach  number 

N  rotational  speed,  rpm 

Nr  N//  T0 i m  relative  to  design  value 

P  pressure 

Pr  po1ra/ps2m 

pR  po1m/po3m 

T  temperature,  K 

U  Blade  speed,  m/s 

ot  local  flow  angle,  deg.  from  axial 

<X  circumferential  average  of  ol 

at  area-weighted  radial  average  of  o l 

Subscripts 

1,2,3...  plane  number  (Fig  5) 

m  mean 

s  static 


INTRODUCTION 


Gas  turbine  engines  designed  Cor  the  propulsion  of  light  helicopter  and  small 
turboprop  aircraft  generally  incorporate  single  stage  axial  gas  generator  turbines,  for 
reasons  of  compactness  and  simplicity.  To  achieve  acceptable  fuel  consumption,  such 
turbines  must  operate  with  relatively  high  stage  pressure  ratios.  The  resulting  large 
enthalpy  drop,  AH,  calls  for  high  rotor  blade  speeds  for  the  achievement  of  good 
turbine  efficiency. 

However,  considerable  benefits  to  engine  weight,  cost  and  handling  character¬ 
istics  would  result  if  blade  speeds  could  be  kept  low  without  compromising  turbine 
efficiency.  The  results  of  one  design  study  (of  a  600  hp  turboshaf t/turboprop  engine) 
indicated  that  if  the  rotor  blade  diameter  were  reduced  so  that  the  gas  generator 
turbine  stage  loading  (AH/Um2)  increased  by  37%  over  conventional  levels,  the  weight 
of  the  turbine  rotor  would  reduce  by  31%,  the  number  of  rotor  blades  by  24%,  and  the 
polar  moment  of**‘nertia  of  the  turbine  rotor  by  39%.  The  latter  is  particularly 
important  for  turboshaft  versions  of  small  engines,  where  rotational  inertia  has  a 
strong  influence  on  the  handling  characteristics  of  light  helicopters.  The  only  major 
disadvantage  of  such  increased  stage  loading  is  the  predicted  reduction  in  turbine 
efficiency. 

A  research  program  on  the  aerodynamics  of  a  highly  loaded  turbine  stage  was 
therefore  undertaken.  This  was  a  cooperative  activity  involving  the  National  Research 
Council  of  Canada  and  Pratt  and  Whitney  Canada,  and  had  as  its  objective  the  extension 
of  turbine  design  methods  to  regimes  combining  high  stage  loadings  with  high  pressure 
ratios,  with  special  emphasis  on  small  blade  sizes.  Results  have  been  reported  in 
detail  in  References  1,2,  3  and  4,  and  it  is  the  intention  here  to  attempt  to 
highlight  some  of  the  main  conclusions  of  this  work. 

STAGE  DESIGN 

The  design  parameters  selected  pertain  to  a  small,  single  stage  gas  generator 
turbine  having  a  stage  loading  of  2.47,  a  flow  factor  of  0.64,  and  a  pressure  ratio  of 
3.76.  Figure  1  shows  a  comparison  of  the  design  point  of  this  NRC/PWC  turbine  with 
other  similar  designs,  as  reported  in  References  5,  6,  7,  8  and  9.  Bearing  in  mind 
that  these  parameters  were  selected  in  the  mid  1970  's,  it  is  evident  that  the  target 
was  ambitious. 

The  aerodynamic  difficulty  of  the  design  is  further  illustrated  by  the  design 
point  velocity  triangles  of  Figure  2.  Both  nozzle  and  rotor  involve  supersonic  exit 
Mach  numbers  and  high  flow  turning  angles  (76°  in  the  vane  and  over  126°  in  the  rotor 
blade)  to  accommodate  the  high  stage  work  requirements.  Conditions  were  more  severe  at 
the  root  where  Mach  numbers  and  rotor  blade  turning  angles  were  higher. 

The  nozzle  had  14  vanes  of  aspect  ratio  0.6,  based  on  mean  true  chord. 
Trailing  edges  were  quite  thick,  with  20%  blockage,  to  accommodate  cooling  require¬ 
ments.  Vane  sections,  shown  in  Figure  3,  were  stacked  such  that  the  trailing  edge  was 
straight  (no  tilt)  and  radial  (no  lean)  in  the  meridional  and  axial  views.  The 
meridional  view,  also  shown  in  Figure  3,  illustrates  one  of  the  variables  in  the  re¬ 
search  program,  viz  nozzle  outer  wall  contouring.  Secondary  flow  losses  in  the  nozzle 
passages  might  be  expected  to  be  significant,  due  to  the  low  aspect  ratio,  high  vane 
loading,  and  turning  angles  involved,  so  that  alleviation  of  the  radial  component  of 
pressure  gradient  by  contouring  was  deemed  worthy  of  exploration.  Two  nozzle  builds  of 
differing  meridional  outer  wall  profiling  were  available,  one  with  a  conical  outer  wall 
contour  from  inlet  to  exit  (nozzle  C),  the  other  with  a  more  rapid  "S"  wall  contour 
starting  in  the  vicinity  of  the  throat.  In  order  to  maintain  the  same  throat  area 
between  nozzle  builds,  it  was  necessary  to  restagger  the  C  nozzle  vanes  0.72°  open 
compared  to  those  of  the  datum  S  version.  Dimensions  of  test  hardware  shown  in  Figure 
3  are  approximately  three  times  typical  engine  size. 

Rotor  blade  design  in  a  highly  loaded  turbine  generally  poses  some  conflic¬ 
ting  requirements.  The  research  turbine  was  designed  for  sub-impulse  conditions  at  the 
blade  root  with  a  resultant  large  flow  deflection  (130°)  and  high  inlet  relative  Mach 
number  (0.8).  The  tip  section  was  designed  to  have  surface  velocity  distributions  and 
loading  such  that  there  would  be  a  minimum  pressure  difference  across  the  tip  from 
pressure  to  suction  surface  to  decrease  the  tip  leakage  flow  and  its  adverse  effects  on 
stage  performance.  Design  tip  clearance  was  1.5%  span;  due  to  a  manufacturing  error 
the  actual  clearance  during  the  tests  was  2.3%  span.  Detai’s  are  shown  in  Figure  4. 

From  weight  and  cost  considerations  it  is  advantageous  to  minimize  the  number 
of  rotor  blades  in  a  turbine.  However,  without  increasing  the  stage  reaction  this 
implies  higher  blade  loading,  for  the  same  axial  chord,  and  possible  performance 
penalties.  In  order  to  investigate  the  effect  of  Zweifel  loading  coefficient  for  this 
class  of  turbine,  three  rotor  configurations  were  tested,  each  employing  the  same 
blading  and  designated  by  the  number  of  blades  in  the  build.  The  resulting  Zweifel 
loading  coefficients  are  shown  in  Table  1.  In  the  case  of  Rotors  45  and  34,  the  blades 
were  closed  by  0.7“  and  3.0°  respectively,  in  order  to  maintain  the  same  stage  reaction 
between  rotor  variants. 
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TEST  ARRANGEMENTS 

The  test  facility  {Pig.  5),  which  has  been  described  in  References  1,  2,  3 
and  4,  was  designed  to  accommodate  single  turbine  stages  of  about  53  era  o.d.  with  blade 
heights  up  to  7.5  cm.  Turbine  power  was  absorbed  in  a  water  brake  dynanoreeter  with  a 
speed  range  up  to  10,000  rpra.  Air  was  drawn  through  the  rig  by  an  exhauster  plant,  and 
was  prewarmed  by  thorough  mixing  with  the  output  of  a  propane  combustor. 

Plenum  conditions,  which  were  assumed  to  represent  inlet  stagnation 
conditions,  were  sensed  by  sixteen  partially  shielded  thermocouples  equispaced  around 
the  circumference,  and  by  four  static  pressure  tappings. 

In  order  to  allow  for  circumferential  variations  in  static  pressure  at  nozzle 
exit,  mean  wall  exit  static  pressures  were  derived  from  sabsurface  chambers  connected 
to  circumferential  slits  extending  over  one  nozzle  blade  pitch.  Provision  was  made  at 
nozzle  exit  (plane  2)  for  radial/circumferential  traversing  by  a  wedge  probe  equipped 
with  a  partially  shielded  thermocouple.  Similar  radial/circumferential  traversing 
capability  was  ilso  available  at  rotor  exit  (plane  3),  together  with  hub  and  tip  static 
pressure  tappings  at  five  circumferential  locations.  Rotor  exit  conditions  could  also 
be  sensed  by  four  total  pressure  rakes,  each  with  five  probes  disposed  at  centers  of 
equal  areas,  equispaced  circumferentially  in  the  exit  duct  (plane  4).  The  rakes, 
located  some  six  axial  chords  downstream  of  the  rotor  exit  (a  location  previously  found 
to  best  represent  engine  measured  performance)  could  be  aligned  and  locked  to  conform 
with  the  mean  exit  swirl  angle.  A  straightening  cascade  restored  axial  flow  in  the 
downstream  ducting,  where  further  mixing  of  remaining  temperature  nonuniformit ies  could 
occur.  Pour  rakes  of  partially  shielded  thermocouples,  located  at  approximately  nine 
rotor  diameters  from  rotor  exit  (plane  5),  were  used  to  determine  the  final  raixed-out 
temperature  of  the  exit  flow.  Insulation  of  the  entire  rig,  and  careful  adjustment  of 
inlet  temperature  to  maintain  exit  temperature  within  ±1*C  of  cell  ambient  temperature, 
combined  to  reduce  heat  transfer  in  the  downstream  mixing  process.  A  discussion  of 
instrumentation  accuracy  and  averaging  procedures  is  contained  in  Reference  2. 

PROGRAM  OBJECTIVES 

The  detailed  program  objectives  fall  naturally  into  two  groups,  the  first 
relating  to  nozzle  performance,  and  the  second  to  behaviour  of  the  overall  stage. 

The  nozzles,  incorporating  high  flow  turning  angles,  transonic  flows,  complex 
wall  shapes,  thick  trailing  edges  and  aerofoil  twist,  were  expected  to  present  problems 
in  terms  of  analytical  predictions.  It  was  therefore  proposed  to  secure  benchmark  data 
for  comparison  with  calculations,  to  help  in  the  extension  of  design  methods  to  these 
more  difficult  circumstances. 

Although  the  possible  benefits  of  contoured  walls  had  been  explored  in 
simpler  test  environments  (i.e.  with  lower  swirl  angles,  Mach  numbers  and  blade 
loadings,  and  in  two-dimensional  cascades,  e.g.  Refs  10  and  11)  there  appeared  to  be  a 
clear  need  for  detailed  data  from  a  larqe  scale  rig  operated  under  realistic 
conditions. 

Such  a  test  capability  also  lent  itself  to  an  investigation  of  the  influence 
of  downstream  conditions  on  nozzle  performance.  The  rig  was  large  enough  to  conduct 
detailed  surveys  of  flows  at  nozzle  exit,  even  with  a  representative  rotor  in 
operation.  By  performing  such  tests  with  various  rotors  and  operating  conditions,  and 
also  with  no  rotor  present,  it  was  hoped  to  assess  the  influence  of  the  stage 
environment  on  nozzle  performance. 

With  respect  to  objectives  relating  to  the  complete  stage,  it  was  believed 
that  direct  measurement  of  the  overall  performance  of  a  highly  loaded,  high  pressure 
ratio  stage  at  realistic  Mach  and  Reynolds  numbers  would  provide  a  useful  benchmark. 
Comparison  of  overall  stage  performances  secured  with  each  of  the  two  nozzle  wall 
contours  would  permit  direct  assessment  of  the  practical  usefulness  of  such 
contouring.  Finally,  by  changing  the  number  cf  rotor  blades  in  the  disc,  the  effect  of 
rotor  blade  loading  on  overall  stage  performance  could  be  explored. 

Results  are  discussed  first  in  terms  of  the  nozzle  behaviour,  and  then  from 
the  standpoint  of  overall  stage  performance. 

NOZZLE  PERFORMANCE  DATA  , 

Surface  Mach  Number  Distributions 

The  analytical  method  selected  here  for  comparison  is  based  on  a  time 
marching  solution  of  the  Euler  equations,  and  is  due  to  Denton  (Ref.  12).  The  method 
calculates  the  inviscid  three-dimensional  flow  field,  and  has  transonic  capability. 
Appropriate  cusps  are  required  at  leading  and  trailing  edges. 

Measured  static  pressures  along  the  vane  surfaces  at  midspan,  and  midway 
between  vanes  on  both  endwalls,  were  converted  isentropically  to  Mach  number  using  the 
measured  upstream  stagnation  pressure.  The  results  are  compared  with  the  analytical 
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predictions  in  Figures  6  and  7  at  an  area  weighted  mean  exit  Mach  number  of  1.04 
(nominal  tctal/static  pressure  ratio#  Pr ,  of  2.3). 

There  is  remarkable  agreement  between  measurement  and  calculations,  the  only 
real  differences  arising  in  regions  of  decelerating  supersonic  flow  just  downstream  of 
the  throat#  indicative  of  the  impingement  of  an  oblique  shock  wave  emanating  from  the 
trailing  edge  of  the  adjacent  vane.  Confirmation  of  the  presence  of  the  shock  wave  was 
provided  by  surface  flow  visualization  which  showed  excellent  agreement  with  the 
implications  of  the  measured  pressure  distributions  at  midspan  and  on  the  endwall . 

Generally  similar  agreement  between  calculation  and  experiment  was  found  at 
all  values  of  nozzle  pressure  ratio  tested,  covering  subsonic,  transonic  and  supersonic 
exit  conditions  (Ref.  2). 

Nozzle  Exit  Traverse  Data 

Nozzle  exit  traversing  was  conducted  with  a  three-hole  wedge  probe  (automa¬ 
tically  nulled  for  flow  angle)  at  11  circumferential  positions  spanning  one  vane 
pitch.  The  circumferential  average  of  readings  at  a  given  probe  immersion  has  been 
used  to  produce  the  radial  distributions  of  Figures  8  to  11. 

Figure  8  shows  radial  distributions  of  nozzle  exit  flow  angle  for  the  basic  s 
nozzle,  operated  at  design  pressure  ratio.  The  three  sets  of  data  indicate  the 
influence  of  downstream  conditions,  which  range  from  a  "no  rotor"  case,  through  rotor 
running  at  off-design  conditions,  to  the  complete  stage  operation  at  design  point. 
(The  nozzle  could  be  maintained  near  its  design  point,  with  essentially  constant  total 
to  static  pressure  ratio#  while  rotor  speed  and  stage  total/total  pressure  ratio  were 
varied#  since  the  rotor  remained  choked  down  to  values  of  stage  pressure  ratio  near 
2.4.)  It  is  immediately  evident  that  the  influence  of  the  downstream  conditions  was 
felt  more  strongly  at  the  hub  than  near  the  tip#  although  some  change  is  apparent  in 
all  regions.  Also  shown  in  Figure  8  is  the  trailing  edge  bisector  angle.  Comparison 
of  this  with  the  flow  angle  distributions  gives  some  indication  of  the  three- 
dimensionality  of  the  flow. 

Similar  data  for  the  C  nozzle  are  presented  in  Figure  9.  The  influence  of 
downstream  conditions  on  the  inner  region  of  the  annulus  is#  if  anything,  more  notice¬ 
able  than  with  the  S  nozzle,  although  the  tip  was  little  affected.  The  distribution  of 
flow  angle  under  stage  design  conditions  is  somewhat  more  uniform  than  was  found  with 
the  S  nozzle,  although  the  overall  level  is  lower. 

The  distributions  of  total  pressure  loss  coefficients  for  the  two  nozzles, 
shown  in  Figures  10  and  11,  again  support  the  conclusion  that  the  influence  of  down- 
<5  t-rvxm  conditions  can  be  significant.  For  the  S  nozzle,  the  generally  beneficial 
effect  on  the  near  hub  region  of  ror.ot  operation  somewhat  offset  by  apparent  adverse 
effects  beyond  20%  span,  a  situation  which  is  less  evident  with  the  C  nozzle  results  of 
Figure  11. 


The  data  of  Figures  8  to  1 1  relate  to  nozzle  operation  near  its  design  point, 
i.e.  with  generally  supersonic  exit  conditions.  Other  work,  reported  in  Reference  3, 
explored  rotor  effects  down  to  values  of  Pr  as  low  as  1.2,  and  has  confirmed  that  rotor 
influences  are  still  evident  at  low  Mach  numbers.  The  results  of  these  experiments  are 
summarised  for  nozzle  C  in  Figure  12,  in  which  overall  area  weighted  mean  values  of 
flow  angle  and  total  pressure  loss  coefficient  are  plotted  against  mean  exit  Mach 
number.  Local  flow  velocities  first  reach  sonic  values  near  the  vane  suction  surface/ 
hub  wall  intersection  well  before  the  mean  exit  Mach  number  reaches  unity,  leading  to 
performance  degradation  at  relatively  low  values  of  overall  mean  exit  Mach  number.  The 
transonic  deterioration  in  performance  evident  in  the  isolated  cascade  tests  on  the 
nozzle  (i.e.  without  rotor)  appears  significantly  worse  than  that  measured  in  a  stage 
environment,  at  least  for  this  nozzle.  (It  is  noted  that  upstream  propagation  of  down¬ 
stream  conditions  in  supersonic  flow  can  occur  in  boundary  layers.  Moreover,  high  flow 
swirl  angles  at  nozzle  exit  lead  to  an  effective  axial  component  of  velocity  substan¬ 
tially  below  the  sonic  level  at  all  test  conditions.) 

As  indicated  in  the  bar  charts  of  Figure  13,  relatively  small  differences  in 
nozzle  design  (in  this  case  only  the  outer  wall  contour)  can  have  significant  impact  on 
the  way  in  which  nozzle  performance  is  influenced  by  stage  environment.  In  this  Figure 
the  overall  performances  of  the  S  and  C  nozzle  builds  are  compared,  including  separate 
evaluations  of  their  hub  and  tip  contributions  to  tote.l  pressure  losses  for  three 
nominally  similar  downstream  test  conditions. 

It  is  apparent  that,  whereas  for  nozzle  C  the  hub  total  pressure  losses  are 
reduced  substantially  by  rotor  presence,  the  reduction  is  much  less  for  nozzle  S. 
Although  losses  very  close  to  the  hub  wall  are  reduced  in  both  cases,  the  larger 
separated  region  in  nozzle  C  permits  greater  gains  from  beneficial  rotor  influence.  In 
the  case  of  nozzle  S,  the  smaller  gains  are  reduced  further  by  the  appearance  of 
increased  losses  in  the  20  co  100  percent  span  region  (Fig.  10).  This  region  is  also 
affected  in  terms  of  exit  angles  (Pig.  8),  and  the  results  suggest  greater  three- 
dimensionality  of  the  S  nozzle  exit  flow  compared  to  that  of  the  C  version  (Fig.  9). 
(The  three-dimensionality  of  the  s  nozzle  exit  flow  is  also  reflected  in  the  value  of 
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the  corrected  mass  flow  parameter,  which  was  4  percent  lower  than  found  for  the  C 
nozzle  despite  the  nominal  similarity  in  geometric  throat  area.) 

Behaviour  of  the  tip  contributions  to  nozzle  total  pressure  losses  {Fig.  13) 
also  differs  between  the  S  and  C  builds,  some  slight  increase  in  loss  with  rotor 
presence  being  apparent  for  the  S  variant.  One  of  the  results  of  these  detailed 
differences  in  behaviour  is  that  in  terms  of  overall  total  pressure  loss  £po ,  the 
performance  of  the  S  nozzle  is  only  slightly  affected  by  rotor  operation,  although 
overall  nozzle  exit  flow  angle  2  is  substantially  increased  by  the  flow  angle  changes 
induced  by  the  rotor.  It  is  interesting  to  note  that  in  terras  of  £po,  the  relative 
overall  performances  of  the  two  nozzles  are  reversed  by  rotor  operation  {Fig.  13). 

It  appears  that  some  loss  components,  such  as  those  associated  with  certain 
accumulations  of  low  energy  fluid  from  secondary  flows,  might  be  less  susceptible  to 
downstream  effects  than  losses  associated  with,  say,  a  region  of  hub  flow  separation. 
The  actual  extent  of  improvement  due  to  the  rotor  would  .also  depend  on  the  details  of 
the  "no  rotor"  test  conditions. 

Information  on  another  aspect  of  rotor  influence  on  nozzle  performance  is 
available  in  Figure  14.  This  compares  distributions  of  nozzle  exit  mean  swirl  angle 
across  the  span  for  three  different  rotor  designs  operating  at  the  same  nominal  design 
point,  with  the  no  rotor  case  included  for  comparison.  The  rotational  speed,  blade 
design,  stage  pressure  ratio  and  nozzle  pressure  ratio  are  all  essentially  constant, 
the  only  variable  being  the  number  of  blades  on  the  disc  (i.e.  blade  loading).  It  is 
apparent  that  rotor  design  is  another  parameter  contributing  to  the  observed  influence 
on  nozzle  performance. 

CONCLUSIONS  PROM  NOZZLE  EXPERIMENTS 

It  may  be  appropriate  at  this  stage  to  review  the  main  conclusions  stemming 
from  the  experiments  on  nozzle  performance.  It  has  been  shown  that  surface  Mach  number 
distributicns  were  well  predicted  by  a  three-dimensional  Euler  flow  solver.  Data  have 
also  been  presented  which  indicate  some  increase  in  nozzle  losses  and  flow  underturning 
at  higher  Mach  numbers.  There  seems  little  doubt  that  the  main  conclusion  from  this 
work  is  that  the  performance  of  a  nozzle  can  be  significantly  affected  by  conditions 
downstream  of  the  nozzle  exit.  The  sensitivity  of  the  nozzle  performance  to  rotor 
presence  depends  on  the  details  of  the  nozzle  exit  flow  field  and  on  the  rotor  design 
and  operation.  In  summary,  it  appears  that  performance  assessment  of  nozzles  of  high 
turning  angle  may  require  testing  with  an  appropriate  rotor. 

OVERALL  STAGE  PERFORMANCE 

The  second  main  aspect  of  the  research  program  concerned  the  overall 
performance  of  a  highly  loaded  turbine  stage,  as  affected  by  nozzle  wall  contouring  and 
rotor  blade  loading. 

Figure  15  shows  the  efficiency  map  for  the  basic  stage,  with  nozzle  S  and 
rotor  51.  For  rotational  speeds  from  80%  to  100%  of  design,  the  efficiency  is  largely 
independent  of  pressure  ratio  over  a  considerable  range,  where  the  rotor  remains 
choked.  Efficiency  would  be  expected  to  decrease  at  pressure  ratios  beyond  design, 
influenced  by  rotor  shock  losses,  and  to  increase  for  stage  pressure  ratios  below  about 
2.4,  as  the  rotor  unchokes  and  overall  Mach  numbers  are  reduced.  The  behaviour  with 
decreasing  speed  reflects  increasing  rotor  incidence  and  relative  inlet  Mach  number, 
and  reduced  reaction.  The  efficiency  measured  at  the  design  point  was  just  over  80%. 

As  was  noted  earlier,  a  high  design  value  of  stage  loading  had  been  chosen. 
It  is,  however,  of  interest  from  the  standpoint  of  future  designs,  to  attempt  to  derive 
3ome  indication  of  stage  performance  at  even  higher  values  of  stage  loading.  Such 
estimates  have  been  derived  in  the  present  investigation,  as  shown  in  Figure  16.  The 
points  represent  off-design  conditions,  and  thus  may  be  taken  as  lower  bound  estimates 
of  attainable  efficiencies  for  a  gas  generator  turbine  of  the  present  size. 

Influence  of  Nozzle  Hell  Contour  on  Stage  Performance 

Some  understanding  of  the  influence  of  the  two  particular  nozzle  wall  con¬ 
tours  on  stage  efficiency  may  be  gained  from  Figures  17  and  18  which  illustrate  direct¬ 
ly  the  contributions  of  the  nozzle.  Figure  17  shows  the  radial  distribution  of  total 
pressure  losses  for  the  two  nozzle  variants,  as  measured  at  design  point  with  rotor 
51.  The  superiority  of  the  C  contour  version  is  readily  apparent,  and  would  be  expec¬ 
ted  to  lead  to  better  stage  performance.  However,  a  comparison  of  mean  exit  swirl 
angles  (Figure  18)  suggests  that  other  performance  parameters  must  be  considered.  As 
noted  earlier,  the  vanes  in  the  C  build  were  re-staggered  0.72*  open  (i.e.  with  less 
turning)  to  maintain  a  constant  throat  area.  As  seen  in  Figure  18,  with  the  C  nozzle 
producing  about  1*  less  flow  turning  on  average  than  the  S  variant,  the  mean  flow  angle 
at  exit  of  the  two  builds  differed  by  1.8*.  This  combination  of  re-stagger  and  aero¬ 
dynamic  underturning  of  the  C  nozzle  led  to  rotor  incidences  which  were  locally  as  much 
as  5*  below  the  design  values.  In  such  circumstances,  measurable  effects  on  stage 
efficiency  might  be  expected. 


A  comparison  of  overall  stage  efficiw.  cies  for  the  S/51  and  C/51  builds  at 
design  point  is  presented  in  Table  2,  evaluated  with  different  measurement  techniques. 
It  is  seen  that  overall  efficiency  with  the  C  nozzle  is  slightly  inferior  to  that  with 
the  S  build#  regardless  of  the  measurement  technique  adopted.  It  appears  that  for  the 
C  nozzle  configuration,  off-design  rotor  incidence  outweighed  lower  nozzle  losses.  In 
order  to  realise  the  potential  of  the  C  nozzle,  some  re-design  to  accommodate  the 
measured  flow  angles  would  be  required. 

The  selection  of  efficiency  evaluation  methods  listed  in  Table  2  is  intended 
to  illustrate  how  choice  of  measurement  plane  and  technique  can  influence  the 
calculated  value  of  overall  efficiency.  For  example,  total  pressure  could  be  evaluated 
from  rotor  exit  traverse  data  (plane  3),  from  measurements  from  fixed  rakes  at  plane  4 
{about  6  axial  chords  downstream  of  the  rotor),  or  from  continuity  assumptions  and 
other  inlet  and  exit  measurements.  Total  temperature  could  also  be  derived  in 
different  ways,  from  measurements  far  downstream  (plane  5)  or  at  rotor  exit,  or 
inferred  from  dynamometer  torque  readings.  (In  methods  4  and  5,  no  allowance  for  disc- 
windage  and  bearing  friction  losses  has  been  incorporated.)  As  a  point  of  interest, 
total/static  efficiencies  are  also  shown.  In  general,  efficiencies  quoted  n  the  text 
have  been  derived  using  Method  1 . 

Effect  of  Rotor  Blade  Loading 

The  final  stage  variable  of  interest  was  rotor  blade  loading,  which  was 
explored  using  the  three  builds  of  51,  45  and  34  identical  rotor  blades.  Figure  19 
compares  the  mean  radial  distributions  of  rotcr  exit  flow  angle  for  the  three  rotor 
builds.  The  data,  obtained  from  radial/circumferential  traversing  at  rotor  exit,  have 
been  re-cast  in  the  relative  (rotating)  frame  of  reference.  The  differences  in  blade 
angle  due  to  the  re-stagger  are  also  indicated. 

The  baseline  rotor  51  and  rotor  45  both  show  the  expected  underturning  at 
mid-span  and  the  overturning  near  the  walls  associated  with  classical  secondary  flow 
mechanisms.  Centres  of  secondary  vortices  are  at  about  25%  and  75%  span,  and  tip 
leakage  effects  are  significant.  Rotor  34,  on  the  other  hand,  with  its  high  blade 
loading,  clearly  has  a  much  more  three-dimensional  flow  field  at  exit.  A  strong  vortex 
centered  near  40%  span  appears  to  be  associated  with  the  high  flow  turning  in  the  lower 
aspect  ratio  passage  between  blades.  A  similar  phenomenon  was  noted  in  earlier  cascade 
testing  of  the  rotor  blades  at  high  pitch/chord  ratios  (Ref.  13). 

Data  presented  in  Figure  20  were  derived  from  averaging  locally  measured 
values  of  total  pressure  and  total  temperature  from  radial/circumferential  traverses 
conducted  at  rotor  exit.  As  would  be  expected,  the  strong  three-dimensionality  of  tne 
exit  flow  from  rotor  34  reduced  its  efficiency,  particularly  in  the  mid-span  region. 

For  completeness,  Table  3  presents  the  calculated  design  poirt  efficiencies 
of  all  the  nozzle/rotor  builds  tested,  evaluated  usini  the  methods  of  Table  1.  The 
general  internal  consistency  of  the  data  is  apparent,  together  with  the  spread  of 
several  percentage  points  depending  on  the  calculation  method  adopted. 

CONCLUSIONS  PROM  STAGE  EXPERIMENTS 

The  measured  overall  efficiency  of  the  basic  highly  loaded  stage  was  just 
over  80%,  which  conformed  closely  with  design  predictions.  Lower  bound  estimates  of 
efficiency  were  derived  from  off  design  operation  for  even  higher  staqe  lo^dinqs,  and 
may  be  helpful  in  selecting  future  design  parameters.  Although  direct  measurement  of 
nozzle  total  pressure  loss  coefficient  had  suggested  that  conical  outer  wall  contouring 
would  be  superior  to  S  wall  contouring,  the  expected  gains  in  overall  stage  performance 
were  not  realised.  The  shortfall  was  believed  to  be  associated  with  the  magnitudes  of 
nozzle  exit  flow  angles  achieved. 

Blade  loadings  in  excess  of  normal  values  were  explored,  with  design  mean 
Zweifel  coefficients  up  to  1.18.  It  was  found  that  such  increases  red'll  stage 
efficiency  by  about  2$  percentage  points.  The  reduction  was  shown  to  be  associated 
with  a  significant  increase  in  the  three-dimensionality  of  the  rotor  flow  field. 
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TABLE  1 


ROTOR  BLADE  LOADINGS 


Number 

of  blades 

Zwelfel  coefficient 

Hub 

Mean 

Tip 

51 

.69 

.77 

.79 

45 

.79 

.87 

.90 

34 

1.07 

1.18 

1.23 

EFI 


Method 

Pressure 

Total  Temperature 

measurement 

measurement 

S/51 

C/51 

1 

Po  rakes, 

Mixing  pipe  rakes. 

plane  4 

plane  5 

80.0 

79.8 

2 

Po  traverse, 

Mixing  pipe  rakes. 

plane  3 

plane  5 

83.0 

82.0 

3 

Po  traverse, 

Traverse, 

plane  3 

plane  3 

79.4 

78.7 

4 

Po  rakes. 

Dynamometer 

plane  4 

(N,  m) 

79.7 

78.6 

Continuity 

Dynamometer 

5 

(Polm,  Tolm, 
Ps3m,  m, a) 

(N.m) 

81.9 

80.8 

6 

wall  Ps 

Mixing  pipe  rakes. 

plane  3 

plane  5 

70.8 

69.2 

DESIGN  POINT  TURBINE  EFFICIENCY 


Method  S/51  S/45  S/34 


1  80.0  79.6  77.5 


2  83.0  82.7  81.6 


3  79.4  79.5  76.3 


79.7  79.3  77.7 


5  81.9  61.6  78.3 


70.8  69.7  68.4 


C/51  C/34 


79.8  I  77.6 


82.0  81.3 


78.7  76.0 


78.6  78.2 


69.2  68.1 


5.0- 


NRC/P&WC 


76° 


Fig.  1  High  pressure  research 
turbine  characteristics 


Fig.  2  Design  point  velocity  triangles 
at  midspan 


Meanx 


Flow. 
lOSLi-^ 


Number  of  vanes 

=  14 

Mean  radius 

=  229  mm 

Span  at  exit 

=  73  mm 

Axial  chord 

=  58.4  mm 

Leading  edge  diameter 

=  14.7  mm 

Trailing  edge  diameter 

=  4.2  mm 

Inlet  metal  angle 

=  10° 

Exit  metal  angle 

=  76° 

Fig.  3  Vane  sections  &  midspan 
geometric  parameters 


Fig.  4  Blades  sections  6  midspan 
geometric  parameters 
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Fl5r'  5  The  hi9hlY  loaded  turbine  rig 
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Hub  Nozzle  percent  height  Tip  MUD  Nozzle  percent  height 


Fig.  8  Effect  of  rotor  operating 

condition  on  radial  distribution 
of  circumferentially  averaged 
nozzle  exit  flow  angle 


Fig.  9  Effect  of  roLor  operating 

condition  on  radial  distribution 
of  circumferentially  averaged 
nozzle  exit  flow  angle 


Hub  Nozzle  percent  height  1  ip 


Fig.  10  Effect  of  rotor  operating 

condition  on  radial  distribution 
of  circumferentially  averaged 
nozzle  total  pressure  loss 
coefficient 


Fig.  11  Effect  of  rotor  operating 

condition  o a  radial  distribution 
of  circumferentially  averaged 
nozzle  total  pressure  loss 
coefficient 
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Nozzle  ‘C’ 


Cpo 


CpoH 


CpOy 


0.179  ^ 

0.269 

0.101 

0.152 

r 

0.209 

0.104 

0.140 

0.187 

0.099 

Nr 

70 

100 


Nozzle  ‘S’ 


0.168 

0.242 

0.105 

0.168 

0.222 

r 

0.121 

0.163 

0.216 

0.118 

70 

100 


PR 

2.40 

3.75 


2.46 

3.86 


(Rotor  51,  Mn  ~  1.05,  Pr  ~  2.3) 

Fig.  13  Comparison  of  effect  of  rotor  operation 
on  performance  of  two  nozzle  variants 


Nozzle  C 


a 


80 


75 


70 


65ft 


V 

Hub 


Symbol 

Motor 

Nr 

Pr 

PR 

, 

51 

100 

2.32 

3.75 

o 

45 

too 

2.35 

3.70 

ft 

34 

100 

2.29 

3.68 

9 

2.29 

20  40  60  80  100 

Nozzle  percent  height  Tip 


Fig.  14  Effect  of  rotor  blade  number  on  radial 
distribution  of  circumferentially 
averaged  noz2le  exit  flow  angle 


Fig.  15  Variation  of  efficiency  with 

pressure  ratio  for  the  basic  stage 


Nozzle  Rotor  Cpo 
5 
5 


Ni 

lo 

coefficient 


1  1 

Fig. 

Nozzle  percent  height 

17  Radial  distribution  of  circumferentially 

averaged  nozzle  total  pressure  loss  at  design 
conditions 

Nozzle  Rotor  a 

QC 

c  S  51  76.71 

OO 

C  51  74.90 

Exit  flow 

A 

anale  a. 

Metal  angle 

- Nozzle  S 

- Nozzle  C 


20  40  60  80 

Nozzle  percent  height 


Fig.  18  Radial  distribution  of  circumferentially 
averaged  nozzle  exit  flow  angle  at  design 
conditions 
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Y.  RIBAUD,  Fr 

Why  is  the  efficiency  so  bad,  is  it  because  of  high  hub  ratio  ? 
Author's  Reply 

We  feel  that  the  source  of  the  relatively  low  level  of  efficiency  ob¬ 
tained  with  this  turbine  lies  in  the  combination  of  high  stage  loading 
(  0  H/Uz)  and  high  pressure  ratio,  as  illustrated  in  Fig.  1.  The  former  de¬ 
termines  the  large  amount  of  flow  turning  in  the  rotor,  with  resulting  nar¬ 
row  flow  passages  and  high  streamline  curvatures.  The  latter  establishes  the 
high  levels  of  gas  velocity  within  the  rotor  passages.  The  combination  of 
the  two  causes  large  amounts  of  local  diffusion  on  blade  surfaces,  as  well 
as  shocks  within  and  downstream  of  the  covered  channel  of  the  blade.  It  is 
likely  that  the  present  design  could  be  somewhat  improved  by  refinements  to 
the  blade  shape,  indicated  by  three-dimensional  analyses  which  were  not 
available  at  the  time  of  the  original  design.  However,  it  is  unlikely  that 
the  efficiency  of  this  turbine  (at  its  design  target  pressure  ratio  and 
rotational  speed)  could  be  radically  increased  as  long  as  the  present  con¬ 
straints  on  trailing  edge  thickness,  tip  clearance  and  blade  aspect  ratio 
remain  in  force. 

It  should  be  emphasized  that  the  objective  of  this  research  was  to  es¬ 
tablish  aerodynamic  "design  rules"  for  turbines  in  an  operating  regime  which 
is  generally  associated  with  low  efficiency.  In  certain  application,  the  be¬ 
nefits  to  engine  weight,  cost,  and  rotational  inertia  may  outweight  increa¬ 
sed  fuel  consumption,  provided  this  can  be  kept  within  reasonable  bounds. 


J.  MOORE,  US 

Could  you  comment  on  the  large  difference  in  rotor  flow  shown  in  Figu¬ 
re  19  between  the  45  and  34  blades  configurations  ? 

Was  this  caused  by  a  change  in  the  stator  exit  flow  distribution  ? 

Author's  Reply 

The  significant  change  in  the  flow  field  at  high  blade  loadings  is  be¬ 
lieved  to  be  associated  with  the  low  aspect  ratio  of  the  rotor  blade 
passages.  Earlier  work  by  S.H.  Moustapha  (Reference  13)  on  a  non-rotating 
rig  which  simulated  this  rotor  blade  geometry,  has  shown  a  similar  effect  at 
low  values  of  blade  passage  aspect  ratio. 
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SUMMARY 

An  experimental  performance  evaluation  was  made  of  two  moveable  sidewall  variable 
area  radial  turbines.  The  turbine  designs  v*re  representative  of  the  gas  generator  tur¬ 
bine  of  a  variable  flow  capacity  rotorcraft  engine.  The  first  turbine  was  an  uncooled 
design  while  the  second  turbine  had  a  cooled  nozzle  but  an  uncooled  rotor.  The  design, 
fabrication  and  testing  were  carried  out  by  Teledyne  CAE  under  a  series  of  government 
contracts.  Performance  measurements  were  taken  over  a  turbine  flow  range  of  2:1  in  the 
Contractor's  warm  (121  °C)  air  facility.  The  cooled  nozzle  turbine  was  evaluated  both 
with  and  without  coolant  flow. 

The  test  results  showed  that  the  moveable  nozzle  wall  is  a  viable  and  efficient 
means  to  effectively  control  the  flow  capacity  of  a  radial  turbine.  Peak  efficiencies 
of  the  second  turbine  with  and  without  nozzle  coolant  were  86.5  and  88  percent  respec¬ 
tively.  These  values  are  comparable  to  pivoting  vane  variable  geometry  turbines;  how¬ 
ever,  the  decrease  in  efficiency  as  the  flow  was  varied  from  the  design  value  was  much 
less  for  the  moveable  wall  turbine.  The  measured  turbine  performance  over  the  entire 
flow  range  was  within  one  point  of  the  estimated  turbine  performance  used  in  a  previ¬ 
ously  conducted  variable  flow  capacity  engine  analysis  which  showed  significant  fuel 
savings.  Several  design  improvements  were  identified  which  should  increase  the  turbine 
efficiency  one  or  more  points.  These  design  improvements  include  reduced  leakage 
losses  and  relocating  the  vane  coolant  ejection  holes  to  reduce  mainstream  disturbance. 

INTRODUCTION 

A  major  programmatic  thrust  at  the  NASA  Lewis  Research  Center  is  to  improve  the 
performance  and  fuel  economy  of  small  (0.9  to  2.3  kg/sec  airflow  size)  gas  turbine 
engines.  Significant  performance  improvements  of  this  engine  class  have  been  made  over 
the  years  with  optimized  engine  cycles,  improved  small  component  performance  and  the 
incorporation  of  higher  temperature  materials  and  cooling  technology.  Further  fuel 
savings  may  be  made  (Ref.  1)  by  utilizing  ceramics  in  the  hot  section,  allowing  higher 
temperatures  and  reduced  coolant  flows,  and  developing  nonconventional  cycles  such  as 
regenerative  engines.  These  approaches  increase  the  engine's  thermal  efficiency. 

Another  approach  to  reducing  the  total  fuel  burned  is  to  improve  the  part-power  fuel 
consumption.  This  is  particularly  important  for  an  engine  that  operates  over  a  wide 
power  range  as  in  a  rotorcraft  application.  Here  the  objective  of  a  reduction  of  total 
fuel  consumption  can  be  effectively  made  by  a  variable  flow  capacity  engine. 

Typically,  engines  are  designed  to  be  most  efficient  at  a  selected  operating  con¬ 
dition  (or  power  level) ,  for  a  given  application,  and  increased  fuel  consumption  is 
accepted  at  other  power  levels.  As  is  well  known,  the  increased  fuel  consumption  is 
due  to  higher  losses  as  the  engine  components  operate  off-design.  In  the  variable  flow 
capacity  engine,  the  components  are  operated  at  constant  conditions  during  the  entire 
flight  and  the  engine  power  is  modulated  by  changing  engine  airflow.  This  is  accom¬ 
plished  by  operating  the  turbomachinery  at  their  design  values  of  speed,  pressure  ratio 
and  turbine  inlet  temperature  and  utilizing  variable  geometry  for  airflow  management. 

The  variable  capacity  engine  was  included  in  an  Army  study  (Ref.  2),  where  it  was  con¬ 
cluded  that  the  lack  of  data  on  variable  geometry  made  the  evaluation  of  the  cycle 
difficult  and  that  research  efforts  should  focus  on  the  critical  variable  geometry 
loss/leakage  issues  In  the  engine  components.  Later  Army  sponsored  studies  (Refs.  3 
and  4),  provided  in-depth  analyses  of  the  losses  and  performance  of  variable  nozzle 
area  gas  generator  radial  turbines.  These  studies  showed  fuel  savings  for  the  vari¬ 
able  flow  cycle  compared  to  a  simple  cycle,  if  the  aerodynamic  penalties  of  the  vari¬ 
able  geometry  could  be  kept  low. 

The  latter  two  studies  focused  on  the  variable  geometry  gas  generator  turbine 
since  this  was  one  of  the  riskiest  components  in  the  engine  and  the  one  about  which 
very  little  information  existed.  For  this  turbine,  two  methods  were  considered  to  vary 
the  nozzle  area.  One  was  by  translating  the  nozzle  sidewall  and  the  second  was  by 
pivoting  the  vanes  or  the  trailing  edge  portion  of  the  vanes.  The  results  indicated 
that  the  translating  sidewall  method  had  the  same  or  lower  losses  than  the  pivoting 
vanes,  but  lacked  substantiating  data.  An  experimental  program  was  recommended  to 
obtain  data  for  the  translating  sidewall  turbine. 
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A  series  of  Army  funded  -  NASA  managed  contracts  were  awarded  to  Teledyne  CAE  to 
obtain  turbine  performance  data  on  the  translating  sidewall  concept.  Initially,  a 
variety  of  moving  sidewall  configurations  were  tested  to  establish  a  data  base  and 
identify  the  one  or  two  concepts  with  the  best  performance.  An  existing  uncooled  tur¬ 
bine  design  was  used  for  those  tests.  Information  gained  from  the  test  program  was  then 
incorporated  into  the  turbine  design  of  Ref.  4  and  a  second  research  turbine  built. 

The  purpose  of  the  second  turbine  was  to  determine  the  effect  of  nozzle  vane  coolant 
flows  and  improved  vane  leakage  control  on  turbine  performance. 

The  testing  was  done  at  the  Contractor's  site.  Tests  were  conducted  with  air  at 
a  temperature  of  121  °C  and  a  pressure  of  164  kPa.  Overall  stage  performance  and 
selected  flow  surveys  were  taken.  This  paper  summarizes  the  results  of  the  program. 

TURBINE  DESIGN 

A  cross  section  of  a  conceptual  variable  flow  capacity  engine  is  shown  in  Fig.  1. 
The  engine  has  a  two-stage  compression  system,  a  reverse  flow  combustor,  a  radial  qas 
generator  turbine,  and  an  axial  flow  power  turbine  with  a  forward  output  shaft.  All 
the  turbomachinery  in  the  engine  has  variable  geometry.  The  compressors  have  variable 
inlet  guide  vanes  and  translating  sidewall  diffusers,  while  both  turbines  have  variable 
area  nozzles.  There  is  no  variable  geometry  in  the  combustor.  A  single  mechanical 
linkage  simultaneously  actuates  all  variable  geometry  components  with  a  single  control. 

Several  cycle  and  mechanical  variations  of  this  engine  were  studied  and  analyzed 
for  a  defined  rotorcraft  mission  (Refs.  3  and  4).  A  design  life  of  4000  hr  with  pro¬ 
jected  year  1990  materials  was  specified.  Both  cooled  and  uncooled  rotors  were  con¬ 
sidered  for  the  gas  generator  turbine.  Design  parameters  of  one  of  the  selected 
engines  are  listed  in  Table  I.  Comparison  of  the  performance  of  this  engine  with  a 
comparable  technology  simple  cycle  showed  a  seven  percent  fuel  savings  for  the  variable 
cycle  engine.  Additional  study  details  may  be  found  in  Ref.  4. 

The  engine  studies  former  the  basis  of  the  variable  geometry  turbine  designs.  Two 
turbine  designs  were  recommended.  One  design  had  an  inlet  temperature  of  1370  °C  with 
a  cooled  nozzle  and  rotor,  while  the  other  turbine  had  an  inlet  temperature  of  1205  °C, 
a  cooled  nozzle  and  an  uncooled  rotor.  The  lower  temperature  design  was  selected  for 
the  test  program.  The  design  engine  airflow,  i.e.,  the  flow  corresponding  to  th«  nom¬ 
inal  setting  of  the  variable  geometry,  and  the  airflow  range  were  selected  based  on  the 
vehicle  power  demands  and  an  optimization  study  made  to  minimize  the  total  fuel  burned 
for  the  mission.  Results  indicated  a  flow  variation  of  2:1  was  required  with  the  design 
airflow  set  at  78  percent  of  the  maximum  flow.  The  two  methods  considered  for  turbine 
flow  control,  the  pivotinq  vane  and  moving  sidewall  nozzles,  are  shown  in  Fig.  2.  The 
variable  geometry  losses  associated  with  the  pivoting  vanes  are  leakage  flrws  between 
the  vanes  and  sidewalls  and  incidence  changes  as  the  vanes  are  rotated.  The  losses 
associated  with  the  moving  sidewall  are  leakage  flows  on  the  telescoping  side  of  the 
nozzle  plus  sudden  expansion  and  contraction  losses  as  the  sidewall  is  moved. 

First  Test  Turbine. 

As  mentioned  earlier,  the  initial  turbine  utilized  in  the  test  program  was  an 
existing  design  of  Teledyne  CAE.  The  turbine  had  been  designed  some  years  earlier,  but 
the  design  conditions  were  sufficiently  close  to  those  specified  for  this  program.  A 
variation  of  the  design  was  also  used  in  a  test  program  to  evaluate  the  pivoting  vane 
turbine  and  could  therefore  serve  as  a  reference  against  which  to  compare  the  moving 
sidewall  turbine.  To  adapt  the  turbine  for  use  in  this  program  the  machine  was  scaled 
up  (to  a  rotor  diameter  of  355.6  mm)  to  match  facility  and  Reynolds  number  requirements 
and  the  nozzle  hardware  was  ’•edesigned  to  accept  various  kinds  of  moving  sidewalls.  The 
nominal  design  conditions  for  this  turbine  are  listed  in  Table  II  and  the  meridional 
flow  path  is  shown  in  Fig.  3. 

The  test  objective  for  this  turbine  was  to  evaluate  several  stator  configurations. 
Typical  geometries  are  shown  in  Fig.  4.  Both  straight  and  contoured  sidewalls  as  well 
as  various  vaneless  space  geometries  were  tested.  Figure  4(a)  shows  a  sudden  expansion 
or  dump  into  the  vaneless  space  as  the  nozzle  is  closed  down.  The  next  configuration. 
Fig.  4(b),  depicts  a  diffusing  ramp  in  the  vaneless  space  that  is  actuated  by  and  fol¬ 
lows  the  moving  wall.  The  intent  is  to  reduce  sudden  expansion  losses.  The  next  illus¬ 
tration,  Fig.  4(c),  shows  a  converging  vaneless  space  where  the  flow  is  accelerated 
smoothly  as  the  nozzle  is  opened  to  its  maximum  area.  However,  this  configuration 
still  results  in  a  sudden  expansion  at  closed  down  areas.  Ir  Fiq.  4(d),  the  vaneless 
space  wall  travels  with  the  nozzle  wall  and  the  flow  dump  occurs  in  the  rotor  inducer 
where  there  are  lower  relative  velocities  than  in  the  vaneless  space. 

In  each  configuration,  one  of  the  nozzle  sidewalls  was  always  in  a  fixed  position 
and  aligned  flush  with  the  inle*-  and  vaneless  space  walls.  The  opposite  sidewall  was 
then  positioned  to  either  increase  or  decrease  the  flow  area  from  the  nominal  setting. 

At  the  nominal  setting,  both  walls  are  aligned  flush  with  the  rotor  inducer.  All 
nozzle  vanes  of  the  first  turbine  were  solid  and  no  coolant  flow  was  simulated. 

Tests  with  this  turbine  were  also  conducted  with  variable  geometry  at  the  rotor 
exit.  This  consisted  of  rings  that  were  inserted  into  the  flow  just  downstream  of  the 
rotor  to  control  the  rotor  reaction  as  the  stator  was  closed  down.  The  stage  effi¬ 
ciency  decreased  for  all  rotor  exit  ring  tests  and  will  not  be  reported  on  further  in 
this  paper.  Additional  design  and  configuration  details  are  included  in  Ref.  5. 
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Second  Test  Turbine 

The  second  research  turbine  was  essentially  the  design  executed  in  Ref.  4  with 
some  modifications  made  based  on  the  results  of  the  first  turbine  tests.  Design  para¬ 
meters  are  listed  in  Table  III.  The  flow  path  of  the  turbine,  as  taken  from  an  engine 
layout,  is  shown  in  Pig.  5.  Thu  use  of  current  cooling  technology  and  year  1990  mate¬ 
rials  required  coolant  in  the  nozzle  vanes,  sidewalls,  and  rotor  shroud,  plus  a  small 
amount  to  purge  the  rotor  backface  cavity.  No  rotor  coolant  was  required.  All  coolant 
flows  except  the  shroud  flow  was  simulated  in  the  test  turbine.  The  nozzle  was  designed 
with  straight  sidewalls  and  a  converging  vaneless  space.  The  test  turbine  was  built 
so  either  the  hub  or  shroud  walls  could  be  moved.  Photographs  of  the  two  rotors  and 
nozzle  vanes  are  shown  in  Fig.  6. 

Vane  Seals 

During  the  design  and  test  phases  of  the  orogram,  careful  attention  was  given  to 
the  leakage  flow  around  the  nozzle  vanes.  The  gap  between  the  sidewall  cutout  and  the 
vane  profile  was  nominally  0.4  mm.  Tests  were  run  with  this  gap  open,  completely 
sealed  with  a  rubberized  sealant  and  finally  with  a  metal  wiper  seal.  The  seals  are 
shown  in  Fig.  7.  A  cross  section  of  the  "L*  shaped  seal  is  shown  in  section  B-B. 

Based  on  pressure  measurements,  it  appeared  that  the  leakage  flow  followed  a  path  as 
shown  in  the  figure  which  caused  significant  losses.  In  the  first  turbine,  Fig.  7(a), 
only  a  portion  of  the  vane  clearance  gap  was  sealed  with  the  wiper  seal.  The  region 
is  shown  by  the  cross  hatched  area  in  the  figure.  The  application  of  the  wiper  seal 
to  this  small  area  was  very  effec'ive;  however,  the  seal  was  extended  to  most  of  the 
vane  perimeter  for  the  second  turbine.  The  effectiveness  of  the  seals  is  discussed 
later  in  this  paper. 

APPARATUS  AND  TEST  PROCEDURE 

The  research  turbines  were  evaluated  in  a  test  facility  at  Teledyne  CAE.  A  cross 
section  of  the  test  apparatus  is  shown  in  Fig.  8.  Compressed  air  at  a  nominal  pressure 
of  164  kPa  was  heated  to  about  121  “C  and  ducted  to  the  inlet  plenum  of  the  turbine. 
Within  the  inlet  plenum  the  flow  passed  throuqh  two  screens  to  smooth  the  flow  before 
entering  the  turbine.  After  leaving  the  turbine,  the  air  was  ducted  to  facility 
exhausters.  The  turbine  pressure  ratio  was  set  by  chanqinq  the  exit  pressure.  Power 
was  absorbed  by  a  waterbrake  which  also  served  to  control  the  speed.  Between  the  tur¬ 
bine  and  waterbrake  was  an  in-line  torque  meter  which  measured  the  shaft  torque  and 
rotational  speed. 

The  instrumentation  installed  in  the  test  rig  is  shown  in  Fig.  9.  At  station  1, 
about  one-half  vane  chord  upstream  of  the  nozzle,  measurements  of  total  temperature, 
total  pressure  and  wall  static  pressure  were  taken.  At  this  same  location,  surveys  of 
flow  angle  and  pressure  were  taken  from  wall  to  wall  to  verify  the  flow  uniformity  at 
the  turbine  inlet.  At  station  2  were  located  wall  static  pressure  taps  and  an  angle/ 
total  pressure  survey  probe.  The  survey  probe  was  used  to  measure  from  wall-to-wall 
axially  and  over  a  distance  of  one  and  one-half  vane  pitches  circumferentially.  Wall 
static  pressures  were  measured  on  the  inner  and  outer  walls  at  stations  3  and  4.  A 
radial  survey  probe  for  measuring  angle,  total  pressure  and  total  temperature  was 
located  at  station  3.  At  station  4,  twelve  values  each  of  total  pressure  and  tempera¬ 
ture  were  measured  with  fixed  rakes.  The  coolant  and  mainstream  flow  rates  were 
measured  with  calibrated  flow  orifices. 

For  each  turbine  configuration  tested,  the  nozzle  sidewalls  were  moved  in  incre¬ 
ments  (usually  four)  from  full  open  to  50  percent  closed  by  means  of  jack  screws  with 
a  pneumatic  assist.  Stops  were  provided  to  repeat  the  nozzle  area  settings  accurately 
as  the  nozzle  configurations  were  changed.  The  nozzle  sidewall  position  could  also  be 
set  and/or  measured  with  a  depth  gage  through  access  holes  in  the  nozzle  assembly. 

The  first  turbine  was  set  up  so  that  at  the  flush  wall  condition  the  nozzle  area  was 
80  percent  of  the  maximum  area,  whereas  it  was  78  percent  for  the  second  turbine.  The 
nozzle  assembly  of  the  second  turbine  used  to  simulate  vane  coolant  flows  is  shown 
schematically  in  Fig.  10.  The  coolant  entered  a  small  plenum  behind  the  hub  sidewall 
and  then  flowed  through  a  series  of  small  holes  into  the  mainstream  to  simulate  vane 
and  wall  cooling.  A  small  amount  of  coolant  also  entered  the  mainstream  from  the  rotor 
backface  plenum. 

All  testing  with  the  first  turbine  was  conducted  at  design  SDeed  and  pressure 
ratio.  For  each  nozzle  configuration,  stage  performance  data  were  taken  over  a  range 
of  flow  areas.  Based  on  the  results  of  those  tests,  five  geometries  were  selected  for 
detail  flow  surveys  at  the  nozzle  and  rotor  exits.  Testing  with  the  second  turbine  was 
limited  to  fewer  nozzle  configurations  but  for  expanded  operating  conditions.  Data 
were  taken  at  speeds  of  60,  80,  and  100  percent  of  design  and  for  a  range  of  pressure 
ratios  above  and  below  the  design  value.  Data  were  also  taken  with  and  without  nozzle 
coolant  flows. 

The  turbine  efficiency  was  calculated  from  both  torque  measurements  and  the  tur¬ 
bine  temperature  drop.  Measured  values  of  tare  torque  (for  bearing,  seals  and  windage 
losses)  were  added  to  the  shaft  torque  to  get  the  total  turbine  torque.  Comparison  of 
the  efficiencies  calculated  from  the  two  methods,  as  well  as  mass  averaged  efficiency 
values  from  surveys,  showed  very  good  agreement.  Torque  derived  efficiencies  were 
intended  to  be  the  primary  basis  for  performace  comparisons  but  recurring  mechanical 
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problems  with  the  waterbrake  and  torquemeter  gave  occasional  erratic  results.  There¬ 
fore,  roost  of  the  comparisons  were  made  based  on  temperature  derived  efficiencies. 

RESULTS  AND  DISCUSSION 

This  section  presents  a  summary  of  the  test  results  of  the  two  research  turbines 
and  the  impact  of  those  results  on  the  variable  flow  capacity  engine.  Over  the  span  of 
seven  years  of  this  program  much  valuable  research  has  been  accomplished  and  inform¬ 
ation  gathered.  Therefore,  of  the  voluminous  amount  of  data,  only  the  most  salient 
results  are  presented  here.  A  great  deal  of  additional  information  is  contained  in 
Refs.  3  through  7. 

First  Research  Turbine 

The  first  turbine  build  was  tested  without  any  leakage  control  at  the  location 
where  the  vanes  passed  through  the  nozzle  sidewall.  The  test  build  consisted  of  a 
moveable  hubwall  with  a  vaneless  space  dump,  see  for  example  Fig.  4(a).  The  resulting 
measured  turbine  efficiency  is  shown  in  Fig.  11  by  the  symbol  labeled  "no  seal."  The 
test  was  repeated  first,  with  the  clearance  gaps  totally  sealed  with  a  rubber  compound 
and  then  with  the  flexible  metal  wiper  seal  shown  in  Fig.  7(a).  The  turbine  perform¬ 
ance  from  both  of  these  tests  was  the  same  and  is  indicated  by  the  symbol  labeled  (1) 
in  Fig.  11.  The  turbine  air  flow  decreased  7.4  percent  and  the  efficiency  increased 

2- 1/2  points  for  the  sealed  vane  tests  when  compared  to  the  unsealed  vane  test.  The 
wiper  seal  employed  is  typical  of  what  could  be  used  in  an  engine  and  was  used  for  the 
remainder  of  the  turbine  tests. 

A  summary  of  the  overall  performance  results  with  the  first  research  turbine  is 
given  in  Fig.  12.  The  peak  efficiency  ranged  from  87  to  87.3  percent  for  the  different 
turbine  builds  and  occurred,  as  expected,  with  flush  aligned  nozzle  walls.  All  of  the 
nozzle  configurations  with  the  straight  sidewalls  performed  similarly.  The  contoured 
nozzle  conf igurations  were  definitely  lower  in  performance  and  had  different  flow  char¬ 
acteristics.  The  nozzle  contouring  was  rather  arbitrarily  added  to  the  straight  wall 
design  and  its  incorporation  into  the  vane  desiqn  was  not  individually  optimized.  This 
may  explain  its  lower  performance.  There  was  very  little  difference  in  performance 
between  moving  the  hub  or  shroud  walls.  At  intermediate  flow  reductions  (i.e., 

65  percent  of  the  maximum  nozzle  area)  ,  the  moveable  shroud  wall  builds  performed 
slightly  better  than  moveable  hub  wall  builds,  but  the  reverse  was  true  at  greater 
flow  reductions.  The  change  in  efficiency  from  the  peak  value  to  the  value  at 
50  percent  nozzle  flow  area  was  approximately  2-1/2  points  for  the  moving  hub  wall  and 

3- 1/2  points  for  the  moving  shroud  wall.  The  choice  of  which  wall  to  move  may  be 
selected  on  the  basis  of  mechanical  actuation  considerations. 

Based  primarily  on  results  such  as  those  shown  in  Fig.  12,  two  straightwall  nozzle 
configurations  with  converging  vaneless  spaces  were  selected  for  detailed  stator  exit 
flow  surveys.  The  pressure  and  flow  angle  measurements  taken  between  two  adjacent  vanes 
are  shown  in  Fig.  13.  Surveys  were  taken  for  four  nozzle  areas  with  a  moveable  shroud 
wall  and  one  nozzle  area  with  a  moveable  hub.  The  rotor  was  installed  and  rotating 
during  the  surveys.  The  nozzle  wall  position  is  indicated  on  the  figure.  High  pres¬ 
sure  losses  (Fig.  13(a)),  occurred  along  the  shroud  as  the  nozzle  shroud  wall  was  moved 
into  the  flow  stream  indicating  probable  flow  separation.  A  loss  core  was  also  meas¬ 
ured  near  the  hub  side.  This  may  have  been  due  to  air  flowing  in  the  vane  clearance 
gap  between  the  main  channel  flow  and  the  plane  of  the  wiper  seal.  Locating  the  wiper 
seal  nearer  to  the  mainstream,  as  shown  in  Fig.  14(b),  should  reduce  this  hub  loss, 
however  this  seal  change  was  not  evaluated  for  either  turbine.  The  dashed  line  in 
Fig.  13  represents  the  measured  loss  with  the  moveable  hub  wall.  In  this  case,  any 
recirculating  clearance  gap  flow  is  shifted  from  the  hub  side  to  the  shroud  side. 
However,  that  by  itself  does  not  account  for  the  large  pressure  loss  measured  near  the 
shroud.  Overall  mass  weighted  pressure  losses  are  listed  in  the  figure. 

The  angle  measurements  (Fig.  13(b)),  show  that  changes  in  flow  direction  occurred 
mostly  over  two-thirds  of  the  channel  on  the  shroud  side.  As  the  nozzle  area  was 
reduced,  the  flow  angle  measured  from  radial  was  increased,  which  is  consistent  with 
continuity  considerations.  The  maximum  change  in  flow  anqle  as  the  nozzle  area  was 
changed  occurred  at  80  percent  of  the  inducer  width  and  equaled  10°. 

Second  Research  Turbine 

The  effect  of  vane  leakage  flow  on  the  performance  of  the  second  test  turbine  is 
shown  in  Fig.  15.  These  leakage  tests  were  conducted  in  a  similar  manner  to  the  first 
research  turbine.  Tests  were  run  at  design  speed  with  the  vane  gap  completely  sealed 
and  then  with  the  wiper  seals  installed.  Data  were  taken  for  a  range  of  pressure  ratios 
at  two  nozzle  area  settings,  78  (flush  wall)  and  100  percent  of  the  maximum  area.  For 
the  higher  pressure  ratios  tested,  the  loss  in  efficiency  was  about  one-fourth  point 
for  the  flush  walls  and  about  one  and  one-fourth  points  for  the  maximum  flow  area. 

These  losses  are  greater  than  those  of  the  first  turbine  and  may  be  due  to  the  differ¬ 
ent  pressure  gradients  around  the  redesigned  vane  profile. 

The  effect  of  nozzle  coolant  flow  on  turbine  efficiency  is  shown  in  Fig.  16  for  a 
stator  with  flush  aligned  walls  operating  at  design  speed  and  pressure  ratio.  A  refer¬ 
ence  test  was  made  with  no  coolant  flow  to  either  the  nozzle  or  rotor  backface  cavity. 
The  resulting  efficiency  is  shown  by  a  triangle.  Data  were  also  taken  with  a  constant 
coolant  flow  of  1  percent  to  the  backface  cavity  and  for  a  nozzle  coolant  flow  range 
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of  0  to  6  percent.  As  can  be  seen,  as  the  nozzle  coolant  flow  was  increased  the  tur¬ 
bine  efficiency  first  increased  and  then  decreased.  At  the  design  coolant  flow  of 
5.6  percent,  the  efficiency  was  1.6  points  less  than  the  reference  value  when  all 
coolant  flows  were  zero. 

The  nozzle  coolant  was  then  fixed  at  5.6  oercent  of  the  mainstream  flow  as  the 
nozzle  flow  area  was  varied.  Since  the  wall  position  determined  the  primary  flow, 
cooling  was  increased  or  decreased  in  direct  proportion  to  the  vane  surface  area 
exposed  to  the  mainstream  thus  simulating  an  engine  application.  The  results  while 
operating  the  turbine  at  design  speed  and  pressure  ratio  are  summarized  in  Pig.  17. 

All  data  in  the  figure  were  obtained  with  straight  nozzle  sidewalls,  a  converging 
vaneless  space,  and  vane  wiper  seals.  Both  moveable  hub  and  shroud  wall  geometries  are 
included.  The  top  curve  is  for  a  turbine  without  coolant  flow  and  could  represent  a 
machine  utilizing  a  ceramic  nozzle  assembly.  The  bottom  curves  are  for  5.6  percent 
nozzle  coolant  flow  and  1.0  percent  rotor  backface  flow.  The  peak  efficiencies  for  the 
cooled  and  uncooled  turbines  were  86,4  and  88.0  respectively .  The  moveable  hub  and 
shroud  wall  geometries  performed  similarly  except  for  the  cooled  turbine  at  the 
50  percent  closed  position.  At  that  condition,  the  moveable  hub  turbine  efficiency  was 
2.2  points  higher  than  the  moveable  shroud  turbine.  This  increased  loss,  with  the  move- 
able  shroud,  is  probably  due  to  the  location  of  the  flow  disturbance  caused  by  the  cool¬ 
ant  ejected  into  the  clearance  gap,  see  Fig.  10.  This  gap  coolant  enters  the  rotor  hub 
region  where  there  is  low  reaction  and  flow  diffusion.  A  similar  effect  occurs  with 
the  moving  hub  wall  but  with  a  lower  loss  due  to  the  higher  reaction  along  the  rotor 
shroud.  It  is  felt  that  the  efficiency  levels  shown  in  Fig.  17  can  be  increased  by: 

1)  reducing  the  leakage  loss  by  relocating  the  wiper  seal  as  discussed  earlier;  and  2) 
redesigning  the  vane  coolant  circuit  to  locate  the  ejection  holes  in  the  mainstream  for 
all  wall  positions.  The  latter  improvement  would  apply  only  to  the  cooled  turbine. 

Comparison  with  Pivoted  Vane  Turbines 

Shown  in  Fig.  18  is  a  comparison  of  the  performance  of  the  two  moveable  sidewall 
turbines  with  pivoting  vane  turbines.  Many  of  the  turbines  compared  had  different 
design  requirements  and  applications  and  so  the  comparison  is  made  on  a  nondimensional 
basis.  The  moveable  sidewall  turbines  used  in  these  comparisons  were  the  best  perform¬ 
ing  configurations  of  the  first  and  second  test  turbines.  The  Teledyne  pivotinq  vane 
turbine,  listed  in  the  figure,  was  the  design  used  for  the  first  moveable  wall  turbine 
and  therefore  had  the  same  rotor  and  vane  profiles. 

The  two  moveable  wall  turbines  and  the  Teledyne  pivoting  vane  turbine  had  peak 
efficiencies  of  generally  the  same  level  (not  shown  in  the  figure),  but  the  moveable 
wall  turbines  maintained  substantially  hiqher  efficiencies  as  the  flow  was  varied.  The 
efficiency  difference  would  be  even  qreater  than  shown  if  the  pivoting  vane  turbine  had 
realistic  vane  endwall  clearances.  During  that  test  program,  for  each  vane  angle  set, 
the  nozzle  sidewalls  were  drawn  against  the  vanes  to  eliminate  the  clearance  gap. 

The  moveable  wall  turbines  also  compared  well  against  the  two  turbines  of  Refs.  8 
and  9.  Those  two  turbines  were  evaluated  for  reasons  other  than  variable  geometry.  In 
each  case,  a  series  of  integral  machined  nozzles  were  designed  to  match  a  single  rotor. 
Each  nozzle  was  uniquely  designed  for  a  given  stagger  angle  and  in  some  instances,  the 
number  of  vanes  was  changed  to  obtain  an  optimum  condition.  Also,  the  integral  nozzle 
assembly  resulted  in  no  leakage  loss.  If  those  turbines  were  true  variable  geometry 
designs,  their  efficiency  loss  would  be  expected  to  increase  from  that  shown. 

Comparison  of  Measured  and  Predicted  Turbine  Performance 

The  efficiency  of  the  moveable  sidewall  turbine  was  estimated  for  use  in  the  var¬ 
iable  flow  capacity  engine  cycle  calculations  of  Ref.  4.  It  was  arrived  at  by  adding 
a  leakage  loss  and  a  sudden  contraction  or  expansion  loss  to  a  predicted  radial  turbine 
performance  map.  The  change  in  efficiency  from  the  design  point  is  shown  in  Fig.  19  by 
a  solid  curve.  The  change  in  efficiency  trom  the  peak  efficiency  of  the  cooled  moving 
hub  wall  turbine,  taken  from  Fig.  17,  is  shown  for  comparison.  The  research  turbine 
slightly  exceeded  the  estimated  performance  for  flows  larger  than  design  flow  and  was 
slightly  lower  at  low  flows.  In  general,  the  te9t  results  compare  well  with  the  esti¬ 
mate.  A  redesigned  nozzle  coolant  circuit,  as  discussed  earlier,  should  raise  the 
efficiency  level  in  the  low  flow  range.  The  absolute  level  of  turbine  efficiency  used 
in  the  engine  cycle  calculations  was  about  one  point  higher  than  the  experimental 
values.  However,  a  further  reduction  in  seal  loss  would  raise  the  overall  efficiency 
level  of  the  moveable  sidewall  turbine.  A  further  increase  in  turbine  efficiency  could 
be  realized  if  ceramics  were  used  in  the  nozzle  reducing  or  eliminating  the  coolant 
flows. 


A  more  recent  cycle  analysis  of  the  variable  flow  capacity  engine,  utilizing  the 
test  results  of  this  program,  was  made  and  is  reported  in  Ref.  10.  The  approach  dif¬ 
fered  from  the  earlier  study,  Ref.  4,  in  that  the  turbomachinery  was  not  kept  at  oor 
stant  conditions  for  the  entire  mission.  Engine  power  was  varied  by  a  combination  of 
RPM  and  variable  geometry  changes  during  the  flight.  The  resulting  fuel  consumption 
was  compared  to  the  "best"  1984  engines  and  an  advanced  technology  engine  of  the  1990's. 
The  results  indicated  that  the  variable  geometry  engine  had  fuel  savings  of  26  percent 
compared  to  the  best  1984  engine,  and  11  to  14  percent  compared  to  the  1990’s  engine  in 
the  60  percent  power  range. 
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SUMMARY  OP  RESULTS 

A  performance  evaluation  was  made  of  a  moveable  sidewall  variable  area  radial 
turbine  applicable  to  a  variable  flow  capacity  rotorcraft  engine.  The  primary  results 
of  the  investigation  follow. 

1.  The  moveable  nozzle  sidewall  concept  is  a  viable  method  tc  efficiently  control 
the  flow  capacity  of  a  radial  turbine.  The  investigation  quantified  the  performance  of 
turbines  with  cooled  and  uncooled  nozzles  and  the  effect  of  variable  geometry  leakage 
flows. 


2.  Peak  efficiencies  at  design  speed  and  pressure  ratio  of  86.4  and  80  percent 
were  measured  for  cooled  and  uncooled  turbines  respectively.  The  efficiency  decrease 
from  the  peak  value  was  about  5  points  at  50  percent  flow  and  2-1/2  points  at 

100  percent  flow  for  the  best  performing  configurations. 

3.  me  level  of  the  turbine  performance  was  one  point  or  less  over  the  entire 
flow  range  from  the  component  estimate  used  in  a  variable  flow  capacity  engine  cycle 
which  showed  significant  fuel  savings.  Several  design  improvements  were  identified 
which  should  increase  the  turbine  efficiency  one  or  more  points. 

4.  The  moveable  wall  and  pivoting  vane  variable  geometry  concepts  had  about  the 
same  maximum  efficiency,  but  the  efficiency  decreased  significantly  less  as  the  flow 
was  changed  with  the  moveable  wall. 

5.  The  best  performing  turbine  configuration  had  straight  nozzle  sidewalls  and  a 
converging  vaneless  space.  Similar  performance  results  were  obtained  with  either  the 
hub  or  shroud  wall  moveable  except  for  the  cooled  nozzle  configuration  at  50  percent 
flow  area.  For  that  case,  the  moveable  hub  performed  better. 

6.  A  flexible  metal  wiper  seal  proved  to  be  an  effective  means  of  controlling 
leakage  flow  around  the  nozzle  vanes. 
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TABLE  I.  -  VARIABLE  PLOW  CAPACITY  ENGINE  CONDITION 
AT  71  ■/ 8  FLIGHT  VELOCITY  AND  82  PERCENT  POWER 


Inlet  pressure,  kPa  .  .  .  * .  103.4 

Inlet  temperature,  *C .  17.2 

Compressor  pressure  ratio  .  16 

Compressor  efficiency,  percent  .  78.3 

Combustor  pressure  drop,  percent  .  3 

Combustor  efficiency,  percent  .  99.5 

GG  turbine  inlet  temperature #  *C  .  1205 

GG  turbine  inlet  pressure,  kPa  .  1602.4 

GG  turbine  efficiency,  percent  .  88 

Power  turbine  exit  pressure,  kPa .  107.6 

Power  turbine  exit  temperature,  *C  .  .  .  .  578 

Power  turbine  efficiency,  percent  ....  88 

Shaft  power  (82  percent  of  maximum),  kw  .  515 

Airflow,  kg/s .  1.6  3 

Fuel  consumption,  kg/fcW-hr . 0.257 


TABLE  II.  -  PIRST  RESEARCH  TURBINE 
EQUIVALENT  DESIGN  CONDITION  AT 
80  PERCENT  PLOW 


Airflow,  kg/s  ....  1.28 

Pressure  ratio  ....  4.50 

Speed,  rpm .  16540 

Specific  work,  kJ/kg  .  87.88 

Work  factor .  0.93 

Tip  diameter,  mm  .  .  .  3S5.6 

Tip  speed,  m/s  .  .  .  . _ 306.7 
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TURBINE  EQUIVALENT  FLOW,  kg/s 
<B)  ROVING  HUB  WALL. 


FIGURE  12.  -  OVERALL  PERFORMANCE  OF  FIRST  RESEARCH  TURBINE 
DESIGN  SPEED  AND  PRESSURE  RATIO. 


TOTAL  PRESSURE  LOSS.  iW 


(A)  TOTAL  PRESSURE  LOSS. 


NOOLI  EOT  FLOW  AN0LE  J.  MOMB 


(B)  FLOW  ANGIE. 

FIGURE  15.  -  NOZZLE  EXIT  SURVEY  OF  FIRST  TURBINE. 
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(A)  TEST  CONFIGURATION  (TURBINES  1  I  2>. 
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(B)  CONCEPTUAL  REDESIGN. 

flSUK  1*.  -  RELOCATION  OF  NOZZLE  SEALS  TO  SEDUCE  SIIWALL  LEAKA6E. 


FIGURE  15.  -  EFFECT  OF  NOZZLE  SEALS  ON  PERFORAWCL  OF 
SECOND  RESEARCH  TUABI*  AT  KSIGN  SPEED. 


NOZZLE  COOLANT  •  PERCENT  OF  MAINSTREAM 


FIGURE  IS.  -  EFFECT  OF  NOZZLE  COOLANT 
ON  TUN1MC  EFFICIENCV.  DESIGN  SPEED 
AND  PRESSURE  RATIO. 
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FIGURE  17.  -  SECOND  TURBINE  PERFORMANCE  AT  DESIGN  SPEED  AND 
PRESSURE  RATIO. 


(FLOW/FLOW  AT  MAX  EFF  »  100 


FIGURE  18.  -  COW»ARISON  OF  MOVEABLE  SIDEWALL  AND  PIVOT¬ 
ING  VANE  TURBINE  PERFORMANCE . 


PERCENT  FLOW 


FIGURE  19.  -  COMPARISON  OF  ESTIMATED  AND  MEASURED 
CHANGE  IN  TURBINE  EFFICIENCY  WITH  FLOW. 


L 
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DISCUSSION 


U.  OKAPUU,  Ca 

In  your  figure  showing  the  variation  of  turbine  efficiency  with  the 
amount  of  cooling  air  Injected,  is  the  efficiency  shown  that  of  the  primary 
stream  only,  or  does  it  also  include  the  energy  change  in  the  cooling  air  ? 

Author's  Reply 

The  efficiency  shown,  I  believe,  includes  the  energy  change  of  both 
the  mainstream  and  coolant  flows.  The  likely  explanation  for  the  increase 
in  efficiency  at  low  coolant  flow  rates  is  that  the  injected  coolant  at  the 
vane  trailing  edge  energizes  the  vane  wake  and  therefore,  improves  the  nozz¬ 
le  exit  flow  field. 


R.G.  WILLIAMSON,  Ca 

I  understand  that  the  contours  chosen  were  somewhat  arbitrary.  Could 
you  comment  on  the  use  of  an^  contour  in  circumstances  in  which  there  is 
little  hub/tip  static  pressure  gradient  ? 

Author's  Reply 

The  effect  of  contoured  sidewalls  on  the  control  of  the  loss  distribu¬ 
tion  in  the  nozzle  was  not  fully  understood  when  this  program  was  started 
(/v  6  years  ago),  nor  for  that  matter  is  it  today.  In  that  light  it  was  de¬ 
cided  to  Include  sidewall  contouring  in  some  of  the  configurations  to  obser¬ 
ve  if  a  benefit  in  turbine  performance  resulted. 


AN  INTEGRATED  AERO/KCCHANICAL  PERFORMANCE  APPROACH 
TO  HIGH  TEONOLQGY  TURBINE  DESIGN 
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SUMMARY 

Modern  aero  engine  concepts  set  very  high  technology  standards  for  the  component  design.  This  is  particularly  true 
for  turbines  getting  smaller  in  an  increasingly  hot  environment.  Precise  control  of  the  air  system,  the  clearances  and  the 
deformations  of  the  hardware  become  on  important  contributor  to  the  overall  performance  and  the  life  of  the  turbine. 

This  situation  suggests  attempting  an  integrated  approach  to  the  aero/mechanical  design.  Analytical  and  experimen¬ 
tal  experience  from  an  advanced  technology  gas  generator  programm  is  used  to  define  the  requirements  on  the 
engineering  sciences  involved.  Some  aerodynamic,  performance  and  cooling  problems  to  be  solved  in  a  commor  approach 
with  the  mechanical  design  for  radial  clearance  control,  hot  gas  path  sealing  and  life  are  discussed.  Attention  is  drawn  to 
the  interactions  between  these  individual  aspects  of  the  design. 

SYMBOLS 

h  mm 

s  mm 

a  m/ m.K 

n 

no  * 

1.  INTRODUCTION 

Advanced  aero  engine  concepts  are  very  demanding  on  the  component  design,  with  aerodynamic  performance 
requirements  rising  continuously  in  an  increasingly  hostile  mechanical  environment.  Particularly  with  turbines  getting 
smaller  and  hotter,  very  close  attention  has  to  be  payed  to  the  deformations  of  the  hardware,  which  is  only  possible  if 
the  thermal  behaviour  is  carefully  controlled.  Presently  aerodynamics  define  the  geometry,  then  cooling  is  introduced 
usually  penalising  performance  and  finally  mechanical  design  has  to  make  a  component  with  sufficient  life  while  keeping 
radial  clearances  and  leakage  flows  under  control. 

Future  developments  strongly  suggest  an  integrated  approach  to  these  engineering  problems.  For  example 
aerodynamic  design,  initiating  the  whole  process,  will  have  to  consider  features  that  reduce  the  heat  transfer  from  the 
hot  gas  to  the  airfoil  or  can  accept  the  introduction  of  film  cooling  without  performance  penalty.  Computation  of  the 
pressure  field  using  modem  numerical  methods  can  provide  timely  information  on  risk  areas  where  hot  gas  ingestion  from 
the  main  stream  into  cavities  can  happen.  It  can  also  indicate  the  locations  where  the  reintroduction  of  cooling  or 
leakage  air  into  the  main  fhw  will  cause  minimum  losses.  Furthermore  aerodynamics  can  assist  mechanical  design  with 
the  prediction  of  secondary  flows  defining  the  evolution  and  transformation  of  the  flow  field  passing  through  a  cascade. 

Some  aspects  of  such  an  integrated  approach  will  be  discussed  in  this  paper.  They  will  be  limited  to  the  following 
problem  areas: 

-  Radial  clearance  effects  and  control 

-  Hot  gas  path  sealing 

-  Cooling  and  secondary  flows 

Moat  of  the  experimental  results  reported  here  were  obtained  in  a  demonstrator  and  high  pressure  turbine  rig 
programm  over  several  years.  The  advanced  technology  demonstrator  GNT  1  shown  in  Fig.  1  is  the  single  spool  gas 
generator  of  a  1000  kW  class  turboshaft  engine  described  by  Weil er  and  Trappmann  (1)  and  Weiler  (2).  It  consists  of  an 
axial/radial  compressor,  a  reverse  flow  combustor  and  a  single  stage  transonic  axial  turbine.  The  programm  was 
sponsored  by  the  German  Ministry  for  Research  and  Technology. 
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2.  AERODYNAMIC  EFFECTS  OF  TT»  CLEARANCE 

Tip  clearance  is  well  known  tc  have  st-org  detriments}  *f  -*,ir'»«ncv.  Data  for  shroudless  turbines  from  refs. 

3  to  8  is  plotted  in  Fig.  2  showing  the  change  of  isentropic  efficiency  q  relative  to  the  zero  clearance  value  q  versus  tip 
clearance  s  relative  to  the  mean  annulus  height  h.  Authors  data  from  cold  rig  and  hot  demonstrator  results  are  also 
included.  Test  results  in  the  former  case  can  be  reproduced  very  well  giving  a  high  level  of  reliability  for  the  clearance 
changes.  Relative  running  clearances  s/h  could  be  determined  with  an  accuracy  of  *  0,3%.  In  a  hot  engine  environment 
the  assessement  is  extremely  difficult,  however  the  data  shown  in  Fig.  2  could  be  traced  quite  closely.  It  was  collected 
when  the  liner  coating  broke  out  in  two  distinct  and  well  identified  steps. 

Considering  the  accuracy  of  determining  the  running  clearance,  the  scatter  is  surprisingly  low.  An  exchange  rate  of 
2%  efficiency  for  1%  clearance  can  be  deduced  from  the  diagramm,  a  rather  discouraging  fact.  The  turbines  investigated 
cover  a  targe  variety  of  pressure  ratios,  aspect  ratios  and  reaction.  Obviously  the  exchange  rate  has  not  been  sensitive  to 
the  designs  of  the  past  decades.  Ludwig  (9)  and  Haas  and  Kofekey  (6)  proposed  a  relationship  between  the  slope  of  the 
curve  and  the  degree  of  reaction.  This  conclusion  however  was  drawn  using  total  to  static  efficiency,  which  does  not 
appear  to  be  an  appropriate  parameter.  The  exhaust  kinetic  energy  of  the  turbine,  which  is  part  of  the  losses  In  that 
definition,  is  particularly  sensitive  to  any  rematch  of  the  guide  vane  and  rotor  blade  throat  areas  resulting  indirectly 
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from  a  change  in  tip  clearance.  From  the  profile  pressure  distribution  point  of  view,  this  conclusion  does  not  appear 
reasonable  either.  For  a  given  work  output  and  size  of  the  blading  the  total  aerodynamic  loading  is  the  same  and  the 
pressure  drop  across  the  profile  is  of  the  same  order  of  magnitude  for  an  impulse  and  a  reaction  design. 

There  are  two  ways  of  attacking  the  tip  clearance  problem.  On  one  hand  the  aerodynamic  design  can  be  refined  to 
reduce  its  sensitivity  to  clearance  effects,  on  the  other  hand  a  sophisticated  mechanical  design  can  be  applied  to 
minimise  clearances.  Most  of  the  published  work  is  concerned  with  the  former.  Booth  (10)  has  presented  a  comprehensive 
literature  survey  complementing  the  experimental  and  numerical  studies  reported  by  Booth,  Dodge  and  Hepworth  (11), 
Wadia  and  Booth  (12)  and  Wadia  (13).  The  proposed  improvements  generally  try  to  increase  the  resistance  to  the  cross 
flow  in  the  clearance  gap.  The  suggested  configurations  include: 

-  Blade  tip  running  in  grooves 

-  Winglets 

-  Variation  of  the  geometry  of  the  blade  tip 

-  Cooling  air  from  the  blade  blowing  into  the  radiaj  gap 

-  Reduction  of  work  extraction  close  to  the  tip 

Some  of  these  concepts  shown  schematically  in  Fig.  3  were  investigated  in  an  extensive  cold  rig  programm  at  MTU. 
The  high  pressure  turbine  of  the  demonstrator  with  an  outer  diameter  of  210mm  and  an  aspect  ratio  of  1  was  used. 
Clearance  was  varied  using  three  liners  of  different  diameter. 

Experimental  data  indicating  a  positive  effect  on  the  slope  of  efficiency  versus  clearance  with  blade  tips  running  in 
circumferential  grooves  in  the  casing  have  been  reported  by  Kofskey  (14)  and  Haas  and  Kofskey  (6).  The  latter  are  also 
plotted  in  Fig.  2.  It  can  be  seen  that  the  exchange  rate  was  reduced  from  2.0/1  to  about  1.5/1.  No  further  published  data 
is  available.  Such  a  configuration  was  part  of  the  test  proqramm  and  is  included  in  the  authors  rig  results  shown  in  Fig.  2. 
The  previous  observations  could  not  be  confirmed.  No  effect  of  the  grooves  on  the  slope  of  the  curve  could  be  identified. 

Blade  tip  treatment  is  limited  by  mechanical  constraints.  Winglets  investigated  by  Patel  (7),  Booth,  Dodge  and 
Hepworth  (11)  and  Adams  and  Hepworth  (15)  cannot  be  introduced  for  turbine  blades  because  the  higher  weight  leads  to 
unacceptable  stresses  in  the  blade  root.  Knife  edge  tips  should  not  be  used  with  abrasive  liner  coatings  and  are  not 
strong  enough  for  rur.ning-in  configurations.  The  hollow  or  grooved  tip  shown  in  Fig.  3  was  tested  and  compared  with  the 
flat  tip.  Both  results  are  included  in  the  rig  data  of  Fig.  2.  An  efficiency  improvement  was  expected  corresponding  to 
about  15%  reduction  in  tip  leakage  flow  observed  in  the  water  tunnel  experiments  of  Booth,  Dodge  and  Hepworth  (11). 
The  results  however  were  negative.  No  effect  on  performance  could  be  identified. 

The  experimental  and  analytical  studies  of  Wadia  and  Booth  (12)  promised  an  improvement  with  air  injection  at  the 
tip.  A  method  which  could  also  satisfy  cooling  requirements  in  a  high  pressure  turbine  blade.  The  effect,  obviously  caused 
by  the  blockage  reducing  the  amount  of  nigh  energy  gas  leaking  across  the  blade  tip,  was  confirmed  in  the  rig.  It  did  not 
change  the  slope  of  the  efficiency  versus  clearance  curve  but  reduced  the  overall  level  of  loss. 

Reduction  of  the  work  done  close  to  the  tip  is  usually  incorporated  in  every  turbine  design  and  is  limited  by  the 
loading  capability  of  the  mean  section.  The  radial  work  redistribution  potential  of  the  turbine  was  rather  small  and  was 
not  included  in  the  study. 

The  available  information  on  efforts  to  reduce  aerodynamic  turbine  sensitivity  to  tip  clearance  effects  is  not  very 
promising.  It  indicates  that  the  flow  phenomena  and  the  parameters  involved  are  not  understood  yet.  A  lot  of 
fundamental  research  like  that  reported  by  Graham  (16)  and  Sjolander  and  Amrud  (17)  as  well  as  numerical  analysis  is 
still  required  to  identify  applicable  solutions.  At  present  design  work  will  have  to  concentrate  on  mechanical  clearance 
control. 


3.  MECHANICAL  TIP  CLEARANCE  CONTROL 

The  mechanical  aspect  of  the  problem  is  by  all  means  just  as  challenging  as  the  aerodynamic  aspect.  The  engine 
operating  conditions  demanding  high  levels  of  performance  are  shown  in  the  compressor  map  in  Fig.  4 .  The  design  targets 
for  an  optimum  clearance  control  can  be  summarised  in  the  requirements  for  minimum  clearance  for  steady  state 
stabilised  high  power  settings  and  sufficiently  small  values  for  the  acceleration  of  the  cold  engine. 

Although  the  number  of  engineering  publications  is  limited,  the  amount  of  patent  applications  is  a  clear  indication  of 
the  importance  of  the  problem.  Its  complexity  is  illustrated  in  Fig.  5  showing  the  interacting  design  parameters. 
Minimising  tip  clearance  is  limited  by  the  engine  configuration,  the  installation  and  the  operational  constraints  including 
manoeuver  load  deflections.  Manufacturing  and  assc.r.t!)  tnVranres  as  well  as  eccentricities  present  further  limitations. 
These  effects  make  it  necessary  for  unshrouded  turbines  to  set  a  minimum  clearance  avoiding  rubbing  at  the  blade  tip 
under  normal  conditions.  The  most  severe  problem  however  is  the  adaption  of  the  expansion  rates  of  the  rotor  and  the 
casing  during  engine  transients  as  has  been  discussed  by  Hennecke  and  Trappmann  (18),  Lagrange  (19)  and  Hourmouziadis 
and  Schreieck  (20).  Since  the  disc  is  defined  by  stress  and  life  requirements,  it  is  the  thermal  responce  of  the  casing  that 
will  have  to  be  adapted  to  that  of  the  rotor.  For  a  typical  small  high  pressure  turbine  configuration  shown  in  Fig.  6  the 
evolution  of  clearance  versus  time  for  an  acceleration  from  stabilised  idle  and  a  deceleration  from  stabilised  TO  rating  is 
shown  in  Fig.  7.  The  following  targets  have  to  be  met  for  the  thermal  response  in  engine  operation. 

-  The  stabilised  steady  state  diameter  increase  of  the  casing  should  be  of  the  same  order  as  the  thermal  expansion 
of  the  disc. 

-  This  reduces  the  risk  of  rubbing  in  a  hot  reslam  situation, 

-  it  also  provides  sufficient  margin  for  tolerances  and  bearing  clearances  to  avoid  rubbing  during  the  starting 
procedure  of  the  engine.  When  liner  segments  in  an  outer  casing  are  used,  attention  should  be  paid  to  the  fact  that 
the  inner  diameter  decreases  when  the  segments  heat  up  fast  in  a  cold  outer  ring  during  starting. 

-  The  transient  thermal  behaviour  of  the  casing  should  be  designed  to  be  slow  and  should  be  adapted  to  the  time 
constants  of  the  disc. 
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-  This  would  limit  the  tip  clearance  increase  during  a  cold  engine  acceleration 

-  and  would  further  reduce  the  running  in  risk  from  a  hot  reslam. 

-  If  the  above  ground  rules  are  observed,  the  risk  of  rubbing  the  blade  tip  when  the  engine  is  shut  down  from  a  high 
power  setting  is  very  low. 

The  main  difficulty  encountered  meeting  these  targets  is  the  high  temperature  at  the  outer  part  of  the  casing 
resulting  from  the  high  pressure  ratio  compression  systems  used  in  advanced  engines.  Overcoming  these  problems 
requires  a  sophisticated  design  philosophy  outlined  in  Fig.  8. 

The  casing  structure  is  resolved  into  a  supporting  ring  taking  the  loads  and  separate  liner  segments.  The  lowest 
theoretically  possible  temperature  of  the  supporting  ring  is  that  of  the  surrounding  air,  100  to  200  K  hotter  than  the 
compressor  discharge.  As  mentioned  before,  that  is  already  almost  too  high  for  the  desired  low  thermal  expansion  levels. 
This  means  that  a  careful  design  is  necessary  to  isolate  this  part  of  the  casing  from  the  hot  gas  path  and  avoid  any 
further  heat  flux  into  the  ring.  Fortunately  this  also  satisfies  the  requirement  for  a  slower  thermal  response. 
Furthermore  thermal  stresses  as  well  a*?  the  deterioration  of  material  properties  are  reduced. 

The  shielding  function  is  taken  over  by  the  liner  segments,  which  themselves  have  to  be  protected  from  the  :iot  gas 
temperatures.  The  application  of  thermal  barrier  coatings  is  one  way  of  doing  this.  Attwood  (21)  has  presented  some 
considerations  about  their  application.  Two  methods  of  incorporating  the  Yttria  stabilised  Zirkonia  coating  in  the  turbine 
casing  are  being  investigated. 

-  The  thermal  barrier  material  is  embedded  in  a  honeycomb  structure  bonded  to  the  segments.  This  is  a  design  that 
has  been  successfully  developed  for  the  HPT  of  a  military  engine.  It  has  two  disadvantages.  Firstly  too  much  heat 
is  conducted  through  the  honey  comb  material  to  the  liner.  Secondly  the  honey  comb  metal  is  too  hard,  so  that  the 
blade  tips  wear  out  in  case  of  rub. 

-  The  improved  solution  is  a  coating  sprayed  directly  on  the  liner  segments  with  a  suitable  bonding  sublayer. 

In  both  cases  the  abradable  properties  of  the  coating  are  not  particularly  good.  Contact  between  the  blade  and  the 
casing  will  have  to  be  avoided,  even  if  hardened  tip  caps  are  used. 

Cooling  is  the  other  way  of  keeping  liner  temperatures  low.  Impingement  cooling  is  applied  through  holes  in  the 
supporting  ring.  Film  cooling  is  al30  very  efficient.  Small,  closely  controlled  amounts  of  air  are  introduced  upstream  of 
the  liner. 

The  supporting  ring  itself  is  also  cooled  by  the  liner  impingement  air.  Heat  convection  and  radiation  from  the 
segments  to  the  ring  is  inhibited  by  a  perforated  sheet  of  metal.  The  outer  diameter  of  the  ring  is  protected  by  a  heat 
shield  from  the  radiation  of  the  combustor. 

If  these  measures  do  not  suffice  to  ensure  the  necessary  thermal  behaviour  of  the  casing,  materials  like  Incoloy  907 
with  lower  thermal  expansion  coefficients  (Fig.  9)  have  to  be  considered.  Further  slowing  down  of  the  thermal  response 
can  be  accomplished  by  local  accumulation  of  material  and  thickening  of  the  support  ring.  Research  is  also  being 
performed  for  future  application  of  ceramic  materials  in  the  structure. 


i » .  HOT  GAS  PATH  SEALING 

Isolation  of  highly  stressed  parts  from  the  temperatures  of  the  main  flow  has  become  a  dominating  design  feature 
for  advanced  engines.  It  requires  a  very  comprehensive  secondary  air  system  that  helps  avoid  hot  gas  ingestion  into 
cavities,  supplies  the  necessary  coaling  air  and  minimises  leakages.  This  has  to  be  coupled  with  a  careful  design  of  gas 
seals  to  provide  the  necessary  resistance  to  the  pressure  drop  between  the  main  flow  and  the  cavities. 

A  particular  problem  arises  with  transonic  guide  vanes  in  highly  loaded  turbines.  The  structure  of  the  flow  in  such  a 
guide  vane  is  shown  in  Fig.  10  in  the  experimental  Schlieren  photograph  and  the  time  marching  prediction  taken  from 
Happel,  Dietrichs  and  Lehmann  (22).  Two  compression  shocks  originate  at  the  trailing  edge.  Shock  a)  is  reflected  on  the 
suction  side  b)  and  propagates  downstream.  The  suction  side  shock  c)  is  usually  stronger  and  is  of  significant  influence  to 
the  pressure  field  behind  the  cascade.  An  importand  side  effect  of  these  phenomena  i3  the  pitchwise  pressure  distribution 
at  the  guide  vane  exit  shown  schematically  in  Fig.  11.  The  pressure  drop  across  the  shock  is  of  the  order  of  1  bar 
depending  on  the  operating  conditions.  The  area  between  guide  vane  and  rotor  blade  usually  communicates  with  cavities 
where  a  constant  pressure  prevailea.  An  example  is  shown  in  Fig.  11  at  the  casing,  in  the  structure  designed  to  take  the 
thermal  loads.  Although  the  average  pressure  drop  over  the  connecting  gap  mav  be  negative,  the  distribution  along  the 
pitch  would  lead  to  hot  gas  entering  the  cavity  behind  the  shock  and  leaving  it  at  the  lo  v  pressure  main  stream  region. 
This  results  in  recirculation  zones  downstream  of  every  individual  guide  vane  passage  overheating  structurally  highly 
loaded  parts. 

Minimising  these  effects  sets  three  targets  to  be  achieved  by  mechanical  design. 

-  Reduce  the  size  of  the  cavities 

-  Provide  sufficient  through  flow  of  cooling  air 

-  Increase  the  resistance  to  the  recirculating  flows. 

For  the  situation  at  the  casing  described  above,  achieving  adequate  control  of  the  sealing  air  is  rather  difficult.  This 
is  due  to  the  relative  movements  of  the  guide  vane  and  the  supporting  ring.  Recirculation  however  was  significantly 
reduced  by  filling  the  cavity  and  introducing  a  sealing  strip  as  shown  in  Fig.  12. 

Solving  the  problem  at  the  hub  is  just  as  difficult,  because  the  seal  is  situated  between  a  static  and  a  rotating  part 
and  cooling  air  has  to  be  supplied  to  the  rotor  in  the  same  vicinity.  In  this  case  the  two  functions  of  the  air  system  have 
to  be  separated.  Fig.  13  shows  a  configuration  taking  these  considerations  into  account.  A  cover  plate  design  is  used  to 
increase  the  pressure  of  the  cooling  air  and  to  guide  it  to  the  disc  rim  and  the  blade.  Preswirl  is  introduced  to  keep  the 
temperature  of  the  cooling  flow  low.  The  pressure  drop  across  the  front  seal  is  adjusted  to  provide  the  necessary  through 
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flow.  A  double  seal  concept  has  been  selected  to  reduce  the  size  of  the  cavity  and  to  minimise  the  leakage  flow.  !t  should 
also  reduce  the  pitchwise  pressure  gradients  by  mixing  processes  between  the  seals. 


5.  SECONDARY  FLOWS  AND  COOLING 

The  high  combustor  temperature  levels  in  advanced  engines  require  a  very  complex  cooling  philosophy  to  provide 
sufficient  life  with  as  low  a  performance  penalty  as  possible.  One  aspect  that  needs  particular  attention  are  secondary 
flows.  They  dominate  the  rearrangement  of  the  temperature  field  along  the  blade  passage,  transporting  hot  gases  across 
the  main  flow.  This  requires  again  an  integrated  approach  to  aerodynamics,  heat  transfer  and  cooling  as  well  as 
mechanical  design. 

The  three  principal  secondary  flow  structures  in  a  gas  turbine  are  shown  in  Fig.  14. 

-  The  rotational  motion  induced  by  the  trailing  edge  shed  vorticity  when  forced  vortexing  is  applied  to  the 
aerodynamic  design.  Since  potential  vortexing  is  effectively  not  U9ed  any  more  for  modern  turbines,  this 
secondary  flow  is  always  present.  However  3D  Euler  predictions  and  test  experience  indicate  that  the  motion  is 
quite  slow  not  exceeding  about  l/20th  of  a  revolution  per  passage  length  in  axial  turbomachinery. 

-  The  passage  vortices  on  both  end  walls  are  generated  by  the  boundary  layers  at  the  hub  and  at  the  casing.  The 
secondary  velocities  involved  are  one  order  of  magnitude  larger  and  they  transport  large  amounts  of  fluid  across 
the  passage. 

-  The  horse  shoe  vortices  on  both  end  walls  represent  the  fastest  secondary  motion.  The  pressure  side  leg  of  these 
vortices  is  transported  by  the  passage  vortices  towards  the  suction  side,  where  these  flows  concentrate.  Their 
structure  is  quite  complex,  the  amount  of  fluid  affected  however  is  rather  small. 

The  transport  of  hot  gases  around  the  passage  by  these  secondary  flows  is  the  important  aspect  from  the  cooling 
point  of  view.  The  evolution  of  the  temperature  field  from  the  inlet  to  the  exit  of  a  turbine  guide  vane  is  shown 
schematically  in  Fig.  15.  The  temperature  distribution  entering  the  passage  is  assumed  to  be  axisymmetric  and  cold  at 
the  end  walls,  particularly  at  the  hub.  At  the  exit  plane  the  trailing  edge  shed  vorticity  has  shifted  the  mid  section  hot 
gases  only  slightly  towards  the  casing  on  the  pressure  side  and  towards  the  hub  on  the  suction  side.  The  passage  vortices 
give  the  strongest  contribution  pushing  the  hot  gas  region  onto  the  pressure  side  across  the  span  of  the  airfoil.  The  horse 
shoe  vortex  carries  the  incoming  boundary  layer  and  part  of  the  flow  close  to  the  end  walls  into  the  main  stream. 

This  is  a  qualitative  discription  of  the  characteristics  of  secondary  flows.  Prediction  techniques  are  not  yet 
sufficiently  reliable  for  design  work,  one  has  to  resort  to  experimental  results.  Fig.  16  shows  the  flow  visualization  in  a 
turbine  guide  vane  discussed  by  Dietrichs  (23).  At  the  casing  the  effects  of  both  the  horse  shoe  and  the  passage  vortex 
can  be  clearly  seen  at  the  inlet.  At  the  hub  exit  however  the  motion  across  the  passage  can  not  be  identified.  The 
particularly  strong  acceleration  in  the  inlet  guide  vanes  of  high  pressure  turbines,  with  typical  exit  to  entry  velocity 
ratios  of  about  10,  appears  to  lead  to  very  thin  boundary  layers  at  the  hub.  This  results  in  low  intensity  secondary  flows. 

It  is  quite  evident  that  these  phenomena  have  to  be  accounted  for  in  advanced  designs.  For  example  two  conclusions 
can  be  drawn  from  Fig.  15. 

-  Near  the  trailing  edge  of  the  airfoil  the  hot  gases  have  accumulated  on  the  pressure  side.  This  is  quite  useful 
information  for  the  definition  of  the  cuoling  system. 

-  If  film  cooling  is  to  be  used  for  that  part  of  the  guide  vane,  it  is  evident  that  it  will  have  to  be  introduced  in  the 
rear  part  of  the  passage.  Any  cooling  air  injected  further  upstream  would  be  washed  away  from  the  airfoil  onto 
the  end  walls  and  would  be  less  effective. 


6.  CONCLUDING  REMARKS 

Blade  tip  clearance  control  remains  one  of  the  dominating  problems  in  unshrouded  high  pressure  turbines.  Inspite  of 
a  lot  of  experimental  work  in  the  recent  past,  no  reliable  solutions  for  aerodynamic  control  have  yet  emerged.  Numerical 
methods  are  available  today  and  should  be  used  to  attack  the  problem.  There  are  many  parameters  involved  in 
mechanical  control  and  they  are  well  known.  Difficulties  arise  when  trying  to  integrate  them  in  the  design. 

Gas  path  sealing  and  cooling  pose  a  further  challenge  to  advanced  engine  design.  New  problems  are  encountered  with 
highly  loaded  transonic  turbines.  Although  applicable  solutions  already  exist  some  of  the  design  tools  still  need  to  be 
improved.  Reliable  secondary  flow  prediction  techniques  are  needed  which  can  be  developed  based  on  the  broad 
experimental  data  available  today. 
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Fig.  5 
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Fig.  6  High  Pressure  Turbine  Concept  for  Thermal  Expansion  Control 
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Evolution  of  Turbine  Blade  Tip  Clearance  Engine  Transient  Operation 
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DISCUSSION 


A.S.  UCER,  Turkey 

In  figure  7  you  are  showing  the  variation  of  blade  tip  clearance.  How 
this  clearance  was  measured  ? 


Author's  Reply 

Figure  7  is  a  qualitative  presentation  of  the  thermal  transients  in 
the  engine.  Clearance  cannot  be  measured  directly.  It  is  assessed  from  mate¬ 
rial  and  air  system  temperature  measurements  and  the  computed  thermal  expan¬ 
sion  of  the  parts.  At  the  beginning  of  an  engine  program,  this  estimation  is 
not  very  accurate.  With  accumulating  experience,  after  about  100  test  houis, 
this  estimation  becomes  quite  reliable.  Absolute  clearance  under  all  opera¬ 
ting  conditions  including  transients  can  be  calculated  better  than  1  %  s/h. 
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DESIGN  AND  TEST  OF  A  HIGH  BLADE  SPEED, 
HIGH  WORE  CAPACITY  TRANSONIC  TURBINE 

by 

R.C.  El ngcoabe ,  J.D.  Bryce,  N.P.  Leversuch 

Royal  Aircraft  Establishment ,  Pyeatock, 
Farnborough,  Hampshire,  GU14  OLS,  England 


SUMMARY 

A  high  r la- speed  turbine  has  been  designed  and  tested  at  RAE  Pyeatock.  A  aajor  objective  In  the 
design  waa  to  achieve  high  aerodynamic  efficiency  at  high  work  capacity  by  way  of  reduced  stage  loading  - 
facilitated  by  high  blade  speed.  The  design  includes  three-dlaenslonal  features  such  as  a  parabolic 
distribution  of  exit  angle  and  coapound  trailing-edge  lean  on  the  nozzle  guide  vane  and  a  thick  root, 
highly  tapered  rotor  blade  -  necessary  In  an  engine  turbine  to  moderate  blade  stress. 

The  paper  describes  the  design  approach  and  presents  and  discusses  the  results  of  cold  flow  rig 
tests  undertaken  at  RAZ  Pyeatock.  Measurements  Included  NGV  and  rotor  blade  surface  static  pressures  as 
well  as  detailed  traverses. 


t  INTRODUCTION 

The  need  to  develop  a  single  stage  HP  core  turbine  which  has  both  high  aerodynamic  efficiency  and 
high  work  capacity  has  been  the  subject  of  much  recent  research  effort.  At  such  high  work  capacity 
engines  often  adopt  2-stage  HP  turbines  to  drive  the  core.  However,  aodem  advances  In  materials 
technology  on  both  blades  and  discs  perait  increases  In  turbine  blade  speed  sufficient  to  generate  the 
desired  work  capacity  in  a  single  stage,  whilst  aaintaining  a  high  level  of  turbine  efficiency.  The 
aajor  contribution  to  high  efficiency  Is  the  aoderate  level  of  turbine  stage  loading  achievable  when 
operating  at  high  blade  speed.  The  turbine  has  the  following  parameters: 


work  capacity  CpAT/T 

285 

J/EgE 

aerodynamic  loading  Ah/U2 

1.46 

blade  speed  U//T 

14 

m/s  /K 

flow  coefficient  V^/U 

0.41 

rotor  mean  hub/tlp  ratio 

0.87 

flow  function  q/t/P 

0.76 

(kg/«)/K/(ui/.2) 

This  duty  Is  coapared  with  some  other  research  turbines  on  Fig  1.  Included  on  the  figure  are  some 
Aaerlcan  turbines  and  a  previous  research  turbine  designed  and  tested  at  RAE  Pyestock1* ,  This 

turbine  had  a  very  high  work  capacity  (C«AT/T  ■  306)  and  a  high  aerodynamic  loading  of  2.1  using  a 
moderate  level  of  blade  speed  (U//T  -  12).  It  achieved  a  rig  efficiency  of  87Z  at  a  tip  clearance  of 
1.4%  of  blade  height.  The  high  rim  speed  turbine  aimed  to  demonstrate  considerably  higher  aerodynamic 
efficiency  at  the  higher  blade  speed  and  lower  loading. 

An  Important  feature  In  modern  turbine  design,  contributing  to  high  aerodynamic  efficiency,  has 

been  the  choice  of  three-dimensional  geometry  for  the  aerofoils.  One  of  the  first  to  incorporate  such 

features  was  the  A1 research  turblnes  which  featured  pronounced  compound  tralllng-edge  lean  on  the  NGV, 

together  with  radial  work  distribution.  Successful  Incorporation  of  three-dimensional  geometry  to 
advanced  HP  turbine  design  requires  computer  codes  to  predict  the  three-dimensional  f 1  in  complex 

turbine  passages.  For  this  turbine,. the  Denton  three-dimensional  invlscid  time-marching  computer 
program*  was  applied  extensively  to  the  aerodynamic  design. 

2  AERODYNAMIC  DESIGN 

The  turbine  annulus  la  shown  on  Fig  2.  It  features  cylindrical  end-walls  on  the  NGV  and  equal  and 
opposite  flare  of  7.2*  on  the  Inner  and  outer  walls  of  the  rotor  blade,  which  Is  shroudless. 

The  assumed  NGV  and  rotor  loaaea  were  derived  from  both  published  correlation  methods7*  ®»  9  and 

other  turbine  data.  The  NGVmean  loaa  waa  assumed  to  be  0.08,  resulting  from  a  profile  loss  (profile, 
trailing  edge  and  shock)  of  0.04  together  with  a  secondary  loss  of  0.04.  The  manner  in  which  the  loss 
waa  distributed  across  the  annulus  la  shown  on  Fig  3(a)  where  it  can  be  seen  that  the  secondary  loss  has 
been  concentrated  In  the  Inner  and  outar  30X  of  the  span.  There  was  some  optimism  fed  Into  the  assumed 
level  of  secondary  loaa,  which  it  waa  hoped  to  minimise  by  three-dimensional  design. 

On  the  rotor,  the  profile  loss  (profile,  trailing  edge  and  shock)  waa  assumed  to  be  0.08,  the 
secondary  loss  0.08  and  tha  overt ip  leakage  0.04.  These  components  were  distributed  as  shown  on 
Fig  3(b).  It  can  be  seen  that  because  of  the  NGV  wakes  and  loss  cores,  some  effect  of  the  secondary  flow 

nay  be  felt  even  at  mid-height.  The  tip  clearance  loss  is  concentrated  In  the  outer  annulus  region. 
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A  throughflow  analysis  study  was  then  carried  out  to  select  the  blade  velocity  triangles.  A 
parabolic  forced  vortex  of  NGV  outlet  angle  was  specified  in  order  to  concentrate  most  work  in  the  most 
efficient  central  region  of  the  flow  and  also  to  unload  the  end  wall  sections  to  help  reduce  secondary 
flow  and  loss.  A  similar  parabolic  variation  of  rotor  exit  ang'e  was  chosen  for  the  same  reasons.  The 
variation  of  inlet  and  outlet  gas  angles  and  Mach  nunbers  is  shown  on  Fig  4.  The  NGV  exit  Mach  numbers 
are  slightly  supersonic  (about  1.05  to  1.1  at  root  and  mean  sections)  and  the  rotor  gas  exit  Mach  numbers 
relative  to  the  blade  are  low  supersonic  (1.0  to  1.1  at  root,  mean  and  tip  sections).  The  exit  swirl 
from  the  rotor  blade  is  at  a  mean  value  of  about  25*.  The  reaction  varies  from  37%  at  the  root  to  about 
43%  at  the  tip.  The  throughflow  analysis,  with  the  above  losses,  yields  a  total-to-total  adiabatic 
efficiency  of  91. 5%.  This  is  a  gas  path  figure  and  excludes  bearing  losses  and  disc  windage.  At  this 
high  rim  speed,  and  for  the  rig  disc  which  has  protruding  bolt  heads,  provisional  estimates  of  bearing 
loss  and  windage  indicate  a  penalty  of  about  1^*  on  turbine  efficiency. 

3  BLADE  DESIGN 

Preliminary  blade  profiles  were  selected  using  a  quasi-three  dimensional  design  method10  which 
allowed  blade-to-blade  calculations  to  be  carried  out  Including  the  effect  of  change  of  streamtube  height 
and  rotational  effects*  Final  design  was  carried  out  using  early  versions  of  the  Denton  three- 
dimensional  time-marching  program6.  After  the  design  had  been  committed  for  manufacture  further 
predictions  were  carried  out  on  an  improved  version  of  the  program11.  It  is  these  predictions  that  are 
presented  in  this  Paper. 

Trailing-edge  thicknesses  of  0.89  mm  and  0.85  mm  were  selected  for  the  NGV  and  rotor  respectively 
together  with  wedge  angles  of  4*,  so  that  the  design  would  be  mechanically  practical  in  an  engine,  in 
which  the  aerofoils  would  have  to  be  cooled. 

3.1  Nozzle  guide  vane 

A  constraint  on  the  choice  of  NGV  numbers  was  the  decision  to  use  the  existing  transonic  turbine 
casing  for  the  testing  of  this  design.  Thus,  despite  the  optimum  number  of  vanes  being  around  36, 

40  vanes  were  chosen.  Use  of  this  casing,  which  has  cylindrical  end-walls,  also  prevented  Incorporation 
of  end-wall  profiling. 

The  NGV  stacking  was  chosen  on  the  basis  of  previous  work  and  published  results5.  A  significant 
advantage  in  controlling  NGV  secondary  flows  stems  from  compound  tralling-edge  lean  such  that  the  suction 
surface  displays  concavity  in  the  hub  to  tip  direction  on  the  back  surface  of  the  vane.  This  is 
illustrated  on  Fig  5.  This  lean  introduces  radial  pressure  gradients  on  the  aerofoil  limiting  movement 
of  the  blade  boundary  layer  into  the  end-wall  region.  This  has  the  effect  of  reducing  the  secondary 
loss •  The  maximum  tangential  lean  was  limited  to  25*  at  the  end-walls.  Seven  design  sections  were 
selected  and  were  stacked  on  the  trailing-edge  line  in  a  constant  axial  plane  but  varying  In  the 
pltchwlse  direction  as  show  on  Fig  5. 

The  final  vane  is  illustrated  on  Fig  6  by  a  computer  picture  together  with  a  photograph.  The 
pressure  distribution  at  hub,  mean  and  tip  sections  is  shown  on  Fig  7.  Illustrated  are  the  predictions 
carried  out  with  the  Improved  Denton  program11  after  the  vane  had  been  committed  to  manufacture.  There 
is  generally  smooth  acceleration  of  the  flow  up  to  the  throat  region,  with  modest  peak  Mach  numbers, 
reaching  1.14  on  the  hub  section  suction  surface.  "T*'- ur  o'  "’■-••"’■e  on  the  suction 

and  pressure  surfaces  are  shown  on  Fig  8.  The  patterns  indicate  largely  two-dimensional  flow  with  a 
8 light  static  pressure  gradient  away  from  the  end-wall  towards  mid-span  in  -he  region  up  to  the  throat. 

It  should  be  noted  that  the  three-dimensional  shaping  of  the  blade  is  only  slight  in  the  leading-edge 
region,  giving  very  small  effects  in  this  area. 

3.2  Rotor  blade 

This  blade  features  deliberate  choice  of  a  thick  root  highly  tapered  design  in  order  to  simulate 
the  engine  turbine  requirement  to  minimise  root  centrifugal  stresses  by  tapering  the  blade  sections  from 
root  to  tip.  The  thick  root  philosophy  has  also  been  used  to  minimise  diffusion  within  the  rotor  row 
which  can  occur  at  the  Junction  of  the  pressure  surface  with  the  hub  platform.  The  Mach  number  at  the 
forward  pressure  surface  has  been  raised  to  avoid  significant  pressure  diffusion  in  the  hub/end-wall 
region,  thereby  reducing  the  tendency  of  the  end-wall  boundary  layer  to  migrate  towards  the  suction 
surface  augmenting  the  secondary  flow. 

The  blade  profiles  were  stacked  so  that  the  centroids  of  each  erection  were  on  a  radial  axis.  It 
was  considered  that  this  was  the  most  appropriate  from  the  point  of  view  of  stressing  constraints  in  an 
actual  engine  turbine. 

A  study  of  trailing-edge  tosses  and  aspect  ratio  led  to  the  co -.elusion  that  the  optimum  number  of 
blades  was  around  60  and  the  prime  number  of  59  was  selected.  This  gave  reasonable  blade  lift  coef¬ 
ficients.  The  radius  of  the  leading-edge  circle  was  varied  linearly  from  2.5  am  at  the  hub  to  1.25  mm  at 
the  tip.  The  resulting  blade  is  shown  on  Pig  9.  The  predicted  Mach  number  distribution  at  hub,  mean  and 
tip  sections  is  shown  on  Fig  10.  These  distributions  show  a  peaky,  non-uniform  distribution  of  surface 
Mach  number  on  the  suction  surface  with  an  undesirable  over-expansion  at  the  point  of  maximum  curvature. 
This  over-expansion  and  the  subsequent  recompression  become  worse  towards  the  tip  of  the  blade.  This 
will  Induce  local  shocks  and  accompanying  viscous  effects  which  would  cause  loss  of  performance.  Such 
peaky  distributions  were  not  predicted  at  the  time  of  committing  the  design  to  manufacture,  but  were 
predicted  by  tha  imp  roved  time-marching  program11.  If  the  opportunity  had  been  available  the  distri¬ 
bution  would  have  been  improved  by  modification  of  the  profiles.  In  other  respecta,  the  distribution  is 
satisfactory  and  in  particular  the  lack  of  hub  pressure  surface  diffusion  can  be  seen.  Fig  11  shows  the 
predicted  static  pressure  contours  on  the  auction  and  pressure  surfaces  of  the  rotor  blede  in  meridional 
view.  It  can  be  seen  that  the  flow  around  the  nose  and  on  the  forward  part  of  the  suction  surf see  is 
largely  two-dimeneional.  The  early  over-expansion  on  the  auction  surface  at  about  the  point  of  maximum 
curvature  can  be  seen  as  a  finger  of  low  static  pressure  extending  from  the  tip  down  towards  the  root 
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region.  There  la  a  pronounced  gradient  of  atatlc  pressure  acting  towards  the  tip  on  the  suction  back 
surface  at  the  position  of  peak  Mach  mmber. 

4  TEST  RIG 

The  blading  was  manufactured  and  tested  In  a  cold-flow  turbine  test  rig  at  RAE  Pyestock.  A 
schematic  layout  of  the  instrumentation  Is  shown  on  Fig  12.  Air  from  plant  compressors  was  fed  to  the 
turbine  via  a  calibrated  venturi-nozzle  airmeter  and  exhausted  to  atmospheric  pressure.  The  shaft  torque 
was  messurad  using  s  phase-shift  torquemeter  and  the  power  was  absorbed  by  a  high  speed  water 
dynamometer.  All  pressures  were  measured  by  transducers  via  Scanlvalves  and  temperatures  were  sensed  by 
chromel-constantan  thermocouples.  All  readings  were  logged  by  s  computer  based  data  acquisition  system 
which  determined  'on-line'  turbine  performance  from  the  measurements. 

The  moat  reliable  and  consistent  measure  of  turbine  temperature  drop  was  from  the  measured  torque 
together  with  shaft  speed  and  the  measured  mass  flow  rats.  Neither  the  downstream  thermocouples  nor  the 
Kiel  rakes  were  used  to  the  determination  of  efficiency.  For  this  purpose,  the  outlet  total  pressure  was 
determined  from  the  mean  wall  static  pressure  and  s  calculation  for  the  mean  flow  Mach  nuaber.  This 
calculation  uses  the  measured  mass  flow  rate,  annulus  area  and  ran  swirl  angle  across  the  annulus  deter¬ 
mined  from  comprehensive  (35  point)  radial  traverses  supplemented  by  350  point  ares  traverses.  This 
yields  an  absolute  level  of  turbine  total  to  total  adiabatic  efficiency  which  Is  estimated  to  be  accurate 
to  better  than  11.0  percentage  points.  Being  based  on  measured  shaft  power  this  efficiency  Includes  the 
effect  of  windage  and  bearing  loss.  From  Internal  estimates,  sod  a  separate  aet  of  tests  specifically  to 
measure  this  windage  which  are  still  In  progress,  the  gss-psth  efficiency  is  believed  to  be  about  1\X 
higher. 

Other  important  measurements  were  static  tapplrgs  on  both  the  NGV  and  the  rotor.  There  were 
30  tappings  distributed  around  the  NGV  surface  at  ea< h  of  15Z  and  50Z  annulus  heights  and  there  was  a 
total  of  34  tappings  on  the  rotor  blade,  9  at  2tZ  arnulus  height,  7  at  50Z  annulus  height  and  18  at  80Z 
annulus  height.  The  rotor  measurements  were  taken  out  via  a  rotating  Scanl valve  with  measured  correc¬ 
tions  for  the  centrifugal  pumping  effect.  The  tappings  were  not  all  on  one  blade  or  in  one  psssge  but 
are  distributed  around  the  40  vanes  and  59  rotors.  In  addition  there  are  NGV  exit  and  NGV  passage 
end-wail  acetic  tappings.  Running  tip  clearance  vas  also  measured  using  electrical  contact  type  probes 
wit*  stepper-motor  drive  to  achieve  a  resolution  of  *0.01  tmu 

Testing  was  carried  out  over  a  range  of  turbine  speed  from  80X  to  110Z  «nd  pressure  ratios  fro*  2.0 
to  4.2.  Test  Reynolds  numbers  at  design  point,  based  on  true  chord  and  blade  exit  conditions,  were 

3.6  x  106  for  the  NGV  and  0.56  x  io6  for  the  lotor. 

5  TEST  RESULTS 

At  turbine  pressure  ratios  above  about  2.4  the  turbine  was  choked  and  the  measured  mass  flow 
function  was  0.8Z  higher  than  design.  This  was  a  creditable  reflection  on  the  throat  dlacharge 
coefficient  assumed  in  the  design  and  on  the  accuracy  of  setting  the  nozzle  throe1:*  in  the  rig. 

The  variation  of  turbine  efficiency  with  speed  and  pressure  ratio  Is  shown  on  Fig  13.  It  can  be 

seen  that  the  performance  improves  with  speed  but  that  peak  efficiency  occurs  at  lower  than  design 
pressure  ratio.  At  liOX  of  design  speed,  higher  efficiency  than  at  design  speed  la  only  obtained  over  a 
narrow  range  of  pressure  ratio.  The  shape  of  this  110X  characteristic  Is  unexpected,  compared  with  the 
shape  of  the  characteristics  at  other  speeds.  The  measured  efficiency  at  design  point  was  89. 2Z.  The 
measured  tip  clearance  at  design  speed  was  0.37  mm,  which  represents  0.9X  of  annulus  height. 

5 . 1  NGV  performance 

The  measured  distribution  of  surface  lsentroplc  Mach  number  at  NGV  mid-height  is  shown  on  Fig  14 
compared  with  the  three-dimensional  time-marching  predictions.  It  can  be  aeen  that  close  agreement  la 
obtained  on  the  pressure  surface  and  on  tha  auction  surface  up  to  the  throat.  There  la  evidence  of  a 
weak  shock  on  the  suction  surface  at  about  65X  axial  chord,  with  subsonic  conditions  Indicated  over  the 
remainder  of  the  Instrumented  portion  of  the  blade.  It  was  not  possible  to  Install  tappings  In  the  thin 
t railing-edge  region.  The  distribution  at  15X  annulus  height  shows  similar  results  with  an  ever  weaker 
shock  at  about  65Z  axial  chord.  The  end-vall  NGV  exit  static  pressures  Indicate  lsentroplc  outlet  Msch 
numbers  of  1.03  and  0.96  at  the  hub  and  tip  respectively,  compared  with  1.13  and  0.99  at  design.  With 
the  0.9Z  higher  flow  then  design,  these  lower  outlet  Msch  numbers  are  consistent  with  a  small  error  In 
NGV  throat  dlacharge  coefficient  In  the  design.  Otherwise  the  NGV  appears  to  be  operating  close  to 
design,  with  no  Indication  of  serious  extra  loss. 

5.2  Rotor  blade  performance 

The  rotor  blade  surface  static  pressures  were  measured  using  s  rotating  Scanlvalve  with  a 
correction  for  the  centrifugal  pimping  effect  between  the  tapping  on  the  blade  and  the  pressure 
transducer  on  the  axis  of  rotation.  Because  there  Is  no  measure  of  relative  inlet  t >< si  pressure  to  the 
rotor ,  the  surface  static  pressures  were  non-dimensions Used  with  respect  to  the  highest  Indicated  static 
pressure,  and  lsentroplc  Mach  mashers  calculated.  Because  of  uncertainty  over  the  total  pressure,  the 
level  of  lsentroplc  Msch  n  cm  bar  indicated  by  the  measurements  Is  also  slightly  suspect.  The  possible 
error  Is  largest  at  the  low  Msch  numbers  and  so  will  most  effect  comparisons  on  the  pressure  surface. 

The  variation  of  this  lsentroplc  Mach  number  at  design  conditions  Is  shown  on  Fig  15  st  3  annulus  heights 
and  compared  with  a  three-dimensional  lnvlacld  time-marching  synthesis.  This  synthesis  Is  not  based  on 
tha  design  values  of  outlet  static  pressure,  but  on  the  measured  values  which  are  ltnrer.  The  reason  for 
this  difference  Is  discussed  below  with  reference  to  the  traverse  results.  Comparison  of  Pigs  10  and  15 
show*  that  this  has  led  to  the  prediction  of  higher  surface  Msch  lumbers,  with  a  considerable  ovar- 
expsnsion  of  the  flow  on  the  suction  surface  st  about  75Z  to  80X  axial  chord  which  la  considerably  more 
pronounced  towards  the  tip.  The  measurements  confirm  the  trends  Indicated  by  the  synthesis  but  show  even 
higher  suction  surface  peak  Mach  mmberi.  A  peak  Mach  number  of  greater  than  1.5  la  measured  at  80Z 
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annulus  height  and  this  oust  introduce  higher  than  design  loss  towards  the  tip.  The  neasu resents  also 
show  the  over  expansion  of  the  flow  at  around  the  point  of  maximum  curvature  on  the  suction  surface  (35Z 
to  40Z  axial  chord)  as  discussed  above  with  the  rotor  blade  design. 

Fig  16  shows  the  variation  of  measured  and  synthesised  Isentroplc  Mach  number  distribution  on  the 
rotor  blade  at  80Z  annulus  height  at  speeds  of  90Z,  100Z  and  110Z  of  design,  all  at  design  pressure 
ratio.  It  can  be  seen  that  there  is  moderately  good  agreement  between  measurement  and  synthesis  on  the 
early  part  of  the  suction  surface  where  the  higher  Mach  number  at  lower  shaft  speed  are  due  to  increased 
Incidence  of  the  airflow  onto  the  rotor.  This  Indicates  that  the  incidence  onto  the  rotor  is  as  designed 
and  helps  substantiate  the  conclusion  that  the  NGV  exit  flow  is  close  to  design  Intent. 

5.3  Downstream  traverse  measurements 

Area  traversing  was  carried  out  downstream  of  the  rotor  by  a  series  of  19  circumferential  sweeps 
separated  by  2.5  am  radial  increments.  On  each  sweep  19  readings  were  taken  at  points  apart  circum¬ 
ferentially,  covering  one  complete  NGV  pitch.  Total  pressure,  static  pressure  and  yaw  angle  were 
recorded  using  a  3-hole  wedge  probe  nulled  at  each  point.  Pig  17  shows  contours  of  exit  swirl  angle 
which  clearly  shows  that  there  Is  a  large  region  of  flow,  extending  in  from  the  tip,  where  there  Is 
significant  underturning  of  the  flow.  This  is  attributed  to  the  effect  of  the  overtlp  leakage  flow  and 
the  undertuning  associated  with  the  strong  shock  wave  in  the  tip  region  of  the  rotor  as  seen  on  the  rotor 
static  pressure  distributions.  This  overall  reduction  in  rotor  outlet  angle  Is  causing  a  reduction  In 
work  output  as  well  as  an  Increase  in  pressure  loss  from  the  Bhock.  The  low  swirl  in  the  tip  region 
means  that  significantly  higher  swirl  is  required  In  the  mid-span  and  root  region  in  order  to  achieve 
design  work.  The  design  swirl  is  25®,  compared  with  over  30°  from  Fig  17  In  the  old-span  and  root 
region.  This  would  help  to  explain  why  the  turbine  characteristic  (Fig  13)  peaks  at  lower  than  design 
pressure  ratio.  This  effect  also  explains  why  the  measured  outlet  static  pressure  Is  lower  than  the 
design  value,  because,  with  close  to  design  flow  but  higher  swirl,  the  flow  has  a  higher  Mach  number  and 
hence  higher  total-to-statlc  pressure  ratio. 

Contours  of  outlet  total  pressure  are  shown  on  Fig  18.  The  most  striking  feature  Is  the  pre¬ 
dominantly  radial  variation  of  total  pressure  again  confirming  the  dominance  of  the  rotor  losses  In  the 
tip  relgon.  Although  traversing  could  not  be  carried  out  very  close  to  the  Inner  wall,  there  is  no 
indication  of  secondary  loss  cores  from  the  NGV. 

6  CONCLUSION 

A  high  rim  speed,  high  work  capacity  single  stage  shroudless  transonic  turbine  has  been  designed 
and  tested  at  RAE  Pyestock.  The  turbine  demonstrated  a  measured  efficiency  of  89. 2%  at  design  conditions 
at  a  tip  clearance  of  0.9Z  of  blade  height.  This  includes  the  effect  of  bearing  and  windage  losses  which 
are  estimated  to  be  equivalent  to  about  l^Z  efficiency.  The  gas-path  efficiency  was  therefore  about  90^Z 
to  91Z. 


Static  tappings  on  the  NGV  Indicated  no  major  problems  on  the  aerofoil.  The  other  limited  infor¬ 
mation  available,  indicated  that  the  NGV  loss  was  close  to  design  and  It  should  be  noted  that  some 
optimism  was  included  for  the  effect  of  three-dimensional  design  on  the  level  of  secondary  loss.  On  the 
rotor,  a  rather  peaky  Mach  number  distribution  was  obtained  on  the  suction  surface.  The  early  peak  Is 
associated  with  an  overexpansion  of  the  flow  over  the  maximum  curvature  of  the  profile.  This  can  now  be 
predicted  by  more  up-to-date  versions  of  the  Denton  three-dimensional  time-marching  invlscld  computer 
program  than  were  available  when  the  design  was  committed  to  manufacture.  The  distribution  would  have 
been  improved  by  modification  of  the  profile  If  the  opportunity  had  been  available. 

The  second  factor  causing  some  loss  of  performance  was  Identified  from  both  the  downstream 
traverses  and  the  rotor  static  tappings.  The  underturning  of  the  rotor  blade  tip  clearance  flow  In  the 
outer  annulus  region  Is  causing  the  rest  of  the  blade  to  operate  with  higher  outlet  swirl  in  order  to 
obtain  the  design  work.  Thus  the  outlet  Mach  number  is  higher  and  the  downstream  static  pressure  lower 
than  design  In  the  mid-span  and  root  region.  This  gives  rise  to  considerably  higher  suction  surface  peak 
Mach  numbers  on  the  rotor  blade  which  must  Induce  higher  than  design  loss. 

Overall  the  turbine  demonstrated  reasonable  levels  of  aerodynamic  efficiency  with  areas  Identified 
where  small  Improvements  could  be  made. 
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DISCUSSION 


A.S.  UCER,  Turkey 

Do  you  use  any  deviation  prediction  method  in  your  design  ? 

Author's  Reply 

Deviation  corrections  are  much  lower  on  turbines  than  on  compressors 
because  the  blade  boundary  layers  are  much  thinner  on  turbines.  In  this 
design,  allowance  was  made  for  deviation  by  carrying  out  some  continuity 
calculations  between  the  throat  and  downstream  and  allowing  for  appropria¬ 
te  throat  blockage.  The  outlet  angles  predicted  by  the  inviscid  design  me¬ 
thods  were  thus  higher  than  those  required  in  the  turbine. 


H.B.  MEYER,  N1 

How  did  you  correct  for  the  centrifugal  effects  on  the  rotor  blade 
pressure  measurements  ? 

Author's  Reply 

The  centrifugal  pumping  effects  on  the  rotor  static  pressure  measure¬ 
ments  were  calculated  from  the  known  radius,  measured  speed  and  a  calibra¬ 
tion  based  on  a  disc  rim  static  pressure  measurement  . 


R.G.  THOMPSON,  US 

What  reference  terpperature  was  used  to  represent  the  rotating  column 
of  air  when  measuring  the  rotating  blade  static  pressure  ? 

Author's  Reply 

The  mean  temperature  of  the  rotating  column  of  air  was  determined  from 
the  calibration  of  a  disc  rim  static  pressure  measurement  as  mentioned  in 
the  previous  answer.  There  was  one  reading  on  the  rotating  disc  near  the  rim 
and  a  second  reading  on  the  stationary  structure  at  the  same  radius.  This 
allowed  the  mean  gas  temperature  in  the  rotating  column  to  be  calculated  and 
this  same  temperature  was  used  in  the  calculation  of  the  corrections  for  the 
rotor  static  pressure  measurements. 


J.  MOORE,  US 

Were  the  3D  flow  calculations  performed  for  the  stator  and  rotor  com¬ 
bined  or  for  the  two  blade  rows  Independently  ? 

Author's  Reply 

Most  of  the  design  work  was  carried  out  with  separate  calculations 
for  the  nozzle  and  rotor  rows.  This  allowed  the  maximum  amount  of  detail  to 
be  obtained  from  the  limited  overall  grid  size  that  could  be  run  on  the 


12-17 


computer.  However,  some  calculations  were  performed  on  the  nozzle  and  rotor 
combined  as  a  stage  in  order  to  determine  the  radial  gradients  at  exit  from 
the  nozzle  arising  from  interaction  between  the  blade  rows.  In  these 
calculations,  the  flow  between  the  nozzle  and  rotor  was  circumferentially 
averaged  at  each  radial  station  so  that  the  time-meared  interaction  was  cal¬ 
culated,  not  the  instantaneous  flow  for  one  relative  position  of  the  nozzle 
and  rotor. 


J.  HOURMOUZIADIS,  Ge 

The  original  turbine  you  reported  on  two  years  ago  at  the  ASME  was  mu¬ 
ch  more  advanced.  What  was  the  real  reason  why  you  decided  to  make  such  a 
conservative  design  and  put  all  the  advancement  into  the  tip  speed  of  your 
turbine  ? 

Author's  Reply 

It  was  for  the  efficiency  gain  over  the  earlier  design.  Because  of  the 
much  higher  Mach  numbers  on  the  blading,  the  efficiency  of  the  former  turbi¬ 
ne  was  significantly  lower,  at  about  86  %  or  87  %.  In  order  to  make  a  tur¬ 
bine  of  this  duty  competitive  with  a  two-stage  design,  higher  aerodynamic 
efficiency  than  that  obtained  previously  would  be  required.  Advances  in  ma¬ 
terials  technology  allowed  a  higher  turbine  blade  speed  to  be  selected  to 
give  a  more  competitive  turbine  at  higher  efficiency.  The  attainment  of  89  % 
to  90  %  efficiency  at  higher  blade  speed  in  the  turbine  described  is  not 
necessarily  any  easier  or  less  advanced  than  the  previous  turbine  design. 
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SUMMARY 


As  the  demand  for  improved  performance  of  advanced  gas  turbine  engine  components 
continues,  the  environment  within  an  engine,  in  which  the  turbine  must  operate,  has 
become  more  hostile.  The  operating  temperatures  of  turbines  have  increased  such  that 
not  only  the  first  stage,  but  in  many  cases  the  second  stage  requires  some  form  of 
cooling . 

The  design  of  an  advanced  cooling  system  for  moderately  cooled  second  6tage  blades 
was  undertaken  as  part  of  a  demonstrator  project.  The  design  process,  involving  complex 
computer  modelling,  and  hot  rig  testing  of  the  blades,  is  described  in  part  1  of  this 
paper.  The  test  results  confirmed  that  substantial  increases  in  cooling  efficiency  can 
be  gained  by  introducing  small  scale  turbulators  into  radial  hole  cooling  systems. 

Part  2  describes  a  development  temperature  measurement  technique  based  on  a  video 
camera  operating  in  the  near  infra-red  region.  The  results  of  the  video  pyrometry  were 
validated  from  results  obtained  from  a  series  of  demonstrator  hot  rig  tests.  Also 
discussed  are  a  number  of  problems  relating  to  surface  temperature  measurement,  in 
particular,  the  method  used  to  achieve  artificially  matured  blade  surfaces. 


INTRODUCTION 


Increasing  demand  for  improved  performance  from  advanced  gas  turbine  engines  has 
resulted  in  hotter  gas  temperatures  at  which  the  turbine  has  to  operate.  Consequently, 
the  requirement  for  advancing  turbine  blade  cooling  technology  continues  to  be  of  great 
importance . 

The  penalties  of  cooling  can  be  twofold,  reduction  of  the  hot  core  air  flow  and 
compromise  of  the  blade  aerodynamics. 

Therefore,  it  is  in  the  interest  of  the  turbine  designer  to  develop  a  cooling 
system  that  uses  the  minimum  amount  of  cooling  air  and  that  will  not  compromise  the 
external  aerodynamic  performance  of  the  blade. 

An  advanced  demonstrator  programme,  based  on  an  uprated  2  stage  high  pressure 
turbine,  required  the  second  stage  blade  to  be  cooled  to  achieve  the  required  life.  A 
family  of  cooling  systems  was  designed,  incorporating  small  scale  turbulators  to  enhance 
the  performance  of  a  radial  hole  cooling  geometry,  suitable  for  thin  aero-efficient 
aerofoils. 

The  design  process  can  now  utilise  complex  computer  models  to  predict  the 
performance  of  new  designs,  prior  to  testing  under  conditions  representative  of  the 
engine  environment.  The  results  obtainable  from  the  latter  enable  assessment  of  the  new 
designs  and  also  verification  and  improvement  of  the  prediction  methods  used  in  the 
design  process. 

The  conclusions  and  inferences  that  can  be  made  from  any  tests  are  dependent  on  the 
quality  of  results  obtained.  Hence,  the  development  of  the  measurement  techniques  used 
in  testing  plays  an  important  part  in  blade  cooling  research. 

Thus  it  was  with  this  in  mind  that  the  testing  of  the  innovative  blade  designs  was 
used  for  the  development  of  a  further  advanced  measurement  technique,  video  pyrometry, 
in  conjunction  with  the  already  established  technique  using  thermal  paints. 

The  design  and  test  of  the  new  blade  cooling  standards  is  described  in  the  first 
part  of  this  paper,  and  the  development  and  results  of  the  video  pyrometry  technique, 
detailed  in  the  second. 


PART  1  -  ADVANCED  RADIAL  BOLE  BLADE  COOLIHG  TECHBOLOGT 

The  high  pressure  (H.P.)  second  stage  rotor  blade  (Fig  1)  of  the  demonstrator 
project  was  used  a6  a  vehicle  to  enable  the  cooling  performance  of  a  simple  row  of 
square  ribbed  radial  (S.R.R.)  holes  to  be  measured.  This  also  served  as  a  manufacturing 
driver  in  the  development  of  core/casting  technology. 

The  moderate  amount  of  cooling  required  by  the  second  stage  H.P.  blade  enabled  a 
radial  pass,  low  pressure  fed  cooling  system  to  be  adopted  «*  it  was  anticipated  that 
S.R.R.  holes  had  the  potential  to  achieve  cooling  efficiencies  of  100%  with  moderate 
length:  diameter  holes. 

The  Company’s  suite  of  computer  programs  for  the  prediction  of  aerodynamic  and 
cooling  performance  was  used  to  execute  the  design  of  a  number  of  cooling  standards  of 
design,  and  to  assess  their  behaviour  at  engine  conditions. 

The  comparison  of  these  designs  was  achieved  by  both  use  of  the  prediction  methods 
and  hot  cascade  testing. 

DESIGN  AND  PREDICTED  PERFORMANCE 


The  second  stage  H.P.  blade  used  as  the  vehicle  for  this  work  is  shown  in  Fig  2. 

The  configuration  consists  of  8  square  radial  holes  in  the  leading  edge  and  central 
region  of  the  blade  shape.  The  design  variants  were:- 

*  plain  walled  passages,  Datum 

*  passages  with  2  walls  ribbed 

*  passages  with  4  walls  ribbed 

The  designs  were  analysed  at  conditions  representative  of  engine  type  test 
conditions . 

The  effect  of  the  ribbed  surfaces  on  the  pressure  drop  and  heat  transfer  in  the 
radial  passages  was  modelled  using  data  from  a  number  of  sources  including  Norris  (Ref 
1)  and  Burggraf  (Ref  2) . 

The  predicted  performance  of  each  standard  was  compared,  relative  to  that  of  the 
plain  walled  standard,  for  mid  span  mean  cooling  effectiveness  and  cooling  efficiency, 
as  derived  by  Holland  and  Thake  (Ref  3) .  See  Table  1  below. 


Table  1.  Predicted  performance 


COOLING 

SYSTEM 

COOLING 

FLOW  % 

OF  DATUM 

COOLING 
EFFECTIVENESS 
%  OF  DATUM 

COOLING 
EFFICIENCY 
%  OF  DATUM 

DATUM,  PLAIN  WALLS 

100 

100 

100 

2  RIBBED  WALLS 

33 

68 

157 

4  RIBBED  WALLS 

25 

61 

175 

The  prediction  process  enabled  temperature  contour  plots  through  a  number  of 
different  radial  blade  sections  to  be  obtained.  These  were  then  combined  to  generate  a 
surface  temperature  plot  (butterfly  plot) .  Both  section  and  surface  contour  plots  for 
one  standard  of  cooling  are  shown  in  Figure  3. 

MANUFACTURING 


Manufacture  of  the  square  radial  hole  blades  required  advances  in  both  core  and 
casting  technology.  Reinforced  silica  tubes  were  used  and  grooves  ’machined’  into  the 
tubes  in  batches.  The  square  shape  of  the  cores  facilitated  the  machining  process. 

Initially  grooves  were  cut  using  a  grinding  wheel.  ?his  was  found  to  be 
unsatisfactory  as  bad  scratches  raised  in  the  cores  resulted  in  an  unacceptably  high 
scrap  rate. 

Use  of  lasers  to  make  the  grooves  gave  much  better  results  as  the  'grinding 
scratches'  were  avoided. 

Initial  casting  trials  had  a  problem  with  location  of  the  core  tubes  within  the 
blade  section.  These  were  subsequently  facilitated  by  development  of  the  shell 
material . 


The  castings  were  x-rayed  and  flow  checked  before  modification  for  rig  testing. 
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TESTING 

Static  hot  cascade  testing  was  carried  oat  to  enable  the  relative  cooling 
performance  of  the  different  blade  design  standards  to  be  measured  at  representative 
temperatures  and  pressures. 

Two  test  blades  were  placed  in  an  annular  segment  between  'flanking'  pairs  of 
blades  to  create  representative  gas  paths.  The  rig  was  run  to  correct  non-dimensional 
engine  conditions  and  the  length  of  test  varied  dependent  on  the  measurements  required. 
The  test  rig  is  described  more  fully  in  Part  2. 

In  this  series  of  testing  the  design  verification  tests  were  run  using  thermal 
paints  to  measure  blade  surface  temperature.  The  gas  conditions  during  the  thermal 
paint  test  runs  were  as  below: 


Cascade  Inlet  gas  temperature  1326K 

Cascade  exit  gas  pressure  60  psi 

Coolant  gas  inlet  temperature  825K 

Coolant  gas  inlet  pressure  79  psi 


A  number  of  different  temperature  band  paints  were  run  for  each  design  standard  to 
enable  a  composite  picture  to  be  established  for  each  blade.  Fig  4  shows  a 
non-dimensional  contour  plot  of  the  plain  walled,  Datum,  blade  standard  -  cooling 
effectiveness  levels  have  been  taken  to  make  allowance  for  variations  in  mainstream  and 
coolant  gas  conditions  from  test  to  test. 

Development  of  the  video  pyrometry  measurement  techniques  as  detailed  in  Part  2, 
looked  at  a  simulated  thermal  paint  test  run  to  enable  direct  comparison  with  thermal 
paint  test  results. 

The  video  pyrometry  technique  was  extended  to  use  as  a  real  time  measurement 
technique  to  investigate  transient  behaviour.  Tests  were  run  to  examine  behaviour  of 
the  cooling  system  during  simulated  cyclic  running. 


BLADE  COOLING  PERFORMANCE 

In  this  section,  results  from  the  cascade  tests  are  compared  with  the  predicted 
performance. 

The  measured  reduction  in  cooling  flow  due  to  the  presence  of  the  ribs  is  less 
severe  than  predicted,  see  Fig  5.  This,  in  part,  is  reflected  in  the  greater  measured 
cooling  effectiveness  enhancement  due  to  the  ribs,  as  shown  in  Fig  6. 

The  cooling  efficiency,  however,  allows  the  effect  of  mass  flow  variation  to  be 
separated  out,  giving  a  true  indication  of  relative  cooling  performance.  In  this  case 
the  measured  improvement  in  cooling  efficiency  due  to  the  ribs  is  predicted  with 
reasonable  accuracy,  see  Fig  7. 

In  order  to  improve  the  modelling  of  the  effect  of  friction  due  to  ribs,  the 
cooling  flow  behaviour  was  analysed  in  detail.  The  resultant  increases  in  friction  due 
to  the  ribs,  test  measurement  compared  with  prediction,  is  shown  in  Fig  8.  This 
information  has  now  been  incorporated  into  the  design  process. 


PART  2  -  VIDEO  PI SOMETH f  Of  TURBINE  BLADES 


A  measure  of  the  efficiency  of  a  cooling  system  can  be  derived  from  the  blade 
surface  temperature  under  operating  conditions.  This  is  achieved  using  two  well 
established  techniques  -  thermocouples  and  thermal  paints.  Although  both  techniques 
achieve  the  desired  results,  both  have  limitations.  Thermocouples,  for  instance,  are 
prone  to  mechanical  failure  whilst  thermal  paints  are  limited  by  the  amount  of  time  that 
can  be  spent  at  operating  conditions  before  being  adversely  affected  by  high  temperature 
and  gas  erosion.  Although  both  methods  achieve  the  desired  results,  i.e.  surface 
temperature  measurement,  both  are  essentially  invasive,  requiring  direct  contact  with 
the  blade  surface. 

An  alternative  to  direct  surface  contact  methods  is  optical  pyrometry. 

TURBINE  BLADE  TEST  RIG 


Traditionally,  Rolls-Royce  has  used  hot  rig  testing  for  verification  of  design  and 
mechanical  integrity  of  engine  components.  Rigs,  both  dynamic  and  static,  are  designed 
to  mimic  engine  environmental  conditions. 

The  test  rig  used  for  this  series  of  static  turbine  blade  tests  consists  basically 
of  a  high  pressure  air  supply  feeding  a  tandem  combustion  system.  During  test  running, 
the  hot  coe&ustion  gases  are  transferred  via  a  dog  leg  shaped  duct  to  the  cascade 
section.  Here,  the  blades  are  orientated  so  that  they  meet  the  gas  stream  at  the 
correct  angle  of  Incidence. 
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During  testing,  all  performance  and  health  monitoring  parameters  are  scanned  by  a 
high  speed  analogue/ computer  system.  Thus,  pertinent  test  data  can  be  readily  available 
on  completion  of  testing  either  for  performance  analysis  or  for  transfer  to  main  frame 
computer  storage. 

The  development  of  video  pyrometry  was  aided  by  the  unique  construction  of  the 
it  turbine  test  rig  in  having  two  line  of  sight  windows,  one  upstream  and  the  other 

downstream  of  the  cascade  test  section.  Both  viewing  ports  were  readily  accessible, 
allowing  ease  of  installation  and  subsequent  adjustment.  Services  to  and  from  the 
camera  such  as  electrical  power,  cooling  air,  video  leads  etc,  were  readily  accommodated 
within  the  test  cell  without  modification. 

Video  testing  was  carried  out  from  the  downstream  window,  the  camera  and  it6 
environmental  box  being  mounted  on  a  platform  attached  to  the  port  window  flange. 
Originally,  it  was  thought  that  rig  vibration  during  running  would  induce  camera 
microphony,  resulting  in  a  degradation  in  picture  quality.  Subsequent  experience  showed 
that  there  was  no  picture  degradation  or  distortion,  the  test  rig  proving  remarkably 
free  from  vibration. 

Focusing  of  the  camera  was  straightforward.  The  target  blades  were  illuminated  by 
a  tungsten  light  source  and  the  lens  system  was  then  focused  until  the  TV  monitor  image 
appeared  clear  and  sharp,  this  position  then  being  noted  and  fixed.  Initially,  the 
focus  was  considered  satisfactory  when  a  visually  sharp  image  was  obtained.  Later,  this 
technique  was  modified  by  overlaying  a  graticule  on  the  target  blades  surface.  The 
benefit  of  this  technique  was  that  focusing  was  made  more  precise,  the  blade  surface 
area  under  observation  was  made  easier  to  calculate  and  positions  of  primary  importance 
could  be  readily  identified  and  related  as  X  Y  coordinates.  Also  pixel  area  change  over 
the  blade  curvature  can  be  readily  assessed 

The  view  of  the  test  cascade  from  the  downstream  observation  window  allows  only  the 
suction  side  to  be  viewed,  and  then  only  partially.  The  amount  of  blade  surface  visible 
is  dependent  on  the  camber  and  stagger  of  the  individual  blade  and  its  position  within 
the  cascade.  Under  normal  circumstances  the  test  blades  are  positioned  in  the  centre  of 
the  cascade  in  order  to  minimise  wall  effects  and  gas  stream  temperature  gradients. 

PYROMETRY 


Pyrometers  operate  on  the  well  established  principal  that  a  surface,  particularly 
metal,  when  heated  to  a  sufficiently  high  temperature,  will  emit  energy  in  quantities 
that  are  proportional  to  the  surface  temperature.  Therefore,  if  the  emitted  intensity 
can  be  calibrated,  then  the  temperature  of  the  emitting  surface  can  be  determined. 

The  active  photo  sensitive  area  of  a  video  camera  is  composed  of  photo-conductive 
material  deposited  on  a  conductive  film.  The  target  can  be  assumed  to  consist  of  a 
large  number  of  elements,  the  size  being  determined  by  the  size  and  accuracy  of  focus  of 
the  scanning  electron  beam.  As  with  the  photo  sensor  of  the  engine  control  pyrometer, 
the  photo- sensitive  element  reacts  to  light,  producing  an  electrical  voltage 
proportional  to  the  emitted  intensity.  This  relation  between  illumination  and  the 
signal  current  can  be  shown  as: 


Is  =  the  signal  current  at  illumination  E$ 

Ic  *  the  signal  current  at  calibration  illumination  Ec 
if  *  the  gamma  of  the  tube 

If  a  tube  gamma  of  one  is  assumed,  then  the  current  will  be  directly  proportional 
(Ref  4)  to  the  illumination  of  the  target.  Thus  the  camera  tube  is  acting  in  the  same 
manner  as  an  optical  pyrometer  to  changes  in  light  levels. 

It  is  well  known  that  heated  bodies  emit  radiation  which  is  characterised 
principally  by  the  temperature  of  the  body.  Thus  an  increase  in  temperature  is 
accompanied  by  a  corresponding  increase  in  energy.  Thus,  as  the  emitted  light  from  a 
body  is  directly  related  to  its  absolute  temperature  and  the  voltage  signal  produced  in 
the  camera  target  is  proportional  to  the  light  intensity  then  a  suitably  configured 
camera  may  be  said  to  act  as  a  radiation  detection  instrument. 

TEST  BLADE  -  ARTIFICIAL  MATURING 

In  practice,  it  is  found  that  no  surface  behaves  as  an  ideal  emitter  and  invariably 
the  emittance  at  a  particular  wavelength  is  less  than  that  for  the  ideal  surface,  the 
ratio  of  the  emitted  valiae  to  the  ideal  surface  value  being  defined  as  emissivity  ( £ ) . 
Although  the  distribution  of  energy  emitted  throughout  the  wavelength  spectrup  from  a 
real  surface  usually  follows  the  trend  predicted  for  a  black  body,  there  can  be 
irregularities  in  the  distribution  that  cause  variations  in  emissivity  with  wavelength. 
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It  is  fortunate  that  blads  surfaces,  in  general,  are  not  strongly  selective  emitters, 
particularly  in  the  higher  operating  temperatures  associated  with  combustion. 

This  does  not  imply  that  blades  operating  under  the  same  conditions  necessarily 
have  the  same  amittance  value. 

Consider  the  hypothetical  case  of  a  turbine  blade  under  test  for  comparison  with 
new  design  marks  of  a  similar  type.  The  original  blade  may  have  been  exposed  to  a 
considerable  amount  of  testing  time  at  high  operating  conditions  and  consequently 
achieved  a  stable  emissivity  state.  A  newly  manufactured  blade  installed  alongside  the 
original,  now  matured  blade,  would  be  continually  changing  surface  condition  during 
initial  running.  As  chief  engineers  are  not  particularly  well  disposed  to  unwarranted  - 
long  term  test  running,  maturing  of  the  new  blade  by  extensive  high  temperature  running 
is  not  condoned. 

To  overcome  this  problem,  a  novel  approach  was  proposed,  that  of  artificially 
producing  a  mature  blade.  This  was  achieved  by  spray  coating  a  sample  blade  with  a  high 
temperature  resistant  paint  and  baking  it  in  an  oven  at  1100*C  for  30  minutes.  By 
baking  the  blade  at  conditions  higher  than  those  expected  during  rig  testing,  all 
intermediate  surface  melt  conditions,  up  to  1100*C,  were  effectively  removed.  On 
cooling,  the  blade  exhibited  a  uniformly  smooth,  dark  blue  matt  surface.  There  were  no 
special  handling  restrictions  placed  on  the  blade,  other  than  common  sense  handling,  as 
the  surface  was  found  to  have  a  good  bond  and  proved  to  be  relatively  scratch  resistant. 

In  order  to  check  emissivity  (€ ) ,  the  sample  blade  was  instrumented  with 
thermocouples,  the  beads  being  secured  in  blind  holes.  The  blade  was  then  heated  using 
an  R.F.  coil.  Temperature  measurements  were  then  taken  at  nominally  50*C  Intervals,  in 
the  case  of  blade  metal  temperature  by  the  thermocouples  and  surface  temperature  by  a 
hand-held  optical  pyrometer.  Analysis  of  the  results  indicated  that  over  the  600-860 *C 
temperature  range  investigated,  there  was  no  detectable  change  in  values.  This  was 
later  confirmed  from  an  earlier,  and  more  detailed  investigation  into  the  paint,  were  it 
was  found  that  the  emissivity  (£)  value  was  held  constant  at  the  final  surface 
formation.  For  the  baked  blade  situation,  the  final  emissivity  value  was  found  to  be 
approx  .9,  this  figure  being  confirmed  by  the  findings  from  the  earlier  investigation. 

CAMERA 


The  camera  used  throughout  these  trials  was  an  Insight  series  75  unit  fitted  with 
an  extended  red  Newvicon  tube.  This  camera,  being  physically  small  (155mm  x  62m  x 
38mm) ,  is  ideal  for  situations  where  space  ia  at  a  premium.  In  all  respects ,  the  camera 
operates  as  a  normal  video  system  conforming  to  CCIR  standards.  However,  the  unit  does 
have  a  number  of  selectable  options  and  adjustments  that  are  not  normally  found  on  video 
cameras. 

The  camera  options  utilised  for  this  investigation  are  summary eed  below: 

*  Auto  gain  OR/OFF  -  selecting  auto  gain  OFF  prevents  the  gain  circuits  from 
artificially  increasing  sensitivity  at  low  light  levels. 

*  Selectable  black  level  TRUE /AUTO  -  as  the  type  of  tube  used  in  this  camera  is 
sensitive  to  changes  in  reference  blade  signal  level,  the  selection  of  TRUE  black 
level  prevents  reference  signal  drift. 

*  Shading  correction  HORIZONTAL  -  VERTICAL  -  CENTRE  -  adjustment  compensates  for 
tube  dark  current  shading  and  lens  vignetting. 

As  mentioned  previously,  the  tube  fitted  in  the  camera  unit  was  an  extended  red 
"Newvicon",  a  silicon  based  vidicon  target.  The  advantages  of  using  this  type  of  tube 
are,  sensitivity  up  to  the  near  infra-red,  high  quantum  efficiency  (almost  100%)  plus 
good  resistance  to  tube  target  "burn-in". 

The  lens  system  used  for  these  tests  was  a  "NIKON"  105mm  with  a  remote  aperture  and 
focus  control. 

CALIBRATION  OF  CAMERA  AND  LEWS  SYSTEM 

The  camera  and  lens  system  was  calibrated  against  a  black  body  radiator  of  known 
performance  and  stability  over  the  temperature  range  thought  most  likely  to  be 
encountered  during  the  blade  test. 

Throughout  these  tests,  the  camera  lens  system  was  fitted  with  a  KODAK  Wratten  87C 
I.R.  filter.  This  was  incorporated  to  prevent  any  stray  visible  light  that  might  have 
entered  the  environmental  box,  via  the  front  window,  from  causing  a  response  in  the 
camera.  In  addition  by  combining  the  filter  cut-off  <0.8pm,  with  the  camera  tubes 
falling  sensitivity  >0.95  /#m,  a  comparatively  narrow  band  filter  was  effectively 
produced.  Theoretically,  there  is  little  flame  radiation  and  Interference  from 
combustion  gas  thermal  emissions  in  this  waveband  (Ref  5) . 
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On  reaching  a  designated  temperature,  readings  -  in  the  fora  of  luminance  values 
were  taken  over  the  full  range  of  lens  apertures.  From  this  collected  data  a  series  of 
curves  of  teaperatures  vs  luminance  for  the  different  aperture  selections  were  produced 
(Fig  9).  For  a  video  camera,  the  slope  of  the  curve  is  a  function  of  the  tube  gassaa  and 
is  also  indicative  of  the  accuracy  obtainable  from  the  system  and  of  its  dynamic  range. 

A  camera  having  a  tube  gamma  of  one,  for  example,  has  a  target  voltage  response 
that  is  directly  proportional  to  changes  in  light  intensity.  Thus,  a  camera  system 
configured  to  this  standard  would  have  good  temperature  resolution,  but  at  the  expense 
of  the  temperature  range  that  can  be  accommodated.  For  a  camera  having  a  tube  gamma  of 
.65  (say),  the  temperature  range  that  can  be  accommodated  would  be  increased,  but  at  the 
expense  of  measurement  accuracy. 

EXTRANEOUS  RADIATION  AND  BLADE  TEMPERATURE  MEASUREMENT 


If  the  radiation  sensed  by  the  camera  tube  has  been  emitted  exclusively  by  the 
target  blades,  then  direct  surface  measurements  are  possible.  This  is  something  of  an 
ideal  case  and  is  unlikely  to  be  achieved  in  practice.  The  more  common  sources  of 
extraneous  radiation  are  from  flame  -  direct  and  reflected;  from  adjacent  structuies  and 
blades  and  depending  on  total  pressure  and  gas  temperature  -  from  gas  emissions.  An 
investigation  into  extraneous  radiations  was  considered  in  some  detail.  In  order  to 
make  the  required  corrections,  it  was  necessary  to  assume  that  any  additional  radiation 
falling  within  the  field  of  view  of  the  camera  would  result  in  the  same  response  as  that 
due  to  a  black  body  radiating  at  the  equivalent  temperature  (Ref  6) . 

As  stated  previously,  the  combustion  system  for  this  rig  is  situated  some  distance 
from  the  cascade  test  section  and  is  not  in  direct  line  of  sight  of  the  downstream 
viewing  port.  Because  i  this  feature,  it  was  considered  unlikely  that  there  would  be 
any  direct  flame  interference.  This  was  subsequently  borne  out  during  test  running. 
However,  there  remained  the  possibility  of  combustion  gas  radiation,  particularly  that 
from  water  vapour.  In  the  wavelength  band  in  which  the  camera  was  operating,  the  most 
likely  interference  would  be  from  wings  of  the  H-O  fundamental  line  at  1.1  m.  A 
previous  investigation  at  similar  inlet  temperature  conditions,  though  at  higher 
pressures,  had  shown  that  waveband  broadening  interference  was  a  distinct  possibility. 
This  phenomenon  results  in  degradation  of  the  video  imageB  and  is  characterised  by  an 
apparent  haxe  or  shimmer. 

With  the  camera  positioned  and  focused  on  the  blade  cascade,  there  remained  a  sight 
path  that  allowed  an  uninterrupted  view  of  the  inner  wall  of  the  test  section  (Fig  10) . 
By  monitoring  the  wall  luminance  at  the  following  conditions,  the  effect  of  combustion 
emissions  were  evaluated. 

*  prior  to  combustor  light  up  -  to  obtain  a  datum  luminance  level. 

*  after  combustor  light  up  -  to  assess  possible  flame  reflections. 

*  at  test  conditions  -  for  flame  reflections  and  gas  absorption. 

As  the  test  section  is  cooled  by  a  continuous  flow  of  water  the  inner  wall 

temperature  is  prevented  from  reaching  temperature  levels  where  it  would  begin  to  emit 
sufficient  radiation  to  become  detectable  by  the  camera  at  the  aperture  selected.  It 
was  considered  that  if  flame  were  present,  either  as  transients  or  featured  over  a 
period  of  time,  or  if  radiation  were  emitted  into  the  upstream  test  section  from  the 
leading  edges  of  blades,  these  effects  would  cause  a  change  in  the  datum  luminous  value. 

Similarly  with  gas  absorption,  as  the  wall  datum  luminance  did  not  decrease  with  an 
increase  in  gas  temperature,  it  can  be  inferred  that  there  was  negligible  gas  absorption 
at  the  test  conditions. 

Though  the  emissivity  value  for  the  paint  had  been  determined  originally  from  a 
sample  blade,  as  it  was  obtained  at  conditions  that  were  not  truely  representative  i.e. 
at  atmospheric  conditions,  no  adjacent  blade  etc.  Therefore  this  evaluation  could  only 
be  considered  as  a  good  working  approximation. 

Under  normal  engine  operation  conditions  a  turbine  cascade  operates  in  a  confining 
structure  of  NGV's,  adjacent  blades  and  platforms,  in  conditions  that  can  be  said  to  be 
thermally  stable.  Under  these  conditions  the  blade  enclosure  can  be  considered  to  be  a 
good  approximation  to  a  black  body  source.  In  the  test  rig  situation  where  these 
particular  blades  were  tested  a  similar  situation  occurs,  however,  because  of  the 
absence  of  NGVs,  the  structure  is  not  totally  enclosed.  As  a  result,  some  reflected 
radiations  escape  into  the  upstream  void  and  though  the  £  value  of  the  enclosed  surfaces 
of  the  blade  will  still  tend  towards  unity,  however  because  of  the  broken  enclosure,  a 
value  of  unity  is  unlikely  be  achieved.  The  enclosure  or  cavity  effect  produced  by  the 
blades  influences  the  surface  emissivity  of  the  blade  under  observation.  In  general 
terms  it  can  be  said  that  the  greater  the  penetration  into  the  cavity,  the  closer  to 
unity  the  surface  £  value  becomes  (Ref  7) .  Thus,  the  original  laboratory  derived 
emissivity  value  £  ,  though  a  good  datum  figure  is  not  satisfactory  as  an  overall  blade 
surface  correction  factor  when  converting  luminance  observed  values  to  corrected  surface 
temperatures . 


To  assess  the  surface  emissivity  changes  acroaa  the  blade  chord,  the  following 
semi-empirical  evaluation  methods  were  need  (Ref  8) t 

*  during  the  *  standard  cycle*  the. cooling  airflow  was  reduced  to  zero.  At  this 
condition  the  blade  surface  will  rapidly  attain  inlet  gas  teatperature .  As  this 
temperature  is  known  the  blade  temperature  is  also  known.  Thus  as  we  have  an 
observed  luminance  value  for  a  known  blade  temperature  at  a  given  lens  aperture  the 
effective  emissivity  ( £a)  can  be  derived.  This  method  is  particularly  effective 
for  resolving  trailing  edge  £a  values. 

*  by  restoring  the  cooling  airflow  to  the  blade,  whilst  maintaining  inlet 
conditions,  a  second  set  of  luminance  values  are  obtained.  However,  as  the  blade 
temperature  has  changed  (restored  cooling  air)  the  surface  temperature  at  a  known 
position  across  the  chord  must  be  obtained,  either  via  a  thermocouple  or 
alternatively  must  be  able  to  be  determined,  perhaps  from  previous  results. 

These  results  were  then  plotted  to  produce  an  emissivity  correction  curve  (Fig  11) . 

TBST  OBJECTIVE 

The  test  objective  was  to  investigate  and  verify  that  a  video  camera  could  operate 
as  an  optical  pyrometer  under  rig  test  conditions  and  could  achieve  an  acceptable  degree 
of  temperature  measurement  accuracy,  as  determined  from  thermal  paint  test  results. 

TESTIHG 

To  investigate  the  video  pyrometry  technique  three  test  schedules  were  used. 

*  Thermal  Paint  Schedule  -  design  point  conditions  -  as  detailed  in  part  1. 

*  Standard  schedule  -  from  a  constant  cascade  inlet  condition,  step  reduction  of 
coolant  pressure  ratio. 

*  Simulated  cyclic  running  -  thermal  cycle  comprising  of  two  accel/decel  and 
steady  state  segments. 

The  later  two  schedules  were  run  at  off  design  conditions.  Both  schedules  are 
shown  in  figures  12  and  13. 

In  order  to  correlate  the  video  recordings  and  the  analogue  computer  readings,  a 
video  time  clock  was  linked  into  the  recording  system.  The  clock  was  set  in  operation 
by  a  trigger  pulse  from  the  computer  when  an  inlet  temperature  of  700»c  was  achieved. 
Consequently,  all  pyrometry  data  could  be  merged  with  the  relevant  test  data. 

For  the  scheduled  testing,  two  standards  of  data  logging  were  usedt 

*  Standard  schedule  -  essentially  steady  state  running  -  a  5  sec  scan  rate  of  all 
parameters. 

*  Simulated  Cycle  -  accel/decel  running  -  a  2  secs  scan  rate  -  logging  only 
minimum,  health  monitoring  parameters. 


RESULTS 

From  the  plotted  values  (fig  14)  it  can  be  seen  that  the  results  from  the  video 
pyrometry  are  in  close  agreement  with  those  of  the  thermal  paint,  the  error  at  the  blade 
trailing  edge  being  approx  5*C,  at  the  50%  chord  width  position  approx  15°C.  The  error 
in  temperature  can  be  attributed  to  incorrect  assessment  of  the  degree  to  which  the 
adjacent  blade  enclosure  effect  causes  the  emissivity  value  to  shift  towards  unity. 

COWCLPS IOWS 

1.  Square  ribbed  radial  hole  cooling  systems  can  achieve  high  cooling  efficiencies 
of  about  100%. 

2.  4  ribbed  walls  give  the  most  efficient  configuration  of  the  3  standards 
investigated. 

3.  The  modelling  of  the  complex  heat  transfer  processes  in  the  presence  of  small 
scale  rib  turbulators  In  the  design  cycle  has  proved  to  be  reasonably  accurate. 

4.  A  real  time,  low  coats,  pyrometry  system  based  on  a  Hew  icon  camera,  has  been 
demonstrated.  The  results  from  a  series  of  hot  cascade  rig  tests  were  in  close 
agreement  with  results  obtained  from  the  thermal  paint  tests. 

5.  The  artificial  maturing  of  the  target  blades  by  an  application  of  a  high 
temperature  resistant  paint,  allowed  direct  comparison  between  adjacent  blades, 
that  under  normal  circumstances,  may  not  exhibit  the  same  surface  emissivity 
values . 
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6.  The  technique  allows  limited  cyclic  running  to  be  undertaken,  though  there  is  a 
limit  imposed  by  the  temperature  window  that  can  be  accommodate  by  any  aperture 
selection.  The  temperature  window  at  F8  for  the  conditions  reported,  was  approx 
200#C. 

7.  If  linked  to  a  suitable  computer,  digitised  video  data  can  be  readily  transferred 
to  other  computers  for  updating  or  creation  of  a  data  base,  for  use  in  thermal 
prediction  programs. 
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Fig.  I.  HP  Demonstrator  Turbine. 


Fig.  3.  Temperature  Contour  Plots 

-  Surface  and  Section. 

-  Predicted. 


Fig.  2  Demonstrator  Blade 


LEADING 


Fig.  4.  Plain  Walled  Standard 

—  Effectiveness  Contour  Plot. 
—  Test  Result. 
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TIME  MINS 

ACCEL/ DECEL  TEST  SCHD 
SCHEDULED  CYCLE  AND  ACHIEVED  CYCLE 
WITH  BLADE  SUBFACE  TEMP 


Fig.  12. 


PS  I A 


Time  mins 

STANDARD  SCHEDULE 
(COOLANT  PRESSURE  REDUCTION) 


Fig.  13. 


%  BLADE  SURFACE 

PYROMETRY  V»  CORRECTED  THERMAL  PAINT  RESULTS 

Fig.  14. 
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DISCUSSION 


D.K.  HENNECKE,  Ge 

In  your  prediction  scheme,  do  you  have  a  correlation  to  account  for 
the  effect,  not  only  of  ribs,  but  also  of  rotation  (Coriolis  and  buoyancy 
forces)  on  flow  and  heat  transfer  ? 

Which  is  it  ? 

Author's  Reply 

The  prediction  method  used  does  employ  a  "correlation"  to  model  the 
effect  of  the  ribs.  This  draws  on  information  from  a  number  of  sources. 

In  modelling  the  cooling  systems  for  comparison  with  the  hot  cascade 
test  results,  which  are  a  static  case,  rotation  effects  need  not  be  included. 


G.  WINTERFELD,  Ge 

You  showed  a  very  interesting  comparison  between  the  Video-Radiation 
Technique  and  the  Thermal-Paint-Technique  on  a  relative  basis.  Could  you  gi¬ 
ve  figures  on  the  absolute  accuracy,  in  degrees  centri grade,  of  the  Video- 
Radiation  Technique  ? 

Author's  Reply 

It  is  difficult  to  give  an  accuracy  level  for  temperature  sensitive 
paints  in  general.  However,  our  comparisons  with  thermocouple  results  show 
it  to  be  in  relatively  good  agreement.  For  these  particular  tests,  the  paint 
laboratory  felt  that  paint  test  results  should  be  within  ±  15“  to  1  20“C. 


J.  HOURMOUZIADIS,  Ge 

Did  you  select  the  square  form  of  the  holes  because  the  cooling  effect 
is  good  ?  If  so,  do  you  expect  any  Increase  in  thermal  stresses  at  the  cor¬ 
ners  of  the  squares  ? 

Author's  Reply 

The  reason  for  choice  of  squares  holes  was  to  aid  the  manufacturing 
process  and  thus  reduce  costs  of  production. 


A.S.  UCER,  Turkey 

Have  you  compared  predicted  and  measured  temperature  distributions  ? 
What  about  the  comparison  ? 


Author's  Reply 

Comparison  of  the  predicted  and  measured  temperature  distributions  was 
good  in  the  leading  edge  and  central  regions  where  the  cooling  system  has 
greatest  effect,  5-10*C  deltas  being  seen.  Trailing  edge  region  temperatures 
still  compared  reasonably  well,  within  20’C. 
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Summary 

Tha  difficulties  of  computing  unateody  transonic  flow  in  multiply  connected  domains  with 
a  minimum  of  neglections  and  approximations  have  been  overcome  by  using 

-  individual  computational  grids  fixed  to  each  oasoode, 

-  a  novel  grid-less  finite  difference  scheme, 

-  physically  real  in-  and  outflow  boundaries. 

Tha  resulting  computer  program  is  capable  of  computing  the  inviscid,  plane  gas-flow 
through  stator  and  rotor  of  a  turbomachine  stage  made  up  from  arbitrarily  shaped  (thick, 
round-nosed)  blades  of  arbitrary  spacing,  up  to  local  Mach  Numbers  of  1.8. 


1  .  Introduction 

Answering  tha  needs  of  the  industry  a  large  number  of  computational  methods  for  the  flow 
through  turbomachina  cascades  has  been  developed,  the  overwhelming  majority  tackling 
steady  flow.  This,  however,  is  only  a  crude  approximation  to  reality  and  in  order  to  get 
a  batter  picture  one  has  to  compute  the  true  unsteady  flow  through  the  multistage 
sequence  of  steady  and  rotating  rows  of  blades.  Now  the  computation  of  an  unsteady  and, 
as  is  now  necessary  in  many  applications ,  transonic  flow  is  a  formidable  task  in  itself, 
but  in  the  case  of  tha  turbomachine  it  is  further  complicated  by 

-  the  large-scale  mutual  movement  of  every  two  neighbouring  cascades  which  thus  cannot 
be  covered  by  one  common  computational  grid,  and 

-  tha  singular  grid  points  which  occur  Inevitably  in  multiply  connected  domains  and 
result  not  only  in  additional  and  non-vactorlzable  coding  but  also  decrease  the 
overall  accuracy. 

The  first  problem  can  be  solved  by  a  grid-coupling  technique  developed  several  years  ago 
and  used  successfully  for  unsteady  flows  with  large-scale  moving  boundaries  (see  /I/, 
/2/)  . 

The  second  problem  is  posed  already  in  computations  of  steady  flow  -  for  instance,  in 
using  H-grids  where  it  produces  the  well-known  spikes  protruding  from  the  blade's  nose  - 
but  there  it  is  not  going  to  cause  serious  trouble.  In  unsteady  computations,  however, 
with  their  changing  and  eventually  reversing  flow  around  the  nose  such  singu lari t les  are 
bound  to  result  in  desaster,  at  least  after  computing  through  very  many  time-steps. 
Therefore  an  acceptable  computational  scheme  for  unsteady  flows  should  avoid  this  pro¬ 
blem  altogether.  A  good  choice  with  respect  to  this  would  be  the  Finite  Element  Method, 
but  for  hyperbolic  problems  as  presented  by  unsteady  compressible  flows  it  still  seems 
to  be  not  yet  fully  developed  if  one  is  not  willing  to  accept  the  existing  hybrid 
methods  (spatial  discretization  by  the  FEM,  integration  in  time  by,  say,  Runge-Kutta- 
aietnou*;  as  sat isf actory ;  furthermore,  the  FEM's  developmental  expense  is  very  high. 
Also  the  Finite  Volume  Method,  though  straightforward  in  concept  and  simple  to  imple¬ 
ment,  suffers  from  the  af ore-ment ioned  hybrid  character  and,  in  its  cal 1-center-imple¬ 
mentations,  additionally  from  a  serious  decay  of  accuracy  in  stretched  and  sheared 
arrangements  of  cells.  So  what  can  we  do? 


2.  A  grid-lass  Finite  Difference  Scheme 
2.1  Oeelgn 


An  effioient  way  to  circumvent  all  problems  connected  with  singular  grid-points  is  to 
skip  grids  at  all.  This  seams  to  be  a  baffling  statement,  but  regarding  the  Finite 
Element  Method  quickly  shows  that  it  may  be  quite  natural  to  ask:  what  is  a  grid  good 
for?  In  discretizing  spatial  derivatives  by  difference  quotients  we  need  to  know  the 
relative  positions  of  one  point's  neighbours,  and  the  notion  of  a  (regular)  grid  greatly 
facilitates  the  description  of  these  relations  -  at  the  price  of  compulaary  regularity. 
So,  if  we  find  another,  perhaps  not  so  elegant  but  more  general  way  of  describing  the 
said  relations  we  may  do  away  with  the  grid  at  all,  and  so  with  the  associated  problems, 
too . 

A  •*mp!e  example  (with  only  first  order  of  accuracy)  way  serve  to  illustrate  our  idea: 

Consider  an  arbitrary  cluster  of  points  1,2,3.  Then  for  an  arbitrary 
y  function  u  the  sought-for  partial  derivatives  u* , uy  of  u  in  (0,0)  can 

^  #*1  be  computed  on  the  basis  of  three  Taylor  expansions: 

- *  u  ♦  Xlu*  +  y£  ur  +0(2),  I-  1,2,3 


yielding  a  linear  equation: 


'  «.  y. 

u 

- 

r  «,• 

1  *i  y* 

Ui 

1  xj  y, j 

LuJ 

solved  by  Cramer's 


Rule  to  give 


u K , Uy  ( and  u) 
to  first  order. 
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It  is  easy  to  extend  this  procedure  to  second  order  of  accuracy  using  a  cluster  of  six 
points.  Of  course,  to  yield  robust  expressions  for  the  partial  derivatives,  the  linear 
system  of  aquations  must  be  well  conditioned.  It  can  be  proved  (see  Theilemann  / 3 / )  that 
the  matrix  becomes  singular  if  the  six  points  used  are  situated  on  the  section  of  a  cone 
and  so  this  situation  must  be  avoided.  This  can  be  done  by  considering  not  only  six  but 
eight  neighbouring  points  and  picking,  by  some  not  stringent  "Design  Rules",  those 
giving  the  best  condition  number  and  the  smallest  truncation  error  of  the  Taylor  expan¬ 
sion  of  the  aought-for  derivatives. 

Upon  this  basis,  an  explicit  algorithm  of  the  RungB-Kutta  type  con  now  be  constructed  in 
the  following  way  (see  also  fig.1): 

to  advance  the  point  number  i  at  time  n  to  the  time  n+i,  in  the  first  step  the  cluster 
of  eight  neighbouring  points  is  used  in  the  manner  described  above  to  compute  six 
auxiliary  points  in  the  time-plane  n  +  ( 1/2) ,  From  these,  in  the  second  step,  the  deriva¬ 
tives  u*  and  Uy  ar-e  formed  in  a  like  manner  and  used  to  compute  the  new  values  at  time 
n+1  . 


2.2  Properties 

First,  an  analytical  investigation  of  the  new  scheme  was  made.  The  accuracy  was  tested 
by  extending  the  well-known  Modified  Equation  Approach  (Warming  and  Hyett  /4/)  to  two 
spatial  dimensions,  resulting  in  a  condition  for  second  order  of  accuracy  which  is  not 
stringent  and  can  be  easily  controlled  during  the  design  process  of  the  computational 
grid,  along  with  the  afore-mentioned  design  rules. 

Second,  the  stability  of  the  scheme  wag  investigated  by  computing  the  amplification 
factor  for  a  variety  of  stretched  and  sheared  configurations  of  the  cluster  of  points 
involved.  For  some  rather  extreme  configurations  a  very  mild  instability  was  fou  r  tor 
which  a  stabilizing  term  can  be  computed  (after  aquiring  some  "feeling",  however,  it 
proved  less  time  consuming  but  equally  accurate  to  guess  the  necessary  damping  factors 
for  the  actual  computation). 

because  the  tests  done  so  far  had  to  be  carried  out  with  a  linearized  version  of  the 
novel  scheme  we  added  a  series  of  numerical  tests  of  the  complete  nonlinear  case  using 
an  exact,  non-trivial  solution  of  the  gasdynamic  equations.  For  this  we  picked  the  well- 
known  flingieb  Flow  (a  two-dimensional  steady  solution  of  Tchapligin's  equation)  for  the 
following  reasons: 

-  choosing  appropriate  streamlines  as  solid  boundaries,  this  ’solution  simulates  a  chan¬ 
nel  flow  roughly  equivalent  to  the  flow  between  blades, 

-  using  the  appropriate  set-up,  the  Ringleb  Flow  can  be  used  for  testing  schemes  for  the 
two-dimensional  unsteady  case  as  well  as  for  the  9teady  one, 

-  there  exists  a  complete  set  of  auxiliary  programs  for  this  test  (in  /5/)  . 

Some  significant  results  from  these  numerical  tests  are  reproduced  in  fig. 2.  There  is  no 
unfavourite  difference  in  accuracy  compared  with  good  conventional  schemes,  and  nearly 
none  at  all  between  regular  and  irregular  clusters  of  points. 

Summing  up,  the  statement  is  Justified  that  the  new  scheme  combines,  on  one  side,  the 
accuracy  and  geometric  versatility  of  the  Finite  Element  Method  with  the  perspicuity  and 
ease  of  implementation  of  the  Finite  Difference  Method  on  the  other  side.  Its  disadvan¬ 
tage,  compared  with  the  latter,  is  the  larger  memory  requirement,  but  this  drawback  is 
eased  by  the  high  and  equally  distributed  numerical  accuracy  resulting  in  a  comparative¬ 
ly  low  number  of  computational  points  (see  below) .  The  computation  time  per  point  does 
not  differ  much  from  conventional  explicit  finite  difference  methods  because  the  compu¬ 
tation  of  all  coefficients  resulting  from  the  irregular  clusters  is  done  once  only  for  a 
given  geometry  of  the  turbomachine  stage. 


3.  Details  of  actual  turbomachina  computations 

3.1  Overall  discretization 

As  o  model  we  adopted  a  turbine  stage  with  a  given  parallel  flow  from  minus  infirity 
onto  on  infinite  plans  stotor  cascade  perpendicular  to  ♦■he  onflow  followed  by  o  similar 
"rotor"  moving  parallel  to  the  stator  with  prescribed  "circumferential"  speed  or  angle 
of  attack,  the  outflow  going  to  plus  infinity.  All  flow  angles  are  left  to  adjust 
t  hemse 1 ves . 

It  is  clear  that  such  a  set-up  continously  produces  pressure  waves  running  up-  and  down¬ 
stream.  Although  there  axis!.-  now  (mainly  due  to  Moretti)  a  sound  philosophy  for  the 
treatment  of  artificial  inflow  and  outflow  boundaries  we  wanted  to  avoid  any  risk  and 
consequently  regarded  the  physical  domain  as  unbounded,  that  means  we  had  to  provide  for 
an  appropriate  computational  domain  both  upstream  and  downstream.  Because  the  computa¬ 
tion  time  is  finite  (it  terminates  when  after  a  start  from  rest  the  periodic  flow 
through  the  stage  Is  achieved)  it  suffices  to  extend  the  computational  space  up-  and 
downstream  only  so  far  that  these  limits  are  reached  by  the  spatial  loops  after  slightly 
more  than  half  the  computational  time  (for  reasons  and  details  see  3.2  below).  After¬ 
wards  the  spatial  loop  limits  ore  reduced  one  mesh  per  time  step  so  that  at  the  end  of 
the  computation  only  the  domain  of  interest  from,  perhaps,  one  blade  spacing  ahead  and 
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two  behind  th«  stags  proper  is  computed .  Such  an  extension  need  not  be  costly  in  memory 
space  and/or  computing  time.  It  pays  anyway  to  divide  tvne  computational  space  not  only 
into  the  two  mutually  moving  subdomains  wrapped  around  the  two  cascades  but  to  restrict 
these  subdomains  to  tha  absolute  minimum  and  to  couple  them  to  simple  regular  gride  In 
the  singly  connected  on-  and  outflow  regions.  These  two  t wodlmaneiona 1  grids  need  not  be 
large  because  the  onflow  as  well  as  the  outflow,  being  subsonic,  becomes  essentially 
one-dimensional  within  a  rather  short  distance,  about  three  blade  spaclngs  before  and 
four  behind  the  stage  (the  actual  value  can  easily  be  controlled  during  the  computa¬ 
tion)  .  Consequently  we  may  append  here  one-dimensional  grids  (which  are  very  cheap  in 
memory  space  and  computational  time),  extending  to  the  spatial  limits  mentioned  above. 

The  resulting  computational  domain  looks  like  fig. 3.  To  give  some  numbers  from  sample 
computat ions : 

-  grids  A  and  F  use  400  resp.  800  points, 

-  grid  B  has  40  x  14,  grid  E  ?0  x  10  points,  and 

-  the  grid-less  subdomains  C  and  D  comprise  860  points  each. 

A  sample  of  one  such  subdomain  is  shown  in  fig-4;  all  points  which  would  be  singular 
when  using  a  grid-bound  instead  of  the  grid-less  method  e/e  encircled. 


3.2  The  starting  procedure 

Time  and  again  when  modelling  critical  parts  of  a  computation,  we  have  found  that  it  is 
always  safe  to  stick  as  closely  as  possible  to  what  happens  physically.  So  in  starting 
the  computation  we  “start  the  flow”  by  "opening  a  valve"  -  modeled  by  a  ( one -dimen sio- 
nal)  compression  wave  immediately  upstream  of  the  stator  at  time  t  "  0 .  Then,  when  this 
wave  travels  downstream  through  the  stage,  the  rotor  is  “started  rotating"  in  such  a  way 
that  its  blades  are  not  attacked  under  a  too  incorrect  angle  (in  this  case  the  real  flow 
would  answer  with  a  separation,  the  computation  answers  by  blowing  up) . 

This  starting  procedure  implies  the  following  economical  use  of  the  computational  domain 
(see  f ig . S)  : 

For  t  -  0  the  flow  assumes  a  constant  state  upstream  of  the  compression  wave  and  is  at 
rest  downstream.  According  to  the  theory  of  hyperbolic  equations  the  physical  disturban¬ 
ces  travel  down-  and  upstream  with  the  gasdynamio  characteristics  (reap.  the  shock 
emerging  from  the  convergent  compression  wave  far  downstream),  whereas  the  computational 
disturbances  proceed  along  numerical  characteristics  whose  speed  is  in  between  the  true 
and  the  difference  characteristics  which  are  the  diagonals  in  the  x,t-grid.  It  is  a 
matter  of  taste  if  one  simply  uses  the  difference  characteristics  or  searches  for  the 
numerical  ones  to  fix  the  limits  of  the  spatial  loop  at  a  given  time. 


3.3  Trailing  edge  treatment 

The  common  practice  with  regard  to  the  trolling  edge  is  the  implementation  of  some 
approximate  form  of  the  Kutte  Condition,  mostly  by  setting  the  angle  of  the  velocity 
vector  to  holving  the  tangents  to  the  contour.  This  works  more  or  les6  satisfactory  with 
steady  flows,  in  the  unsteady  case,  however,  the  Kutta  Condition  is  not  valid  at  all  any 
more  . 

We  have  chosen  the  following  way  out  (which  basically  resembles  the  train  of  thought 
leading  to  the  grid-less  scheme) : 

at  contour  points  the  boundary  condition  makes  use  of  the  given  direction  of  the  woll. 
At  the  trailing  edge  this  direction  is  not  unique,  and  thus  the  trailing  edge  is  not  a 
valid  boundary  point  in  the  sense  of  numerical  mathematics.  Consequently  we  exclude  it  - 
what  we  are  completely  free  to  dol  -  and  instead  take  a  nearby  point  in  the  field  which 
is  computed  with  the  help  of  a  neighbouring  cluster  as  all  other  field  points.  And 
though  it  is  not  necessary  -  it  Is  perfectly  alright  to  push  this  field  point  very  near 
to  the  trailing  edge  until  geome t r lea  1 1 y  they  merge.  We  Just  have  to  choose  the  computa¬ 
tional  cluster  in  such  a  way  that  the  upstream  influences  from  the  upper  and  lower  side 
of  the  blade  have  equal  weight  upon  the  computation. 


4.  A  sample  computation 
4.1  Geometry  of  sample  etaga 

The  blades  of  stator  and  rotor  were  laid  out  on  the  basis  of  the  NACA  0020  airfoil 
y»«.  '  ld  C0. 2948  1/V  -  0.126  »  -  0.3515  xz  *  0.2843  k‘  -  0.1015  **) 
whose  median  line  was  bent  according  to 
ym|  -(*-*.)  tana  »(<-«.  I1  f 

To  raduce  ths  rsaulting  alimnese  In  tha  roar  cart,  was  additionally  thickenad  by  a 

function 

-  1  +  g  x2  , 


f(  x) 
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«o  the  final  shape  of  the  contour  is  given  by 

V  -  «*>  *  y„t  • 

The  con*tant«  are  d  -  0.1,  x„  ■  -0.1206, 
and  ot  -  0s  ,  P  -  -0.65 

«  -  -  2D* ,  B  -  o.? 

The  resulting  ahape  ia  shown  in  fig. 6. 

The  blade  spacing  was  chosen  as  g  “  1.12  or, 

g/c  •  0.8  for  the  stator  and  g/c  ■ 


If"  2.0  for  both  blades 
for  the  stator, 
for  the  rotor. 

related  to  the  lenght  of  the  chord, 
0.93  for  the  rotor. 


It  should  be  remarked  that  g  need  not  be  the  same  for  stator  and  rotor.  The  spatial 
periodicity  interval,  however,  is  determined  by  the  condition  of  commen surabi 1 i ty  and  so 
may  then  become  very  large  and  consuming,  both  in  memory  space  and  computation  time.  For 
instance,  if  a  real  stage  comprises  m  stator  blades  and  m+1  rotor  blades,  the  periodici¬ 
ty  interval  is  equal  to  the  complete  circumference  and  the  size  of  the  two-dimensional 
subdomains  and  consequently  also  the  computation  time  are  roughly  the  m.fold  of  the  case 
with  equal  spacing. 


The  gap  between  the  two  cascades  was  chosen  as  0.15  which  is  a  small  realistic  value. 
Smaller  spacings,  eg-  0.1,  are  perfectly  allright  with  the  computational  procedure  but 
-  via  the  CFL  Condition  -  prolong  the  computation  time  because  of  the  then  rather  small 
clusters  in  the  overlapping  area  of  the  two  grid-less  subdomains 


4.2  Sample  starting  conditions  and  some  results 

As  starting  conditions  we  took  an  unsteady  compression  wave  accelerating  the  flow  at 
rest  downstream  of  it  to  a  velocity  u,  "  0.9,  and  the  circumferential  speed  was  deter¬ 
mined  by  the  condition  •  52®,  see  fig.?.  These  conditions  resulted  in  o  periodic 
state  of  flow  with  a  time-average  onflow  Mach  Number  of  0.25.  The  space-averaged  veloci¬ 
ty  vectors  for  four  times  equally  distributed  over  one  period  are  shown  in  fig.  0,  the 
individual  ( non-averaged)  fluctuations  are  of  course  considerably  larger. 

Such  fluctuations  are  better  displayed  by,  for  instance,  a  sequence  of  isobar  plots. 
Fig. 9  shows  two  pictures,  on*  half-period  apart,  from  a  cinematographic  film  made  up  of 
such  p 1 o  1 9 .  Such  a  film  (as  shown  during  the  presentation  of  thi9  paper)  of  course  gives 
a  much  more  vivid  impression  of  the  unsteady  flow  than  a  lot  of  diagrams.  Nevertheless, 
already  the  comparison  of  the  two  pictures  in  fig. 9  shows  a  lot  of  details  which  are 
characteristic  for  such  an  unsteady  flow  through  the  given  cascade. 

-  First,  there  is  a  local  supersonic  region  on  the  rear  part  of  the  rotor's  suction  9lde 
marked  by  the  shaded  area.  Its  boundary,  the  sonic  line,  does  not  coincide  with  an 
Isobar  as  would  be  the  case  for  homentroplc  steady  flow.  The  differences  are  a  measure 
for  the  uns teadyness . 

Second,  let  us  compare  the  pressure  distribution 

-  first  on  the  suction  side  of  the  stator  blades.  For  t  -  T/4  the  minimum  is  very 

broad,  centered  at  about  two- third-chord  and  stretching  nearly  to  the  trailing  edge 

with  a  steep  pressure  rise  there.  One  half-period  later  it  is  much  narrower,  the 
center  is  at  about  half-chord  and  the  gradient  toward  the  trailing  edge  much  more 
soft ; 

-  second  on  the  forward  part  of  the  suction  side  of  the  rotor  blades.  The  difference 
is  striking:  whereas  for  t  «■  T/4  there  ie  a  continuous  decrease  in  pressure  corres¬ 
ponding  to  a  continuous  acceleration,  one  half-period  later  we  see  a  sharp  decrease  in 
pressure  followed  by  an  equally  sharp  rise  before  the  final  acceleration  along  the 
rest  of  the  suction  side  begins,  and  it  is  quite  clear  that  such  an  enormous  counter- 
pressure  gradient  will,  in  real  flow,  cause  massive  separation. 

These  circumstances  are  shown  once  more  by  fig. 10,  plotting  the  pressure  coefficient 
from  our  inviscid  computation  along  the  contours  over  one  period,  and  fig. 11  where  the 
results  of  a  quasi-steady  boundary-layer  calculation  based  upon  the  inviscid  unsteady 

solution  are  shown:  for  large  parts  of  each  period  th9  calculation  fails  because  the 

separation  criterion  is  exceeded. 

It  1>  this  behaviour  of  unsteady  turbomachine  flow  which  underlines  the  need  for  unstea¬ 
dy  computations,  and  in  fact  for  viscous  ones,  so  thi9  paper  presents  Just  the  first 
step  . 

Also  the  following  diagrams  are  to  be  seen  under  this  proviso: 

Fig. 12  shows  the  oscillation  of  the  forces  and  moments  exerted  upon  the  stator  and  rotor 
blades  -  they  are  by  no  means  harmonic,  and  would  still  be  changed  when  incorporating 
the  influence  of  viscosity. 
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4.3  Off-design  starting  condition* 

A*  mentioned  above  tha  raaulte  of  the  preceding  section  have  been  won  for  an  angle  ^  * 
52*  corresponding  to  tha  so-called  shockless  entrance  upon  the  rotor  blades.  One  can  of 
course  also  examine  off-design  cases: 

-  fig. 13  shows  the  velocity-relations  and  the  pressure  distribution  along  the  contour 
for  the  case  ft,  •  41*  ,  leading  to  a  time  averaged  *  0.259, 

-  fig. 14  gives  the  same  for  *  79*,  Mao  ••  0.248. 

The  afore-mentioned  details  show  up  here,  too,  partly  enlarged,  partly  diminished. 
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Fig. 2  Distribution  of 

torted  grid  (left 


L 


Fig. 3  Composition  of  pi 
E)  regular  grids 


Fig. 4  Sample  distribution  of  points  Fig. 5 
in  grid-less  method.  Irregular 
points  in  a  ev.  grid  encircled. 
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Above:  limits  of  disturbed  and  undisturbed 
regions  in  the  x,t-plane.  Ch  characteristics 
Below:  initial  pressure  distribution  with 
unsteady  compression  wave. 


Fig. 6  Shape  of  stator  (above)  and  rotor 
blade  (below)  used  in  sample  com¬ 
putation.  c  chord  lenght. 


4 


; 


Fig. 7  (left)  Layout  of  stage. 

Fig. 8  (right)  Space-averaged  velocities, 
c  absolute#  w  relative 
index  0  far  upstream 

1  between  cascades 

2  far  downstream 


Fig.  9  Isobars  for  te  -T/4 
(above)  and  t0  +T/4 
(below).  Shaded  area: 
supersonic  flow. 


Distribution  of  pressure 
coefficient  (time  as  para¬ 
meter)  alono  the  contours 
of  stator  (left)  and  rotor 
blade  (right) . 


Fig. 11  Displacement  thick¬ 
ness  of  boundary  layer 
on  pressure  side  of 
rotor  (time  as  para¬ 
meter)  .  No  curve: 

separation . 
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Fig. 12  Oscillations  of  forces  (axial:  Sx  »  circumferential:  Sy)  and  moments  M  (around  geo¬ 
metric  center  of  gravity  of  blade).  Stator:  above,  rotor:  below. 


Fig. 13  Velocity  configuration  and 
distribution  of  pressure 
coefficient  for  off-design: 
lower  circumferential  speed. 


Fig. 14  Velocity  configuration  and 
distribution  of  pressure 
coefficient  for  off-design: 
higher  circumferential  speed. 


-2. 
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DISCUSSION 


J.  HOURMOUZIADIS,  Ge 

The  rotating  blade  didn't  show  any  significant  pressure  distribution 
fluctuation  on  the  rear  point.  The  major  fluctuation  within  the  suction 
peak  was  in  a  front  part.  Do  you  have  an  explanation  for  this  phenomena  ? 


Author's  Reply 

Being  no  turbomachine  specialist,  I  paid  no  special  attention  to  this 
point  yet  and  I  can  just  report  on  what  the  computation  produced.  Figure  10 
of  the  written  version  indeed  displays  some  pressure  fluctuations  at  the 
rotor's  trailing  edge  though  they  are  considerably  smaller  than  those  at  the 
stator.  A  close  (post-conference)  inspections  of  the  film  revealed,  however, 
that  the  domain  influenced  by  these  fluctuations  is  very  small.  This  may  be 
due  to  the  assumption  of  inviscid  flow  which  remains  attached  all  the  time, 
whereas  in  real  flow  an  eventually  detached  and  periodically  pulsating  boun¬ 
dary  layer  would  produce  much  larger  and  farther  spreading  fluctuations. 
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ETUDE  ET  ESSAIS  D'UNE  PETITE  TURBINE  RADIALE 
POUR  6R0UPES  AUXILIAIRES  DE  PUISSANCE. 


Y.  RIBAUD,  C.  FRADIN  et  C.  MISCHEL 
(*)  (*)  {**) 

(*)  Office  National  d'Etudes  et  de  Recherches  Aerospati al es . 

29,  Avenue  de  la  Division  Leclerc  -  92320  CHATIL10N  CEDEX,  FRANCE. 

{**}  MICROTURBO 

Chemin  du  Pont  de  Rupe,  31019  TOULOUSE  CEDEX,  FRANCE. 

SOMMAIRE 

Le  projet  d'une  petite  turbine  centripete  d'un  taux  de  detente  de  l'ordre  de  3,6  a 
ete  entreprls  par  la  Societe  MICROTURBO,  avec  la  cooperation  de  l'ONERA  pour  la  partie 
calculs  et  analyse  des  resultats  d'essais. 

En  premier,  le  but  et  les  contraintes  lies  a  la  mission  demandee  sont  soulignes. 

Les  calculs  pre 1 imi nai res  condulsent  au  dessin  de  la  forme  des  pales  du  distributeur  et 
a  celles  de  la  roue. 

Puis  y  sont  effectufcs  les  calculs  quasi - tri di mensi onnei 5 .  essais  a  froid  de  la 

turbine  sur  le  banc  et  les  essais  correspondants  a  chaud  sur  le  turbomoteur  permettent 
d'evaluer  les  performances. 

L'interet  des  calculs  de  predfmenst onnement  et  de  determination  des  champs 
d'ecoulement  e$t  confirm^  au  vu  des  hautes  valeurs  des  rendements  i sentropi ques  obte- 
nus . 

Les  sondages  de  l'ecoulement  en  aval  de  la  roue  d  ’  echappement ,  au  point  de  fonc- 
tionnement  nominal,  permettent  de  mieux  connattre  la  structure  du  fluide. 


UBasbum 

j  jeu  entre  roue  et  carter 

k  rapport  entre  les  chutes  d'enthalpie  statique  et  totale 
m  coordonn£e  meridienne 

N  vitesse  de  rotation  (tr/mn) 

P  pression 

Q  debit  masse  (kg/s) 

Re  nombre  de  Reynolds 

T  temperature 

Ue  r  vitesse  p^riphferlque  de  la  roue 
Vt  vitesse  tangentlelle 

Vj  vitesse  de  jet 

W  vitesse  relative 

Z  nombre  de  pales 

a  angle  de  l'ecoulement  ou  de  la  pale  par  rapport  a  la  direction  tangentielle 

AHy  chute  d'enthalpie  totale 

a  solldite  meridienne  (inverse  du  pas  relatif  m§ridien) 

U  coefficient  de  travail  (Vt  /U  ) 

e ,  r  e  ,r 

rj  rendement 

fj i  taux  de  detente  ( total  e/total e ) ,  mesures  par  sonde  NASA 

co  vitesse  de  rotation  (rd/s). 
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INDICEj 

e  entree 

T  conditions  totales 

st  conditions  statiques 

Is  conditions  1 sentropiques 

R  conditions  relatives 

V  volumique 

r  roue 

3  entree  turbine 

4  sortie  turbine. 

1  -  INTRODUCTION 


Actuellement  les  turbines  radiales  sont  surtout  utilisees  dans  des  en v i ronnements 
relativement  froids,  par  exemple,  dans  les  G.A.P.  (Groupe  Auxiliaire  de  Puissance)  (1) 
pour  les  avions  ou  les  helicopters  ou  dans  les  cycles  de  Bray to- ,  pour  des  app1 i c  a- 
tions  spatiales  ou  pour  des  stations  sous-marines  (2). 

Des  turbines  a  gaz  terrestres  de  faible  puissance  fonctionnent  egalement  souvent 
avec  des  turbines  radiales  (3)  surtout  dans  la  gamme  comprise  entre  cent  et  deux  mille 
kilowatts.  Cependant,  1 ' appl ication  principale  reste  le  turbocompres seur  pour  camions 
et  voitures  (4,  5). 

Enfin  nous  devons  souligner  les  recherches  importantes  entreprises  sur  les  mate- 
rlaux  ceramiques  et  apliquSes  aux  petites  turbines  a  gaz  (6,  7,  8).  Ceci  constitue  une 
tentative  pour  demontrer  que  la  turbine  radiale  sera  utilisee  tot  ou  tard  dans  les 
petits  turbomoteurs  a  haute  temperature  pour  la  propulsion  des  voitures  et  des 
hei i copteres . 

Ici  nous  etudions  une  turbine  d'un  taux  de  detente  de  3,6  montee  dans  un  petit  tur- 
bomoteur  d'une  puissance  comprise  entre  40  et  70  kW.  L'etude  a  ete  conduite  par  la 
society  MICROTURBO  avec  la  cooperation  de  I'ONERA  pour  les  calculs  theoriques  et 
l'analyse  des  resultats  d'essais  dans  le  but  de  determiner  avec  precision  le  rendement 
de  ce  type  de  turbomachine.  En  effet,  si  une  certaine  experience  a  ete  acquise  dans  le 
domaine  des  taux  de  detente  assez  bas  par  contre  pour  des  taux  de  detente  superieurs  a 
3,  peu  de  resultats  ont  ete  publies. 

2  -  BUTS 


Les  objectifs  de  la  societe  MICROTURBO  sont  donnes  dans  le  tableau  1 
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TA8LEAU  1 

CARACTER I  SAT  I  ON  GLOBALE  OU  PROJET  DE  LA  TURBINE  RADI  ALE 

■CONDITIONS  ENTREE  OISTRIBUTEUR 

Pression  totale  PT  s  3.81  bars  -  Temperature  totale  Tt  =  953°K 
1  3  T  3 

D6bit  masse  (air  +  g az)  -  Q  -  0.67  kg/s 
■VITESSE  DE  ROTATION 
N  =  59200  tr/mn 

.PERFORMANCES 

OJTT  /  PT  =  5.43  -  N  /  /FT  =  1918  -  PT  /  P.  =  3.63 

3  '3  '3  '  3  '4 

rlis,T>82% 

. NQMBRE S  SANS  DIMENSION 

Nombre  de  tours  spScifique  Nombre  de  Reynolds 

fte-  »  2.2  . 106  (a  chaud) 
we ,  r 

Refl  =  6  . 106  (a  froid) 
we ,  r 

Rapport  de  la  vitesse  peripherique  sur  la  vitesse  de  jet 
Ue,r/vj  -  °*69 

3  -  PREDIHENSIONNEMENT  DE  LA  TURBINE  RADI  ALE 


Ns  =- 


m? 


(AHT,is> 


3.1.  Contraintes  prescrites  par  la  societe  MICROTURBO 

-  Le  diamStre  d'entree  du  distributeur  est  de  220  mm. 

-  L'espace  1  i  sse  entre  le  distributeur  et  la  roue  doit  e  t  re  suffisant  pour 
eviter  l'erosion  des  bords  de  fuite  de  la  grille  d i str i butr i ce  due  a  la  centrifugation 
par  la  roue  et  aux  rebonds  de  particules  solides  (9). 

-  Le  jeu  radial  relatif  au  niveau  de  1  '  echappement  de  la  roue  est  2.3%  (10). 

-  L'usinage  de  la  roue  adaptle  aux  essais  a  froid  sur  le  banc  d'essais  impose 
que  le  passage  minimum  en  pied  entre  deux  pales  soit  $up£rieur  a  7.8  mm. 

-  Le  projet  de  la  turbine  a  ete  etabli  en  utillsant  les  resultats  experi- 
mentaux  de  MICROTURBO  et  les  etudes  theoriques  effectuees  a  l'ONERA. 
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3.2.  Experience  acquise  par  MICROTURBO 

L'experience  acquise  par  MICROTURBO  sur  la  turbine  TCS  M  conduit  aux  regies 
suivantes  : 

-  les  pertes  dans  le  distributeur  sont  estimees  a  3,6%  de  la  pression  totale 
d'entrSe  ; 

-  le  nombre  de  pales  de  la  roue  est  choisi  egal  a  13.  Jusqu’a  present  le  tra¬ 
vail  effectue  sur  ce  sujet  a  montre  que  les  pales  i ntercal ai res  ne  sont  pas  tres  utiles 
(11)  pour  les  roues  de  turbines  radiales  ; 

-  un  coefficient  de  travail  egal  a  0,886  est  choisi  en  accord  avec  le  nombre 
trouve  experimentalement  dans  1 'etude  de  la  TCS  14.  Ce  nombre  est  de  4  points  sup$- 
rieur  a  la  valeur  theorique  A*  -  1  - 2 / Z r  (12)  ; 

*  le  rapport  de  moyeu  a  1 ' ec happement  doit  etre  superieur  a  0.41  pour  r£duire 
les  risques  de  vibration  des  pales  pres  de  leur  bord  de  fuite  et  done  eviter  leur 
rupture . 


3.3.  L ' esti mat i on  du  rendement  a  partir  de  I'approche  QNERA 

Nous  nous  sommes  appuyes  sur  l'experience  acquise  par  ALCATEL  sur  une  turbine 
radiale  (3).  Nous  avons  choisi  la  plus  haute  valeur  de  rendement  trouvee  lors  des  es- 
sais  et  nous  avons  corrige  cette  valeur  experimental e  pour  tenir  compte  des  variations 
des  nombres  adi mensi onnel s ,  tels  que  le  nombre  de  tours  specifique  ,  le  nombre  de  Rey¬ 
nolds  (13),  le  nombre  sans  dimension  lie  au  jeu  radial,  entre  la  turbine  ALCATEL  et 
celle  correspondent  a  notre  etude.  En  utilisant  cette  approche  le  rendement  isentro- 
pique  total  fut  estime  a  84%  alors  que  la  valeur  prevue  par  MICROTURBO  etait  legereir.ent 
plus  faible  et  egale  a  82%. 


3.4.  Les  calculs  de  d i mens i onnement  effectues  par  1 1  ONE RA 

1 1 s  sont  bases  pri nci pal ement  sur  les  idees  suivantes  : 

-  Avec  1 ' aide  de  la  technique  de  la  transformation  conforme,  le  passage  d '  une 
grille  axiale  a  une  grille  radiale  conduit  a  definir  la  s olidite  meridienne  et  done  a 
relier  cette  grandeur  au  nombre  de  pales  et  au  rapport  de  rayon  du  distributeur. 

De  nombreux  essais  effectues  a  la  NASA  LEWIS  montrent  que  pour  un  angle 
d’entree  de  1 ■ ecoul ement a =  90°  et  un  angle  de  sortie  de  l'ordre  de  15°,  la  valeur  op¬ 
timum  de  a  est  environ  0.75  (14).  Grace  au  travail  theorique  de  ce  centre  de  re- 
cherches,  il  est  possible  de  relier  le  rendement  isentropique  statique  et  l'angle  op¬ 
timum  a  la  sortie  du  distributeur  par  l ’ i ntermedi ai re  du  nombre  de  tours  specifique. 

-  Dans  le  repere  mobile,  le  rapport  des  vitesses  relatives  entre  la  sortie  et 
I'entree  de  la  roue  le  long  de  la  nappe  de  courant  moyenne  doit  etre  suffisant  pour 
eviter  tout  decollement  le  long  des  pales  :  2<CW^/Wg  r<C2,5 

-  L’energie  cinetique  de  sortie  doit  etre  minimisee  :  l,03-<k<l,05 

-  Enfin  l'angle  de  calage  des  pales  en  sortie  de« 1  a  roue  d  ’  echappement  en  t§te 
dolt  rester  supSrieur  a  30°  pour  faciliter  l'usinage  et  pour  limiter  la  contraction  de 
la  section  causSe  par  l'6pai$seur  de  la  pale. 

Le  canal  mSridien  corres pond  ant  est  trace  sur  la  figure  1  sur  laquelle  sont 
port£s  les  principaux  parametres  ggomgtriques  et  aerodynami ques . 
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4  -  FABRICATION  DES  ROUES 


Pour  les  essais  sur  le  banc  de  turbines  froides,  la  roue  utilisfce  cotnprend  deux  par¬ 
ties  en  alliage  leger  :  une  partie  radiale  et  une  roue  d ' Schappement  axiale.  Par 
contre,  sur  le  turbomoteur,  une  piece  de  fonderie  en  acier  rfcfractaire  est  employee. 
Malgr4  la  vitesse  p£riph§rique  §lev$e,  le  niveau  des  contraintes  reste  modere.  Ur.e  vue 
en  perspective  de  la  turbine  radiale  est  pr£sent6e  sur  la  figure  2. 


5  -  CALCULS  0 1 ECOULENENT 


5.1.  Deux  types  de  distributeur  ont  6te  definis  : 

Le  premier  type  est  determine  uniquement  a  partir  de  considerations  geome- 
triques  tandis  que  le  second  type  est  obtenu  en  partant  d'une  grille  axiale  a  hautes 
performances,  et  en  lui  appliquant  la  transformation  cnnforme  permettant  le  passage  de 
cette  grille  a  la  grille  radiale  equivalente.  Le  premier  type  de  distributeur  est  ca- 
ract§rise  par  des  pales  a  forte  courbure  (Figure  3).  Tandis  que  la  technique  par  trans¬ 
formation  conforme  donne  des  pales  de  forme  tr§s  differente,  avec  une  courbure  peu  pro- 
nonc§e  excepte  au  bord  d'attaque  (Figure  4).  Le  calcul  d’Scoulement  dans  ces  grilles 
peut  £tre  effectue  a  l'aide  d'une  methode  numGrique  rfcsolvant  les  equations  d'Euler 
instationnaires  (15).  Les  resultats  obtenus  sur  le  premier  type  de  grille  ne  sont  pas 
sat i sfai sants  car  il  apparatt  deux  zones  a  gradient  de  pression  positif  sur  l'extrados 
(Figure  5).  Au  contraire  le  second  type  de  grille  est  caract$ris§  par  une  acceleration 
progressive  de  1'ecoulement  sur  les  deux  faces  du  profil  (Figure  6).  II  faut  preciser 
que  ces  calculs  donnent  avec  precision  la  direction  moyenne  de  1'ecoulement  a  la  sortie 
du  distributeur. 


5.2.  Les  calculs  d'ecoulement  dans  la  premiere  roue  (Figure  7)  definie  par  MICRO¬ 
TURBO  lors  de  la  pr&sente  Stude  ont  ete  effectues  en  utilisant  le  code  de  calcul 
quasi-3D  de  KATSANIS  (16).  Ce  code  donne  accfcs  a  1'ecoulement  moyen  et  a  1‘ecoulement 
de  pale  d  pale  linearise.  Dans  ces  calculs,  les  pertes  jouent  un  role  fondamental  a 
1 ' echappement  du  fait  de  l'existence  d'un  equilibre  radial  de  pression  dependant  for- 
tement  du  moment  cinetique  de  sortie.  Nous  avons  pris  soin  de  choisir  un  niveau  de 
perte  compatible  avec  le  niveau  de  rendement  estimS  de  la  roue,  tandis  que  les  varia¬ 
tions  d'enthalpie  normalement  d  1'ecoulement  meridien  sont  ignorSes.  Les  resultats  re- 
latifs  a  la  roue  d'origine  (Figures  8,  9  et  10)  mettent  en  evidence  un  deficit  de 
charge  de  pale  a  pale  dans  la  partie  helicoTde  de  la  veine  meridienne,  ce  qui  se  tra- 
duit  par  des  recompressions  locales  exagerees.  Une  seconde  roue  presente  une  veine  me¬ 
ridienne  plus  pincSe  et  une  roue  d ' Schappement  allongee  de  mani£re  a  obtenir  des  pro¬ 
fils  de  vitesse  beaucoup  plus  rfcguliers,  comme  cela  apparalt  sur  les  figures  8,  9  et 
10,  les  evolutions  correspondantes  etant  dessinees  en  trait  continu. 

6  -  EXPERIMENTATIONS  SUR  TURBOMOTEUR 


Les  premiers  essais  de  cette  turbine  (second  type  de  distributeur  et  premiere  roue) 
ont  6te  effectuSs  directement  sur  le  turbomoteur  complet.  1 1 s  ont  donnS  entiSrement  sa¬ 
tisfaction  puisque  d£s  le  premier  essai  la  consommation  sp^cifique  demand£e  au  projet 
du  turbomoteur  complet,  soit  500  g/CV  h,  environ  a  6t4  obtenue  (Figure  11).  On  note  que 
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le  rendement  de  turbine  est  plus  haut  que  prevu  (Figure  12),  cette  situation  est  ex- 
pliquee  par  le  fait  que  la  turbine  est  ef  f  ect  i  vement  meilleure  que  pr£vue  et  qua  le 
rendement  du  compresseur  est  legerement  infSrieur  a  nos  previsions. 

Nous  devoirs  aussi  souligner  que  le  rendement  maximum  de  turbine  est  obtenu  pour  une 
puissance  mecanique  d£passant  80  kW  meme  si  le  turbomoteur  etait  initialement  congu 
pour  la  gamme  40  a  70  kU. 


7  -  ETUDES  EXPERIHENTALES  SUR  LE  BANC  D'ESSAI 


Sur  la  figure  13  sont  portees  les  principales  sections  de  mesure.  Le  debit  masse 
est  mesure  au  niveau  de  la  canalisation  amont  a  1’aide  d'un  diaphragme  calibre. 

Les  resultats  d'essais  montrent  que,  a  la  vitesse  reduite  nominale  (1918)  et  au  taux  de 
detente  nominale  (3,63),  le  col  du  distributeur  semble  bloque  et  que  le  debit  reduit 
d'entree  est  plus  grand  que  la  valeur  fixee  au  projet  (Figure  14).  Les  evolutions  des 
rendements  i sentropi ques  total  et  statique  sont  donnees  en  fonction  de  la  vitesse 
reduite,  pour  le  taux  de  detente  nominal  (Figure  15).  II  apparait  que  le  rendement 
total  est  nettement  plus  eleve  que  la  valeur  prevue  par  le  projet  MICROTURBO. 

Notons  neanmoins  que  des  calculs  recents  effectues  par  la  NASA  (17)  sur  une  turbine 
radiale,  dans  le  meme  domaine  de  nombres  adi mensi onnel s  (nombre  de  tours  specifique, 
nombre  de  Reynolds,  taux  de  detente  et  jeux  radiaux)  donnent  un  rendement  isentropique 
total  a  total  de  0.915.  Nous  en  concluons  que  1 'analyse  aerodynami que  des  pertes  effec- 
tuees  par  la  NASA  Concorde  de  maniere  significative  avec  nos  resultats  d'essais. 

Pour  un  taux  de  detente  plus  modere  de  3.2,  un  rendement  i sent repi que  total  maximum 
de  0.91  est  encore  atteint.  De  plus,  le  rendement  s'ecarte  peu  de  sa  valeur  maximale 
dans  un  grand  domaine  de  vitesse  reduite  et  ceci  pour  tous  Tes  taux  de  detente  etudies. 


8  -  SQNPA6ES  EN  SORTIE  DE  ROUE  AU  POINT  NOMINAL 


Les  sondages  df  I'ecoulement  au  moyen  d'une  sonde  type  NASA  (18)  donnent  acces  a  la 
temperature  d'arret,  la  pression  totale  et  la  direction  de  I'ecoulement. 

Connaissant  bien  I'gnergie  cinetique  absolue  restante,  il  est  possible  de  preciser 
le  rendement  isentropique  total.  Ainsi,  au  point  nominal,  on  obtient,  en  tenant  compte 
avec  exactitude  de  cette  energie  cinStique  restante,  un  rendement  isentropique  total  de 
0.93  (fig.  16)  au  point  nominal.  Ces  sondages  mettent  aussi  en  evidence  la  structure  de 
1 1 Seoul ement . 

Dans  la  partie  centrale  de  la  veine,  la  vitesse  meridienne  est  uniforme  et  le  mo¬ 
ment  cinetique  residuel  est  tres  faible  (fig.  17).  Ces  resultats  sont  conformes  aux  hy¬ 
potheses  admises  lors  du  projet.  Par  contre ,  les  sondages  soulignent  le  role  primordial 
du  jeu  sur  la  structure  de  I'ecoulement  :  il  apparait  que  les  effets  du  jeu  se  font 
sentir  sur  une  profondeur  egale  a  vingt  fois  la  longueur  de  celui-ci.  No  tons  Sgalement 
que  cette  structure  en  dard,  pres  du  carter  externe,  conforme  a  ce  que  1'on  pouvait 
imaginer  d'un  point  de  vue  qualitatif,  semble  favorable  3  1  'utilisation  d'un  diffuseur 
lisse  radial  en  aval  de  la  roue  ou  d'un  redresseur. 


9  -  CONCLUSION 


Cette  etude  montre  que  les  petites  turbines  radiales,  avec  des  taux  de  detente  de 
1'ordre  de  3.5  a  4  peuvent  donner  des  performances  elevees,  ccmme  cela  a  ete  demontre  a 
la  Tumiere  des  resultats  obtenus  tant  sur  le  banc  d'essai  que  sur  turbomoteur. 

Ce  travail  de  cooperation  entre  une  societe  industrielle  et  un  organisme  de  re¬ 
cherche  a  ete  tres  profitable  si  nous  considerons  qu'un  rendement  total  de  93  ¥  a  ete 
obtenu  des  le  premier  essai.  Ceci  demontre  aussi  que  1 'experience  acquise  sur  les  tur¬ 
bines  radiales  a  taux  de  detente  modere  est  aussi  utilisable  sur  les  turbines  a  haut 
taux  de  detente. 

Des  progres  sont  peut-etre  encore  realisables  en  calant  avec  precision  l'angle  de 
I'ecoulement  a  la  sortie  du  distributeur  et  en  diminuant  1 ' a  1 1 ongement  axial  de  la 
turbine  pour  minimiser  les  pertes  par  frottement. 

Dans  le  futur  ,  la  taille  du  GAP  pourra  etre  reduite  par  accroi ssement  de  la  vi- 
tesse  de  rotation,  line  reduction  de  la  consommation  specifique  pourra  etr_»  attaint  par 
un  accroissement  de  la  temperature  a  1 'entree  de  la  turbine  et  de  la  vitesse  peipne- 
ri que . 

Les  progres  realises  tant  sur  les  materiaux  ceramiques  que  sur  les  alliages  metal- 
liques  devraient  permettre  prochai nement  de  definir  des  petits  turbomoteurs  simples  et 
robustes  d'une  puissance  mecanique  de  1’ordre  de  50kW  et  avec  une  consommation  speci¬ 
fique  inferieure  a  320  g/CV.h. 

Enfir,  soulignons  1‘importance  des  mesurcs  fines  de  I'ecoulement  issu  de  la  roue 
tout  particulierement  hors  adaptation.  En  effet,  de  tels  renseignements  seraient  d'ur.e 
grande  utilite  pour  mieux  cerner  le  role  d'un  eventuel  redresseur  en  2 v a  1  de  la  roue  en 
vue  de  la  minimisation  de  l'energie  cinetique  restante. 

Be_m_e_r.cie:he^ls 

Nous  tenons  a  remercier  la  DRET,  Groupe  7,  du  Ministere  de  la  Defense,  dont  le  sou- 
tien  et  la  confiance  nous  ont  ete  tres  precieux  pour  mener  a  bien  cette  etude. 
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CANAL  MERIDIEN  OE  LA  TURBINE 
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IRENDEMENT  ISENTROPIQUE  TOTAL 
BANC  D’ESSAI  DE  TURBINES  FROIDES 

-  Mesures  par  sonde  NASA  - 
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DISCUSSION 


A.S.  UCER,  Turkey 

Can  you  comment  on  the  life  expectancy  of  the  rotor  ? 

Author's  Reply 

The  life  of  the  rotor  is  about  one  hundred  an  fifty  hours  or  even  more. 
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DESIGN  AND  AERODYNAMIC  PERFORMANCE 
OF  A  SMALL  MIXED-FLOW  GAS  GENERATOR  TURBINE 

0.  Okapuu 

Chief,  Turbine  Aerodynamics 
Pratt  A  Whitney  Canada  Inc. 

C.P./Box  10 

Longueuil,  Qui.  Canada  J4K  4X9 


SUMMARY 

Design  details  and  results  from  aerodynamic  rig  tests  are  presented  for  four  variants  of  a  mixed-flow  tubine  having  a 
design  target  pressure  ratio  of  3:1. 

This  experimental  turbine,  designed  to  satisfy  the  aerodynamic  requirements  of  a  gas  generator  turbine  in  a  hypothetical 
small  turboprop  engine,  demonstrated  a  design  point  efficiency  substantially  in  excess  of  that  predicted  for  a  single  stage  axial 
turbine  of  equivalent  duty. 

Design  and  material  implications  are  discussed  and  potential  constraints  identified. 

INTRODUCTION 

The  single-stage  gas  generator  turbine  in  small,  two-spool  aircraft  engine  applications  continues  to  show  size,  weight  and 
cost  advantages  when  compared  to  its  more  complex  multi-stage  counterpart.  Aerodynamic  efficiency,  the  only  significant 
weakness  of  high  work  single-stage  turbines,  has  therefore  been  the  target  of  continuous  research  at  Pratt  &  Whitney  Canada 
for  more  than  two  decades. 

Results  from  tests  on  Radial  turbines  (e.g.  [1])  and  high  work  Axial  turbines  (e.g.  [2,  3])  eventually  caused  speculation 
regardii  g  the  feasibility  of  combining  the  demonstrated  benefits  of  each,  in  a  hybrid  turbine  type  which  has  come  to  be  re¬ 
ferred  to  as  the  Mixed-Flow  Turbine  (MFT).  As  shown  in  figure  1,  the  MFT  differs  from  Axial  and  Radial  Turbines  in  that 
its  inflow  angle  is  60  deg  from  the  axial  direction,  when  viewed  in  the  meridional  projection. 

The  rotor  blade  speed  of  the  Axial  gas  generator  turbine  is  principally  governed  by  its  disc  rim  speed,  which  has  a  max¬ 
imum  permissible  value  dictated  by  blade  fixing  and  disc  life  requirements.  The  maximum  span  of  an  uncooled  blade  is  also 
given  by  its  (target)  time  between  overhauls,  temperature,  and  hub/tip  metal  area  ratio.  Hence,  for  a  given  power,  the  effi¬ 
ciency  of  the  Axial  turbine  is  limited  by  its  mechanical  constraints  to  Made  speed  and  blade  span. 

Owing  to  its  shape,  the  rotor  of  the  Radial  turbine  can  accommodate  blade  elements  with  hub/tip  metal  area  ratios  in 
excess  of  10:1,  substantially  greater  than  what  is  achievable  with  efficient  Axial  turbine  blades.  In  addition  to  this,  the  relative 
gas  temperature  reduces  towards  the  hub,  making  the  blade  stronger  in  the  region  of  highest  stress.  Taking  advantage  of 
these  properties  of  the  Radial  rotor,  its  blade  span  can  be  much  increased  relative  to  its  Axial  counterpart.  This  has  the  effect 
of  a  higher  blade  speed  at  rotor  inlet  (hence  reduced  flow  turning  within  the  rotor)  and  a  larger  flow  area  (hence  a  lower  gas 
velocity  within  the  rotor  flow  passages).  Pressure  losses  being  related  to  gas  velocity,  the  net  effect  is  higher  efficiency.  An 
additional  bonus  is  the  substantially  lower  (absolute)  velocity  at  the  exit  of  the  Radial  rotor. 

The  major  weakness  of  the  Radial  turbine  concept  lies  in  the  fact  that,  due  to  its  shape,  its  rotor  blades  and  disc  must  be 
integral  with  one  another.  A  rotor  made  from  a  high  temperature  alloy  suitable  for  blades,  which  are  exposed  to  the  hot 
gases,  does  not  have  optimum  properties  at  the  bore,  where  ability  to  resist  low  cycle  fatigue  is  important.  It  is  therefore 
desirable  to  minimize  bore  stresses,  and  reducing  the  centrifugal  pull  of  the  blades  is  one  way  to  do  this. 

The  blades  of  the  Radial  turbine  must  be  aligned  radially,  for  minimum  centrifugal  stress.  Blade  orientation  at  rotor 
leading  edge,  therefore,  calls  for  a  radial  inflow  direction  (when  viewed  along  the  axis  of  rotation)  relative  to  the  rotor,  for 
minimum  entry  loss.  Chi  the  other  hand  the  MFT,  owing  to  its  non-radial  orientation  (in  the  meridional  projection),  can  have 
its  leading  edge  aligned  to  accept  an  inflow  having  a  swirl  component  in  the  relative  frame  of  reference,  while  retaining  the 
radial  orientation  in  its  blade  elements.  This  fortuitous  quirk  of  geometry  permits  the  reduction  of  blade  height  at  rotor 
leading  edge  by  trading  off  Coriolis  work  against  flow  turning,  thereby  reducing  the  centrifugal  pull  of  the  blades  and,  in 
consequence,  stresses  at  the  bore  of  the  rotor. 

The  MFT  geometry  also  holds  the  promise  of  additional  benefits  over  the  Radial  geometry,  such  as  compactness  and  an 
improved  resistance  to  erosion.  The  major  unknown,  however,  was  aerodynamic  efficiency:  whether  the  excellent  perfor¬ 
mance  of  the  Radial  turbine  could  be  matched  by  the  MFT.  This,  and  related  questions  w  :re  addressed  by  the  research  pro¬ 
gram  described  in  the  following  paragraphs. 

THE  DESIGN  POINT 

An  experimental  turbine  which  is  configured  for  a  realistic  engine  application  will  produce  the  most  useful  design  data. 
The  application  chosen  for  this  study  was  a  small,  two  shaft  turboprop  engine  with  a  single  stage  power  turbine,  a  single 
Stage  centrifugal  compressor  and  front  end  drive.  This  engine  was  sized  to  generate  600  horsepower  when  flying  at  363  km/h 
(330  mph)  at  7620  m  (23,000  ft)  altitude.  At  this  operating  condition,  engine  pressure  ratio  was  11:1,  gas  generator  turbine 
speed  39,528  r/min,  AH- 303,8  kJ/kg  (130.6  BTU/Ib),  inlet  temperature  1286  K  (1854°F)  and  pressure  ratio  approximately 
2.9,  its  exact  value  depending  on  efficiency  attained.  This  became  the  “design  point”  for  the  research  turbine. 

Figure  1  compares  the  turbine  concepts,  all  three  optimized  for  this  application.  The  exducers  of  Radial  and  MF  rotors 
have  identical  radii,  and  an  (absolute)  exit  Mach  number  of  0.30  Both  have  an  average  gas  velocity  of  314  m/s  (1030  ft/sec) 
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within  the  rotor,  but  AN2  of  the  longest  hot  blade  element  (a  measure  of  hub/tip  metal  area  ratio  required  for  adequate 
blade  life)  is  only  5.1  x  1010  (in  x  rpm)2  for  the  MFT,  compared  to  9.2  x  1010  for  the  Radial  turbine.  By  contrast,  the  Axial 
turbine  has  an  exit  Mach  number  of  0.41,  average  gas  velocity  of  405  m/s  (1328  ft /sec)  and  AN2  =  3.7  x  10'“. 

Figure  2  shows  a  simplified  layout  of  the  engine  hot  end,  with  Axial  and  MF  gas  generator  turbines.  It  appears  that 
engine  diameter  and  length  are  not  affected  by  the  choice  of  turbine  type.  A  Radial  gas  generator  turbine,  on  the  other  hand, 
would  have  called  for  a  larger  diameter,  but  would  have  permitted  some  reduction  in  engine  length.  The  efficiency  of  the  Ax¬ 
ial  turbine  was  predicted  to  be  a  disappointing  84%  (owing  to  compromises  introduced  in  order  to  optimize  the  overall  ex¬ 
pansion  efficiency).  Sufficient  experimental  data  exist  to  inspire  confidence  in  this  estimate  [4j.  A  somewhat  less  reliable  ex¬ 
trapolation  of  (earlier)  test  results  with  Radial  turbines  indicated  that  89.5%  efficiency  is  achievable  with  that  turbine  type. 
Pressure  losses  in  the  inter-turbine  duct  were  also  lower  in  the  case  of  the  Radial  turbine,  due  to  its  larger  exit  area.  The  com¬ 
bination  of  enhanced  turbine  efficiency  and  reduced  duct  loss  was  predicted  to  improve  the  Specific  Fuel  Consumption  of  the 
engine  by  approximately  6%,  relative  to  its  Axial  turbine  version.  A  similar  improvement  in  specific  power  was  indicated. 
Would  the  MFT  do  as  well? 

THE  NUZZLE  AND  THE  ROTORS 

Figure  3  shows  the  midspan  velocity  triangles  of  the  MFT  at  its  design  point.  The  velocity  triangles  shown  here  corres¬ 
pond  to  the  actual  test  hardware,  which  differed  somewhat  from  the  original  design  intent  due  to  manufacturing  deviations. 
The  swallowing  capacity  of  the  turbine,  for  example,  proved  to  be  higher  than  intended  due  to  excessive  nozzle  throat  open¬ 
ings,  causing  the  exit  Mach  number  to  be  0.33. 

It  is  evident  that  the  MFT  geometry  produces  the  required  power  with  relatively  low  Mach  numbers  and  a  modest 
amount  of  flow  turning,  compared  to  the  equivalent  Axial  tubine. 

Figure  4  shows  a  segment  of  the  nozzle.  Its  vanes,  which  lie  on  a  60  degree  conical  surface,  are  bowed  in  the  spanwise 
direction  at  their  leading  edges.  This  feature  was  introduced  in  order  to  reduce  the  aerodynamic  loading  of  the  vanes  next  to 
their  endwalls,  thereby  reducing  secondary  flows  and  associated  pressure  losses.  The  most  highly  loaded  vane  section  is 
therefore  at  midspan,  shown  in  Figure  5.  In  addition  to  the  measured  pressure  distribution.  Figure  5  also  shows  this  distribu¬ 
tion  as  predicted  for  the  tested  geometry  by  the  inviscid  flow  analysis  program  used  in  the  design  of  the  nozzle.  Agreement 
with  measurements  is  within  the  experimental  error,  and  the  nozzle  is  seen  to  be  conservatively  designed,  with  little  local 
diffusion. 

Four  rotors  were  tested  with  this  nozzle.  Three  had  the  same  blade  shape,  with  radial  blade  elements,  differing  only  in 
the  number  of  blades  and/or  meridional  chord.  The  fourth  had  non-radial  blade  elements  in  its  inlet  portion,  blade  tips  lean¬ 
ing  into  the  flow,  with  the  same  cambcrline  at  the  hub  as  the  other  three.  All  rotors  had  their  blade  leading  edges  oriented  25 
degrees  off  the  meridional  plane,  at  midspan.  Figure  6  is  a  photograph  of  rotor  ALPHA.  Rotor  geometries  are  summarized 
in  the  following  table. 


Rotor 

No.  of  blades 

Characteristics 

ALPHA 

20 

baseline  design 

itta 

14 

same  meridional  projection  as  ALPHA 

gamma 

20 

same  as  ALPHA,  except  with  non-radial  blade  elements  in  inlet  portion 

DELTA 

20 

same  as  ALPHA,  except  with  trailing  edges  cut  back  by  4,6  mm  (0.18  in.) 

Static  pressures  on  rotor  blade  surfaces  were  not  measured,  but  were  calculated  for  several  operating  conditions  by  a 
three-dimensional  Euler  code.  The  results  of  this  inviscid  channel  flow  analysis  are  shown  in  Figure  7  for  rotor  BETA 
operating  at  its  peak  efficiency  conditions  of  106%  design  speed  and  a  (total/total)  pressure  ratio  of  2.5.  The  curves  show  ihe 
calculated  static  pressure  on  the  suction  and  pressure  surfaces  of  the  rotor  blades,  normalized  to  the  inlet  (relative)  total 
pressure,  at  hub,  mean  and  tip  respectively.  A  third  curve,  showing  the  drop  in  relative  total  pressure  due  to  Coriolis  work,  is 
also  plotted  for  reference. 

Pressure  on  the  suction  surface  is  seen  to  be  generally  reducing  in  the  streamwise  direction.  The  exceptions  are  the  front 
portion  of  the  blade  at  the  hub,  and  the  trailing  edge  uncovered  surface  where  recompression  is  predicted  to  take  place  along 
the  whole  span  of  the  blade.  The  pressure  surface  sees  a  reduction  in  pressure  everywhere.  It  is  also  evident  from  the  small 
difference  between  relative  total  pressure  and  static  pressure,  on  the  pressure  surface,  that  the  velocity  there  is  generally  low. 

The  most  meaningful  representation  of  pressure  distribution  is  that  alop*i  sii camlines.  Figure  8  shows  a  series  of  curves 
of  constant  Rothalpy,  for  the  suction  and  pressure  surfaces  of  the  same  case.  Rothalpy  is  a  quantity  which  is  conserved  along 
a  streamline  in  a  rotating  frame  of  reference,  hence  the  curves  represent  streamlines  as  predicted  by  the  present  inviscid 
analysis.  It  appears  from  Figure  8  (hat  on  the  suction  surface  the  streamlines  follow  the  hub  and  tip  contours  of  the  rotor 
quite  well,  hence  the  suction  surface  pressure  distributions  on  Figure  7  closely  represent  those  experienced  by  the  flow'.  The 
pressure  surface  streamlines,  on  the  other  hand,  do  not  follow  the  hub  and  shroud  contours  of  the  rotor,  streamlines  which 
begin  near  the  hub  migrate  up  the  blade  to  the  shroud.  Therefore  the  pressure  surface  distributions  along  the  hub,  mean  and 
tip  shown  in  Figure  7  do  not  represent  those  along  streamlines.  However,  these  Figure  7  curves  may  be  cross-plotted  for  any 
of  the  pressure  surface  streamlines  shown  in  Figure  8.  The  result  of  this  indicates  that  practically  no  recompression  occurs 
along  any  of  these  streamlines. 
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THE  EXPERIMENTAL  FACILITY 

Aerodynamic  testing  of  the  four  turbines  was  carried  out  on  the  rotating  test  rig  shown  in  Figure  9.  A  1000  hp  com¬ 
pressor  supplied  air  at  approximately  138  kPa  (20  psia)  through  a  heater  and  a  Venturi  flow  meter  to  the  inlet  of  the  turbine. 
A  second,  500  hp  compressor  evacuated  the  exit  of  the  turbine.  A  combination  of  valves  allowed  the  pressure  ratio  across  the 
turbine  to  be  fixed  at  any  desired  value.  The  power  generated  by  the  turbine  was  absorbed  by  a  water  brake  dynamometer. 
The  air  supply  to  the  turbine  was  heated  to  a  temperature  such  that  its  exit  temperature  became  equal  to  that  of  the  test  cell. 

Turbine  power,  hence  efficiency,  was  calculated  from  the  measured  temperature  drop  across  the  turbine.  A  generous 
mixing  length  (several  pipe  diameters)  was  provided  downstream  of  the  rotor,  to  produce  an  accurate  average  of  exit 
temperature.  Conduction  errors  were  eliminated  by  thermal  insulation  of  the  exhaust  duct  and  by  the  matching  of  exhaust 
temperature  with  test  cell  temperature.  Rotor  exit  total  pressure  was  measured  by  fixed  rakes  placed  38  mm  (1.5  in)  (slightly 
more  than  the  blade  height  at  rotor  exit)  downstream  of  rotor  trailing  edge,  aligned  with  the  flow  at  each  test  point. 
Temperature  and  pressure  at  nozzle  iniet  were  similarly  measured  by  fixed  rakes;  these  were  found  to  be  quite  uniform. 
Temperature  based  efficiency  was  preferred  to  that  derived  from  the  dynamometer,  since  the  latter  has  to  be  corrected  for 
disc  windage  and  bearing  friction  losses,  a  potential  source  of  errors.  Rotational  speed  at  the  design  point  of  the  turbine  was 
22,800  r/min. 

The  basic  measurements  of  temperature  and  pressure  at  the  inlet  and  exit  planes  of  the  turbine  were  complemented  by 
measurements  of  static  pressure  in  the  nozzle  vanes,  along  rotor  shroud  and  in  the  exhaust  duct.  Radial-circumferential 
traverses  of  temperature,  pressure  and  flow  angle  were  also  taken  at  a  plane  immediately  downstream  of  the  rotor  trailing 
edge.  Rotor  tip  clearance  was  measured  by  means  of  a  contact  probe,  under  running  conditions.  The  following  paragraphs 
present  the  highlights  of  the  aerodynamic  test  programme. 

RESULTS  FROM  AERODYNAMIC  TESTS 

Figures  10-13  show  the  measured  variation  of  efficiency  with  pressure  ratio  at  constant  normalized  speed,  for  rotors 
ALPHA,  BETA,  GAMMA  and  DELTA  respectively.  Efficiency  and  pressure  ratio  are  based  on  total  pressures.  Mechanical 
constraints  related  to  rig  operation  prevented  testing  at  100  percent  speed.  The  results  shown  are  for  a  tip  clearance  of  one 
percent  of  exducer  span,  or  0,34  mm  (0.0135  in). 

Some  general  conclusions  may  be  drawn  from  all  four  part  load  maps.  Peak  efficiencies  in  excess  of  90%  were  obtained 
v.  ith  all  turbines.  Interpolating  for  design  speed,  peak  efficiency  is  seen  to  occur  at  a  pressure  ratio  lower  than  design,  which 
was  3.2  under  rig  conditions.  The  four  turbines  differ  from  one  another  mainly  in  their  rate  of  decrease  in  efficiency,  as  the 
pressure  ratio  is  increased,  at  any  given  speed. 

Nozzle  exit  traverses  permitted  the  calculation  of  relative  flow  angle  at  rotor  inlet,  hence  rotor  incidence.  Figure  14  leads  to 
the  conclusion  that  the  optimum  incidence  is  approximately  —  20  degrees,  and  that  the  leading  edges  of  all  rotor  blades 
should  have  been  oriented  at  40  or  45  degrees  instead  of  the  present  25  degrees.  Whether  this  would  move  the  efficiency 
peaks  over  to  the  design  pressure  ratio,  as  expected,  remains  to  be  confirmed  by  further  tests. 

This  result  was  not  totally  unexpected  since  earlier  tests  have  indicated  that  Radial  turbines  benefit  from  a  large  negative 
incidence:  even  under  operating  conditions  when  the  average  flow  at  rotor  inlet  is  aligned  with  the  blades,  circulation  about 
each  blade  causes  a  local  induced  incidence  which  the  sharp  leading  edges  cannot  tolerate. 

Another  conclusion  which  can  be  drawn  from  these  test  results  is  that  the  performance  of  rotors  with  20  blades  differs 
relatively  little  from  rotor  BETA  which  has  14  blades.  In  fact,  BETA  appears  to  reach  the  highest  peak  efficiency  of  the 
four,  by  a  small  margin,  although  GAMMA  has  the  highest  efficiency  at  design  point  pressure  ratio  and  speed.  Here  one  is 
faced  with  the  frequently  recurring  problem  with  flow  in  ducts  involving  local  diffusion,  where  wetted  area  must  be  judicious¬ 
ly  traded  off  against  the  risk  of  flow  separation,  for  minimum  pressure  loss.  It  would  appear  that  the  pressure  distribution 
shown  in  Figure  7  for  BETA  operating  at  peak  efficiency  (with  —  20  degrees  incidence)  represents  a  good  design  in  regard  to 
blade  loading  and  rate  of  local  diffusion.  It  is  possible  that  this  design  could  be  further  improved  by  a  further  reduction  in 
the  number  of  blades,  if  three-dimensional  flow  analysis  indicates  that  local  diffusions  can  be  held  to  their  present  values  by 
an  appropriate  shaping  of  blades. 

Rotor  exit  traverses  of  pressure,  temperature  and  flow  angle  for  rotor  BETA  (Figure  15)  indicated  that  rotor  exit  flow  is 
significantly  underturned  and  possibly  separated  over  the  outer  50  percent  of  the  exducer  portion  of  the  blade.  This 
phenomenon  has  also  been  previously  observed  on  radial  turbines.  The  fact  that  local  streamline  efficiency  is  nearly  100  per¬ 
cent  in  the  inner  half  of  the  rotor  suggests  that  the  low  energy  boundary  layers,  generated  within  the  rotor,  are  flung  radially 
outward  and  emerge  from  the  rotor  near  its  shroud,  causing  the  poor  performance  observed  in  that  region.  There  were  also 
indications  that  the  leakage  flow  through  the  rotor  tip  clearance  gap  contributes  to  the  undertuming  of  the  flow  in  the  same 
manner  as  it  does  in  the  case  of  unshrouded  axial  turbine  rotor  blades.  The  situation  was  con: pounded  in  the  present  case  by 
the  relatively  large  uncovered  turning  at  exducer  tips,  ranging  from  16  to  22  degrees  for  the  four  rotors  tested. 

Rotor  ALPHA  was  also  tested  with  two  tip  clearances.  Its  efficiency  was  found  to  change  by  0.9  points  for  a  tip 
clearance  change  of  one  percent  of  blade  span,  measured  at  rotor  exit.  This,  too,  is  in  line  with  previous  results  with  radial 
turbines,  and  amounts  to  approximately  half  the  sensitivity  of  a  typical,  unshrouded  axial  turbine  blade.  Since  the  axial  tur¬ 
bine  for  the  same  duty  must  have  shorter  blades,  for  equivalent  life,  it  may  be  concluded  that  the  MFT  (and  also  the  radial 
turbine)  is  substantially  less  sensitive  to  rotor  tip  clearance  than  the  axial  turbine. 

STRUCTURAL  CONSIDERATION 

At  present.  Axial  Turbine  rotors  are  with  few  exceptions  assembled  from  cast,  high  temperature  alloy  blades  and  forged 
discs,  the  two  mechanically  joined  by  “fir-tree  fixings”,  carefully  designed  interlocking  lobes  which  permit  the  centrifugal 
load  of  the  blades  to  be  uniformly  transferred  to  the  disc.  The  blades,  operating  at  high  metal  temperatures,  will  thus  enjoy 
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the  good  creep  resistance  properties  of  high  temperature  (cast)  alloys,  while  the  disc  is  able  to  resist  low  cycle  fatigue  by  virtue 
of  the  strong  forging  alloys  developed  for  the  purpose. 

However,  the  MFT  rotor  cannot  utilize  fir-tree  fixings  nor  other  types  of  mechanical  attachments.  In  applications  where 
the  rotor  is  expea ed  to  undergo  many  stress  cycles  before  it  is  replaced,  present  casting  alloys  appear  only  marginally  ade¬ 
quate.  The  problem  with  integrally  cast  rotors  is  aggravated  by  the  fact  that  the  rate  of  solidification  varies  from  one  pan  of 
the  rotor  to  another:  the  massive  hub  cools  slowly,  and  its  material  properties  could  prove  much  inferior  to  expectations. 
Techniques  for  routinely  producing  fatigue  resistant  castings  are  being  developed,  but  these  still  seem  some  years  in  the 
future.  A  complicating  factor  here  is  the  difficulty  of  inspecting  massive  castings  for  flaws. 

One  possible  way  around  the  creep/fatigue  problem  is  the  bi-metallic  rotor  (Figure  16).  If  a  cast  ring  of  blades  were  to 
be  bonded  to  a  forged  hub,  without  degrading  the  properties  of  the  parent  materials,  a  very  strong  rotor  could  be  obtained. 
Recent  experiments  with  diffusion  bonding  of  cast  MAR  M-247  to  forged  INI00  have  indicated  that  a  strong  bond  can  be 
obtained  without  a  significant  deterioration  of  the  original  properties  of  either  material.  The  process  consists  of  holding  the 
mating  surfaces  in  contact  under  high  pressure  and  temperature  for  a  period  of  time,  during  which  the  constituents  of  the 
alloys  migrate  across  the  interface,  creating  the  bond.  The  details  of  the  process,  surface  treatments,  bonding  pressure, 
temperature  and  time,  and  subsequent  heat  treatments  are  at  present  a  proprietary  an  jealously  guarded  by  those  who  possess 
the  knowledge. 

However,  the  bonding  for  a  complete  MFT  rotor  is  considerably  more  complex  than  that  of  simple  specimens,  owing  to 
its  complicated  shape.  This,  and  the  problem  of  inspecting  the  bond  surface,  are  at  present  the  major  obstacles  to  the  im¬ 
mediate  application  of  the  MFT  to  conventional  gus  turbine  engines  for  aircraft  propulsion. 

While  the  rotor  blades  of  the  MFT  are  substantially  lighter  u.ar  those  of  the  Radial  turbine,  the  hub  still  has  to  be 
massive  due  to  the  required  axial  extent  of  the  rotor.  Much  of  the  material  in  the  hub  is  not  needed  to  carry  the  blades;  it 
merely  increases  stresses  at  the  bore.  Figure  17  presents  some  ideas  of  how  the  hub  might  be  constructed,  to  minimize  bore 
stresses.  None  of  these  schemes  is  free  of  problems,  but  the  Extended  Blade  rotor  seems  the  most  attractive  configuration  at 
this  time. 

A  detailed,  three-dimensional  stress  analysis  of  the  rotor  is  clearly  called  for.  due  to  its  complex  shape.  Such  areas  as  the 
platform  leading  edge  may  prove  quite  critical:  the  '•scalloping”  of  the  disc,  a  standard  feature  with  radial  tubines  intended 
to  relieve  the  local  stresses  in  the  platform’  at  its  largest  radius,  cause  an  overhang  of  the  blades  in  the  case  ol  the  MFT.  A 
trade-off  study  will  determine  the  amount  of  overhang  which  produces  the  lowest  stresses  in  this  area.  Transient  stress 
analysis  is  also  required:  changes  to  engine  operating  conditions  may  set  up  large  temperature  gradients  within  the  rotor, 
causing  sizeable  transient  stresses  calling  for  innovative  design  solutions  for  their  relief.  The  problems  do  not  appear  insur¬ 
mountable.  only  very  complex. 

Another  potential  problem  related  to  the  durability  of  radial  inflow  r urbines  is  that  of  erosion.  The  vulnerability  of 
Radial  turbine  nozzles  to  particle  erosion  has  been  well  documented  over  the  years.  For  example  carbon  particles,  originating 
in  the  combustion  chamber,  may  be  carried  into  the  turbine  where  they  enter  the  rotor  at  a  bwer  velocity  than  the  surroun¬ 
ding  stream  of  gas.  The  advancing  (suction)  surfaces  of  the  rotor  blades  catch  up  with  the  particles  and  fling  them  outward, 
against  the  uncovered  surfaces  of  the  nozzle  vanc».  The  residual  fragments  of  the  particles  continue  to  bounce  back  and  forth 
between  the  rotor  and  the  noz2\c  until  their  mass/drag  ratio  becomes  small  enough  for  them  to  be  swept  through  the  rotor  hv 
the  gas  stream.  This  mechanism  is  inherent  to  the  Radial  turbine  geometry.  Witl  non-radial  entry  (such  as  in  the  MFT)  the 
erosion  of  nozzle  vanes,  which  is  the  more  severe  problem,  will  be  considerably  alleviated. 

This  erosion  process  is  gradual,  however;  it  will  not  cause  a  dramatic  failure.  The  problem  can  be  eliminated  bv  an  inlet 
particle  separator  and  a  well-developed,  carbon-free  combustor. 

CONCLUSION 

Rota'.ing  rig  testing  has  shown  that  the  Mixed  Flow  Turbine  is  capable  of  surpassing  the  aerodynamic  efficiency  of  the 
Axial  turbine  by  a  significant  margin,  and  matching  (and  possibly  exceeding)  that  of  the  Radial  turbine,  especially  in  small 
sizes.  Why,  then,  has  it  not  found  a  wide  acceptance  in  gas  turbine  engines  for  aircraft  propulsion? 

The  answer  appears  to  lie  in  the  high  cost  of  development  of  a  mechanically  reliable  rotor:  even  the  remotest  possibility 
of  rotor  disc  failure  is  unacceptable  in  aero  engines.  The  complex  shape  of  the  MFT  rotor  has  until  recently  prevented 
reliable  stress  analyses  to  be  carried  out  on  this  component.  The  technologies  to  manufacture  and  inspect  a  bulky  rotor  are 
still  under  development  [5].  The  '‘square-cube  law”  makes  the  MFT  less  attractive  for  large  gas  turbine  engines,  and  the  in¬ 
centive  for  the  required  massive  R«ftD  expenditures  has  been  lacking  in  that  segment  of  the  industry  which  could  best  ai  lord 
it. 

Given  time,  it  is  expected  that  the  MFT  will  first  find  a  home  in  single-shaft  engine  applications  where  a  large  number  of 
operating  cycles  between  overhauls  is  not  required.  The  technology  for  this  already  ..ppears  to  be  at  hand. 
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DISCUSSION 


P.  BELAYGUE,  Fr 

Ou  situez-vous,  en  taux  de  detente,  le  domaine  d'interet  des  turbines 
mixtes  ? 

Author's  Reply 

The  range  of  optimum  applicability  of  the  MFT  is  not  well  understood 
at  present. 

As  to  pressure  ratio,  efficient  operation  can  be  expected  up  to  the 
limit  loading  of  the  exducer,  which  is  likely  to  occur  at  pressure  ratio  in 
excess  of  7  or  8  :  1,  the  exact  value  depending  on  design  details.  Structural 
limitations  are  likely  to  be  encountered  well'  before  this  maximum  is 
reached,  however,  but  these  will  again  depend  on  design  details  and  the 
material (s)  used  for  the  rotor.  The  pressure  ratio  of  2.9  :  1  of  the  present 
research  turbine  therefore  appears  to  lie  at  the  low  end  of  MFT 
applicability.  However,  it  is  noteworthy  that  even  at  such  a  modest  pressure 
ratio,  well  within  the  capability  of  the  Axial  turbine,  the  MFT  performed 
some  five  efficiency  points  better.  A  portion  of  this  difference  is  due  to 
effects  of  small  size  (tip  clearance,  trailing  edge  thicknesses)  wich  af¬ 
fect  the  performance  of  the  Axial  turbine  much  more  than  the  MFT.  It  would 
therefore  follow  that  in  very  small  sizes  the  MFT  will  outperform  the  Axial 
turbine  at  any  pressure  ratio. 

As  to  the  place  of  the  MFT  in  the  specific  speed  spectrum,  it  would  be 
reasonable  to  expect  it  to  fill  the  gap  between  the  low  specific  speed  regi¬ 
me  dominated  by  the  Radial  turbine  and  the  high  specific  speed  regime  where 
the  Axial  turbine  reigns  supreme. 


R.G.  THOMPSON,  US 

What  is  the  source  or  mechanism  of  the  variation  of  stage  efficiency 
as  a  fonction  of  downstream  total  pressure  probe  location  ? 

Author  's  Reply 

Various  test  programs  on  our  turbine  rig  have  shown  that  the  observed 
efficiency  of  a  turbine  depends  quite  strongly  on  the  location  of  the 
downstream  measurement  plane  for  total  pressure.  Tables  2  and  3  of  Paper 
N"  9  illustrate  this  :  the  efficiency  of  turbine  configuration  S/51  can  be 
taken  as  30.0  or  33.0  percent,  depending  on  the  choice  of  measurement  plane. 
Unfortunately,  this  fact  does  not  seem  to  be  widely  recognized  within  the  gas 
turbine  Industry,  with  the  result  that  misleading  conclusions  may  be  drawn 
from  comparisons  of  test  results  from  different  test  facilities. 


The  main  mechanism  of  the  redurt*cn  of  average  total  pressure  (hence 
efficiency)  with  downstream  distance  is  thought  to  be  the  mixing  of  the  ro¬ 
tor  exit  flow  field.  Endwall  vortices,  having  their  axes  essentially  in  the 
streamwise  direction,  require  an  especially  long  distance  to  dissipate.  The¬ 
refore,  pressure  measurements  taken  close  to  rotor  trailing  edge  will  inclu¬ 
de  a  component  of  total  pressure  which  will  not  be  available  after  mixing. 
This  situation  is  expected  to  be  most  pronounced  in  small  turbines  having 
low  blade  aspect  ratios,  where  secondary  losses  predominate. 
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The  practice  of  Pratt  i  Whitney  Canada  has  been  to  measure  total  pres¬ 
sure  at  more  than  two  blade  chords  downstream  of  the  rotor  trailing  edge,  in 
the  case  of  Axial  turbines.  Efficiency  computed  from  such  measurements  have 
been  found  to  agree  best  with  efficiencies  deduced  from  performance  measure¬ 
ments  on  engines.  Lacking  a  corresponding  calibration  for  Mixed-Flow 
turbines,  we  chose  a  similar  distance  for  the  current  series  of  tests. 


H.  VIGNAU,  Fr 

Quel  est  1'interet  du  concept  de  turbine  "mixte"  pour  augmenter  le 
coefficient  de  travail  et  reduire  les  vitesses  peripheriques,  comparative- 
ment  aux  turbines  radiales  ? 

Author's  Reply 

Compared  to  the  equivalent  Radial  turbine,  the  blade  diameter  at  rotor 
inlet  is  substantially  lower  for  the  MFT .  It  is  indeed  interesting  to  note, 
therefore,  that  the  MFT  achieves  efficiencies  equal  to  or  better  than  the 
Radial  turbine  of  the  same  duty,  in  spite  of  the  higher  work  coefficient 
(  A  H/U2TIP)  of  the  MFT. 

The  larger  amount  of  flow  turning  within  the  MFT  rotor,  implied  by  its 
higher  a  H/UznP,  can  be  expected  to  cause  greater  pressure  losses. 
However,  the  span  of  the  rotor  blade,  at  its  leading  edge,  is  higher  in  the 
case  of  the  MFT,  producing  a  more  favourable  passage  aspect  ratio  and 
(relative)  tip  clearance.  It  would  appear,  therefore,  that  these  features  of 
the  MFT  compensate  for  any  additional  losses  caused  by  its  greater  turning 
angle. 


J.  MOORE,  US 

In  looking  at  the  static  pressure  distribution  in  the  mixed  flow 
rotor,  it  may  be  helpful  to  remove  the  centrifugal  pressure  field  or  alterna¬ 
tively  to  look  at  the  distribution  of  an  isentropic  relative  Mach  number. 
This  is  found  to  be  useful  when  considering  boundary  layer  development  in 
centrifugal  compressor  impellers,  for  example. 

Author's  Reply 

We  thank  Professor  Moore  for  his  suggestions.  We  will  explore  them  at 
the  next  opportunity. 
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Second  merrtbre  de  liquation  de  continuity 

Tempyrature  instantany©  sans  dimension 

Vecteur  unitaire  tangent  ^  la  frontifere 

Maillage  fin  du  domaine 

Mailiage  grossier  du  domaine 

Vitesse  moyenne  sans  dimension 

Tenseur  de  Reynolds 

Flux  turbulent 

Vitesse  de  ryfyrence 

Vitesse  de  frottement 

F rontifere  du  domaine 

Distance  b  la  paroi  ou  sont  imposyes  les  conditions  limites 
Pas  de  temps 

Taux  de  dissipation  de  l'ynergie  cinytique  de  la  turbulence 

Variable  scalaire  instantanye 

Fluctuation  d'une  grandeur  scalaire 

Conductivity  thermique 

Viscosity  dynamique 

Viscosity  cin6matique 

Domaine  de  calcul 

Masse  volumique  instanlan6e  sans  dimension 
Masse  volumique  moyenne  sans  dimension 
Nombres  de  Prandtl  Schmidt  pour  T,  k,  £, 


INTRODUCTION 

Un  contrfile  rigoureux  du  champ  ayrodynamique  au  niveau  du  diffuseur  et  de  la  t§te  de  chambre  de  combustion  de 
turboryacteur  est  essentiel  pour  atteindre  l'ensemble  des  performances  requises  pour  ce  type  de  foyer. 

Parmi  les  mythodes  numyriques  de  simulation  djsponibles,  {'utilisation  des  y|yment3  finis,  qui  permet  de  dycrire  de 
fagon  ryaliste  les  contours  d'une  gyomytrie  industrielle  est  particullferement  attractive. 

Une  telle  mythode,  dont  le  dyveloppement  a  yty  assury  par  I’Ecole  Centrale  de  Lyon  est  couramment  utilisye  &  la 
SNECMA  aux  divers  stades  de  conception  : 

.  Lors  de  I'avant  projet,  la  viscosity  est  suppose  constante.  Cette  approche  pessimiste  permet  de  mynager  les 
marges  nycessaires  4  la  reproductibility  des  performances  lors  de  la  fabrication  des  chambre*  en  syrie. 

.  Une  analyse  fine  de  zones  critiques  de  rycoulement  est  ryalisye  au  moyen  d'une  procydure  de  sous  domaine  a. 

.  Le  calcul  quantitatif  des  pertes  de  charge  est  enauite  obtenu  par  le  biais  du  mdme  code  mais  en  modyiisant  la 

turbulence  par  une  approche  du  type  (k,  £  ). 


Dans  une  premiere  ytape,  nous  dycrivons  les  principes  physiques  et  numyriques  de  la  mythode  de  calcul  dans  le  cas 
le  plus  gynyral,  c'est-b-dire  intygrant  le  modble  de  turbulence  (k,  £ ). 

Ensuite  quelques  examples  extraits  des  cas  de  validation  sur  configurations  de  laboratoire  dymontreront  le 
caractfere  prydlctif  du  logiciel. 

Enfin,  ('utilisation  industrielle  sera  illustrye  par  plusieurs  applications  b  des  foyers  expyrlmentaux  de  la  SNECMA. 

i.  equ.'.tt^ns  devolution  et  conditions  aux  limites 

Les  yquations  instantanyes  devolution  sont  obtenues  b  partlr  des  principes  fondamentaux  de  conservation  de  la 
masse,  de  la  quantity  de  mouvement  et  de  I'enthalpie.  Ces  yquations  sont  4crites  sous  forme  sans  dimension  par 
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^introduction  cfune  longueur  de  reference,  d'une  vitesse  et  cfune  temperature  caracteristiques  de  l'6coulement.  Ces 
grandeurs  nous  conduisent  &  construire  les  no  mb  res  sans  dimension  classiques  : 


Les  caracteristiques  physiques  du  fluide  telles  que  la  viscosite  dynamique  ou  la  conductibilite  thermique  sont 
auppoBees  coostantes.  La  masse  volumique,  quant  h  elle,  est  reliee  h  la  temperature  par  une  equation  d'etat  deduite  de 
liquation  des  gaz  parfaits  en  supposant  que  l'effet  des  variations  de  pression  sur  la  masse  volumique  est  negligeable. 
Ecrlte  sous  forme  sans  dimension  ('equation  d'etat  prend  alors  la  forme  simplifiee  : 


Le  traitement  des  phenomenes  turbulents  conduit  &  decomposer  les  variables  en  une  partie  moyenne  et  une  partie 
fluctuante.  Pour  ce  qui  est  de  la  pression  et  de  la  masse  volumique,  on  utilise  la  decomposition  classique  de  Reynolds. 
Pour  la  vitesse  et  la  temperature,  on  utilise  par  contre  la  decomposition  de  Favre  (1)  definie  comme  suit  : 


fit  x,  t)  »  8<  x,  t>  ♦  8  "  (  x,  t ) 


V.  PS 

5 C  x,  t)  -  - =— 


Les  termes  de  correlation  qui  apparaissent  du  fait  de  la  decomposition  sont  modeiises  en  utilisant  une  hypothfese 
du  type  Boussinesq.  On  ecrit  alors  pour  les  tensions  de  Reynolds  : 

■  I <7k  *  k dlv  - 1  1  -  k*9”11 "  * ,r:d,i:  1 

et  pour  le  flux  turbulent  de  temperature  : 


ou  le  nombre  de  Reynolds  turbulent  est  donne  par  : 


k  est  I'energia  cinetique  de  turbulence  definie  par  :  k  =  }  (ujuj)  et  E  est  son  taux  de  dissipation. 

Les  equations  gouvernant  revolution  des  grandeurs  scalaires  turbulentes  k  et  £  font  I'objet  d’une  moderation 
analogue  k  celle  adoptee  classiquement  dans  Le  cas  incompressible  (2). 

Le  systfeme  ferme  cfequations  porte  sur  les  variables  dependantes  suivantes  : 

.  quant  ite  de  mouvement^  moyenne  ■  "p  ST 
.  pression  generalisee  p"  ' 

.  temperature  moyenne  T  _ 

.  masse  volumique  moyenne  p 

.  deux  echelles  caracteristiques  de  la  turbulence  k  et  C 
Ce  systfcme  s'ecrlt  alors  (cf  (3)) : 


qQ  0  ■*  -•  __  ii  -*  n  o 

—  ♦  div(-  *  Q)  -  -gradCjp)  ♦  div<<-  ♦  -  )  (  grad  -  ♦  grad1  ~  )> 
r  Re  Rt  p  p 

r.  “21  i  q  — 

'  "  ”  *  I"  If/  Rt’diV  f  *  Pk  > 

|f  *  |  .  ,r7^T,  .  divc^.  jf-,  grid  T, 

dk  Q  -*  i  1  i  -* 

at  ♦  =-  .  gradi  k)  «  -  dive  c  —  +  — — )  grad  k)  ♦  ?  -  € 

3t  *  |  gradt  -  *  5^1  ,r"d  C’  *  Q' 7P  *  *  Z ' 


P  -  1  ,  i 
7  R 


1  -*Q  -♦  o  21  q  _  -*0 

Rt1  9rad  T  *  ,rl<1'  Rtdtv  T  *  Pk)  11  *gr#a  ^ 


avec 


18-4 


oCj  lea  conatantea  aont  donrZea  par  : 


Cu *0.  09  Cfe  -1  .  44 


Cu  ■  1  .  9  2  <x*  *  1  ,  0  o ,  »  1  .  3 


Or  »0. 


9 


Au  voisinage  dea  paroia  sol  idea,  la  presence  de  forta  gradieota  aur  ies  variables  ctependantes  du  p  rob  16  me  rZcesaite 
en  toute  rlgueur  l'utlliaation  de  maillages  trfcs  fins. 

On  prSffere  ici  adopter  dea  loia  dMquilibre  qui  permettent  de  reporter  les  conditions  aux  limitea  6  une  distance  S 
de  la  fronti&re  physique  rdeiie. 

Cea  loi8  ont  une  forme  similaire  6  cellea  habituellement  employees  dans  le  cad  incompressible.  On  d6flnit  une 
vitesae  de  frottement  not4e  uf  par  la  relation  : 

U.  Re  an 

Lea  conditions  aux  limitea  aont  alors  calcul^es  par  : 
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6  U, 

Log  —  ,  C2 

V 

-  >  11.6 

V 

6 

Uf 

6  U. 

v  -  <  11.6 

7?. 


c  *  n  u‘ 


2.  METHOOE  NUMERIQUE  DE  RESOLUTION 
2.1  Discrtftbatlan  en  temps 

Les  Equations  du  systfcme  (1)  aont  discretizes  en  utilisant  un  schema  semi-implicite  en  temps  d^f ini  par  : 
1.  Calcul  de  ^  par  : 

8  *  *  1  -  5" 


At 


0  1  1  1  -* 

=7*  grad  8  ■  s:  div(( -  ♦  -  )  grad  5  ) 

P"  P"  RePr  Rta 

9  8 

€“ 

♦CP*  -  D  -8"*’ 

8  8  k" 


C#  “  0  .1  ,  Q,  C-/k" 

Da  -  0  .1  ,Cb 

Prj“  Pr’  1  »  1  (pour,  respect ivement  :  #  =  T,  K  et  £  ). 
2.  Calcul  de  ^  par  liquation  d*6tat 


P"  * 1  »  1  /  T" 


3.  Calcui  de  Q 


et  par  lea  Equations  coupl^ea  : 


di v  q" ‘  1 

5"**  -  Q* 

At 


At 

t  V*  O’* 


♦  di  vt^  *  Q"  *  1  )  »  -grad  p^*  *  *  1 


1  t  -*  o"  *  *  -»  o*  * 1 

"r.*  Rtt,r*'1  *  ,rad'  75  •  •  1  ’ 
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On  note  eo  particulier  que  le  schema  entratne  une  linearisation  des  termes  conv<.„  fs  dcs  equations  de  quantite  de 
mouvement. 

2.2  Discretisation  an  elements  finis 

L'6criture  d'une  formulation  faible  du  problfeme  est  obtenue  par  multiplication  par  une  fonction  test,  integration 
sur  le  domaine  de  calcul  et  application  d'une  formule  de  Green  aur  les  termes  de  plus  haul  degre  de  chacune  des 
equations  du  syst&me  (2). 

On  utilise  une  double  triangulation  du  domaine  de  calcul  / 1  .  A  partir  d'une  triangulation  Tih,  on  construct  une 
deuxi&me  triangulation  T ^  obtenue  en  subdivisant  chaque  triangle  de  T2h  e"  4  triangles  egaux  comme  le  montre  la 
figure  suivante  : 


Lea  variables  cJ,  T,  k,  £  et  o 
pression  p*  est  approch^e  iin^airement 


sont  alors  approchees  lin6airement  sur  chaque  triangle  de  T^,  alors  que  la 
sur  chaque  triangle  de  T2h  (4). 


La  formulation  de  Galerkin  du  probl&me  conduit  finalement  b  un  systfeme  matriciel  de  la  forme  : 

B  8 »  »  G 
8  8 

A  Ok  *  -grad  p2%  ♦  F 
div  Ok  »  S 

ou  /  (  "p**  sont  les  valeurs  approchees  aux  noeuds  des  maillages  et  T2h. 

Lea  equations  sur  les  quantity  scalaires  sont  r£solues  en  utiliaant  une  factorisation  LxDxU  de  Ja  matrice  . 
La  matrice  L  est  triangulaire  interieure,  D  est  diagonale  et  U  est  triangulaire  sup^rieure. 


La  presence  d’un  terme  Jo  pression  dans  liquation  de  quantite  de  mouvement  oblige  &  effectuer  un  traitement 
special  de  cette  equation.  Coupiee  b  la  contrainte  de  continuite,  elle  est,  en  effet,  resolue  en  utUisant  un  algorithme 
cfUzawa  dent  la  convergence  est  regiee  par  une  methode  de  gradients  conjugu6s.  La  contrainte  de  continuite  est  alors 
satisfaite  en  minimisant  sur  le  domaine  /L  h,  la  quantite  integrale  : 


/  (rJ*  do 


oCi  rh  est  defini  par 


nn2 

oi*c.  r»  »  £  rj  H2j 


N2i  dO  -  /( di vQk  -  S)  N2.  dfl  Vi-1,nn2 


nn2  est  le  nombre  de  noeuds  du  maillage  T2h* 

Le  processus  iteratif  utilise  a  et6  initialement  propose  par  Buffat  et  est  detailie  dans  (5). 

Pour  eviter  1'apparition  d'osci  Wat  ions  numeriques  dans  les  ecoulements  ou  les  phgnomfenes  convectifs  sont 
dominants,  un  schema  de  "balancing  dissipation"  (cf  (6),  (7))  est  employe. 

2.3  Calcul  das  conditions  aux  limites  en  parol 

Las  lois  de  parois  decrites  en(l)  forment  un  syst&me  (^equations  ou  les  de'1  i-omposantes  de  la  quantite  de 
mouvement  sont  coupiees.  Ce  systfcme  est  alors  utilise  de  fagon  &  foumir  des  conditions  de  type  Dirichlet  sur  chacune 
de  C68  deux  compos&ntes. 

Ainsi,  connaissant  le  gradient  de  3°  6  la  paroi  b  un  instant  donn6,  on  calcule  au  pas  de  temps  suivant  la  vitesse  de 
frottement  up+l  definie  sur  chaque  ar£te  frontfere  du  maillage  par  : 

.  0*  - 
3  - .  t 

. .  — - C - 

Rs«  *  3n 

La  connaissance  de  un+1  permet  alors  de  resoudre,  b  la  frontifcre  parietale,  le  systfeme  (liquations  sur  6crit  sous 
forme  faible  : 


frfr  *  ‘  THi  dr  -  It  P*  *  '  U«  "  *  1  (  Cl .  Log—-—  ♦  C2)Ntdr  ii  — >11  6 


Jr'S"  *  ‘  .Th,  dr  «  jy  «  ilLHill 1 1*  ^  ( 


6U» 

- <  11.6 
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et  ■  .TJm,  dr  -  o  k‘*‘  «  jLs-  £■•»  ,  J -  (U."'1)1 

Dans  !a  pratique,  pour  des  raisons  de  stability  num^rique,  on  introduit  une  relaxation  sur  la  vitesse  de  frottement 
qui  induit  un  processus  it6ratif  b  chaque  pas  de  calcul  A  t. 

3.  ETUDE  DE  QUELQUES  COT1GURATIONS  ELEMENT  AIRES 

Le  problfeme  industriel  est  decomposable  en  un  certain  nombre  de  configurations  616mentaires  :  £clatement 
brusque,  diffusion,  changements  de  direction,  couches  limites...  etc. 

Le  bon  comportement  du  logiciel  dans  chacune  de  ces  configurations  est  un  pr£alable  indispensable  b  la 
description  satisfaisante  de  la  g6om§trie  globale.  Afin  de  s'assurer  de  cette  r6pr6sentativit6  de  nombreux  cas  tests  ont 
ete  traites. 

Les  r^sultats  concernant  un  eiargissement  brusque  et  une  couche  limite  sont  rapport6s. 

3.L  ELargisaement  brusque 

Pour  effectuer  cette  etude  I'exp^rience  de  Kim  et  A1  (9)  correspondant  b  un  61argissement  brusque  isotherme, 
b  un  nombre  de  Reynolds  de  44500  est  retenue. 

Les  profils  d'entrSe  de  vitesse,  d'6nergie  cin^tique  et  de  dissipation  sont  d^duits  d'un  calcul  d'^coulement 
pleinement  d6velopp£  en  canal  plan. 

Les  figures  1  et  2  montrent  des  visualisations  des  lignes  de  courant  ainsi  que  des  illustrations  des  principals 
quantity  caract^rist'ques  de  la  turbulence. 


Figure  i  Ecoulement  derritre  un  6largissement  brusque 
.lignes  de  courant 
Backward  facing  step 
Streamlines 


vlscoslte  .  energle  cinetique 

de  turbulence  d#  turbulonc e 

Turbulent  viscosity  Turbulent  kinetic  energy 


■  dissipation 


Figure  2  Ecoulement  derritre  un  elargissement  brusque 


Backward  facing  step 


La  zone  de  recirculation,  h  I'aval  de  l'61arg  moment  a  une  longueur  cFenviron  5  fois  la  hauteur  de  la  marche  h  ; 
cette  valeur  est  interieure  d  celle  obtenue  exp^rimentalement  par  Kim  et  A1  (7h).  Cependant,  cette  sous-estimation 
semble  en  partie  dOe  au  modfele  de  turbulence  utilise  :  des  r^sultats  comparables  ont  6t6  obtenus  par  cfautres  auteurs  (cf 
Mansour  et  A1  |9|,  Taylor  et  A1  1 101 »  Brison  et  A1  (7|>»Les  pics  sur  k  et  £,  b  I'aval  de  la  marche  sont,  d'autre  part,  bien 
pr^dits. 


3.2  Couche  limit* 


Dans  le  cas  June  couche  limite,  dea  caicula  ont  6te  effectuSs  en  se  pla^ant  dan*  les  conditions  exp£rimentales  de 
Cheng  et  Ng  (|11),)12|),  en  situation  iaotherme  (figures  3  et  4). 

La  vitesse  &  l'extdrieur  de  ia  couche  limite  eat  alors  de  10,4  m/s.  Le  domaine  de  calcul  attend  sur  une  longueur  de 
200  mm,  les  profila  d'entrSe  6tant  d^duits  des  r^sultats  exp£rimentaux  sur  u,  k  et  £»  . 

Les  r^sultats  obtenus  dans  troia  sections  (x  =  70  mm,  x  =  125  m  et  x  =  1B2  mm)  sont  donn6es  par  les  figures  5  4  7. 
Lea  comparaisona  concernent  les  profils  de  viteaae,  cP^nergie  cindtique  de  turbulence  ainsi  que  dea  profils  de  tensions  de 
Reynolds. 


Les  r68ultat3  montrent  une  bonne  concordance  entre  profils  exp£rimentaux  et  numdriques.  Lea  valeurs  S  la  paroi 
semblent,  en  paiticulier,  pr^dites  de  fagon  correcte  par  1'utiiiaation  des  lois  logerithmiques. 


Flow  Inlmt  Scraon 

Flgur*  3  Couch*  limit* 


Boundary  layer 


Flfura  *  Couch a  limit* 
Boundary  layer 


X/  (U0*  )*102 


— **•  Y  («o  men) 


»  Couch,  limit.  .  Profllu  0.  »«•••«  Fluor.  ,  Couch,  limit..  Prolll.  d.  K 

aoond.rj,  lar.r  .  Velocity  profll.s  Boundary  loyoi .  Ktrr.llc  un.rp y  prdfll. I 

uv-  tuo  2  1  u 10  3 


Figur*  7  Couch*  limit*  -  Profils  do  UV 
Boundary  layer  _  uv  prof  flag 
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4.  UTILISATION  INOUSTRIELLE 


Les  divers  teats  effectuds  sur  des  configurations  rdaiistes  de  tdte  de  chambre  ont  montrd  que  I'hypothdse 
consistent  b  supposer  la  viscositd  constante  s'avdrait  trds  sdvfere  en  ce  qui  concerne  la  description  de  Tadrodynamique, 
en  particulier  sur  les  casquettes,  ce  qui  permet  de  manager  le3  marges  ndceasaires  §  une  bonne  reproductibilitd  des 
performances  sur  les  chembres  de  sdrie.  Aussi  son  utilisation  est-elle  retenue  au  niveau  de  J'avant  proje t. 

EUe  est  associde,  pour  les  zones  ou  une  connaissance  plus  approfondie  de  1'dcoulement  est  ddsirde,  b  une  mdthode 
de  sous  domaines.  Dans  ce  dernier  cas,  le3  conditions  limites  b  imposer  sur  la  frontidre  du  domaine  ddtsilld,  sont 
extraites  du  calcul  global. 

Cette  mdthodologie  e8t  Htustrde  sur  une  configuration  de  chambre  industrielle  dont  le  schdma  de  princioe  est 
rapportd  figure  8. 

Pour  I’dtude  globale  cfadrodynamique  extdrieure  b  la  chambre,  le  domaine  de  caicui  sdlectionnd  est  constitud  d'un 
plan  md^idien  entre  deux  injecteurs  limitd  par  deux  frontidres,  l'une  situde  b  1'entrde  du  prddiffuseur,  1'autre  b  I'emont 
des  trous  primaires. 

Des  profils  de  vitesse  sont  imposds  dans  les  sections  de  sortie  alors  qu'un  profil  de  pression  est  donnd  b  1'entrde  du 
diffuseur.  Ce  type  de  conditions  limites  ne  permet  pas  i'dquilibrage  naturel  des  ddbits  ent^e  les  diffdrents  passages. 
Aussi,  les  di verses  valeurs  de  ddbit  dans  les  sections  de  sortie  sont  obtenues  b  partir  d'une  schdmatisation 
monodimensionnelle  ou  b  partii  de  rdsultats  expdrimentaux.  Une  alternative  b  cette  mdthode,  consistant  &  relier  ia 
pression  statique  en  sortie  b  une  vitesse  ddbitante,  par  l'intermddiaire  d'un  coefficient  de  perte  de  charge  ddduit  de 
I'expdrience,  fera  i'objet  d’une  publication  ultdrieure  fl3| 


Sur  les  figures  12  et  13,  nous  avons  illustrd  le  cheminement  complet  qui  va  de  la  phase  d'avant  projet  jusqu'au 
calcul  prdcis  des  performances.  Ainsi,  la  figure  12  montre  comment  la  mdthode  b  viscosite  constante  permet,  en 
partant  d'une  configuration  malsaine  (12a)  caractdrisde  par  des  zones  de  ddcollement  au  nivecj  de  l'alir.ientation  des 
premiers  films,  d'aboutir  &  une  configuration  adrodynamiquement  sain*  (12b). 


D'un  calcul  utilisant  le  moddle  (k,£  )  (figure  13)  sont  ensuite  ddduites  ies  pertes  de  charge  de  cuntournement  et 
les  pertes  de  charge  entre  le  diffuseur  et  le  fond  de  chambre.  Si  oes  pertes  de  charge  ne  sont  pas  encore  confcrmes  b 
l'obiectif,  il  est  possible  de  poursuivre  I'dtude  au  moyen  du  moddle  (k,  £  )  t  fin  de  realiser  les  dernidres  modifications 
locales  ndcessaires  du  prddiffuseur,  des  casquettes  ou  des  carters. 


Fieur*  10  Adrodvnamiqu>  de  la  tote  da  chambre 
Lignea  da  courant  caiculdes :  Moddle  A 
vlscoslt*  turbulent®  conatanta 
Aerodynamic  of  the  combustor  dome 
Calculated  streamlines -Constant  viscosity  model 


Figure  ii  AArodynarrique  da  la  t*ta  da  chambre 
Sous  domaine:  llgnai  da  courant 
ModAla  A  vltcoaitA  turbulanta  constant# 
Aerodynamic  of  the  combustor  dome 
Streamlines  .  Subdomain  calculations 
Constant  viscosity  model 


Figure  12  Optimisation  de  la  t6te  de  chambre 
Module  £  viscosity  constante 
Combustor  dome  optimisation 
Constant  viscosity  model 


Figure  13  A  drodynamtque  de  la  tfete  de  chambre 

Lignes  de  courant  sur  des  casquettes  optimisfees 
Module  K  -  £ 

Aerodynamic  of  the  combustor  dome 
Streamlines  over  optimised  cowls 
K  -  Z  model 


CONCLUSION 

Une  mfethode  de  type  felfements  finis  a  fetfe  dfeveloppfee  par  l’Ecole  Centrale  de  Lyon  et  est  couramment  utilisfee  fe  (a 
SNECMA  pour  tous  les  problfemes  d'intferaction  diffuseurs  -  tfite  de  charnbre. 

Le  logiciel  employfe  est  elliptique  ;  le  maillage  de  type  triangulaire  est  bien  adaptfe  pour  simuler  les  phfenomfenes 
aferodynamiques  dans  de3  configurations  ou  la  gfeom^trie  et  la  topologie  sont  complexes. 

La  turbulence  est  ddcrite  au  moyen  tfun  module  (k,  £,  )  qui  permet  une  restitution  quantitative  de  J'fecoulement. 
Cependant,  au  niveau  de  I'avant  projet,  un  modfele  correspondent  fe  une  viscosity  constante,  plus  sfevfere  sur  le  plan  de 
('identification  des  zones  susceptibles  de  dfecoller  lui  est  prfefferfe  . 

La  validity  du  logiciel  a  fetfe  vferififee  par  I'fetude  de  nombreuses  configurations  felfementaims  representatives  des 
diffferents  types  d*6coulement  rencontres  au  niveau  des  probifemes  cfintferaction  diffuseur  -  tfete  de  chambre  (couches 
limites,  recirculation,  diffusion...). 


Sa  fiabilitfe  a  fetfe  obtenue  par  le  passage  de  cas  varifes  correspondent  fe  des  gfeomfetries  rfealistes. 
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DISCUSSION 


J.S.  LEWIS,  UK 

How  did  you  define  the  downstream  boundary  conditions  ? 


Reponse  de  T Auteur 

Les  conditions  aux  limites  en  aval  (debits)  peuvent  etre  obtenues  sui- 
vant  3  methodes  : 

-  a  parti r  d’une  schematisation  monodlmensionnelle 

-  a  parti r  des  resultats  experimentaux 

-  en  reliant  la  vitesse  debltante  a  la  pression  statique  a  l'interieur 
du  foyer  par  1'  intermedlalre  d'un  coefficient  de  perte  de  charge 
dedult  de  1 'experience. 

Cette  derniere  methode  fera  l'objet  d'une  publication  ulterieure. 


DEVELOPMENT  OF  A  PLENUM  CHAMBER  BPBHKR  SYSTEM  FOR  AH  ADVANCED  VTOL 
ENGINE 


J  S  LEWIS,  T  W  MURRAY  AND  D  STEELE 
Rolls-Royce  pic,  Filton,  Bristol. 


SUMsary 

Plenum  Chamber  burning  (PCB)  continues  as  one  of  the  most  viable  options 
for  vertical  take-off  and  landing  aircraft  with  a  supersonic  capability. 

Assessments  of  the  future  thrust  requirements  for  such  aircraft  show 
that  higher  levels  of  temperature  rise  than  previously  demonstrated  will 
be  required,  coupled  with  the  ability  to  operate  efficiently  over  a  wide 
range  of  fuel  air  ratios  in  an  expanded  flight  envelope. 

This  paper  describes  the  research  and  development  programmes  that  were 
carried  out  on  model  and  full  size  rigs  to  design  and  evaluate  advanced 
concepts  to  meet  the  anticipated  requirements. 

The  system  characteristics  which  were  evaluated  include  pressure  loss, 
ignition,  efficiency,  thermal  integrity  and  velocity  profiles  at  nozzle 
exit  under  non -combusting  (dry)  and  combusting  conditions. 


The  successful  achievement  of  the  target  levels  of  performance  on  the 
rig  will  now  be  followed  by  further  demonstrations  on  the  full  engine. 

Background 

The  development  of  thrust  augmentation  technology  for  vectored  thrust 
engines  of  the  Pegasus  type  is  described  in  Reference  1.  The  work  in 
the  early  1960's  for  the  supersonic  VTOL  P1154  aircraft  culminated  in 
the  BS100  engine  (Figure  l)  which  utilised  a  boost  system  for  the  front 
nozzles  that  was  given  the  title  of  a  Plenum  Chamber  Burner  (PCB). 
Cancellation  of  the  P1154  project  resulted  in  a  discontinuation  in  the 
design  and  further  development  of  the  PCB  systems  which  had  been 
initially  demonstrated  on  Pegasus  rig  and  engine  hardware. 
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Figure  1  BS100  Engine  with  Plenum  Chamber  Burner 

Since  that  time,  afterburner  technology  has  evolved  particularly  for 
augmented  turbofan  engines  and  reappraisals  of  the  requirements  of 
future  supersonic  STOVL  aircraft  continue  to  conclude  that  a  front 
nozzle  PCB  system  is  a  major  contender  (Figure  2), 
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Figure  2  Future  Supersonic  STOVL  Aircraft 


Rolls-Royce  has  therefore  continued  with  the  development  of  this 
augmentation  system  starting  with  an  assessment  of  the  full  capabilities 
and  characterisation  of  the  technology  associated  with  the  BS100  and 
then  extending  the  programme  to  meet  the  recognised  aims  of  these  future 
projects. 

This  paper  describes  the  results  of  the  research  and  development 
programme  that  was  introduced  in  Reference  1.  The  vehicle  chosen  for 
this  work  was  an  advanced  cycle  based  on  the  Pegasus  geometry  installed 
in  what  was  considered  to  be  a  realistic  and  technologically  demanding 
airframe.  The  fundamentals  of  the  work  described  are  however  applicable 
to  any  advanced  cold  stream  burning  geometry. 


TKCHMOLOGY  TARGETS 


Design  targets  were  set  for  the  programme  which  were  considered  to 

represent  the  future  project  requirements  and  would  also  ensure  that  the 

derived  performance  characteristics  would  continue  to  expand  the 

existing  design  data  bank  in  the  most  economical  way. 

The  targets  for  the  combustion  system  were:- 

1)  to  achieve  a  reduction  in  dry  pressure  loss  compared  to  that  of 
previously  demonstrated  systems. 

2)  to  achieve  substantial  increases  in  thrust  boost  capability  and 
efficiency. 

3)  to  achieve  acceptable  high  altitude  stability  and  light  up. 

4)  to  demonstrate  reliable  light  up  capability  at  Sea  Level  Static 
conditions. 

5)  to  demonstrate  acceptable  thermal  and  mechanical  integrity  and 

6)  to  achieve  the  above  targets  with  a  reduced  non-dimensional  volume 
and  installed  frontal  area. 


DgSICgt  STUDIES  -  PLEggjf  MB  AMD  OOHBPSTOft 


An  interactive  design  technique  is  used  to  formulate  the  main  plenum 
chamber  lines  taking  due  account  of  the  required  nozzle  throat  position 
and  other  installation  requirements. 

Scaled  perspex  models  of  the  plenum  chamber  including  fan  delivery 
casing  and  nozzle  simulation  are  used  at  this  stage  of  the  design.  The 
models  represent  one  side  of  the  engine  (Figures  3  and  4)  and  are  used 
for  the  experimental  confirmation  of  overall  pressure  loss  and  pressure 
distribution  on  air  flow  rigs  in  support  of  the  theoretical  design 
specification.  Flow  visualisation  techniques  are  also  employed  to 
assist  in  the  definition  of  the  main  combustor  flow  areas  and  volumes. 
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Figure  3  Scaled  Perspex  Model 
Showing  Nozzle  in  the 
Vertical  Position. 


Figure  4  Scaled  Perspex  Model 

View  of  Nozzle  Bearing 
Plane. 


Initially,  simplified  three  dimensional  surfaces  are  used  to  simulate 
the  flame  holder  arrangement  (Figure  5). 


Figure  5 

Simulated  Combustor 


With  this  style  of  combustor  studies  were  carried  out  to  achieve  the 
minimum  pressure  loss  while  optimising  the  surface  porosity  (magnitude 
and  distribution) ,  the  combustor  volume  and  the  axial  position  of  the 
surface  relative  to  the  three  dimensional  inlet  diffuser.  As  shown  in 
Figure  6  the  chosen  geometry  achieves  the  minimum  loss  and  is  also  in  a 
relatively  stable  part  of  the  design  characteristic.  It  is  therefore 
insensitive  to  small  changes  that  may  be  necessary  because  of  mechanical 
design  constraints  or  which  arise  during  the  development  and  manufacture 
phase  of  the  programme. 


r 
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As  the  design  progressed,  a  more  realistic  surface  is  produced  to 
support  the  stressing  and  lifing  studies.  (Figure  7). 


Figure  6  Pressure  Loss 
Characteristic 
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Figure  7 

Combustor  Model  with 
Realistic  Flow 
Distribution 


DESIGH  STUDIES  -  HKATSHIKU) 

To  achieve  the  high  thrust  boost  targets  with  an  acceptable  thermal 
integrity,  the  region  between  the  combustor  and  the  nozzle  throat 
required  cooling.  The  experimental  studies  showed  that  a  substantial 
pressure  distribution  existed  at  entry  to  this  region  (Figure  8)  and 
also  in  the  various  sections  as  the  flow  turned  through  the  70°  bend 
(Figure  9 ) . 

The  cooling  design  chosen  for  this  region  incorporated  hot  side  film 
cooling  and  cold  side  convective  cooling.  Figure  10  shows  the  geometry 
that  was  used.  It  featured  a  maximum  of  11  stages  of  film  cooling  for 
the  outside  of  the  bend  and  5  stages  for  the  inside  of  the  bend 
including  the  variable  area  final  nozzle. 

A  full  aerodynamic  and  heat  transfer  analysis  was  carried  out  to  achieve 
a  minimum  cooling  flow  design  at  the  most  demanding  simulated  flight 
condition  and  fuelling  level.  The  typical  metal  temperature 
distribution  is  shown  in  Figure  11  for  the  11  cooling  stage  region. 
Allowance  is  made  for  a  hot  side  cyclic  variation  in  temperature 
associated  with  geometric  features  of  the  burner. 

A  more  detailed  cross-sectional  view  of  the  assembly  is  shown  in 
Figure  12,  illustrating  the  diffuser,  primary  zone,  fuel  manifolds  and 
injectors,  "colander"  combustor,  heatshield  and  variable  nozzle. 
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Figure  12 

General  Arrangement 


FULL  SCALE  RIG  PROGRAMMES 

A  full  scale  rig  programme  was  then  carried  out  to  evaluate  the  design. 
The  tests  included  pressure  loss  assessment,  full  combustion  performance 
(temperature  rise  and  efficiency),  high  altitude  stability,  light  up  and 
thermal  integrity.  The  unit  was  tested  in  an  Altitude  Test  Facility  at 
RAE  pyestock  (Figure  13)  where  the  required  conditions  of  inlet 
pressure,  temperature  and  mass  flow  were  supplied  to  one  half  of  the  fan 
delivery  annulus  and  a  single  nozzle. 


SWIN.:  Nj  ARM 

cram' 


DELIVERY  CASING, 

ANG  PLENUM  CHAMBER 

Figure  13  Full  Scale  Rig  Layout 
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The  overall  pressure  loss  was  obtained  by  traversing  a  suitable  pressure 
probe  at  the  nozzle  exit  plane  to  give  a  mass  weighted  mean  total 
pressure  which  was  compared  with  the  inlet  total  pressure  at  the  fan 
delivery  flame. 

The  nozzle  exit  profile  was  obtained  at  several  settings  of  the  variable 
nozzle  size  as  shown  in  Figures  14.  Each  ..ozzle  setting  represented  a 
different  Mach  number  in  the  plenum  chamber  and  the  loss  characteristic 
(Figure  15)  was  therefore  derived.  At  the  design  flow  function  the  full 
scale  unit  showed  good  agreement  with  the  values  obtained  from  the 
scaled  model  tests  and  confirmed  the  substantial  reduction  in  loss  of 
this  design  compared  with  earlier  designs.  However  the  target  pressure 
loss  requirement  for  advanced  designs  continues  to  fall  and  further  work 
will  be  required  in  this  area  particularly  associated  with  the  fuel 
injector  and  fuel  manifolds.  The  velocity  profiles  of  the  nozzle  in  the 
dry  case  showed  a  centralised  region  of  'high'  pressure  with  a  bias 
towards  the  final  outer  bend.  The  ratio  of  peak  to  mean  pressure  was 
1.05  for  all  settings. 


a  -  PERFORMANCE 
B  -  LIGHT  UP 


PgRFOBHMRCg 

The  combustion  performance  was  measured  over  a  wide  range  of  flight 
conditions  which  were  chosen  to  enable  a  systematic  assessment  of  the 
effects  of  inlet  pressure,  temperature  and  flow  function  or  Mach  number 
in  the  chamber. 

At  some  conditions,  a  complete  traverse  was  carried  out  at  the  nozzle 
exit  plane  to  give  the  gas  conditions,  fuel  air  ratio  and  inefficiency 
due  to  carbon  monoxide  and  unburnt  hydrocarbons.  Typical  distributions 
of  fuel  air  ratio,  efficiency  and  temperature  rise  ratio  are  shown  in 
Figures  18,  19  and  20. 

Pud-Air  Ratio  Distribution  Ratio  Combustion  Efficiency  Ratio 


Figure  IS  Fuel  Air  Ratio. 

Distribution  Relative  to 
the  Mean  Value. 


Figure  19  Combustion  Efficiency 
Distribution  Relative 
to  the  Mean  Value. 


20-9 


PCB  lemperotue  Rise  Ratio 


Figure  20  Distribution  of  Temperature 
Rise  Relative  to  the  Mean 
Value. 


Previous  work  at  Rolls-Royce  has  demonstrated  that  these  profiles  can  be 
adjusted  by  changes  to  the  fuel  jet  position  and  size  to  meet  any 
special  needs  associated  with  hot  gas  ingestion,  thermal  integrity  of 
the  installation  or  high  efficiency  at  low  and  intermediate  fuel  air 
ratios.  For  this  programme  the  data  was  analysed  to  confirm  the 
combustion  performance  that  was  derived  from  g as  dynamic  calculations 
based  on  pressure  and  nozzle  area  measurements  at  selected  conditions. 
This  comparison  served  as  a  calibration  to  be  used  at  the  other  flight 
conditions  where  traversing  was  not  carried  out. 

The  maximum  temperature  rise  ratio  set  for  the  project  was  achieved  and 
efficiencies  greater  than  95%  were  measured. 


THKRMAL/MBCHAHICAL  INTEGRITY 

The  thermal  and  mechanical  integrity  of  the  complete  installation  was 
monitored  during  the  test  programme. 

The  metal  temperature  of  the  combustor  which  are  used  in  the  finite 
element  stress  design  prograntne  were  satisfactory. 

The  maximum  metal  temperatures  recorded  on  the  heatshield  were  also 
within  the  required  design  range. 


FUTURE  PROGRAIWE 


A  full  engine  evaluation  is  planned  for  this  system  coupled  with  hot  gas 
ingestion  studies  on  the  Tethered  Harrier  Installation  at  Shoeburyness . 

Further  research  work  to  achieve  lower  pressure  losses  will  also  be 
carried  out. 


RHTKRBWCg 

1.  A  SOTHERAN 

Development  of  Thrust  Augmentation  Technology  for  the  Pegasus 
Vectored  Thrust  Engine. 

SAE  Technical  Paper  Series  821390  -  October  1982. 
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DISCUSSION 


N.A.  BAIRSTO,  UK 

With  a  reheat  system  of  this  sort,  modulation  will  be  an  important 
factor.  What  level  of  modulation  are  you  able  to  achieve  ? 

Author's  Reply 

The  modulation  is  limited  by  the  degree  of  complication  of  the  control 
system  (i.e.  the  fuel  metering  controls). 

In  the  system  described  here,  a  two  zone  fueling  arrangement  is 
Illustrated,  the  minimum  level  is  then  set  by  the  primary  zone  fuel  (about 
5  %  of  the  maximum)  which  Is  set  to  give  a  constant  fuel  air  ratio,  and  the 
remaining  95  %  of  the  fuel  can  be  introduced  to  give  a  smooth  thrust  modula¬ 
tion  up  to  maximum. 

If  high  efficiency  Is  required  at  these  intermediate  levels,  then  ad¬ 
ditional  fuel  control  stages  will  be  required  with  a  corresponding  penalty 
of  weight  and  cost. 
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SUMMARY 

Modern  engine  controls,  including  reheat  controls,  are  based  on  digital  electronic 
techniques  and  there  ace  many  papers  published  on  the  use  of  microprocessors  for  this 
purpose.  This  paper  addresses  the  problems  of  fuel  pumping  and  metering  which  are 
associated  with  digital  electronic  reheat  controls. 

A  survey  is  carried  out  of  various  pumping  options  including  main  engine  and  reheat 
fuel  pumping.  A  technical  description  of  single,  twin,  and  three  pump  systems, 
including  rotodynamic  and  positive  displacement  pumps  i6  given  together  with  comments 
on  the  relative  advantages  and  disadvantages  of  the  various  options. 

A  fuel  flow  interface  designed  for  rapid  response  reheat  control  systems  is 
described.  The  application  is  a  digital  electronic  control  for  a  future  bypass 
engine.  Comparison  is  made  between  computer  simulation  of  the  control  characteristics 
and  test  results  on  the  hardware. 

The  report  concludes  with  some  comments  on  likely  future  advances  in  reheat  control 
systems . 


1.0  INTRODUCTION 


In  a  modern  bypass  engine  cunning  at  full  power  over  75\  of  the  oxygen 
entering  the  engine  remains  unburnt.  Thus  there  is  6cope  for  increasing  the 
thrust  and  this  is  accomplished  by  extending  the  jet  pipe,  fitting  a  variable 
area  nozzle,  and  burning  fuel  in  the  jet  pipe.  The  variable  area  nozzle  is 
needed  to  maintain  operating  pressures  and  temperatures  in  the  engine 
unaffected  by  afterburning  (or  reheat).  The  fuel  flow  rate  required  for 
reheat  is  three  to  eight  times  maximum  ’‘dry”  engine  flow  so  the  thrust 
augmentation  is  commonly  only  used  for  short  periods  of  time  for  take  off. 
climb,  and  combat,  and  almost  exclusively  in  military  aircraft. 

For  optimum  aircraft  performance  rapid  reheat  modulation  is  needed, 
particularly  with  modern  agile  aircraft  which  have  inherently  unstable 
aerodynamic  configurations.  Less  than  1  second  from  minimum  to  maximum  thrust 
augmentation  is  a  typical  requirement.  Modern  reheat  controls  are 
micro-processor  based.  Pumps  and  valves  are  needed  to  move  and  monitor  the 
liquid  fuel,  and  the  response  of  the  pumping  and  valve  system  is  crucial  to 
the  achievement  of  rapid  reheat  response. 

This  paper  considers  various  options  for  overall  configuration  of  reheat 
control  loops  and  proposes  one  considered  capable  of  achieving  optimum 
response  performance. 

Consideration  is  given  to  the  choice  of  pumps  to  give  fastest  possible 
response  in  the  re-heat  fuelling  mode.  This  is  then  extended  to  examining  the 
relationships  between  fuel  flow  requirements  in  the  two  modes  of  engine 
operation  viz:-  with  and  without  re-heat,  and  to  the  optimisation  of 
combinations  of  pumps  to  meet  the  wide  range  of  flows  required,  with  minimum 
power  consumption  and  heat  rejection  into  the  fuel. 

The  paper  describes  a  system,  embodying  the  re-heat  fuel  pump  and  a 
combination  of  metering  valves  and  associated  pressure  drop  and  shut-off 
valves,  which  has  been  demonstrated  on  a  test  rig.  Typical  response 
performance  results  obtained  with  this  system  are  given  and  discussed  and  the 
paper  concludes  with  a  review  of  possible  future  developments  in  this  field. 
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OVERALL  SYSTEM  CONFIGURATION 

A  typical  bypass  engine  is  shown  in  figure  1. 
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FKL1  TYPICAL  BY-PASS  ENGtNE  WITH  REHEAT 


In  this  example  afterburner  fuel  injectors  and  flame  stabilisers  are  fitted  in 
both  bypass  and  core  air  streams  and  the  streams  are  mixed  after  combustion. 
This  gives  a  shorter  jet  pipe  than  some  alternative  configurations  but 
necessitates  separate  metering  of  core  and  bypass  fuel  flows  for  good 
efficiency.  About  10%  of  the  maximum  reheat  flow  is  fed  to  primary  burners 
with  good  flame  stabilisation  in  the  core  jet  stream.  The  fuel  flow  to  these 
burners  is  maintained  constant  irrespective  of  the  degree  of  reheat  and 
ensures  that  the  other  burners  are  always  maintained  alight. 

Ignition  of  the  primaries  is  achieved  either  by  a  torch,  catalytic  igniter  or 
a  "hot  shot"  of  fuel  injected  into  the  main  combustion  chamber  upstream  of  the 
turbine.  In  a  modern  bypass  engine  with  a  high  degree  of  augmentation,  reheat 
is  not  lit  at  maximum  flow  level,  because  even  if  the  nozzle  control  could  act 
quickly  enough  to  prevent  engine  surge  the  sudden  doubling  of  engine  thrust 
could  impair  aircraft  handling.  Nevertheless.  for  optimum  aircraft 
performance,  rapid  reheat  modulation  is  needed  and  this  is  difficult  to 
achieve  with  closed  loop  afterburner  control.  If  nozzle  arpj  is  selected  and 
there  is  a  closed  loop  on  the  fuel  flew  which  varies  flow  to  achieve  the 
desired  engine  operating  conditions,  there  is  a  risk  of  exceeding  the 
stoichiometric  fuel  air  ratio  leading  to  loss  of  control.  The  alternative  of 
selecting  fuel  flow  and  having  a  closed  loop  nozzle  control  varyi.ig  nozzle 
area  for  desired  engine  conditions,  gives  an  inherently  slow  system  as  the 
rate  of  fuel  flow  change  is  restricted  by  the  rate  of  change  of  nozzle  area  to 
ensure  the  nozzle  area  does  not  lag  fuel  flew  excessively  causing  LP 
compressor  surge  or  blade  flutter. 

As  the  limiting  factor  is  nozzle  response,  ootimura  reheat  response  is  achieved 
if  nozzle  area  is  selected  and  the  nozzle  allowed  to  -hange  area  as  fast  as  it 
can.  The  fuel  flow  can  then  be  scheduled  in  accordance  with  the  achieved 
nozzle  area.  Such  a  twin  open  loop  scheduling  control  gives  the  fastest 
achievable  reheat  response  but  requires  a  Cast  accurate  3  channel  multi 
function  reheat  control.  Such  a  control,  shown  d i  iqr :mmat ica l ly  in  figure  2 
is  the  subject  of  this  paper. 
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Fig.  2  TWIN  OPEN  LOOP  AFTERBURNER  COWTBOC 
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PUMPING  SYSTEM 

Reheat  Pump  Conalderat Iona 
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3.1 


The  choice  of  reheat  pump  has 
stable  system  response. 


a  major  impact  on  the  ability  to  achieve 


fast 


Many  current  reheat  systems  use  either  a  centrifugal  pump  driven  by  an  air 
turbine  or  one  having  a  vapour  core  created  by  an  inlet  throttle.  The  object 
of  both  types  of  pump  is  to  reduce  unnecessary  input  power  at  low  flows  and 
thereby  reduce  reheat  fuel  temperature  to  acceptable  limits.  However  it  is 
difficult  to  achieve  rapid  response  with  such  pumps  because  of  turbine  inertia 
in  the  case  of  a  turbo  pump  or  the  necessarily  slow  response  of  the  inlet 
valve  in  the  case  of  a  vapour  core  pump.  Thus  pump  filling,  manifold  priming 
and  system  response  during  modulation  tend  to  be  undesirably  slow.  Attempts 
to  improve  response  by  increasing  system  gain  cause  stability  problems  due  to 
the  time  lags  in  the  pump. 


The  response  problem  is  best  solved  by  running  an  engine  driven  centrifugal 
pump  full  and  throttling  the  output  to  achieve  the  required  reheat  flow.  Thus 
full  pump  pressure  and  flow  is  immediately  available  at  all  normal  running 
conditions  and  response  is  only  limited  by  the  response  of  the  metering 
valves,  there  being  no  pump  lags  to  interact  and  cause  stability  problems  at 
high  system  gains.  This  approach  also  has  the  advantage  of  giving  minimum 
pump  weight.  Inevitably  the  fuel  temperature  rise  in  the  pump  at  low  reheat 
flow  will  be  somewhat  higher  with  such  a  pump  but  the  reheat  fuel  temperature 
rise  can  be  kept  below  75  deg  C  even  at  i^SOth  of  maximum  flow.  When  reheat 
is  off  the  pump  inlet  valve  can  be  shut  off  and  the  impeller  drained  so  that 
there  is  virtually  no  power  consumed. 

With  such  a  pump  the  inlet  valve  does  not  need  a  low  gain  to  ensure  stability 
during  reheat  operation  and  so  a  high  gain  can  be  used  allowing  the  pump  to 
fill  rapidly  so  that  full  flow  and  pressure  becomes  available  for  rapid 
manifold  priming  when  engaging  reheat. 

A  limiting  factor  is  the  water  hammer  surge  which  occurs  at  the  instant  the 
pump  impeller  becomes  full  and  the  flow  rate  in  the  inlet  pipe  is  suddenly 
reduced  as  the  metering  valve  restriction  at  pump  outlet,  rather  than  the 
inlet  valve  restriction,  becomes  the  controlling  factor.  The  resultant 
pressure  peak  in  the  LP  pipe  must  be  kept  low  to  avoid  damage  to  the  pipe. 
This  effect  can  be  minimised  by  ensuring  the  metering  valves  are  already  in  a 
substantially  open  position  as  required  for  priming  and  by  controlling  the 
gain  of  the  inlet  valve  over  the  first  part  of  its  opening.  This  enables  the 
pump  to  be  filled  in  less  than  0.1  sec.  and  the  manifolds  to  be  primed  and 
steady  minimum  flow  to  be  established  in  a  further  0.4  sec. 


Other  Considerations 


Having  selected  the  type  of  reheat  pump  for  rapid  response  one  should  then 
consider  the  pumping  system  including  main  engine  and  reheat  pumps  as  one 
system.  rather  than  considering  the  pumping  requirements  for  each 
independently.  Apart  from  the  requirement  of  supplying  the  prescribed  fuel 
flows  at  appropriate  pressures  the  pumping  system  must  have  adequate  response 
and  must  not  raise  the  fuel  temperature  to  a  level  at  which  the  fuel  becomes 
chemically  unstable. 

There  exists  a  wide  choice  of  pumping  configurations  and  those  considered  here 
are  presented  as  a  representative  rather  than  an  exhaustive  selection  of  those 
possible.  Most  modern  systems  use  a  centrifugal  first  stage  and  spur  gear 
second  stage  pumps  for  the  main  engine  fuel  system  with  some  form  of 
rotodynamic  pump  for  the  reheat  system.  Usually  the  pumps  are  driven  at  a 
ratio  of  engine  speed  through  an  engine  gearbox,  but  not  always.  Engines  on 
the  Concorde,  for  example,  have  centrifugal  pumps  for  starting  and  first 
stage,  whilst  a  second  stage  centrifugal  pump  is  driven  from  an  air  turbine 
powered  by  engine  bleed  air. 

The  main  attraction  to  using  a  centrifugal  pump  for  supplying  fuel  for  gas 
turbine  engines  is  that  its  basic  simplicity  should  result  in  a  very  reliable 
pumping  system.  This  is  indeed  the  experience  with  the  Concorde  engine  fuel 
pumps  which  are  giving  an  MTBF  of  200.000  hours. 

The  main  obstacle  to  the  use  of  simple  engine  driven  centrifugal  (CF)  pumps  is 
the  mismatch  between  pump  delivery  pressure  requirements  over  the  flight 
envelope,  which  leads  to  excessive  power  consumption,  and  hence  fuel 
temperature  at  flight  idling  conditions. 

It  is  possible  greatly  to  reduce  the  CF  pump  low  flow  power  consumption,  at 
the  expense  of  some  mechanical  complication  and  increase  in  weight.  For 
example  a  shrouded  rotor  design,  with  floating  shroud  seals  and  with  a 
multiport  diffuser  can  consume  half  the  power  of  a  similar  sized  pump  with 
convential  shroud  seals  and  a  simple  volute,  when  throttled  down  to  minimum 
flow. 
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In  this  section  we  first  examine  the  performance  of  a  state  of  the  art 
shrouded  rotor  CP  pump  and  compare  it  with  the  performance  of  a  conventional 
system  comprising  backing  pump,  gear  pump  and  CP  reheat  pump. 


The  inherant  incompatibility  of  relatively  low  main  system  flow  at  high 
pressure  and  high  reheat  flow  at  low  pressure  renders  the  choice  of  a  single 
CP  pump  unlikely.  A  twin  rotor  unit  is  therefore  examined  in  alternative 
configurations.  in  the  first  configuration  both  rotors  are  driven  from  a 
common  shaft.  The  reheat  supply  rotor  chamber  is  drained  when  reheat  is  off. 
A  better  two  rotor  system  is  possible  if  separate  drives  are  provided  for  main 
flow  and  reheat  pumps,  and  this  is  the  configuration  next  considered.  In  this 
case,  one  pump  is  drained  when  reheat  is  off. 

We  shall  therefore  consider  the  following  pumping  conf igurations : - 

Conventional  three  pump  system  Fig  3 

Single  CP  pump  supplying  main  and  reheat  flow  Fig  4 

Two  rotor  system  with  both  rotors  driven  at 
the  same  speed 

One  configuration  has  a  first  rotor  generating 
reheat  systems  pressure  whilst  the  second  add6 
the  extra  pressure  required  for  main  fuel  flow. 

An  alternative  has  separate  rotors  generating  pressures 
for  reheat  &  main  engine  flow. 

Two  rotor  system  with  rotors  driven  at  different  Fig  7 
speeds 

To  give  j  basis  for  comparison  the  table  of  data  (Table  1)  is  included.  Thi6 
is  an  outline  flight  plan  fuel  flow  and  pressure  requirement  for  a  typical 
reheat  ga6  turbine  engine.  The  figures  are  realistic  but  fictional  and 
include  an  allowance  for  starter  jets  at  cranking  speed.  The  table  includes 
total  power  consumption  for  a  three  pump  system  in  which  the  reheat  CP  pump 
runs  dry  when  reheat  is  not  in  use. 

3 . 3  Single  Centrifugal  Pump 

The  model  chosen  for  our  single  centrifugal  pump  has  a  radial  flow  shrouded 
impeller  fitted  with  an  inteqral  unshrouded  axial  flow  inlet  inducer.  The 
design  is  based  on  data  generated  by  research  programmes  aimed  at  identifying 
and  reducing  loss  generating  processes  including  inlet  recirculation  and 
shock,  disc  friction,  shroud  leakage,  diffuser  shock  and  recirculation  and 
mechanical  friction. 

From  table  1.  the  maximum  output  required  is  5275  gm/sec  at  6.03  MPa  for  the 
reheat  system  and  2198  gm/sec  at  8.52  MPa  for  the  main  engine  fuel  system, 
with  engine  speed  100%.  The  worst  throttled  back  condition  requires  a 
delivery  flow  of  176  gm/sec  with  the  engine  speed  at  94.5%.  Correcting  for 
the  differences  in  engine  speed,  the  lower  flow  corresponds  to  2.5%  of  maximum 
flow.  The  pressure  rise  at  normal  dry  maximum  flow  on  such  a  pump  will  be 
well  in  excess  of  that  required. 

The  single  pump  has  the  tremendous  advantage  of  being  the  simplest  possible 
arrangement.  Its  main  drawbacks  are  that  reheat  flow  i6  delivered  at 
excessive  pressure  -  which  is  comparatively  minor  -  and  the  turn  down  ratio  is 
excessive.  The  fact  that  it  would  be  possible  for  the  system  to  fail 
completely  and  irrecoverably  should  a  sufficiently  large  volume  of  vapour  or 
air  enter  the  pump  so  as  to  deprime  it  also  ha6  to  be  considered.  Some 
characteristics  of  the  single  pump  system  are  given  in  table  2. 

3 . 4  Two  CF  Pump  System  with  Common  Speed 

Both  rotors  are  driven  from  a  common  shaft.  One  configuration  has  a  main 
rotor  to  deliver  the  pressure  required  for  the  reheat  system  and  a  second 
rotor  to  provide  the  extra  pressure  required  by  the  main  system.  Table  3 
compares  this  system  with  the  conventional  three  pump  system  in  table  1. 

An  alternative  approach  is  one  in  which  one  pump  delivers  main  engine  flow 
whilst  the  other  delivers  reheat  flow.  This  system  is  analysed  in  Table  4. 
In  this  case  the  pump  dedicated  to  reheat  flow  is  drained  once  reheat  is  not 
selected . 

3 . 5  Two  CP  Pumps  with  Differing  Speeds 

This  configuration  has  one  pump  dedicated  to  main  fuel  supply  and  the  other  to 
reheat  supply  with  conventional  shut-off  and  drain  facilities.  Each  pump  is 
scaled  to  make  maximum  flow  coincide  with  maximum  efficiency.  The  performance 
of  such  an  arrangement  is  given  on  table  5  and  cnce  again  is  compared  with  the 
conventional  three  pump  system  from  table  1. 


Fig  5 
Fig  6 


TWO  ROTOR  PUMP  SYSTEM  REHEAT  AND  MAIN  IN  SERIES 
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PRIMARY 

CORE 

BYPA88 


REHEAT 


MAM 
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Conventional  3  pump  system  reheat  pump  drained  when  reheat  off 


TABLE  2 

Single  CP  Supply  Pump 
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TABU  4 

Two  CF  Pump  System  with  Common  Speed 
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1 

1 

i 

CP  PUMP 

|  CONVENTIONAL  SYSTEM 

_ 

I  CONDITION 

PLOW 

PUMP  RPM 

1  PRESS 

rv  in 

i 

J/Graa 

1  TEMP 

|  POWER  IK 

J/Gram 

I  TEMP 

Gm/See 

|  RISE 

i 

ISISE 

|  KW 

(Channel 

j  RISE 

1  MPa 

i 

_L 

1  *C 

1  *C 

1  SL  HI 

2  Dry 

2198 

34847 

|  8.52 

39.5 

1 

18.00 

1  3.6 

|  48.5 

22.5 

j  6.0 

j  M  " 

Mia  RH 

1294 

190?2(RH) 

1  7.3 

34.8 

1 

26.33 

|12.2 

j  30.6 

22.5 

j  10.6 

|  M  M 

Max  RH 

5275 

19072(RH> 

|  6.83 

76.00 

1 

14.42 

1  3 

|  74.6 

13.0 

1  2.6 

|  SL  MO 

Drp 

1480 

35020 

|  9.31 

31.3 

1 

21.28 

1  7.3 

|  36.6 

24.6 

|  9.2 

j  M  « 

Min  RH 

734.3 

19167 ( RH) 

l  7.22 

27.4 

1 

37.33 

|17.6 

|  26. 5 

33.0 

|  15.7 

1  **  " 

Max  RH 

294  7 

19167 ( RH) 

|  7.50 

52.90 

1 

17.93 

1  7.3 

j  50.0 

15.3 

1  6.2 

I  SL  HO 

Idle 

100 

22471 

I  3.64 

3.16 

1 

31.47 

j  14 . 7 

|  11.3 

112.8 

|  53.2 

111  Km 

M.6  Max 

400 

32185 

I  8.05 

12.8 

1 

32.03 

1 14 . 7 

|  21.0 

52.8 

|  24. 5 

Dtp 

1 

i 

i 

Min  RH 

240 

17740 

|  4.14 

16.60 

1 

69.55 

|32.5 

|  14.7 

61.3 

|  28.5 

Max  RH 

945 

17740 

|  4.27 

23.5 

1 

25.20 

|11.7 

|  20.7 

22.0 

!  10.2 

Idle 

100 

26377 

j  5.0 

4.90 

1 

49.40 

123.2 

|  11.3 

113.5 

I  53.5 

Max  Pit  Idl, 

1 

176 

32669 

|  7.72 

|10.1 

1 

1 

1 

57.50 

1  27 

1 

j  20.2 

115.1 

|  54.5 

1 

1 

I  SL  MO 

ItSht 

1728  to 

|  0.35 

i 

i 

1 

1 

i 

i 

i 

i 

1 

1 

up 

2455 

i 

± 

1 

_L 

i 

j _ 

i 

i 

Reheat  pump  drained  when  reheat  off 

Speed  chosen  to  use  best  tested  model  without  deviation 


3 . 6  Pumping  System  Summary 

The  number  of  pumping  systems  considered  here  is  not,  of  course,  exhaustive. 
For  the  systems  considered,  one  may  draw  some  general  conclusions.  Except  at 
maximum  flow  and  at  light  up  the  single  pump  system  produces  fuel  pressures  in 
excess  of  requirements.  It  also  consumes  more  power  with  consequential  higher 
fuel  temperatures  particularly  at  the  critical  flight  idle  conditions  (See 
table  2) . 

By  sizing  the  pump  so  as  to  produce  only  the  pressure  required  for  reheat,  and 
adding  a  second  pump  on  the  same  shaft  to  add  the  additional  pressure  required 
for  main  engine  flow,  one  can  achieve  temperature  rises  nearer  those  offered 
by  the  conventional  system.  The  maximum  temperature  rise  however  is  in  excess 
of  that  with  the  conventional  system  (see  table  3). 

A  considerable  improvement  is  obtained  by  choosing  to  a  two  pump  system  in 
which  one  CF  pump  supplies  main  engine  flow,  whilst  the  other  supplies  reheat 
flow  and  is  drained  when  reheat  is  switched  off  (see  table  4). 

A  system  which  has  separate  main  and  reheat  CF  pumps  separately  driven  at 
speeds  proportional  to  engine  speed,  results  in  some  individual  temperature 
rises  higher  chan  those  obtained  in  the  other  systems  considered,  but  the 
maximum  temperature  rise  is  considerably  lower  (see  table  5). 

The  temperature  rise  in  the  system  is  an  important  consideration  and  from  this 
aspect  the  system  which  has  separate  main  and  reheat  centrifugal  pumps 
separately  driven  at  speeds  proportional  to  engine  speed  is  the  best  choice. 
To  satisfy  the  requirements  for  rapid  response,  minimum  power,  and  minimum 
fuel  temperature  rise,  a  pumping  system  which  has  an  engine  driven  centrifugal 
pump  for  reheat  flow,  which  is  drained  when  reheat  is  not  selected,  is  the 
appropriate  choice. 

We  shall  now  go  on  to  discuss  the  reheat  fuel  metering  system. 
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4.0  FAST  RESPONSE  88 HEAT  SYSTEM 


PIG  8:  SYSTEM  DIAGRAM 


Fig.  8  shows  the  block  diagram  of  a  fast  response  reheat  spates  that  has  been 
rig  tested. 

The  reheat  puap  has  a  shut-off  valve  at  its  inlet  and  a  dunp  valve  at  its 
outlet.  The  altering  control  consists  of  3  individual  aetering  controls  in 
parallel  with  distribution  and  shut-off  valves  at  the  reheat  manifolds  plus  a 
hot  shot  control. 

The  systea  has  demonstrated  the  ability  to  reach  full  reheat,  Including 
prlaing  and  hot  shot  within  1.8  sec.  froa  selection.  Accurate  stable  control 
was  maintained  throughout. 

4 . I  Metering  Controls 

The  aetering  valves  ace  servo  controlled  by  dual  coll  torque  notors  with 
position  feedback  froa  LVDT's. 

The  servo  supply  is  froa  the  Bain  engine  HP  fuel  puap  so  that  the  aetering 
valves  can  be  positioned  when  reheat  is  'off'  as  well  as  'on'.  This  enables 
the  first  pact  of  the  aetering  valve  travel  to  be  utilised  to  control  the 
ceheat  puap  inlet  valve  and  save  the  weight  and  cost  of  a  separate  reheat 
selection  solenoid.  It  also  allows  the  computer  to  check  correct  operation  of 
the  reheat  aetering  valves  when  reheat  is  'off'. 

Reheat  controls  are  often  required  to  fail  freeze  in  the  event  of  loss  of 
electrical  power,  this  avoids  loss  of  thrust  at  critical  conditions.  This  is 
achieved  by  having  equal  servo  areas  at  each  end  of  the  aetering  valves  and 
using  a  symmetrical  torque  aotor  and  flapper  arrangeaent  with  opposed  serve 
nozzles.  Thus  aetering  valve  position  is  the  Integral  of  aotor  current  and 
zero  current  results  In  zero  velocity.  This  null  condition  is  set  accurately 
on  build  by  an  adjustable  null  bias  on  the  torque  aotors.  To  ensure  that  the 
aetering  valve  does  not  aove  at  zero  current  under  flow  forces  or  'g‘  loads 
the  piston  has  sliding  cap  seals  or  piston  rings  which  give  a  friction  force 
of  about  ♦  20  lbf.  (+  89  newton). 

Thus  fail  freeze  is  achieved  by  siaply  switching  off  torque  aotor  current,  the 
friction  prevents  drift,  there  is  no  ')uap'  prior  to  freeze  and  no  additional 
locking  solenoid  or  piston  is  required.  Tests  show  that,  in  spite  of  the 
presence  of  friction  during  noraal  operation,  fast  stable  response  is  easily 
achieved  with  either  analogue  or  digital  position  control  loops.  See  test 
results  later. 
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The  pressure  drop  across  the  primary  metering  valve  is  kept  constant  by  a 
pressure  drop  piston  and  servo  throttle  valve.  In  order  to  save  weight  and 
cost  the  pressure  drop  piston  is  placed  inside  the  servo  throttle  valve.  The 
pressure  drop  piston  acts  against  a  spring  to  control  the  opening  of  a  servo 
nozzle  and  control  servo  flow  to  the  throttle  valve.  The  servo  flow  is  taken 
from  upstream  of  the  metering  valve  and  returned  downstream  so  that  the  servo 
flow  becomes  part  of  the  metering  valve  calibration  and  there  are  no  parasitic 
flow  losses.  The  spring  preload  is  altered  by  bi-metal  discs  to  give  fuel 
temperature  compensation  and  an  'O'  ring  on  the  pressure  drop  piston  prevents 
dirt  ingress. 

The  pressure  drop  across  the  bypass  and  core  metering  valves  could  be 
controlled  by  similar  combined  pressure  drop  and  servo  throttle  valves  to 
those  used  on  the  primary  control.  However  somewhat  faster  response  can  be 
achieved  by  using  equalising  valves  as  shewn.  These  throttle  so  as  to  make 
the  pressure  downstream  of  the  core  and  bypass  metering  valves  equal  to  that 
downstream  of  the  primary  metering  valve. 

The  equalising  valves  are  sized  to  give  a  high  corrective  force  in  the  event 
of  hysteresis  due  to  dirt.  As  well  as  improved  response,  the  equalising  valve 
arrangement  improves  reliability  due  to  the  lower  component  count  and  reduces 
cost . 

4 . 2  Reheat  Selection 


The  primary  and  core  metering  valves  are  moved  to  their  priming  flow 
positions.  This  opens  ports  in  series  in  the  two  metering  valves  to  supply  HP 
fuel  to  the  pump  inlet  shut-off  valve.  The  inlet  valve  then  opens  allowing 
the  pump  to  fill  and  as  pressure  builds  up  the  dump  valve  opens,  connecting 
the  pump  to  the  metering  valves  and  sealing-off  the  dump  connection.  It  takes 
only  0.1  secs  from  selection  to  produce  full  reheat  pump  delivery  pressure  and 
thus  establish  priming  flow,  the  metering  valves  already  being  in  the  priming 
position. 

The  computer  controls  the  opening  of  the  metering  valves  during  priming  and 
closes  them  down  to  reach  the  appropriate  minimum  reheat  position  at  the 
instant  the  manifolds  become  full  so  as  to  prevent  overprining.  Priming  can 
easily  be  achieved  in  0.6  sec  from  reheat  selection  and  if  the  core  and 
by-pass  shut-off  valves  are  at  manifold  outlet,  so  that  only  the  spray  bars 
have  to  be  primed,  then  priming  within  0.35  sec  of  selection  becomes  possible. 

4.3  Hot  Shot 

The  hot  shot  unit  consists  of  a  torque  motor,  a  pilot  valve  and  an  accumulator 
piston.  When  priming  is  complete  the  torque  motor  is  energised  to  move  the 
pilot  valve  to  the  discharge  position.  This  connects  one  side  of  the 
accumulator  to  the  injector  and  the  other  side  to  reheat  pump  delivery 
pressure  so  that  a  fixed  volume  of  fuel  is  discharged  under  pressure.  After 
firing  the  torque  motor  is  de-energised  so  that  the  pilot  valve  returns  to  the 
rerhargp  position  and  the  accumulator  is  recharged  from  reheat  pump  pressure. 

The  porting  in  the  pilot  valve  is  sufficiently  large  to  allow  rapid  recharging 
in  about  0.15  sec.  ready  for  repeat  firing  if  reheat  fails  to  light.  Rapid 
recharging  and  firing  is  possible  because  of  the  high  flow  and  pressure 
instantly  available  from  the  reheat  pump  without  affecting  metered  flow.  If 
HP  fuel  from  the  main  engine  control  were  used  there  would  be  a  risk  of 
causing  a  transient  drop  in  flow  to  the  main  engine.  if  the  accumulator  is  in 
the  discharged  position  for  any  reason  during  reheat  selection  then  it  will 
recharge  before  priming  is  complete. 

4 . 4  Modulation 

When  light  up  is  detected,  flow  is  increased  to  the  desired  level.  Rapid 
stable  modulation  from  minimum  to  maximum  and  maximum  to  minimum  in  0.5  sec  is 
possible  with  an  accuracy  of  better  than  +  6%  of  point  during  the  transient. 

At  low  flow  levels  even  distribution  to  all  the  spray  bars  on  the  core  and 
bypass  manifolds  is  ensured  by  having  a  number  of  distribution  valves  each 
feeding  a  number  of  spray  bars.  The  distribution  valves  have  a  calibrated 
flow  vs  pressure  drop  characteristic  to  ensure  accurate  distribution  with  a 
flow  accuracy  of  +  5%  of  point. 

The  valves  also  act  as  shut  off  valves  having  an  elastomeric  seal  to  give  a 
drip  tight  seal  when  shut  down.  When  shut  down  the  manifolds  are  kept  full  of 
fuel  so  that  only  the  spray  bars  have  to  be  primed,  this  greatly  reduces 
priming  time. 

If  required  the  bypass  channel  can  be  shut-off  at  minimum  reheat.  This  is 
achieved  by  ports  in  the  bypass  metering  valve  which  connect  downstream  of  the 
metering  valve  to  low  pressure.  This  causes  the  bypass  equalising  valve  to  be 
held  firmly  closed  by  the  higher  pressure  downstream  of  the  primary  metering 
valve.  A  soft  seat  on  the  end  stop  and  a  low  friction  seal  on  the  piston 
prevent  leakage  to  bypass  manifold  at  this  condition. 


21-13 


The  large  operating  force  available  at  the  equalising  valve  makes  the  error 
due  to  seal  friction  acceptable  during  metering.  When  bypass  flow  is  selected 
the  metering  valve  is  rapidly  opened  and  closed  to  the  minimum  flow  position 
to  prime  the  flow  line  and  then  opened  to  the  flow  level  required.  This 
allows  rapid  priming  particularly  if  the  distribution/shut-off  valves  are  on 
the  manifold  outlet  when  priming  in  less  than  0.25  sec.  1b  possible. 

4.5  Shut  Down 

Shut  down  is  achieved  by  moving  both  the  primary  and  bypass  metering  valves  to 
the  'off'  position.  This  shuts  off  the  HP  servo  supply  to  the  pump  inlet 
valve  which  then  closes,  under  the  action  of  the  spring,  as  servo  pressure 
decays  to  LP  via  a  fixed  restrictor.  The  inlet  valve  servo  supply  ports  on 
the  two  metering  valves  are  in  series  so  that  shut  down  can  be  achieved  by 
moving  only  one  of  the  metering  valves  in  the  event  of  failure  of  the  other 
valve. 

As  the  inlet  valve  shuts,  the  pump  starts  to  empty,  pumping  a  substantial 
portion  of  the  fuel  in  the  pump  to  the  primary  and  core  sprayers  and  pulling  a 
vapour  core  at  the  eye  of  the  impeller.  As  the  pump  empties,  pump  delivery 
falls  and  when  it  gets  sufficiently  low  the  pump  dump  valve  closes,  dumping 
the  small  volume  of  fuel  remaining  in  the  pump  and  shutting-off  the  supply  to 
the  metering  valves. 

The  distribution  and  shut-off  valves  then  close  keeping  the  system  full  of 
fuel.  The  low  pressure  return  line  from  the  hot  shot  unit  and  bypass  metering 
valve  has  a  non-return  valve  to  prevent  low  pressure  pressurising  the  system 
and  cracking  the  distribution  valves.  Thus  when  reheat  is  off  evaporation  of 
the  fuel  maintains  system  pressure  at  the  vapour  pressure  of  the  fuel 
corresponding  to  the  fuel  temperature.  The  distribution  valves  will  'crack' 
at  a  pressure  which  prevents  thermal  expansion  overpressurising  the  system. 

4 . 6  Test  Results 


Fig.  9: 


Fig.  10:- 


Pig.  11:- 
NOTE: 


U.V.  record  showing  selection  to  maximum  flow 

This  shows  reheat  selecton  at  time  zero  followed  by  a  short 
delay  as  the  inlet  valve  opens  and  then  a  sudden  rise  in  pump 
delivery  pressure  as  the  pump  becomes  full  of  fuel.  The 
primary  flow  commences  at  a  high  level  to  give  rapid  manifold 
priming  and  is  then  reduced  to  the  level  required  for  reheat 
operation.  At  the  same  time  the  core  flow  is  ramped  up  to 
the  level  required  for  minimum  reheat. this  also  primes  the 
core  spray  bars.  After  a  delay  for  hot  shot  firing  and 
light-up  detection,  the  core  flow  is  ramped  up  to  maximum 
level.  There  is  no  bypass  flow  until  almost  maximum  core 
flow,  then  a  spike  of  fuel  is  put  into  the  bypass  line  for 
priming  and  then  bypass  flow  is  ramped  up  from  a  low  level. 

This  record  shows  the  ability  to  achieve  selection  to  maximum 
flow  in  1.8  seconds  with  sequential  core  and  bypass  ramps. 
If  the  core  and  bypass  shut-off  valves  are  at  manifold 
outlets  to  reduce  priming  time  and  the  core  and  bypass  flows 
are  increased  together,  then  selection  to  maximum  flow  could 
be  reduced  to  as  little  as  1  second. 

U.V.  record  showing  minimum  to  maximum  flow  and  return 

In  this  case  reheat  flow  is  initially  at  a  minimum  level  with 
bypass  flow  shut  off.  As  core  flow  is  ramped  up  to  maximum, 
a  spike  of  flow  is  put  into  the  bypass  line  to  prime  it  and 
then  the  bypass  flow  is  ramped  up  after  core  flow  reaches  its 
maximum  level. 

This  record  shows  the  ability  to  modulate  reheat  flow  from 
minimum  core  flow  and  zero  bypass  flow  to  maximum  flows  in 
0.6  seconds  inducing  priming  of  the  bypass  manifold. 

Computer  simulation  for  the  same  conditions  as  rig.  10 
showing  good  agreement  with  test  results. 

rigs  9  and  10  show  linear  ramps  in  metering  valve  position 
with  time  giving  a  non-linear  relationship  between  flow  and 
time  due  to  the  exponential  nature  of  the  metering  valve 
profiles . 
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Fig.  12:-  Record  of  0.5  second  flow  ramp. 

This  shows  the  ability  to  achieve  a  0.5  second  flow  ramp 
between  minimum  and  maximum  flow  inspite  of  the  exponential 
metering  valve  profiles. 

Fig.  13:-  Transient  flow  error  for  record  in  Fig.  12. 

This  shows  that  the  transient  error  between  demanded  flow,  as 
indicated  metering  valve  position,  and  actual  fuel  flow  does 
not  exceed  8%  of  point  for  a  0.5  second  flow  ramp. 

Fig.  14:-  Fail  freeze 

This  shows  torque  motor  current,  metering  valve  position  and 
flow  vs  time  foe  a  saw  tooth  wave  position  demand,  giving 
full  travel  of  the  metering  valve  in  0.5  sec.  Failure  is 
simulated  at  0.54  sec  by  switching  current  to  zero.  This 
results  in  immediate  freeze  of  the  metering  valve  and  flow, 
with  no  measurable  delay.  Fail  freeze  is  maintained 
indefinitely  with  no  creep. 
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FAIL  FREEZE 

FIG.  14 


4 . 7  Reheat  System  Summary 

The  fast  response  reheat  metering  system  described  here  has  demonstrated  the 
ability  to  reach  maximum  reheat  within  1.8  seconds  from  selection  and  promises 
even  faster  response.  The  system  has  also  demonstrated  the  ability  to 
modulate  flow  between  minimum  and  maximum  in  0.5  seconds  with  stable  accurate 
control.  Fail  treeie  at  the  instant  of  electrical  failure  was  achieved 
without  the  penalty  of  additional  locking  solenoids  and  valves. 

5.0  CONCLUSIONS 


The  report  has  discussed  a  number  of  possible  pumping  systems  and  shown  that 
with  present  technologies  an  engine  driven  centrifugal  reheat  pump  which  is 
drained  when  reheat  is  switched  off  is  a  good  choice  from  both  the  points  of 
view  of  avoiding  excessive  heating  up  of  the  fuel  and  of  achieving  a  rapid 
response  reheat  system.  The  reheat  valve  control  described  has  shown  from 
analysis,  simulation  and  rig  results  that  it  is  possible  to  achieve  necessary 
rapid  response  and  high  accuracy  with  a  comparatively  simple  valve  metering 
mechanism. 

As  always  it  is  possible  to  see  future  developments  and  improvements.  These 
would  include  for  example  smart  valves  in  which  each  valve  meters,  distributes 
and  shuts  off  fuel  downstream  of  a  single  manifold,  giving  substantial  weight 
saving.  It  should  be  possible  to  develop  centrifugal  pumps  having  high 
efficiency  at  high  turn  down  ratios  allowing  a  single  pump  to  be  used  for  both 
reheat  and  main  engine  system.  Sufficiently  accurate  flow  meters  would 
enable  deletion  of  the  pressure  drop  control  in  the  reheat  system. 
Development  of  a  variable  speed  drive  to  interpose  between  the  engine  and  fuel 
pump  would  allow  the  use  of  a  centrifugal  pump  which  would  not  need  to  have 
particularly  good  efficiency  at  high  turn  down  and  would  remove  the  necessity 
for  any  starter  pump. 

These  may  be  the  subject  of  future  papers. 
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CP 

9B/86C 

HP 

J/gram 

KM 

KW 

LI 

LVDT 

M 

MPa 

MTBF 

NH 

RH 

SL 

UV 


Centrifugal 
Graemes  per  second 
High  Pressure 
Joules  per  gramme 
Kilometers 
Kilowatts 
Low  pressure 

Linear  Variable  Differential  Transducer 
Mach  Number 
Mega  Pascal 

Mean  Time  Between  Failures 

Engine  High  Pressure  Shaft  Speed 

Reheat 

Sea  Level 

Ultra  Violet 


DISCUSSIOW 


E.G.  HUNT,  UK 

1)  I  made  the  comment  that  the  statement  In  the  report  that  the  vapour 
core  pump  Is  associated  with  slow  response  of  afterburner  thrust  is  not 
correct.  Many  European  &  American  fuel  systems  use  vapour  core  pumps  and 
meet  the  specification.  The  authors  have  set  as  their  target  1.8  seconds 
from  reheat  selection  to  maximum  thrust.  I  quoted  the  Tornado  as  2.0  seconds 
from  selection  to  maximum  thrust  and  even  this  Is  a  limit  set  by  the  nozzle 
actuation  system,  and  not  the  pump  control  system. 

2)  The  fuel  temperature  rise  problem  is  due  to  the  combustion  system. 
Have  the  autors  discussed,  with  the  engine  manufacturers,  how  the  design  of 
the  combustion  system  might  be  modified  to  obtain  lower  pressures  for  fuel 
atomisation  and  distribution  ? 

Author's  Reply 

1)  The  authors  thank  Mr  Hunt  for  his  comment 

2)  the  authors  hold  frequent  discussions  with  engine  manufacturers  on 
the  point  raised. 

N.A.  BAIRSTO,  UK 

Of  the  pumping  systems  described,  what  are  the  relative  weights  ? 

Do  you  have  to  take  a  system  approach  to  pump  selection,  to  Include 
the  weight  Influence  of  pump  air  cooled,  fuel  cooler,  etc...  and  match  this 
against  the  temperature  rises  of  each  pumping  method  ? 

Author's  Reply 

The  authors  agree  that  It  Is  necessary  to  take  account  of  a  lot  of 
factors  other  than  merely  fuel  temperature  in  comparing  pumping  systems. 
These  Include  total  weight,  starting  and  relighting  the  engine,  pump  suc¬ 
tion  performance,  etc. 

This  was  felt  to  be  beyond  the  scope  of  the  paper  presented.  It  is 
misleading  to  quote  relative  weights  of  the  pumps  discussed  without  conside¬ 
ring  the  effects  or.  the  rest  of  the  system. 

Of  the  systems  described,  the  relative  weights  lightest  first,  are  : 

Single  CF  pump 
Double  Impel  lor  pump 
Two  shaft  system 
Conventional  three  pump  system 

The  conventional  system  Is  probably  the  only  one  which  meets  all  pre¬ 
sent  performance  criteria. 
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J.S.  LEWIS,  UK 

What  do  you  propose  to  do  with  the  fuel  which  is  drained  from  the  CF 
pump  ?  Overboard  dumping  of  fuel  is  not  considered  acceptable  on  reheat  can¬ 
cellation. 

Author's  Reply 

Some  fuel  is  dumped  from  primary  manifolds,  and  core  and  by  pass  in¬ 
jectors  on  cancellation  of  reheat,  and  presumably  this  quantity  is 
acceptable.  The  quantity  of  fuel  involved  In  draining  a  reheat  pump  will  add 
only  a  small  amount  to  that  already  being  dumped. 
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Abstract 

The  aerodynamic  performance  of  a  scale-model,  counter-rotating  unducted 
fan  has  been  determined  and  the  results  are  discussed  herein.  Experimental 
investigations  were  conducted  using  the  scale-model  propulsor  simulator  and 
uniquely-shaped  fan  blades  designed  by  the  General  Electric  Company  under 
contract  to  NASA.  The  blades,  designed  for  a  high  disk  loading  at  Mach  0.72, 
35000  feet  altitude  max  climb  condition,  are  aft-mounted  on  the  simulator  in  a 
"pusher”  configuration.  Data  are  compared  with  analytical  predictions  at  the 
design  point  and  show  good  agreement. 
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Subscripts 


Advance  Ratio 
Flight  Mach  Number 

Power  Coefficient  550  SHP/A/oN3D3 

Thrust  coefficient  FEF/k^o  n2d2 

Annulus  Area,  ft2 

Rotor  Tip  Diameter,  ft 

Rotor  Speed ,  rps 

Free-Stream  Velocity,  fps 

Shaft  Horsepower 

Rotor  Torque,  ft-lbs 

Blade  Angle  at  3/4  Radius,  degrees 

Air  Density,  slugs/ft3 

Net  Efficiency  J  x  TQA/ PQA 

Rotor  Balance  Force,  lbs. 

Upstream  Face  Pressure  Force,  lbs. 
Downstream  Face  Pressure  Force,  lbs. 
Tare  Corrected  Hub  Force,  lbs. 

Forebody  Force ,  lbs .' 

Afterbody  Force ,  lbs . 

Effective  Thrust,  lbs. 

Total  Pressure  Ratio 
Total  Temperature  Ratio 

Forward  Rotor 
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i.  introduction 

The  unducted  fan  engine  (UDF71*)  under  development  by  the  General 
Electric  Company  has  evolved  over  the  past  four  years  from  the  need  for  a  more 
fuel-efficient  power  plant.  Conventional  high  bypass  ratio  turbofans,  which 
were  the  engineering  development  creations  of  the  1960's  and  1970's,  have  been 
pushed  to  practical  limits  of  diameter  and  weight  as  thrust  demands  have  grown 
to  60,000+  lbsi  How,  the  technology  advancements  of  the  1980 's  have  led  to  the 
ultra -high  bypass  ratio  fans  with  their  potential  for  significant  improvements 
in  the  fuel  economy  of  modem  jet  aircraft.  The  unducted  fan  engine  with  high 
disk  loading  and  counter-rotating  blades  offers  the  industry  the  performance 
benefits  of  ultra-high  bypass  ratio  without  a  large  diameter  duct  and  the 
associated  weight  penalty  [1].  The  direct-drive  of  the  variable  pitch  fan 
blades  from  counter-rotating  power  turbine  stages  further  enhances  the  engine 
concept  by  eliminating  the  complexity,  weight  and  maintenance  problems  of  a 
gearbox. 

The  General  Electric  UDF™  engine,  which  was  flight  tested  on  the  Boeing 
727  from  August  1986  through  early  1987,  and  soon  to  be  flight  tested  on  the 
McDonnell-Douglas  MD-80,  operates  with  11.67  ft.  diameter  counter-rotating  fan 
blades.  The  demonstrator  engine  blades  were  designed  in  early  1984  and 
followed  by  an  extensive  scale-model  wind  tunnel  test  program  aimed  at 
developing  the  unducted  fan  technology  needed  to  meet  the  engine  requirements. 
Aerodynamic,  acoustic  and  aero-mechanical  performance  aspects  of  several 
counter-rotating  blade  configurations  were  investigated  in  the  test  program 
funded  by  NASA  contract  and  also  sponsored  by  General  Electric  independent 
research  and  development.  Since  1984,  scale-model  testing  of  General  Electric 
unducted  fan  designs  has  been  conducted  at  the  Boeing  low-speed  and  transonic 
wind  tunnels,  the  NASA-Lewis  8'  x  6'  high  speed  tunnel  and  the  General  Electric 
anechoic  test  chamber.  NASA-funded  programs,  such  as  this,  aimed  at 
researching  the  counter-rotation  scheme  and  the  development  of  thin  swept, 
composite  airfoils,  have  been  the  natural  extension  of  the  single  rotation 
prop-fan  program  activity  initiated  by  NASA  in  the  mid  1970's  [2]. 

In  the  following  discussion,  aerodynamic  performance  results  and  analysis 
from  wind  tunnel  testing  of  a  scale-model  counter-rotating  unducted  fan 
configuration  similar  to  the  full-scale  demonstrator  engine  configuration  will 
be  presented.  The  blade  design,  manufacture,  test  in  the  NASA  8'  x  6'  wind 
tunnel  and  data  analysis  of  this  configuration  were  funded  through  NASA 
Contract  NAS3-24080.  The  Boeing  transonic  wind  tunnel  test  and  data  analysis 
of  the  same  configuration  were  funded  through  General  Electric  independent 
research  and  development. 


II.  TEST  RIG  DESCRIPTION 

The  Model  Propulsion  Simulator  (MPS)  is  a  counter-rotating  unducted  fan 
engine  model  propulsion  system  designed  for  testing  "pusher"  type  fan  blade 
configurations  in  either  subsonic  or  transonic  wind  tunnels  [3].  The  overall 
length  from  the  nacelle  forebody  nose  to  the  aft  end  of  the  drive  turbine 
housing  is  119.3  inches  and  the  propulsor  tip  diameter  is  24.5  inches. 

The  MPS  SN001  unit  was  used  for  testing  in  the  8  foot  x  12  foot  Boeing 
Transonic  wind  Tunnel  (BTWT) .  The  MPS  SN003  unit  was  used  for  testing  in  the 
NASA-Lewis  8  foot  x  6  foot  transonic  wind  tunnel  and  is  nearly  identical  to  the 
SN001  unit.  A  photograph  of  the  MPS  rig  installed  in  the  BTWT  is  shown  in 
Figure  1.  In  the  wind  tunnel,  the  MPS  is  mounted  on  a  strut  extending  from  the 
floor  of  the  test  section  such  that  the  MPS  centerline  coincides  with  the 
centerline  of  the  test  section.  For  this  test,  the  wind  tunnel  walls  were 
acoustically  treated  to  allow  for  the  measurement  of  the  unducted  fan  noise  at 
all  critical  operating  points. 

The  MPS  rig  is  shown  with  the  pylon  attached  to  a  sting  off  of  the 
support  strut.  The  strut  is  positioned  on  a  turntable  which  can  be  rotated  to 
simulate  angles  of  attack.  The  pylon  is  soft-mounted  to  the  nacelle  forebody 
and  can  be  translated  axially  to  two  different  positions  relative  to  the 
forward  blade  leading  edge.  Testing  in  the  BTWT  was  performed  with  and  without 
the  pylon  installed.  In  the  NASA  transonic  tunnel,  a l1,  testing  was  performed 
without  the  pylon  and  at  2ero  angle  of  attack. 

The  nacelle  consists  of  two  sections,  the  forebody  and  the  afterbody. 

The  forebody  is  an  ellipsoid-shaped  shell  supported  from  the  non-rotating 
center  shaft  of  the  MPS  rig.  Its  shape  represents  the  faired-over  inlet  and 
nacelle  of  an  unducted  fan  engine  and  was  designed  to  produce  diffusion  of  the 
airflow  just  ahead  of  the  counter-rotating  blade  rows  to  reduce  the  shock 
strengths  in  the  blading.  The  afterbody  shape  approximates  the  outer  boundary 
of  the  turbine  exhaust  air  exiting  an  actual  engine?  it  has  a  short  6  inch 
diameter  section  before  flaring  to  encompass  the  MPS  drive  turbine  housing. 

The  flowpath  hubs  provide  the  attachment  and  locking  mechanisms  for  the  8 
forward  and  8  aft  rotor  blades.  The  forward,  or  inner  shaft,  hub  rotates 
counter-clockwise  (aft  looking  forward)  while  the  aft,  or  outer  shaft,  hub 
rotates  clockwise.  A  portion  of  the  blade  hub  flowpath,  as  well  as  the  blade 
platforms,  are  dished  to  provide  area-ruling  for  the  blade  root  thickness  where 
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the  through-flow  Mach  numbers  would  otherwise  be  the  highest.  The  inner  and 
outer  hubs  attach  to  the  metric  side  of  the  rotating  force  balances  which,  i’» 
turn,  attach  to  the  rotating  shaft. 

Propulsor  loads  are  measured  by  rotating  force  balances  gaged  to  measure 
thrust  and  torque.  The  rotating  force  balances  incorporate  strain  gaged 
flexure  beams  for  thrust  and  torque  load  measurement.  These  balances  are 
installed  between  the  rotating  inner  shaft  and  the  forward  hub  and  the  rotating 
outer  shaft  and  the  aft  hub;  the  balances  are  completely  interchangeable. 


The  MPS  SN002  unit  is  a  vertical  assembly  mounted  in  the  General  Electric 
Cell  41  Anechoic  Chamber.  The  facility  description  is  shown  in  Figure  2.  The 
propulsor  is  located  1.3  fan  diameters  downstream  of  the  free-jet  nozzle  exit. 
The  Mach  number  capability  of  the  free-jet  facility  for  aerodynamic  and 
acoustic  testing  is  from  0  to  0.35.  The  shape  of  the  MPS  SN002  forebody  and 
afterbody  in  the  region  near  the  propulsor  blades  is  identical  to  the 
horizontal  MPS  SN001  and  SN003  vehicles.  Since  the  vehicle  is  driven  by  a  shaft 
from  the  bottom  and  the  flow  is  from  bottom  to  top  in  the  vertical  assembly, 
the  forebody  does  not  close  but  blends  into  the  turbine  housing  as  shown  in  the 
photograph  of  Figure  3.  The  afterbody  contour  is  the  same  as  the  horizontal 
SN001  shape  extending  to  the  6  inch  diameter  cylindrical  section  and  then  is 
closed  out  with  an  elliptical  shape  at  the  top  of  the  model. 

Data  from  the  KPS  SN001  and  SN003  vehicles  are  presented  herein. 

III.  INSTRUMENTATION  AMP  DATA  REDUCTION 

A  data  reduction  program  was  set  up  to  calculate  the  important 
performance  parameters  from  the  instrumentation  measurements  made  during  the 
wind  tunnel  testing  of  the  MPS  rig.  standard  wind  tunnel  procedures  were  used 
to  obtain  free-stream  total  and  static  pressures  and  temperatures,  tunnel  Mach 
number,  velocity,  density  and  Reynolds  number.  The  basic  MPS  measurements 
included  the  blade  angle,  rotational  speed,  axial  thrust  and  torque  for  each  of 
the  counter-rotating  blade  hubs.  Force  balance  measurements  were  corrected  for 
dynamic  effects  to  get  the  true  thrust  and  torque  values.  Four  of  the  blades 
on  each  hub  are  instrumented  with  three  strain  gages  each.  Signals  from  these 
strain  gages  are  routed  through  telemetry  to  a  14  track  magnetic  tape  and 
monitoring  equipment  in  the  control  room. 

Five  rows  of  thirteen  static  pressures  are  located  on  the  nacelle 
forebody  from  the  nose  to  the  forward  rotor  leading  edge.  Four  rows  of  twelve 
static  pressure  are  located  on  the  afterbody  downstream  of  the  aft  rotor 
trailing  edge  to  the  point  where  the  afterbody  shape  blends  into  the  6  inch 
diameter  cylinder  just  ahead  of  the  turbine  housing  and  support  strut.  Static 
pressure  measurements  on  the  MPS  forebody  and  afterbody  as  well  as  in  the 
cavities  between  rotors  were  used  to  correct  the  forces  measured  by  the  hub 
balances,  FBALC1  and  FBALC2 .  A  schematic  of  the  MPS  in  Figure  4  shows  the 
location  and  direction  of  all  the  forces  acting  on  the  model.  The  body 
pressures  are  integrated  over  incremental  projected  areas  assigned  to  each 
static  pressure  tap. 

The  resultant  forces,  FFB  and  FAB,  are  calculated  for  both  the  blades-on  and 
blades-off  configurations  and  used  in  the  equations  (below)  to  define  the  total 
effective  blade  thrust.  The  hub  balance  force  data  are  corrected  for  the 
upstream  and  downstream  hub  face  pressure  integrals.  Static  pressure  taps  on 
the  upstream  and  downstream  faces  of  the  rotors  at  different  radial  positions 
in  the  cavities  beneath  the  flowpath  are  area-averaged  and  represent  tare  force 
corrections  (FHU  and  FHD)  to  the  hub  balance  thrust  measurements.  The  hub 
forces  measured  with  blades  off  (FH1  and  FH2)  are  equal  to  or  very  nearly  zero 
for  both  high  speed  wind  tunnel  tests. 

The  MPS  effective  thrust  includes  the  change  in  nacelle  forces  due  to  the 
action  of  the  blading.  Effective  thrust  can  be  calculated  as  the  change  in  hub 
thrust,  with-blades  minus  without-blades,  plus  the  change  in  nacelle  body 
forces  (i.e.  the  forebody  and  afterbody  pressure  integrals)  with  and  without 
blades.  Each  rotor  thrust  is  credited  (or  debited)  by  half  of  the  forebody 
induced  force  and  half  of  the  afterbody  induced  drag.  The  resultant  equations 
(1)  and  (2)  for  the  effective  thrust  of  each  rotor  are: 


FEF1  -  FBALC1  +  FH1U  +  FH1D  -  1/2  [AFFB  +  &FAB] *  -  FH1**  (1) 

and 

FEF2  -  FBALC2  +  FH2U  +  FH2D-  1/2  (A FFB  +  AFABJ*  -  FH2**  (2) 

♦Blades  On  Minus  Blades  Off 
**  Blades  Off 

The  total  propulsor  effective  thrust  (3)  is  the  sum  of  the  two  individual  rotor 
thrusts : 


i 


FEF  -  FEF1  +  FEF2 


(3) 
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thrust  (FEF)  is  then  used  to  determine  the  propulsor  net 


-  rer  *  v o  <4) 

550  SHP 

In  summary,  the  effective  thrust  is  determined  by  using  the  blades-on  rotor 
force,  first  corrected  for  the  tare  force  (integrated  hub  face  pressure),  then 
corrected  for  blading  induced  body  forces  (blades-on  versus  blades-off 
forebody  and  afterbody  pressure  integrals),  and  finally,  incremented  from  the 
hub  force  measured  with  the  blades  removed. 


The  total  effective 
efficiency: 


NBT 


IV.  Blada  Design 

The  unducted  fan  blades,  named  F7A7,  were  designed  at  the  Mach  0.72, 
35000  ft.  altitude  max  climb  flight  condition.  There  are  8  blades  in  the 
forward  rotor  and  8  blades  in  the  aft  rotor,  each  having  an  activity  factor  of 
ISO.  The  blades  are  designed  at  a  high  disk  loading  (SHP/A)  of  86  to  minimize 
the  diameter  and  weight  of  the  full-scale  UDF™  engine.  The  aerodynamic 
design  of  the  unducted  fan  blades  was  carried  out  using  the  general  method 
described  by  Smith  [4].  The  design  specified  custom  tailored  airfoil  and 
flowpath  shapes  designed  to  have  favorable  velocity  distributions  with 
minimum-strength  shocks.  The  composite  construction  and  moderate  sweep  cause 
the  blades  to  deform  substantially  from  the  static  to  the  running  condition, 
and  a  finite-element  elastic  model  was  employed  to  account  for  this  change. 
However,  after  the  airfoil  molds  were  made,  the  originally  intended  stiffness 
in  the  chordwise  direction  was  increased,  resulting  in  airfoils  with  2-4° 
more  camber  than  intended  in  the  running  condition.  Subsequent  analysis  by  GE 
and  NASA  [5]  have  indicated  that  the  tested  airfoils  might  have  relatively 
strong  shocks  at  the  trailing  edge. 

The  blades  are  designed  and  manufactured  in  the  24.5  inch  diameter 
scale-model  size  for  wind  tunnel  testing  at  sea  level  atmospheric  pressure. 

The  following  table  shows  the  aerodynamic  design  parameters  of  the  F7A7 
configuration. 


TABLE  IV- 1 


Mach  No. /Altitude 

0.72/35000 

Advance  Ratio,  J 

2.80 

Power  Coefficient,  PQA 

4.17 

Tip  Speed,  ft/ sec 

780 

Radius  Ratio 

0.42 

Total  Activity  Factor 

2400 

Aero  Tip  Sweep,  FWD/AFT,  deg. 

33/29 

A  planform  sketch  of  the  MPS  forward  rotor  blade,  F7,  is  shown  in  Figure 
5.  The  blade  is  made  from  a  composite  material  of  graphite  fibers  with  a 
titanium  shank  and  spar  extending  to  approximately  50%  of  the  blade  span.  The 
blades  are  designed  with  chord,  thickness  and  sweep  distributions  that  will 
allow  aero-mechanical  stability  over  the  entire  operating  range. 


v.  wind  Tunnel  Test  Data 

Aerodynamic  testing  was  conducted  in  the  Boeing  Transonic  Wind  Tunnel 
(BTWT) ,  the  NASA  8’  x  6'  Wind  Tunnel,  and  the  General  Electric  Anechoic 
Chamber,  Cell  41.  The  BTWT  was  configured  with  acoustic  wall  panels  and  the 
vehicle  was  tested  at  tunnel  speeds  from  Mach  0.24  to  Mach  0.81.  Testing  was 
done  with  and  without  the  pylon  and  at  angles  of  attack.  Forward-to-aft  rotor 
spacing  effects  were  evaluated  and  reverse  thrust  was  measured.  A 
circumferentially  traverseable  rake  was  used  to  measure  total  pressure,  total 
temperature  and  yaw  angle  downstream  of  the  aft  rotor  for  certain  key 
aerodynamic  test  points.  Rotor  spacing  effects  were  also  investigated  in  the 
NASA  tunnel.  Low  speed  aerodynamic  testing  was  performed  in  the  GE  anechoic 
chamber . 


The  F7A7  blades  were  tested  in  the  high  speed  wind  tunnels  over  a  wide 
range  of  Mach  numbers,  pitch  angles  and  rotor  speeds.  The  blades  were  first 
set  to  pitch  angles  that  would  give  equal  rotor  torques  at  design  speed  and  the 
tunnel  was  brought  up  to  the  test  Mach  number  with  the  blades  windmilling.  The 
rotors  were  powered  to  the  minimum  speed  above  windmill  and  data  were  taken 
with  equal  rotor  speeds  at  several  increments  up  to  110%  design  speed.  The 
tunnel  Mach  number  was  then  adjusted  slightly  up  and  down  from  the  nominal 
setting  and  the  test  was  repeated  at  the  same  equal  rotor  speed  points.  The 
initial  pitch  angles  tested  were  chosen  to  produce  the  power  required  along  the 
max  climb  flight  path  at  100%  speed  on  both  rotors  and  equal  torques  per  stage. 


V 


p 
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A.  Overall  Performance 

In  the  Boeing  transonic  wind  tunnel,  the  data  were  taken  at  tunnel  speeds 
from  Mach  0.24  to  Mach  0.81  without  the  pylon  and  at  zero  angle  of  attack.  The 
overall  performance  of  the  F7A7  blades  for  these  conditions  is  presented  in 
Figure  6.  The  power  coefficient,  PQA,  and  net  efficiency  are  plotted  as  a 
function  of  the  advance  ratio  of  the  forward  rotor,  Jl.  The  efficiencies 
plotted  are  as-measured  and  do  not  account  for  strain  gage  effects  nor  dynamic 
model  calibration.  When  applied  to  the  test  data,  these  corrections  will 
increase  the  net  efficiency  by  2-3  points  at  the  high  Mach  numbers.  Each  power 
line  represents  a  different  tunnel  Mach  number  with  a  different  set  of  pitch 
angles.  The  max  climb  target  design  point  at  Mach  0.72  is  shown  on  the 
performance  map. 

The  net  efficiency  interpolated  on  the  performance  map  from  the  measured 
data  to  the  design  point  is  811.  The  effects  of  increasing  Mach  number  can  be 
seen  by  tracing  the  fall-off  of  efficiency  along  a  constant  power  loading 
line.  The  data  trend  shows  that  at  Mach  0.65  the  efficiency  at  85%,  dropping 
to  77%  at  Mach  0.81.  At  low  speed,  such  as  the  takeoff  condition  at  Mach  0.24, 
the  net  efficiency  is  62%. 

Blade  pitch  angle  variations  were  made  at  the  Mach  0.24  and  Mach  0.70 
test  conditions  and  the  performance  data  are  shown  in  Figures  7  and  8, 
respectively.  The  efficiency  data  when  plotted  versus  the  loading  parameter, 
PQA/J  ,  collapse  to  nearly  a  unique  line  for  most  of  the  pitch  angles 
tested.  When  the  loading  differs  greatly  from  the  nominal  value,  the 
efficiency  data  will  depart  from  a  single  line.  This  is  the  case  at  Mach  0.24 
(Figure  7)  with  both  rotors  open  approximately  5°  from  nominal.  The  blade 
loading  is  significantly  higher  and  the  efficiency  is  2-3  points  less  than 
nominal  pitch  angle  data.  At  Mach  0.70  (Figure  8) ,  the  three  pitch  angle 
settings  vary  only  1-2  degrees  from  each  other  and  produce  efficiency  levels 
within  0.5  point.  The  most  open  setting  with  the  blades  running  slower  for  the 
same  power  absorbed  gives  slighlty  higher  efficiency. 

B.  Rotor_Spac ing  Effects 

Rotor  spacing  effects  were  investigated  at  Mach  0.80  with  three  different 
spacings  of  the  rotor  pitch-change  axes.  The  spacings  varied  from  the  minimum 
axial  distance  to  blade  diameter  ratio  of  .14  to  the  maximum  value  of  .24.  The 
nominal  distance  for  which  most  of  the  wind  tunnel  testing  was  conducted  was 
4.16  inches.  Figure  9  shows  that  for  larger  spacing  between  rotors,  less  power 
is  absorbed  by  the  rotors  at  the  same  advance  ratio,  even  though  the  pitch 
angles  are  held  constant.  The  spacing  effect  on  efficiency  is  shown  in  Figure 
10  by  plotting  the  data  versus  the  power  loading  parameter,  PQA/J3.  The 
minimum  spacing  gives  the  highest  efficiency  at  all  Mach  0.8  loading  levels, 
approximately  1.0  to  1.5  points  higher  than  the  nominal  spacing.  The  maximum 
spacing  is  2  points  worse  in  efficiency  than  the  nominal  spacing.  Other  F7A7 
wind  tunnel  data  (Figure  11)  show  that  at  slightly  lower  Mach  numbers,  down  to 
Mach  0.67,  the  nominal  to  maximum  spacing  effect  is  1-2  points  in  net 
efficiency,  while  the  minimum  to  nominal  effect  is  less.  At  takeoff  Mach  0.25, 
the  test  data  indicate  that  rotor  spacing  has  little  or  no  effect  on  net 
efficiency. 

The  proximity  of  the  downstream  rotor  to  the  upstream  rotor  has  a 
pronounced  effect  on  the  torque  split  between  rotors.  Data  are  shown  in  Figure 
12  for  three  different  spacings.  At  equal  power  and  RPM,  the  total  torque 
remains  the  same  but  the  split  between  rotors  is  different.  The  torque  ratio 
(Q2/Qi)  decreases  as  spacing  increases  since  the  induced  effect  of  the 
downstream  rotor  is  diminished.  If  the  spacing  was  further  increased,  the 
effect  would  continue  to  lessen  to  the  extreme  condition  where  the  downstream 
rotor  is  so  far  removed  from  the  upstream  rotor  that  it  acts  as  an  isolated 
blade  row  having  no  effect  at  all. 

c.  Angle  oL  AtaacX/Pyipn  tegtg 

Aerodynamic  performance  data  taken  in  the  transonic  wind  tunnel  to  assess 
the  effect  of  angle  of  attack,  with  and  without  pylon,  at  Mach  0.24  and  Mach 
0.70,  are  shown  in  Figures  13  through  16.  The  three  graphs  in  Figure  13  show 
the  net  efficiency,  power  coefficient  and  torque  ratio • parameters  as  a  function 
of  advance  ratio  for  the  F7A7  configuration  without  pylon  at  Mach  0.24.  Data 
are  shown  for  three  angles  of  attack,  o,  5  and  16  degrees,  with  constant  pitch 
angles.  Similar  data  are  shown  in  Figure  14  at  Mach  0.70  at  zero  and  two 
degrees  angle  of  attack,  since  the  model  is  rotated  in  the  tunnel  on  a 
platform  by  the  angle  of  attack  (oC)  the  free-stream  velocity  (Vo)  in  the 
direction  of  thrust  is  equivalent  to  Vo  cosot.  correcting  the  advance  ratio, 
Ji,  by  the  cosine causes  the  data  to  collapse  to  one  curve  for  all  angles 
or  attack  on  the  power  coefficient  plot.  The  effect  on  the  torque  ratio  lines 
is  to  spread  them  farther  apart  with  increasing  angle  of  attack. 

The  measured  thrust  is  in  the  direction  of  the  model  centerline  axis 
skewed  from  the  free-stream  tunnel  direction  by  the  angle  of  attack.  The 
normal  force  on  the  blades  as  a  result  of  the  model  direction  relative  to  the 
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airflow  was  not  measured,  and  its  streamwise  component  is  therefore  not 
accounted  for  in  the  efficiency  calculation.  The  word  "apparent"  has  been 
added  to  the  efficiency  label  to  indicate  that  it  is  not  a  true  efficiency. 

With  the  pylon  installed  at  the  bottom  of  the  model,  as  shown  in  the 
photograph  of  Figure  l,  the  test  points  are  repeated  at  the  same  Mach  numbers 
and  blade  pitch  angles.  The  power  coefficient,  apparent  net  efficiency  and 
torque  ratio  data  are  shown  in  Figures  15  &  16.  Since  the  pylon  drag  is  not 
measured  by  the  rotor  force  balances  and  not  otherwise  accounted  for  in  the 
overall  thrust,  the  apparent  efficiency  values  with  pylon  on  are  approximately 
the  same  as  the  pylon  off  data,  but  slightly  higher.  Now,  the  free-stream 
velocity  correction  is  no  longer  appropriate  to  collapse  the  power  coefficient 
lines  because  of  the  angular  momentum  change  caused  by  the  pylon.  The  pylon 
effect  is  most  noticeable  in  how  it  affects  the  level  of  torque  ratio.  With 
increasing  angle  of  attack,  the  pylon  acts  like  an  inlet  guide  vane  producing 
counter  swirl  into  the  forward  rotor  and  loading  it  relative  to  the  aft  rotor. 
The  schematic  of  the  MPS  in  the  wind  tunnel,  Figure  17,  shows  that  positive 
angles  of  attack  produce  counter-swirl  into  the  forward  rotor,  negative  angles 
produce  pre-swirl. 

In  Figure  15  at  Mach  0.24,  the  aft-to-forward  rotor  torque  ratio 
(Q2/Q1) •  varies  from  1.0  at  zero  angle  of  attack  to  0.85  at  5^  and  0.60 
at  16®.  The  large  split  in  torque  per  stage,  observed  from  test  with 
constant  pitch  angles  and  constant  speeds,  will  be  corrected  in  the  installed 
engine  by  varying  blade  pitch  angles  and  maintaining  equal  speeds  as  the 
airplane  climbs  out  from  takeoff  at  some  angle  of  attack.  The  direction  of 
pitch  angle  change  will  also  vary  from  right-hand  engine  to  left-hand  engine 
since  the  direction  of  forward  rotation  is  down  inboard  on  the  airplane  right 
side  and  up  inboard  on  the  left  side.  An  estimate  of  the  amount  of  angle 
change  required  to  offset  unequal  torques  is  shown  in  Figure  18.  Data  from 
low-speed  tests  at  Mach  0,  .2  and  .4  were  cross-plotted  to  obtain  the  amount 
of  /v?  2  change,  holding  1  constant,  as  a  function  of  torque  ratio. 

D.  BgtQI_ffP££<flS 

Wind  tunnel  data  were  taken  at  Mach  0.72  with  unequal  rotor  speeds  over  a 
wide  range  of  RPM's.  Figure  19  shows  the  net  efficiency  plotted  against  the 
loading  parameter,  PQA/J3,  for  two  different  speed  ratio  lines  as  well  as 
equal  rotor  speed  reference  data.  Testing  was  conducted  with  the  aft  rotor 
speed  10%  higher  and  10%  lower  than  the  forward  rotor  speed.  Holding  the  pitch 
angles  constant,  as  was  necessary  in  this  type  of  test,  means  the  rotor  torque 
splits  are  not  equal  as  the  RPMs  are  increased.  When  rotor  2  is  running  10% 
faster  than  rotor  1,  the  ratio  of  rotor  2  to  rotor  1  torque  varies  between  1.04 
and  1.32.  When  rotor  2  is  running  10%  slower,  its  torque  varies  between  23% 
and  74%  of  the  rotor  1  torque.  The  data  show  that  the  net  efficiency  is  higher 
at  low  loadings  when  the  torques  are  within  25%  of  being  equal.  The  lower 
efficiency  line  (N^/N^  »  *91)#  et  low  loadings,  shows  torque  ratios  that 
are  much  less  matched  and  consequently,  lower  efficiencies.  At  the  high 
loading  levels,  however,  the  data  show  that  when  the  torque  ratios  are  within 
25%  of  being  matched,  the  speed  ratio  has  little  effect  on  the  net  efficiency. 
By  comparing  all  the  data  shown  in  Figure  19,  the  test  points  with  torque 
ratios  closest  to  1.0  have  the  highest  efficiencies. 


e.  Design  Point- Data  Match 

Data  were  recorded  in  the  high  speed  wind  tunnel  near  the  design  Mach 
0.72  condition  with  a  circumferentially  traverseable  rake  at  the  exit  of  the 
second  rotor.  The  rake  measured  total  pressure,  total  temperature  and  swirl 
angle  at  15  radial  locations  which  spanned  from  the  rotor  hub  to  an  outer  tip 
radius  approximately  10%  above  the  blade  tips.  The  rake  was  traverseable 
through  an  arc  of  60°,  from  135°  to  195°.  Data  were  taken  in  five-15 
degree  increments , without  pylon  and  at  zero  angle  of  attack,  with  the  model 
operating  at  the  tunnel  Mach  number  of  0.70.  In  addition  to  the  rake 
measurements,  nacelle  forebody  and  afterbody  static  pressures  were  measured. 

The  rake  and  body  pressure  data  were  used  to  compare  with  the  design  analytical 
calculation  of  the  circumferential  average  flowfield. 

Detailed  aerodynamic  data-match  studies  were  conducted  using  the  test 
data  to  determine  areas  of  the  blade  where  improvements  could  be  made  to  reduce 
losses.  The  data  match  analysis  was  performed  by  using  a  modified  version  of 
the  circumferential -average  flow  calculation  procedure  that  is  used  for 
designing  and  analyzing  conventional  high  bypass  turbofans.  The  data  match 
test  point  was  taken  at  Mach  0.70,  design  power  coefficient  of  4.17  and  at  the 
design  advance  ratio  of  2.80.  The  procedure  begins  by  inputting  speed  and 
torque  for  each  rotor  (measured  from  test)  and  adjusting  the  radial 
distribution  of  losses  until  the  net  thrust,  body  static  pressure 
distributions,  and  the  fan  exit  radial  pressure  profile  are  reasonably  well 
matched . 

The  total  airflow  is  adjusted  so  that  the  tip  streamline  matches  the 
forward  rotor  blade  tip  diameter.  Figure  20  illustrates  the  flow  field  that 
results  when  the  data  are  matched.  Meridional  Mach  number  contours  are 


superimposed  on  the  chart  with  the  flow  streamlines  and  calculation  stations; 
the  rake  plane  location  is  also  noted.  The  peak  Mach  nuxiber  of  0.82  occurs 
inside  the  blades  where  the  effects  of  thickness  and  lean  are  accounted  for  in 
the  calculation.  A  hub  boundary  layer  is  specified  to  represent  the  flow 
losses  near  the  hub  surface.  Figure  21  shows  the  data  match  of  the  pressure 
and  temperature  measurements  at  the  discharge  rake  plane.  Since  no  data 
between  the  rotors  were  taken,  it  was  necessary  to  assume  the  loss  split.  The 
symbols  in  these  plots  distinguish  the  aerodynamic  design  intent  from  the 
actual  test  data  results.  The  data  match  analysis  using  the  test  data  matches 
the  original  design  intent  quite  well  over  most  of  the  blade  span.  Locally  in 
the  hub  region,  where  the  boundary  layer  affects  the  test  measurements,  the 
blade  total  pressure  falls  off  and  the  loss  coefficients  are  higher  than  design 
intent. 

The  distribution  of  static  pressure  coefficient  as  a  function  of  axial 
length  along  the  forebody  and  afterbody  of  the  MPS  rig  are  show  in  Figure  22. 
The  data  matches  the  theoretical  expectations  quite  well  and  confirms  the 
static  pressure  rise  on  the  after  body  and  where  the  hub  necks  down  to  a 
cylindrical  body  downstream  of  the  blades. 


Vl.  Conclusions 

The  scale  model,  counter-rotating  unducted  fan  blades,  F7A7,  were  tested 
in  the  Boeing  and  NASA  high  speed  wind  tunnels  and  the  aerodynamic  performance 
has  been  demonstrated.  The  following  lists  the  most  significant  performance 
results: 

o  Aero  data  were  obtained  with  several  blade  angle  combinations  up  to 
Mach  0.81.  The  measured  net  efficiency  at  the  max  climb  Mach  0.72 
design  point  is  81%;  at  takeoff,  the  net  efficiency  is  62%. 

o  Large  rotor  spacings  have  a  significant  effect  on  net  efficiency  at 
high  Mach  numbers. 

o  Power  coefficient  lines  at  different  angles  of  attack  and  constant 
pitch  angles,  collapse  to  a  single  line  when  the  advance  ratio  is 
corrected  by  the  CosOt to  account  for  the  skewed  thrust  direction. 

o  The  pylon,  installed  at  an  angle  of  attack,  acts  like  an  inlet  guide 
vane,  producing  inlet  swirl  to  the  forward  rotor.  The  swirl  unloads 
or  loads  the  forward  rotor  depending  on  the  direction  of  rotation 
relative  to  the  pylon.  If  pitch  angles  are  held  constant,  unequal 
torque  splits  result. 

o  Data  taken  with  unequal  rotor  speeds  show  very  little  effect  on 
efficiency  at  loadings  and  torque  ratios  near  the  cruise  design 
point.  When  the  torque  ratios  are  substantially  different  from  l.o, 
the  overall  efficiency  can  be  2-5  points  lower  than  nominal. 

o  The  design  point  rake  data  were  analyzed  and  showed  good  agreement 
with  the  design  intent. 
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FIGURE  1 


Facility  Description 

Schematic  of  General  Electric  Free-Jet  Noise  Facility 
(Cell  41) 
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F7A7  Blade  Angle  Variations  at  Mach  0.24 
Efficiency  vs.  Loading  Parameter 


F7A7  Net  Efficiency  vs.  Loading  Parameter 
Blade  Angle  Variations  M  =  .70 


FIGURE  8 

NASA  8’  x  6’  F7A7  Test  Results  at  M  =  .8 
Total  Power  Coefficient  vs.  Forward  Advance  Ratio 
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NASA  8’  x  6’  F7A7  Test  Results  at  M  =  .8 

Net  Efficiency  vs.  Power  Loading  Parameter 


Power  Loading  Parameter  —  PQA/J3 
FIGURB  10 


NASA  8’  x  6’  Rotor  Spacing 
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Power  Loading  Parameter  -  PQA/J3 

FIGURE  11 


NASA  8’  x  6’  F7A7  at  Mach  0.72 
Rotor  Spacing  Effects  on  Torque  Ratio 


FIGURE  12 
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Effect  of  Angle  of  Attack,  F7A7, 
Mach  0.70,  With  Pylon 
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FIGURE  16 


Schematic  of  MPS  in  Transonic  Wind 
Tunnel  at  Angle  of  Attack,  With  Pylon 


FIGURE  17 

Blade  Angle  Change  Required  to  Match 
Torques  Mach  0-.4  Equal  Speeds, 
100%  Nc  >8-1  Constant 


Torque  Ratio  -  Qj/Qi 


FIGURE  18 


NASA  8’  x  6’  F7A7  Scale-Model 
Performance  Mach  0.72 

Effect  of  MIs-Matched  Rotor  Speeds 


PIQUSB  19 

F7A7  Flowfield  M  =  0.70 

Meridional  Mach  Number  Contours 


F7A7  Data  Match  Results 

Pressure  and  Temperature  Profiles  vs.  Design  Intent 
Rotor  2  Exit  Rake  Plane 
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F7A7  Data  Match  at  Mach  0.70 

Static  Pressure  Coefficient  Along  Forebody  and 
Afterbody 
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DISCUSSIOH 


R.G.  THOMPSON,  US 

1)  Has  the  pitch  angle  changed  from  low  Mach  number  to  high  Mach  num¬ 
ber  ? 

2)  Will  the  control  system  include  speed  sensing  and  pitch  control  ? 
Author's  Reply 

Approximately  three  to  four  pitch  angle  settings  were  tested  at  each 
Mach  number  from  Mach  0.24  to  Mach  0.81.  The  standard  test  procedure  was  to 
set  pitch  angles  at  a  selected  Mach  number  which  would  produce  the  max  climb 
path  power  coefficient  when  the  forward  and  aft  rotors  were  running  at  100  % 
speed  and  with  matched  torques.  Data  were  taken  at  other  Mach  numbers  with 
equal  forward  and  aft  rotor  speeds  and  torque  ratios  slightly  less  than  or 
greater  than  1.0. 

In  the  full-scale  unducted  fan  engine,  the  pitch  control  mechanism 
will  vary  the  blade  angle  settings,  responding  to  changes  in  flight  speed 
and  engine  power  requirements  ;  equal  rotor  torques  will  be  maintained  at 
all  times. 


G.  WINTERFELD,  Ge 

Could  you  please  comment  on  the  effects  of  the  spacing  of  the  rotors 
on  the  acoustics  of  the  UDF  ? 

Author's  Reply 

The  UDF  scale-model  tests  which  varied  the  rotor-to-rotor  spacing  were 
conducted  to  obtain  both  the  aerodynamic  and  the  acoustic  effects.  The  maxi¬ 
mum  spacing  (  A  Z/Diametre  =  .24)  was  the  most  favorable  from  an  acoustic 
standpoint  although  the  net  efficiency  was  poorer.  The  larger  spacing  allows 
a  greater  distance  for  the  tip  vortex  and  blade  wakes  to  dissipate  thereby 
reducing  the  noise  interaction  levels. 
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O.H.  STEPHENSON,  US 

Please  comment  on  the  degree  of  agreement  in  the  results  between  the 
Boeing  and  NASA  wind  tunnel  results  on  unducted  fan  performance. 

Author’s  Reply 

The  initial  test  results  obtained  from  the  Boeing  wind  tunnel  test  did 
not  correctly  account  for  the  MPS  support  strut  and  turbine  housing  blockage 
interference.  When  the  tunnel  velocities  are  corrected  to  account  for  the 
difference  between  the  free  stream  measured  Mach  number  and  the  UDF  fan  face 
Mach  number,  the  re-calculated  net  efficiencies  are  within  0.5  point  of  to¬ 
tal  agreement  with  the  NASA  wind  tunnel  results.  The  Boeing  test  data  pre¬ 
sented  in  this  paper  include  the  interference  effects  in  the  efficiency 
calculation. 


H.J.  LICHTFUSS,  Ge 

Do  you  have  measured  thrust  reverse  with  the  UDF  model,  and  if  so, 
what  are  the  amount  of  thrust  reverse  ? 

Author's  Reply 

Reverse  thrust  measurements  from  the  F7A7  blades  have  been  made  in  bo¬ 
th  the  Boeing  transonic  wind  tunnel  and  the  NASA  high  speed  wind  tunnel. 
The  blades  have  operated  at  pitch  angles  20*-30“  past  flat  pitch  without 
aero-mechanical  instability  and  have  produced  approximately  50  %  of  the  ta¬ 
keoff  thrust  in  reverse. 


C.A.  MOSES,  US 

You  have  made  some  efficiency  measurements.  Are  they  what  you 
expected  ?  How  do  they  compare  with  the  ducted  fans  and  the  older  propel¬ 
lers  ? 

Author's  Reply 

The  Unducted  Fan  is  forecast  to  produce  up  to  25  to  30  %  fuel  reduction 
respect  to  the  old  by-pass  fans.  Efficiency  we  measured  is  within  a  percent 
of  mlllng  the  prediction  that  we  had  for  this  blade.  There  are  several 
others  blades  under  development  and  we  are  very  close  to  miling  the  require¬ 
ments  for  the  engine  cycle  that  will  give  us  a  25-30  %  improvement  over  duc¬ 
ted  fans. 


J.M.  BOUSQUET,  Fr 

Do  you  plan  pressure  measurements  on  the  blades  or  laser  velocimetry 
analysis  of  the  flow  field  on  your  UDF  models  ? 


Author's  Reply 

Yes  !  Laser  veloclmeter  measurements  are  planned  for  future  UDF  scale- 
model  tests  at  NASA  -  Lewis  8'  x  6'  wind  tunnel. 
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ABSTRACT 


A  new  generation  of  transport  aircraft  will  be  powered  by  efficient,  advanced  turboprop 
propulsion  systems.  Systems  that  develop  5000  to  15,000  horsepower  have  been  studied. 
Reduction  gearing  for  these  advanced  propulsion  systems  is  discussed  in  this  paper. 
Allison  Gas  Turbine  Division  experience  with  the  5000  horsepower  reduction  gearing  for 
the  T56  engine  is  reviewed  and  the  impact  of  that  experience  on  advanced  gear  systems  is 
considered.  Gear  system  arrangements  are  analyzed,  including  single-  and  counter-rota¬ 
tion  types.  The  reliability  needs  for  component  design  and  development  are  also  consid¬ 
ered.  Allison's  experience  and  their  research  serve  as  a  basis  on  which  to  characterize 
future  gear  systems  that  emphasize  low  cost  and  high  reliability. 

INTRODUCTION 

Allison  has  been  active  in  the  design,  development,  and  production  of  turboprop  gear 
systems  for  over  forty  years.  This  work  has  involved  both  commercial  and  military 
applications  of  large  reduction  gear  systems.  The  propulsive  efficiency  of  turbine 
driven  propellers  suggests  that  gear  systems  for  these  applications  will  continue  to  be 
with  us  for  years  to  come.  It  is,  therefore,  worth  while  to  take  note  of  the  lessons 
learned  from  existing  turboprop  gear  systems  and  see  what  these  lessons  suggest  for  fu¬ 
ture  generations  of  gear  systems.  The  superior  fuel  efficiency  of  propellers  and  prop- 
fans  when  compared  to  turbofans  (Figure  1)  has  created  a  resurgent  interest  in  these 
propulsion  devices  as  a  means  to  mitigate  the  effects  of  expected  fuel  price  increases. 
Propfan  propulsion  studies  have  in  turn  initiated  new  interest  in  large  reduction  gear 
systems. 


This  paper  will  review  Allison's  experience  with  the  T56  gear  system,  consider  the  gear 
system  studies  ongoing  since  the  1970's  (sponsored  by  NASA  and  Allison),  and  then  sug¬ 
gest  characteristics  of  gear  system  design  that  develop  from  this  background. 

T56  GEAR  SYSTEM  DESCRIPTION 

The  T56  gear  system  is  used  in  many  different  aircraft.  Military  applications  include 
the  P-3 ,  0130 ,  02,  and  E-2.  Commercial  applications  have  included  the  Lockheed  Electra 
and  Convair  580.  Over  100  million  flight  hours  of  experience  have  been  accumulated 
since  this  gear  system  was  first  produced  for  the  0130  in  1954. 


Figure  1. 


Propulsion  Efficiency  of  Propfans  Versus  Turbofans. 
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on  takeoff,  climb,  cruise,  letdown,  or  approach.  It  incorporates  a  propeller  brake 
assembly  which  prevents  rotation  of  the  propeller  when  feathered  in  flight. 

The  case  structure  is  magnesium  and  the  gearing  is  AISI  9310  steel.  While  this  gear 
system  transmits  over  5000  horsepower,  its  overall  weight  is  only  560  pounds. 

T.56  GEAR  system  gSBEQBMAHgS 

The  original  T56  gear  system  was  designed  to  operate  in  a  military  application  at  3750 
horsepower  during  takeoff.  The  basic  life  criteria  at  the  time  of  design  was  the  re¬ 
quirement  to  complete  a  150  hour  qualification  test  without  failure.  This  system  has 
been  upgraded  over  the  years  (without  external  change)  to  the  point  where  it  now  trans¬ 
mits  over  5000  horsepower  and  demonstrates  a  reliability  of  4000  to  8000  hours  MTBUR 
(mean  time  between  unscheduled  removals)  and  an  efficiency  of  greater  than  98.9%. 

The  reliability  experience  of  the  T56  gear  system  is  even  more  remarkable  when  one  con¬ 
siders  the  various  causes  of  removal  (Figure  4) .  Over  half  the  removals  are  due  to 
accessory  drive  system  failures.  Approximately  38%  are  due  to  main  power  train  bearings 
and  only  1%  are  associated  with  main  power  train  gears.  The  high  percentage  of  acces¬ 
sory  drive  and  main  bearing  failures  is  better  understood  when  one  remembers  that  this 
gear  system  was  originally  designed  to  pass  a  150  hour  qualification  test  at  an  input 
power  of  3750  horsepower. 


ADVANCED  GEAR  SYSTEM  STUDIES 

Allison  has  participated  in  a  number  of  gear  system  studies  that  started  in  the  1970's, 
some  of  which  were  NASA  sponsored.  While  these  studies  focused  on  large,  commercial, 
propeller  or  propfan  driven  aircraft,  the  results  are  also  applicable  to  military  trans¬ 
ports.  These  studies  provided  an  excellent  opportunity  for  Allison  to  review  their 
turboprop  gear  system  design  and  experience  and  extrapolate  to  next  generation  aircraft. 

RELIABILITY  AND  MAINTAINABILITY  STUDIES 


A  study  (Reference  1)  of  turboprop  systems  reliability  and  maintenance  costs  was 
conducted  to  achieve  the  following  objectives: 


o  to  identify  and  understand  the  overall  and  relative  Reliability  and  Maintenance 
Costs  (R&MCs)  of  the  gearbox  of  past  and  current  turboprop  systems 
o  to  quantitatively  project  the  R&MC  improvements  that  could  reasonably  be  expected 
to  occur  from  these  levels  to  those  of  new  turboprop  systems  becoming  operational 
in  the  1985-1990  time  period 


The  scope  of  effort  consisted  of  two  tasks  which  correspond  to  the  objectives: 


o  Task  I--To  conduct  an  analysis  of  current  and  past  turboprop  propulsion  systems  to 
determine  the  principal  factors  that  have  affected  their  reliability  and  main- 
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tenance  costs,  and  to  establish  an  overall  baseline  comparison  with  current 
turbo fans. 

o  Task  II — On  the  basis  of  the  results  of  Task  I  and  the  incorporation  of  new  design 
practices,  new  maintenance  practices,  and  projected  technology  advances,  determine 
quantitatively  the  R&MC  improvement  that  could  reasonably  be  expected  for  systems 
becoming  operational  in  1985-1990  over  turboprop  levels  at  the  time  of  the  study. 
Recommended  actions  and  R&E  programs  to  achieve  the  projected  advances  were  to  be 
defined. 

In  identifying  and  understanding  the  overall  and  relative  R&MC's  of  past  and  current 
turboprop  systems  it  was  recognized  that  the  real  era  of  turboprop  usage  by  the  domestic 
airlines  was  in  the  early  to  mid  1960's.  The  Allison  T56  (501-D13  commercial)  turboprop 
engine  was  chosen  for  analysis  of  past  systems  because  of  wide  usage  on  the  Lockheed 
Electra  and  convair  580  commercial  airliners.  The  main  drive  reduction  gearbox,  was  a 
military  design  of  the  1950's  that  was  designed  on  the  basis  of  a  scheduled  overhaul 
philosophy.  For  the  airlines,  these  scheduled  overhauls  occurred  every  4000  to  9000 
engine  flight  hours  (TBOs) .  It  was  found  that  the  cost  of  the  scheduled  overhauls 
accounted  for  40  percent  of  the  total  maintenance  cost  of  each  of  these  major  modules, 
and  were  the  primary  maintenance  cost  driver  of  the  system.  A  very  positive  conclusion 
was  drawn  that  a  new  turboprop  system  would  embody  the  "On-Condition"  philosophy  that 
would  eliminate  scheduled  overhauls.  This  philosophy  would  be  facilitated  by: 

o  improved  reliability  where  numbers  of  parts  would  be  lowered  and  all  parts  would 
be  designed  for  high  durability  and  long  life  of  35,000  hours  where  possible 
o  improved  diagnostics  utilizing  newly  developed  automatic  conditions  monitoring 
techniques  for  better  fault  detection  and  isolation 

Increased  modularity  was  found  to  be  an  essential  requirement  in  a  new  turboprop 
system.  The  reduction  gearbox  of  the  T56  system  incorporated  three  primary  functions: 
the  main  drive  reduction  between  the  engine  and  propeller,  a  drive  system  for  engine 
accessories,  and  a  drive  system  for  aircraft  accessories.  Problems  in  any  one  system 
usually  required  complete  gearbox  removal,  including  the  propeller.  A  new  system  would 
make  the  main  drive  gearbox  a  simple  system  for  just  that  purpose,  incorporating  high 
reliability  in  its  bearings  and  gears  for  minimization  of  removal  of  either  propeller  or 
gearbox.  The  engine  accessory  drive  system  and  aircraft  accessory  drive  system  would  be 
individual  modules  (Figure  5),  facilitating  access  and  removal  independently  of  the  main 
drive  reduction  gear  (Reference  2). 


Maintenance  costs  for  the  reduction  gear  system  and  other  propulsion  system  components 
were  reviewed.  The  conclusion  was  that  an  advanced  turboprop  and  an  advanced  turbofan, 
using  similar  cores,  will  have  very  competitive  maintenance  costs  per  flight  hour. 

CONFIGURATION  STUDIES 

Allison  has  studied  the  design  for  turboprop  propulsion  systems  for  commercial  airliners 
of  the  1990 's.  These  studies  have  focused  on  identifying  the  engine  cycles  that  would 
result  in  the  most  favorable  fuel  consumption  for  a  120  passenger  advanced  technology 
airplane  operating  at  0.72  Mach  at  32,000  ft.  altitude.  Several  engine  configurations 
were  considered,  and  conceptual  designs  for  engine  configurations  were  defined.  The 
results  of  the  aircraft/ engine  evaluation  indicate  that  the  prop fan -powered  aircraft  has 
a  significantly  lower  fuel  consumption  than  the  turbofan-powered  aircraft.  This  fuel 
savings  is  as  much  as  18.6%.  On  an  economic  basis,  the  comparison  shows  up  to  9.7% 
lower  direct  operating  cost  (DOC)  for  the  propfan.  The  DOC  advantage  is  primarily 
caused  by  less  fuel  burned  and  lower  propulsion  system  maintenance  cost. 
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One  objective  of  this  design  activity  was  to  define,  in  detail,  components  for  both 
single- rotation  (SR)  and  counter-rotation  (CR)  gear  systems  as  they  would  apply  to 
production  propfan  airplanes  of  the  1990s.  In  the  case  of  the  SR  gearbox,  the  dual 
compound  idler  gear  arrangement  (Figure  6)  was  selected  for  the  preliminary  design  to 
take  advantage  of  the  accessibility  to  the  propfan  drive  shaft  for  propeller  controls 
and  to  simplify  packaging  of  the  accessories  and  engine  with  a  contoured  nacelle. 
Allison's  SR  gearbox  design  is  fully  compatible  with  specific  needs  of  advanced  pi ten 
change  systems.  Oil  supply  and  a  high-speed  drive  are  provided  for  the  hydraulics  an 
heat  rejection  requirements  of  the  pitch  change. 

The  differential  planetary  gearing  arrangement  (Figure  7)  was  selected  as  the  favored 
configuration  for  the  counter-rotating  propfan  system  (Reference  3).  This  is  an  in-line 
design  that  is  very  compact.  It  is  also  light  weight,  efficient  (99.2%  at  cruise),  ana 
designed  for  long  life  (30,000  hr  MTBUR) .  Helical  gears  were  used  because  of  their  in¬ 
creased  contact  ratio,  resulting  in  low  vibration  levels  and  enhanced  life. 

•  SIMPLE 

•  MODULAR 

•  PROP  CONTROL  ACCESS 


POWER  SECTION  CENTER  LINE 


Figure  6.  Basic  Dual  Compound  Idler  Gearbox  Powertrain. 


Figure  7.  Differential  Planetary  Gearing  for  Counter-Rotating  System. 
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A  study  (Reference  4)  was  performed  to  define  a  single-rotation,  10,000  shp  class,  ad¬ 
vanced  technology  propfan  gearbox.  A  configuration  selection  procedure  was  performed  to 
arrive  at  the  favored  gearing  and  bearing  arrangement  for  the  preliminary  design  phase. 
This  evaluation  considered  both  in-line  and  offset  input -to-output  shafting  as  indicated 
by  the  star  and  dual  compound  idler  gearing  types  shown  in  Figure  8. 


Figure  8.  Offset  and  In-Line  Candidate  Gearbox  Arrangements. 


The  procedure  involved  a  weighted  decision  analysis  to  rank  the  candidate  configurations 
relative  to  nine  parameters: 

o  reliability 

o  efficiency 

o  maintenance  cost 

o  acquisition  cost 

o  propfan  pitch  change  compatibility 
o  weight 

o  technical  risk 

o  ease  of  scaling 

o  spatial  envelope 

Reliability  and  efficiency,  the  most  important  criteria,  were  essentially  the  same  for 
all  the  candidates.  The  remaining  seven  parameters  favored  the  dual  compound  idler 
system.  However,  due  to  the  closeness  of  the  results,  Cive  additional  criteria  were 
used  in  the  evaluation: 

o  adaptability  of  the  configuration  to  over-  and  under-wing  mounting 
o  impact  on  inlet  duct  efficiency 

o  impact  on  reliability  and  maintainability  of  gearbox  and  airframe  accessory  drives 
o  impact  on  torquemeter  design 

o  adaptability  to  an  aerodynamical ly  contoured  nacelle 

The  dual  compound  idler  offset  configuration  received  higher  ratings  for  these  instal¬ 
lation  criteria.  It  was  also  better  suited  for  use  with  a  hydraulic  torquemeter,  which 
leads  to  a  weight  saving  over  the  phase  detector  type  torquemeter  required  for  the  star 
planetary  configuration.  The  overall  rating  of  the  dual  compound  idler  offset  gearbox 
was  greater. 


The  dual  compound  idler  gear  arrangement  selected  was  composed  of  a  single  input  pinion, 
two  idler  gears,  and  an  output  gear,  as  shown  in  Figure  6.  The  idlers  are  compound 
gears  consisting  of  two  gears  per  idler.  Power  is  applied  to  the  input  pinion  gear, 
split  through  the  idlers,  and  recombined  in  the  output  gear. 

Features  of  this  tyoe  of  gearbox  are  summarized  as  follows: 

o  load  sharing — equalizes  loads  on  each  idler  and  provides  for  torqueaeter  readout 
o  modularity-- provides  external  accessibility 

o  prop  load  isolation — minimizes  gear  misalignment 

The  gearbox  design  included  provisions  for  accessories  required  by  the  propfan  pitch 
change  system,  such  as  an  oil  pump  and  high  speed  drive,  a  propfan  brake,  an  airframe 
accessory  drive,  a  gearbox  oil  pump,  and  an  oil  filter. 

Studies  were  conducted  to  define  a  counter-rotation  (CR) ,  10,000-shp  class,  advanced 
technology  propfan  gearbox  for  a  300  nautical  mile  commercial  mission.  This  design 
incorporated  the  requirements  for  a  tractor  wing-mounted  CR  propfan  propulsion  system. 

The  gearbox  study  consisted  of  the  following  phases: 

o  a  configuration  selection  procedure  to  establish  the  design  concept 
o  gear  and  bearing  type  selection  based  primarily  on  long  life  and  efficiency 
considerations  similar  to  the  single  rotation  selection, 
o  design  of  the  general  arrangement  including  the  main  gear  train,  accessory 
gearing,  mounts  and  lubrication  system. 

o  design  analysis  to  estimate  bearing  life,  gear  stresses,  heat  rejection  to  the  oil 
and  surroundings,  and  integrity  of  the  supporting  structure, 
o  propfan  interface  requirements. 

o  modifications  required  for  converting  this  tractor  gearbox  arrangement  to  a  pusher 
conf igurat ion . 

Six  candidate  configurations  (Figure  9)  were  evaluated  for  the  counter-rotating  gearbox. 
The  best  configuration  was  determined  through  a  series  of  competitions  between  the  candi¬ 
date  configurations:  differential  planetary,  compound  planetary,  split  path  parallel 
offset,  triple  compound  idler,  differential  epicyclic  and  split  path  planetary 
concepts.  The  differential  planetary  gear  set  was  selected. 

A  general  arrangement  of  the  advanced  technology  CR  propfan  gearbox  is  shown  in  Figure 
7.  The  gearbox  main  power  gear  train  is  a  differential  planetary  gear  set  with  four 
planet  gears.  The  sun  gear  is  driven  by  the  input  shaft,  the  outer  output  shaft  is 
driven  by  the  rinq  gear,  and  the  inner  output  shaft  is  driven  by  the  planet  gear 
carrier. 

The  CR  gearbox  was  analyzed  for  power  loss  to  determine  both  gearbox  performance  and 
cooling  requirements.  Considered  in  these  calculations  were  gear  power  loss,  tapered 
roller  bearing  power  loss,  and  oil  pump  loss.  The  results  of  the  CR  gearbox  power  loss 
analysis  are  shown  in  Figure  io.  Efficiency  of  this  gearbox  arrangement  is  very  high, 
99.18%  at  cruise  and  99.24%  at  full  power. 


DIFFERENTIAL  PLANETARY 

COMPOUN0  PLANETARY 

SPLIT  PATH  PLANETARY 

era 

- .  ;ti  S./“ 

'  7’" 

~~  jfc—  ^ 

i"  -p  nfesr^,' 

SPLIT  PATH  PARALLEL 
OFFSET  CONFIGURATION 

|CAK  K  OCMOMCD  W»Tn  INPUT  (OUTPUT  CONCE  NTWIO 


Figure  9.  Counter-Rotation  Candidate  Configurations. 
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Figure  10.  Gearbox  Power  Loss  Analysis. 


CONCLUSIONS 

The  Allison  T56  gear  system  experience,  and  the  studies  reviewed  herein,  serve  to  pro¬ 
vide  excellent  guidance  for  new  gear  systems . 

1.  .  Reduction  gearing  has  been  developed  to  be  very  efficient.  The  T56  operates  in 

the  58.9%  or  better  range  and  rew  systems  will  be  this  efficient  also.  Overall 
gear  system  heat  rejection  will  not  be  a  major  detractor  in  considering  their  use. 

2.  The  reduction  gearing  used  in  the  T56  application  has  been  quite  reliable,  8000 
hours  MTBUR  in  some  applications.  New  gear  systems  will  be  even  more  reliable. 
They  will  be  designed  to  meet  the  needs  of  modern  transports  and  will  be  expected 
to  achieve  reliability  levels  equivalent  to  other  major  propulsion  system  com¬ 
ponents.  Gear  system  components  will  be  selected  to  achieve  a  MTBUR  of  20,000 
hours  to  30,000  hours  depending  on  basic  system  requirements  and  weight/cost 
trade-offs. 

3.  Cost  of  ownership  will  be  positively  influenced  by  modular  design,  on-condition 
repair  and  condition  monitoring  that  can  provide  timely  notice  of  impending  prob¬ 
lems.  This  suggests  that  new  reduction  gear  systems  will  tend  to  be  less 
complicated  than  the  T56  gear  system  that  has  been  so  very  successful. 
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DISCUSSION 


H.I.H.  SARAVANAMUTTOO,  Ca 

It  is  noted  that  only  1  4  of  removals  occured  because  of  the  main  gear 
train.  Could  you  say  how  many  of  these  led  to  loss  of  propeller  load  ?  On 
the  T56,  being  a  single  shaft  engine,  overspeed  is  not  a  serious  problem  be¬ 
cause  of  the  compressor  load.  On  a  free  turbine,  however,  the  power  turbine 
may  suffer  severe  overspeeding.  It  is  useful  to  remember  the  loss  of  the  se¬ 
cond  Bristol  Brittania  prototype  in  1953,  directly  resulting  from  a  gear  box 
failure  leading  to  catastophic  power  turbine  disintegration  and  fire.  Hope¬ 
fully  we  are  now  much  better  equipped  to  withstand  turbine  failures,  e.g.  by 
blade  containment  rings  or  fused  blades,  permitting  the  blades  to  fail  befo¬ 
re  the  disc  overspeed. 

Author's  Reply 

I  am  not  aware  of  any  instances  where  tooth  failure  has  lead  to  turbi¬ 
ne  over  speed  and/or  loss  of  load. 

Our  current  work  recognizes  that  loss  of  load  on  a  free  turbine  machi¬ 
ne  is  serious.  This  concern  is  addressed  in  the  mechanical  design  of  the 
turbine  and  by  features  in  the  fuel  control  system. 

Our  gear  design  effort  places  a  high  degree  of  conservation  in  the 
area  of  tooth  breakage.  Our  quality  control  in  manufacturing  also  is  very 
concerned  with  avoiding  tooth  breakage. 


k'.G.  ALWANG,  US 

Do  you  think  that  new  techniques  like  acoustic  emission  will  play  any 
significant  role  in  fault  detection  for  future  gear  box  health  monitoring 
systems  ? 

Author's  Reply 

Yes  I  do.  1  believe  they  will  require  development  but  they  have  poten¬ 
tial  for  improving  our  understanding  of  the  gear  system  health. 
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SUMMARY 


In  the  DFVLR  Institute  for  Design  Aerodynamics,  linear  and  nonlinear  analysis 
methods  for  flow  fields  around  propellers  have  been  developed.  Two  singularity  methods 
are  presented.  In  the  first,  a  doublet  point  scheme  has  been  formulated  for  the  calcula¬ 
tion  of  steady  and  unsteady  loads  on  surfaces  having  helical  motion  in  an  incompressible 
medium,  e.g.  propellers  in  uniform  and  nonuniform  inflows  and  counter  rotating 
propellers.  The  second  is  a  surface  panel  method  for  computations  of  steady  subsonic 
flows  around  propeller  blades  moving  in  a  compressible  medium.  The  method  has  been 
extended  for  the  prediction  of  acoustic  quantities.  In  order  to  predict  the  characteri¬ 
stics  of  transonic  propeller  flow  fields,  the  DFVLR  Euler  code  for  solving  the  3-D  Euler 
equations  has  been  extended.  The  equations  are  formulated  in  a  rotating  cartesian  refer¬ 
ence  frame.  The  solution  procedure  is  based  on  a  finite  volume  method  using  an  explicit 
Runge-Kutta  time  stepping  scheme.  Numerical  results  for  various  propeller  geometries  are 
presented  and  compared  with  experimental  data. 
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helical  tip  Mach  number, 

Mh=(U|  +  D2R|)’'^  /a. 

Mach  number  in  radiation 
direction 

unit  normal  vectors 

overall  sound  pressure  level 

strength  of  dipole 

acoustic  pressure  at  the 
observation  point 

pressure 

source  term  vector 

relative  velocity  vector  without 
rotational  velocity,  3=[u,v,w]T 

relative  velocity  vector,  ^=<$-wxr 

position  vector 

blade  tip  radius 

surface 

panel  surface 

time 

propeller  advance  velocity 

velocity  vectors  of  positions  on 
lifting  surface 
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vn  local  induced  normal  velocity  of 

monopole  and  dipole 

W  vector  of  flow  variables 

x,y,z  blade-attached,  relative 
cartesian  reference  frame 

0,Pt  stretching  factors 

P75  blade  angle  at  0.75»RT 

n0  efficiency,  n0=JCT/Cp 

Y  azimuthal  angle  between  front  and 

rear  propeller 

®  velocity  potential 

k  ratio  of  specific  heats 

u>  rotational  velocity  vector, 

3=[a,o,o]T 


Q  angular  velocity 

4>  azimuthal  angle 

p  density 

density  in  undisturbed  medium 
&  control  volume  with  boundary  &6 

o  strength  of  monopole 

phase  shift 

0  angle  between  n  and  nQ 

©'  angle  between  5  and  V0 

5,n,C  transformed  cartesian  coordinate 
system  taken  into  account 
compressibility 


1.  INTRODUCTION 

In  the  view  of  a  design  aerodynamicist ,  various  features  of  high  speed  propeller 
aerodynamics  are  significant.  First,  unsteady  flow  phenomena  appear  for  special  configu¬ 
rations  and  operating  conditions.  These  include  the  cases  of  nonuniform  or  time  dependent 
onflow,  unsteady  motion  and  interference  between  rotating  stages.  Examples  of  these  are, 
respectively;  the  flow  field  behind  a  strut,  flutter  of  blades  and  counter  rotating  pro¬ 
pellers.  Second,  the  flow  field  is  usually  transonic.  This  type  of  flow  field  will  occur 
in  future  applications  such  as  transport  aircrafts  with  advanced  propfan  propulsion 
systems  operating  in  high  subsonic  flight  regimes.  Third,  the  complexity  of  these  flow 
fields  generates  important  acoustic  effects.  The  aforementioned  flow  phenomena  may  com¬ 
bine  to  yield  extremely  large  acoustic  quantities. 

During  the  last  few  years  a  wide  variety  of  numerical  methods  for  simulating  the 
complex  flow  fields  of  rotary  wing  configurations  has  been  developed.  An  overview  of  the 
methods  for  propeller  and  rotor  applications  is  given  by  Poisson-Quinton  [l]  and  Johnson 
[2].  At  present,  numerical  methods  based  on  linearized  potential  theory  are  routinely 
used.  Their  special  merits  are  the  simple  treatment  of  complex  conf igurations  as  well  js 
the  requirement  of  only  small  computational  resources.  Contributions  concerning  singula¬ 
rity  methods  which  approximate  the  surface  with  panels  are  given  e.g.  by  Hess  and 
Valarenzo  [3]#  Long  [4]  and  Luu  [5].  These  methods  provide  velocity  and  pressure  distri¬ 
butions  on  the  blade  surface.  In  addition,  lifting  surface  methods,  treating  the  blade 
without  thickness,  have  been  recently  reported  by  Tsakonas  et  al.  [6],  Hanson  [7]  and 
Runyan  and  Tai  [8].  In  some  of  these  papers,  as  well  as  in  the  paper  of  Das  [9], compres¬ 
sibility  effects  are  taken  into  account  by  considering  the  velocity  of  sound,  to  be 
finite.  Unsteady  propeller  aerodynamics  at  present  are  mainly  calculated  by  lifting 
surface  methods  producing  time  dependent  lift  distributions. 

In  order  to  treat  nonlinear  transonic  flows  associated  with  high  speed  propellers, 
several  numerical  procedures  based  on  the  small-disturbance  as  well  as  the  full  potential 
equation  have  been  developed.  The  main  limitation  of  the  potential  flow  model  is  that  the 
roll-up  of  the  vortex  wake  and  the  convection  of  the  tip  vortex  behind  the  blade  are  not 
taken  into  account.  Recent  advances  in  computer  performance  and  computational  techniques 
have  made  it  possible  to  solve  the  three-dimensional  Euler  equations  which  admit  vortical 
solutions.  Due  to  the  high  computational  expense,  the  numerical  solution  of  the  Euler 
equations  for  rotary  wing  configurations  are  at  present  mainly  used  for  the  calculation 
of  steady  flows  such  as  the  flow  field  of  single  rotating  propellers  in  axial  flight. 
Several  papers  have  addressed  the  prediction  of  the  flow  fields  of  high  speed  propellers. 
Bober  et  al.  [  10 ]  developed  a  three-dimensional  Euler  code  for  a  multi-blade  propeller 
and  axisymmetric  nacelle  combination  using  an  implicit  finite  difference  scheme.  Similar 
methods  are  used  by  Bousquet  [  1 1  ]  and  Kobayakawa  et  al.  [  1 2 ] .  Holmes  and  Tong  [  1 3 ] 
applied  an  explicit  finite  volume  scheme  to  turbine  blade  rows  and  propellers.  Celestina 
et  al.  [14]  presented  results  of  the  numerical  simulation  of  the  time-averaged  inviscid 
flow  field  through  a  counter  rotating  propeller. 

For  analyzing  the  acoustic  characteristics  of  propellers,  numerous  theoretical 
studies  have  been  performed  in  the  last  few  years.  Theories  have  been  developed  by 
Farassat  [ 1 5 )  and  Hanson  [16]  which  allow  the  prediction  of  propfan  aeroacoustics  in  the 
high  subsonic  speed  regime.  Similar  approaches  have  been  used  by  Schmitz  and  Yu  [  1 7  ] . 
These  methods  are  ba^ed  on  the  linearized  Ffowcs  Will iams-Hawkings  acoustic  analogy  in 
which  the  equations  of  fluid  motion  are  transformed  into  the  wave  equation  for  the 
acoustic  pressure.  In  order  to  calculate  near  and  far  field  acoustics  caused  by  nonlinear 
transonic  aerodynamic  phenomena,  like  shock  waves,  new  concepts  have  been  outlined  by 
Korkan  et  al.  [ 1 8 ]  and  Forsyth  et  al.  [19].  Their  approach  is  based  on  a  nonlinear  field 
method  for  the  calculation  of  the  propeller  flow  field. 
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At  the  DFVLR  Institute  for  Design  Aerodynamics,  research  work  concerning  several 
topics  of  propeller  aerodynamics  and  acoustics  has  been  performed  New  airfoil  sections 
for  propeller  blades  have  been  designed  by  Horstmann  et  al.  [20  ].  Acoustic  investigations 
with  emphasis  on  experiments  have  been  carried  out  by  Hellei  et  al.  [21  ].  Furthermore, 
analysis  methods  for  predicting  the  flow  fields  of  propellers  in  axial  flight,  including 
linear  as  well  as  nonlinear  methods,  have  been  developed.  The  present  paper  is  restricted 
to  the  description  of  these  methods.  In  the  following,  these  are  briefly  outlined  and 
numerical  results  are  shown  and  compared  with  experimental  data. 


2.  SINGULARITY  METHODS  FOR  PROPELLER  BLADE  AERODYNAMICS  AND  ACOUSTICS 

In  order  to  perform  preliminary  predictions  of  the  aerodynamic  coefficients  of  high 
speed  propeller  blades,  singularity  methods  for  special  applications  have  been  developed. 
These  methods  require  fewer  computational  resources  compared  to  nonlinear  field  methods. 
However/  they  are  restricted  here  to  inviscid,  subsonic  and  irrotational  flow  fields. 

In  the  following,  two  solution  procedures  for  special  applications  are  described.  In 
order  to  efficiently  predict  unsteady  lift  distributions  over  propeller  blades,  a  Doublet 
Point  Method  has  been  developed.  This  method  is  restricted  to  incompressible  flows  and 
simulates  the  propeller  blades  as  lifting  surfaces  without  thickness.  In  addition,  a 
Lifting  Body  Surface  Method  has  been  developed  to  calculate  steady  pressure  distributions 
on  the  propeller  blades  moving  in  a  compressible  medium.  The  results  of  this  method  has 
been  used  to  calculate  the  signatures  as  well  as  the  spectra  of  the  acoustic  pressure. 


2.1  Unsteady  Lift  Distribution  in  Incompressible  Medium 

2.1.1  Integral  Equation  and  Solution  Method 

The  Doublet  Point  Method  for  the  calculation  of  unsteady  propeller  aerodynamics  is 
outlined  with  more  details  in  reference  [22].  The  method  is  based  on  the  following 
equation  formulated  in  a  fixed  reference  frame  with  the  medium  at  rest  at  infinity 

t 
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Here,  ti,  are  the  normal  unit  vectors  on  the  gifting  surfaces  at  the  position  of  the 
observation  point  and  singularity  respectively,  "v  and  v_  are  the  corresponding  velocity 
vectors  and  d  is  the  distance  between  these  two  positions.  SQ  denotes  the  area  of  the 
lifting  surfaces,  Acp  the  nondimensional  pressure  difference  and  t  is  the  time  assigned 
to  the  observation  point.  The  equation  (2.1)  is  similar  to  the  expression  given  by  Dat 
[23]  and  can  also  be  obtained  from  the  integral  equation  deduced  by  Das  [9]  using  the 
aforementioned  assumptions.  The  integral  equation  (2.1)  relates  the  normal  velocity  at 
time  t  in  the  position  of  the  observation  point  to  the  induced  velocity  caused  by  a 
pressure  distribution  Acp  on  an  arbitrarily  moving  lifting  surface.  The  unknown  function 
is  ACp  which  is  a  function  of  location  and  time. 

The  numerical  solution  of  equation  (2.1)  for  unsteady  propeller  aerodynamics  is  now 
outlined.  The  first  step  is  the  subdivision  of  the  lifting  surface  into  panels.  Instead 
of  a  continous  distribution  of  singularities  over  the  panel,  the  doublet  and  the  upwash 
point  are  located  in  the  quarter  and  three  quarter  point  of  each  panel,  respectively. 
This  leads  to  a  simple  approximation  of  the  surface  integration  in  equation  (2.1).  This 
doublet  point  scheme  was  introduced  by  Ueda  and  Dowell  [24]  for  unsteady  wing  aerodyna¬ 
mics.  Each  doublet  produces  a  time  dependent  single  force  and  together  they  are  simu¬ 
lating  the  lift  distribution  of  the  propeller  blade.  These  forces  acting  on  the  panel 
surface  lead  to  the  unknown  pressure  difference  Acp  .  Here,  only  periodic  cases  are 
treated  and  therefore  Acp  is  developed  as  a  Fourier  series.  The  unknowns  are  now  the 
Fourier  coefficients  for  each  panel.  Applying  the  tangential  flow  condition  at  each  up¬ 
wash  point,  a  system  of  linear  equations  is  obtained.  The  equations  are  formulated  for 
different  times  within  one  period.  In  the  calculation  approximately  30  time  steps  have 
been  used. 

In  the  case  of  interfering  lifting  surfaces,  such  as  counter  rotating  propellers, 
the  complete  system  has  to  be  solved.  In  special  cases  the  freestream  vector  is  known  in 
each  blade  section,  e.g.  single  propellers  acting  in  a  given  nonuniform  onflow.  Then  a 
harmonic  analysis  of  the  freestream  velocity  can  be  performed  and  for  each  harmonic  only 
one  system  of  equations  is  formulated.  A  quasi  steady  solution  is  obtained,  if  only  the 
zero  coefficient  of  the  Fourier  series  is  taken  into  account  and  independent  sets  of 
equations  are  built  for  different  times.  In  the  case  of  steady  lift  distributions  like 
single  propellers  with  uniform  onflow,  only  one  of  these  systems  needs  to  be  solved.  The 
solution  of  the  system  of  linear  algebraic  equations  yields  the  Fourier  coefficients  for 
the  Ac„  for  each  panel.  With  these,  the  discrete  time  dependent  Acp  distribution  over 
the  lifting  surface  is  determined.  Integral  values  such  as  lift  coefficient  as  well  as 
thrust  and  power  coefficients  of  the  complete  propeller  can  be  calculated.  The  induced 
drag  coeffient  is  calculated  using  the  expression  given  in  [7]. 
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2.1.2  Numerical  Results 

In  the  following,  numerical  results  performed  by  the  Doublet  Point  Method  are  shown. 
Figure  1  demonstrates  the  effect  of  blade  number  for  steady  lift  distributions.  Three 
single  rotating  propellers,  having  4,6  and  8  identical  blades,  have  been  examined.  The 
geometry  and  experimental  data  for  these  propellers  are  described  by  Bierraann  et  al. 
[25], [26].  In  this  calculation  the  lifting  surface  of  each  blade  is  subdivided  into  6 
panels  along  chord  and  36  panels  along  radius.  A  central  body  is  not  taken  into  account 
with  the  Doublet  Point  Method  and  each  blade  terminates  with  a  free  end  at  an  inner 
radius.  In  the  figure,  measured  and  calculated  thrust  and  power  coefficients  are  plotted 
versus  advance  ratio.  The  experimental  data,  recorded  for  helical  tip  Mach  numbers  lower 
than  0.3,  agree  fairly  well  with  the  theoretical  results.  The  discrepancies  in  the  power 
coefficients  may  be  due  to  viscosity,  which  is  not  taken  into  account  in  the 
calculation. 

Figure  2  shows  results  for  unsteady  propeller  aerodynamics.  Experimental  data  for 
ship  propellers  acting  in  a  nonuniform  onflow  are  reported  by  Miller  [27].  The  propeller 
used  here  for  comparison  has  a  large  blade  width  (expanded  area  ratio  of  1.2).  The  axial 
onflow  varies  in  the  circumferential  direction.  In  the  calculation  performed  with  the 
Doublet  Point  Method  only  the  first  blade  harmonic  of  the  axial  velocity  is  taken  into 
account.  Higher  harmonics  are  relatively  small  and  are  neglected.  The  figure  shows  on  the 
right  side  the  unsteady,  in-phase  part  of  the  thrust  and  power  coefficient  divided  by  the 
design  value  and  on  the  left  side  the  phase  shift.  All  quantities  are  plotted  versus 
advance  ratio.  Here,  both,  unsteady  and  quasi-steady  calculations  with  7  x  15  panels  are 
presented.  In  addition,  experimental  data  [27]  and  theoretical  results  of  Tsakonas  et  al. 
[6]  are  shown.  In  comparison  with  the  quasi-steady  solution,  the  unsteady  calculation 
agrees  better  with  the  experimental  data. 

Figure  3  presents  results  for  a  counter  rotating  propeller,  which  has  two  blades  for 
each  of  the  front  and  rear  propeller.  On  the  left  side  the  unsteady  part  of  the  lift 
coefficient  divided  by  the  time-averaged  lift  (determined  from  the  zero  Fourier  coeffi¬ 
cients)  is  plotted  as  function  of  fraction  of  blade  radius  and  azimuthal  angle.  This 
angle  varies  periodically  with  time.  In  the  case  of  a  2-  by  2-counter  rotating  propeller, 
one  period  is  equivalent  to  180  degrees  of  rotation.  For  the  azimuthal  angle  y=0,  the 
lift  coefficient  of  the  front  propeller  shows  a  drop  of  up  to  30%  of  the  time-averaged 
lift.  A  maximal  peak  of  50%  occurs  for  the  rear  propeller  when  it  is  rotating  through  the 
wake  of  the  front  propeller.  Efficiency  of  single  and  counter  rotating  propellers 
determined  with  measured  time-averaged  thrust  and  power  coefficients  are  reported  in 
reference  [ 2 5  J .  The  right  part  of  figure  3  compares  the  measured  and  calculated 
efficiency  for  a  2-  by  2-blade  counter  rotating  and  a  4-blade  single  rotating  propeller. 
An  estimated  profile  drag  coefficient  of  cwp=0.015  is  added  to  the  calculated  induced 
drag.  The  improved  efficiency  of  a  counter  rotating  propeller  compared  with  a  single 
propeller  is  predicted  fairly  well  with  the  Doublet  Point  Method.  Calculations  presented 
in  the  left  side  of  the  figure  have  been  performed  with  2  x  10  panels  and  3  x  12  panels 
have  been  used  for  calculations  shown  on  the  right  side. 


2.2  Steady  Surface  Pressure  Distribution  on  Propeller  Blades  in  Compressible  Medium 
2.2.1  Integral  Equation  and  Solution  Method 

For  compressible  flows  a  Lifting  Body  Surface  Method  based  on  the  linearized  Ffowcs 
Williams-Hawkings  equation  has  been  developed.  Following  Lighthill  [28],  one  obtains  from 
the  equation  for  conservation  of  mass  and  momentum  the  general  multipole  equation  for 
aeroacoustics .  The  solution  of  this  inhomogeneous  wave  equation,  taking  into  account  the 
acoustic  approximation,  represents  the  pressure  as  a  function  of  the  various  possible 
sources  i;  flow.  This  solution  is  a  Fredholm  integro-dif ferential  equation  of  second 
order,  whic.»  contains  the  acoustic  pressure  in  both  the  left  and  right  hand  sides  and  has 
still  to  be  solved- 


Integrating  the  Fredholm  integral  equation  with  respect  to  time  and  considering  the 
complete  time  history  of  the  sources,  one  obtains  the  potential  formulation  written  in  a 
blade-attached  cartesian  coordinate  system 


4n$ 


t 


dS  dt. 


(2.2) 


The  square  brackets  denote  quantities  to  be  taken  at  emission  time.  $  represents  the 
velocity  potential,  oQ  and  Ap/p,,  are  the  unknown  strengths  of  the  monopole  and  dipole  and 
3  is  the  retarded  distance  between  the  singularity  and  observation  point.  M^j  is  the  Mach 
number  in  radiation  direction.  SQ  is  the  surface  and  t  is  the  time.  The  integral  equation 
(2.2)  represents  the  velocity  potential  as  a  function  of  a  surface  distribution  of  mono¬ 
pole  and  dipole.  At  the  body  surface  the  normal  velocity  is  zero,  which  leads  to  the 
boundary  condition 


fjj  +  n.$  -  0.  (2.3) 

For  the  numerical  solution  of  the  integral  equation  (2.2),  the  propeller  blades  have  to 
be  subdivided  into  surface  panels.  On  each  panel  a  constant  source  and  doublet 
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distribution  is  assumed.  For  the  calculation  of  the  velocities  induced  by  the  source  term 
(first  term  of  equation  (2.2)),  there  are  existing  closed  form  solutions  in  cartesian 
coordinates  for  panels  given  e.g.  Hess  and  Smith  [29]  and  Kohlmeier  [ 30 ] .  For  the  evalu¬ 
ation  of  the  dipole  term  (second  term  of  equation  (2.2)),  the  surface  integral  has  to  be 
cast  in  another  form.  This  also  leads  to  a  physical  interpretation  of  the  dipole  term. 
Using  the  transformed  coordinates  *,h«C,  taking  into  account  the  compressibility  as  a 
kinematic  effect,  and  the  fact  that  in  these  coordinates  the  acceleration  potential 
satisfies  the  Laplace  equation  [2],[3l]  the  induced  normal  velocity  is  given  by 


(2.4) 
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Here  0  is  the  angle  between  ?i  and  0'  is  the  angle  between  VQ  and  £,  p  and  Pt  are 
stretching  factors  and  d  is  a  modified  retarded  distance  between  singularity  and  observa¬ 
tion  point.  The  integration  of  the  last  term  of  equation  (2.4)  can  be  performed  in  the 
case  of  a  translatory  motion  in  a  closed  form  whereas  in  a  helical  motion  the  integration 
has  to  be  executed  numerically.  Details  are  given  in  reference  [32].  For  the  special  case 
of  incompressible  flow,  equation  (2.4)  without  the  first  term  is  the  well  known  integro- 
differential  equation  of  Prandtl  for  thin  wings.  The  second  term  in  equation  (2.4) 
describes  the  bound  and  the  last  term  the  free  vortex.  The  separated  terms  of  bound  and 
free  vortices  are  used  later  for  calculation  of  lift  and  drag. 


The  unknowns  of  the  numerical  procedure  are  the  constant  strength  of  source  as  well 
as  the  doublet  distribution  on  each  panel.  The  doublet  strength  in  the  chord  direction  is 
a  discrete  Birnbaum  distribution  which  leads  to  only  one  unknown  for  the  doublet  strength 
in  each  blade  section.  For  the  additional  upwash  point  a  Kutta  panel  located  in  the  plane 
of  the  bisector  is  used.  Applying  the  zero  normal  velocity  in  each  upwash  point,  a 
linear  system  of  equations  is  obtained.  Using  the  periodicity,  the  number  of  unknowns  is 
reduced  to  the  number  for  one  blade.  The  solution  of  the  linear  equation  system  results 
in  a  steady  surface  pressure  distribution  using  the  perfect  gas  law.  From  the  pressure 
distribution  and  the  induced  velocities  due  to  the  free  vortices  the  coefficients  of 
lift,  drag,  thrust  and  power  of  the  propeller  are  calculated. 


2.2.2  Numerical  Results 

The  Lifting  Body  Surface  Method  has  been  extensively  tested  for  several  applica¬ 
tions.  Comparisons  with  results  of  various  numerical  methods  as  well  as  measurements  have 
shown  good  agreement  [32].  In  this  paper  calculations  for  a  2-blade  advanced  propeller 
a  re  shown . 

Figure  4  presents  on  the  left  hand  side  pressure  distributions  for  various  blade 
sections.  In  the  calculation  29  x  8  panels  have  been  used.  Although  this  is  a  relatively 
coarse  surface  grid,  the  figure  shows  reasonable  pressure  distributions.  The  lift  reduces 
in  the  direction  of  the  hub  as  well  as  the  tip.  For  this  propeller  only  measurements  of 
total  forces  such  as  thrust  and  power  are  available  and  reported  by  Dobrzynski  et  al. 
[33].  On  the  right  hand  side  of  figure  4  thrust  and  power  coefficients  are  plotted  versus 
advance  ratio.  The  full  line  represents  the  calculation  of  the  Lifting  Body  Surface 
Method  and  the  symbols  the  experimental  data-  Since  the  drag  of  the  nacelle  was  measured 
separately  here  only  the  forces  resulting  from  the  blades  are  presented  in  the  figure. 
The  comparisons  show  that  the  calculated  values  of  thrust  are  slightly  overestimated 
whereas  the  values  of  the  power  fit  the  measurements  very  well.  The  discrepancies  are 
less  than  5%.  An  explanation  for  the  fairly  good  result  may  be  that  viscous  effects  in 
this  Mach  number  range  are  small. 


2.3  Near  Field  Acoustics 

In  recent  years,  the  acoustic  analysis  of  advanced  propellers  has  received  a  great 
deal  of  attention.  The  conventional  harmonic  analysis  of  propeller  noise  based  on  compact 
sources  at  an  effective  radius  is  not  suitable  for  detailed  predictions  of  the  influence 
of  blade  geometry  on  the  propeller  noise.  With  a  powerful  computer,  calculations  of  the 
acoustic  pressure  signature  due  to  the  blade  thickness  and  steady  surface  pressure 
distributions  are  possible.  As  a  first  step  some  calculations  of  the  signatures  and  spec¬ 
tra  have  been  performed  and  will  be  shown  evaluated  with  the  technique  equivalent  to 
Farassat's  numerical  procedure  for  the  subsonic  regime  [34]. 


The  acoustic  pressure 
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at  each  point  in  apace  is  the  sum  of  the  contributions  of  all  panels-  With  equation  (2.2) 
equation  (2.5)  yields  an  expression  first  used  by  Lowson  [35]  for  acoustic  calculations. 
Using  the  chain  rule  for  moving  sources 

8  ffl  -  F  +  coe9  df  1 

[  sir  +  ~r~  I  (2-6) 
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for  the  differentiation  of  the  second  term  in  equation  (2.2),  the  following  expression 
for  the  induced  acoustic  pressure 
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is  obtained.  Equation  (2-7)  is  the  same  used  by  Farassat  [34]  for  the  subsonic  regime 
The  unknowns  of  the  singularity  distribution  have  been  calculated  with  the  Lifting  Body 
Surface  Method  outlined  in  chapter  2.2.1.  The  expression  (2.7)  is  evaluated  numerically 
for  256  time  steps  per  revolution  resulting  in  the  signature  of  the  acoustic  pressure. 
The  spectra  are  then  obtained  with  a  Fourier  analysis  of  the  signature. 

First  results  of  acoustic  calculations  in  comparison  to  experimental  data  f  ]  are 
shown  in  the  next  two  figures.  The  right  side  shows  results  for  a  microphone  position 
outside  the  propeller  disc  plane  and  the  left  side  for  one  in  the  plane.  In  the  upper 
part,  the  acoustic  signatures  and  in  the  lower  part  the  spectra  are  presented.  Figure  5 
shows  the  results  for  test  conditions  of  J=.57  and  M^*.57»  The  comparisons  between  the 
calculated  and  measured  peak  values  show  good  agreement.  Reasons  for  the  discrepancies 
may  be  acoustic  wave  reflections  in  the  experiment  as  well  as  the  fact  that  the  quadru- 
pole  term  is  not  taken  into  account  in  the  calculation.  The  calculated  OASPL  corresponds 
very  well  with  the  measured  values.  In  Figure  6  results  for  the  same  advance  ratio  but 
for  a  higher  helical  Mach  number  of  M^= . 76  are  presented.  In  thi  calculation  the 
pressure  distribution  of  Figure  4  has  been  used.  The  comparisons  between  calculated  and 
measured  data  show  the  same  quality  as  before.  In  this  case  the  acoustic  wave  reflections 
in  the  measurements  are  visuable  in  the  signature  for  the  microphone  positions  outside 
the  propeller  plane. 


3.  SOLUTION  OF  EULER  EQUATIONS  FOR  STEADY  TRANSONIC  PROPELLER  FLOW  FIELDS 

In  order  to  treat  transonic  flows  of  high  speed  propellers,  a  numerical  method  for 
solving  the  three-dimensional  Euler  equations  has  been  developed.  The  Euler  equations 
describe  the  inviscid  transonic  flow  correctly  regardless  of  the  strength  of  the 
appearing  shocks.  Unlike  the  potential  flow  model,  the  Euler  equations  allow  entropy  rise 
through  shock  waves  while  mass,  momentum  and  energy  are  conserved.  This  leads  to  an  accu¬ 
rate  prediction  of  the  location  and  strength  of  the  shock.  An  important  feature  of  the 
Euler  equation  model  for  rotary  wing  applications  is  that  vortical  flows  are  yielded  as 
solutions  of  the  equations.  Since  vorticity  is  captured  and  convected,  the  complex  wake 
geometry  of  rotary  wing  flow  fields  does  not  have  to  be  prescribed  but  is  a  part  of  the 
solution. 


3.1  Governing  Equations 

The  governing  equations  are  the  unsteady  Euler  equations  in  integral  conservation 
form.  In  a  blade-attached  cartesian  reference  frame,  which  is  rotating  with  a  constant 
angular  velocity  Q  about  the  x-axis,  the  equations  are  written  as 
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Here,  £  denotes  a  fixed  region  in  the  blade-attached  coordinate  system  with  boundary 
and  outer  normal  K.  The  angular  velocity  is  given  by  5  =  [0,0,0]"  and  r  is  the  position 
vector.  The  equations  (3.1)  are  formulated  such  that  the  vector  w  of  flow  variables  does 
not  contain  the  rotational  velocity  <5x£.  In  this  formulation  the  vector  V?,  the  flux  ten¬ 
sor  F  and  the  source  term  vector  (J-  are  given  by 
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where  p  is  the  density,  p  is  the  pressure,  E  is  the  total  energy,  H  is  the  total  enthalpy 
and  1  , 1  , 1  denote  the  unit  vectors  of  the  cartesian  reference  frame.  The  relative  velo¬ 
city  is  defined  by 

Q  =  q  -  uxr  ,  (3.2) 

where  §=[u,v,w]^,  and  the  pressure  p  is  obtained  by 

p  =  p(«  -  1)  (E  -  |(u2  +  v2  +  w2)).  (3.3) 

The  vector  $  represents  the  terms  due  to  the  rotation  of  the  coordinate  system.  For  Q=0, 
the  system  of  differential  equations  (3.1)  reduces  to  the  Euler  equations  written  in  a 
nonrotating  reference  frame. 

Physical  boundary  conditions  must  be  imposed  at  the  solid  surface  and  at  the  far 
field.  At  the  solid  surface  normal  velocity  has  to  be  zero.  The  formulation  of  (3.1), 
where  the  vector  ft  of  flow  variables  does  not  contain  the  rotational  velocity,  leads  to  a 
uniform  rather  than  a  rotating  far  field.  The  flow  at  the  far  field  is  assumed  to  be 
undisturbed  and  freestream  conditions  are  prescribed.  Furthermore,  by  applying  periodi¬ 
city,  only  the  flow  field  around  one  propeller  blade  has  to  be  calculated. 


3.2  Numerical  Procedure 

The  solution  method  is  an  extension  of  the  DFVLR-deve loped,  block-structured  3-D 
Euler  code  written  for  a  nonrotating  reference  frame  [36].  In  the  following,  the  algo¬ 
rithm  is  briefly  described.  Details  of  the  method  applied  to  rotary  wings  are  outlined  in 
reference  [37].  The  solution  procedure  is  based  on  the  finite  volume  method  using  an 
explicit  multistage  time-stepping  scheme  originated  by  Jameson  et  al.  [38]  .  Semi-discre¬ 
tization  of  (3.1)  decouples  spatial  and  time  discretization.  The  flow  field  is  divided 
into  hexahedral  cells  by  the  generation  of  a  body-fitted  grid.  In  the  finite  volume 
spatial  discretization  the  Euler  equations  in  integral  form  are  approximated  at  each 
cell.  The  flow  variables  are  associated  with  the  cell  centers.  The  surface  integrals  are 
evaluated  by  assuming  that  the  flow  variables  are  constant  on  the  cell  faces  and  are 
calculated  as  the  average  of  their  values  at  the  corresponding  cell  centers.  In  order  to 
damp  out  high  frequency  oscillations  in  the  flow  variables  and  to  avoid  oscillations  in 
the  neighbourhood  of  shock  waves,  dissipative  terms  are  added.  The  terms  are  formed  by  a 
blend  of  second  and  fourth  differences  of  the  flow  variables. 

In  the  finite  volume  scheme  the  solid  surface  boundary  condition  results  in  the 
condition  that  all  convective  fluxas  are  zero  at  the  wall.  The  only  quantities  which  are 
required  at  the  wall  are  the  pressure  and  the  volume  flux  velocity  due  to  the  rotation  of 
the  coordinate  system.  The  pressure  is  obtained  by  linear  extrapolation  from  the  interior 
and  the  rotational  volume  flux  is  known  from  the  grid  geometry.  The  far  field  boundary 
conditions  are  implemented  using  the  concept  of  characteristic  variables. 

The  spatial  discretization  results  in  a  system  of  ordinary  differential  equations  in 
time  which  is  solved  by  an  explicit  5-stage  Runge-Kutta  time  stepping  scheme.  Since  un¬ 
steady  flow  calculations  require  enormous  computational  expense,  at  this  time  our 
interest  is  focussed  on  steady  flow  fields.  In  this  case,  various  techiques,  like  local 
time-stepping,  implicit  residual  averaging  [39]  and  successive  grid  refinement,  are  used 
to  accelerate  the  convergence  to  the  steady  state.  Furthermore,  the  technique  of  enthalpy 
damping  [38]  has  been  applied  to  the  rothalpy  which  is  constant  in  the  case  of  a  pro¬ 
peller  in  axial  flight. 

The  code  is  written  in  a  block-structured  form  which  allows  calculations  with  a 
nearly  unrestricted  number  of  grid  points  on  arbitrary  grid  topologies.  The  details  of 
the  multiblock  structure  implemented  in  the  program  are  found  in  reference  [36]. 


3.3  Numerical  Results 

In  the  present  paper,  results  for  a  2-blade  propeller  are  shown  which  was  tested  by 
NACA  [40].  The  propeller  blades  have  a  rectangular  planform  and  consists  of  NACA 
16-series  blade  sections.  The  tests  provide  pressure  distributions  on  the  rotating  blade 
at  a  number  of  radial  stations. 

Figure  7  shows  the  structure  of  the  field  grid  which  has  been  used  in  the  calcula¬ 
tion.  The  grid  is  body-fitted  and  has  an  0-0  structure,  'hat  is,  it  wraps  around  the 
blade  in  both,  chordwise  and  spanwise  directions.  This  provides  a  good  resolution  at 
leading  and  trailing  edges  as  well  as  at  the  tip  of  the  blade.  The  grid  has  been  genera¬ 
ted  algebraically  using  the  transfinite  interpolation  method  [41  ].  It  has  a  total  of 
96x20x36  cells,  96  cells  around  the  blade  profile,  20  normal  to  the  blade  and  36  along 
the  blade  span.  The  outer  boundary  of  the  grid  around  the  propeller  blade  forms  a  half 
sphere  with  its  center  at  the  x-axis  near  the  blade  trailing  edge.  The  radius  of  the 
sphere  is  about  20  chords,  that  is  2.6  times  the  blade  radius  Because  of  the  strong 
twist  of  the  propeller  special  care  has  to  be  taken  in  constructing  the  surface  grids  at 
the  boundaries  of  the  computational  domain  in  order  to  avoid  intersections  or  excessively 
skewed  cells. 
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Computations  have  been  performed  for  transonic  flow  with  axial  freestream  Mach  num¬ 
ber  M-*0.56  and  advance  ratio  J=2.3.  Figure  8  shows  the  comparison  of  the  calculated  and 
the  measured  pressure  distributions  at  four  different  span  sections.  The  theoretical 
results  are  in  good  agreement  with  the  experiment.  The  shock  at  the  outer  station  is 
resolved  in  the  calculation.  The  helical  tip  Mach  number  is  about  ^=0.96.  The  difference 
between  theory  and  experiment  may  be  due  to  the  effect  of  the  boundary  layers  along  the 
surface  which  is  not  accounted  for  in  the  calculation. 

Figure  9  shows  for  the  same  flow  conditions  crossflow  velocities  in  six  different 
x=constant  planes  which  are  perpendicular  to  the  axis  of  rotation.  The  first  three  planes 
intersect  the  propeller  blade  for  x=0.3,  x=0 . 5  and  x=0.8,  that  is,  near  the  leading  edge, 
at  the  center  line,  and  the  trailing  edge  of  the  blade  respectively.  Because  of  the  twist 
of  the  propeller  the  blade  surface  is  directed  downwards  near  the  blade  leading  edge 
(x=0.3)  and  upwards  near  the  blade  trailing  edge  (x*0.8).  The  last  three  planes  x=0.9, 
x=l-2  and  x»1.8  are  just  behind  the  blade  trailing  edge.  The  crossflow  velocities  in  the 
different  planes  show  the  formation  and  growing  of  the  tip  vortex.  Near  the  blade  leading 
edge  only  the  displacement  effect  is  visible.  As  the  crossplane  moves  further  downstream 
the  crossflow  velocities  indicate  a  flow  around  the  tip  which  then  develops  into  a  tip 
vortex.  This  vortex  leaves  the  blade  trailing  edge  and  approximately  follows  the  path  of 
the  blade  tip. 


4 .  CONCLUDING  REMARKS 

Two  singularity  methods  for  propeller  aerodynamics  have  been  presented.  First,  a 
Doublet  Point  Method  for  unsteady  incompressible  flow  has  been  described.  Here,  single 
doublets  are  distributed  over  the  lifting  surfaces  and  an  unsteady  formulation  for  the 
doublet  strength  is  used.  Applied  to  unsteady  conditions  this  formulation  is  superior  to 
the  quasi-steady  approach.  Interfering  lifting  surfaces,  like  counter  rotating  pro¬ 
pellers,  are  treated  directly  without  iterative  treatment. 

Second,  a  Lifting  Body  Surface  Method  for  steady  compressible  flow  has  been  out¬ 
lined.  The  basic  equation  is  the  solution  of  the  linearized  Ffowcs  Williams-Hawkings 
equation  in  potential  formulation,  which  is  taken  for  predicting  both  aerodynamics  and 
acoustics.  Using  a  source  and  doublet  distribution  on  the  blade,  surface  pressure  distri¬ 
butions  of  an  advanced  2-blade  propeller  in  compresssible  flows  have  been  computed.  The 
induced  velocities  of  the  bound  and  free  vortices  are  calculated  separately.  The  evalua¬ 
ted  aerodynamic  coefficients  are  used  to  calculate  the  acoustic  signatures  as  well  as  the 
spectra. 

Furthermore,  a  numerical  method  for  the  solution  of  Euler  equations  has  been  de¬ 
scribed  in  order  to  predict  the  characteristics  of  transonic  flows.  It  is  based  on  the 
finite  volume  approach  and  solves  the  equations  in  a  blade-attached  cartesian  coordinate 
system.  An  algebraically  generated  grid  around  the  propeller  blade,  which  has  an  0-0 
topology,  has  been  used. 

Each  of  the  presented  theories  has  been  used  for  the  prediction  of  special  flow 
phenomena  associated  with  high  speed  propellers.  The  various  comparisons  of  theory  and 
experiment  are  encouraging. 
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7 .  FIGURES 


Fig.  1  Comparison  between  Doublet  Point  Method  calculation  and  measured  data 
for  single  propellers  having  4,  6  and  8  blades. 


$PL  Pressure  [Pa] 
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Fig.  4  Pressure  distributions  for  various  blade  sections  and  thrust  and  power 
coefficients  for  a  2-blade  propeller  -  Lifting  Body  Surface  Method. 


1  Frequency  2  KH* 


Fig.  5  Comparisons  between  acoustic  experimental  data  and  Lifting  Body  Surface 
Method  calculations,  M^=0.57. 


DISCUSSION 


C.  PADOVA,  US 

Please  comment  on  the  state-of-the  art  for  inclusion  of  viscous  ef¬ 
fects  in  propeller  calculations,  particularly  in  the  transonic  regime  to 
treat  the  shock  boundary  layer  interaction. 

Author's  Reply 

At  the  DFVLR  Institute  for  Design  Aerodynamics,  presently  in  the  non 
linear  method  applied  to  rotary  wing  conf igurations  viscous  effects  are  not 
taken  into  account.  In  the  linear  methods  viscous  effects  are  accounted  for 
by  a  correlation  with  drag  data  for  wing  sections  in  special  cases. 


P.  PSARUDAKIS,  It 

1)  Can  you  tell  us  how  do  you  define  the  pressure  coefficients.  I 
mean,  do  you  define  such  coefficients  to  the  relative  flow  in  the  plane  of 
the  propeller,  or  to  something  else  1 

2)  In  the  method  you  have  developed,  you  have  to  simulate  the  rota¬ 
tional  wake  of  the  propeller  blades.  How  do  you  design  such  wake  and  what 
kind  of  singularities  do  you  use  on  the  same  wake  ? 


Author's  Reply 

1)  The  pressure  coefficient  cp  used  in  the  paper  is  defined  as 

P  -  P. 

c  =  - 

p  p 

5-  (U2  +  Q2 • z2  ) 

2  00 

where  p  is  the  pressure,  pM  and  p*  are  the  pressure  and  the  density 
In  the  undisturbed  medium,  U«>  is  the  axial  advance  velocity  of  the 
propeller,  S  is  the  angular  velocity  and  z  is  the  cartesian  coordinate  in 
spanwlse  direction. 

2)  A  wake  has  to  be  prescribed  for  the  two  singularity  methods  pre¬ 
sented  in  the  paper.  In  both  methods,  a  rigid  wake  model  is  used.  The  wake 
forms  a  pure  helix  defined  by  the  motion  of  the  propeller.  In  the  case  of 
the  Doublet  Point  Method,  the  wake  is  simulated  by  the  path  of  the  discrete 
doublets.  In  the  Lifting  Body  Surface  Method,  discrete  vortices  are  used. 

In  the  method  for  the  solution  of  the  Euler  equations,  the  wake  does 
not  have  to  be  prescribed  but  is  a  part  of  the  solution. 
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ETUDE  DE  L 1  AIRODYNAMIQUX  DIS  HELICES  POUR  AVIOMS  RAPIDES 
ANALYSIS  OF  HIGHSPEED  PROPELLERS  AERODYNAMICS 

par 

J.M .  BOUSQUET 

Office  National  d' Etudes  et  de  Recherches  A6rospatial.es  (ONERA) 
29,  avenue  de  la  Division  Leclerc  -  92320  CHATILLON  (FRANCE) 


RESUME 

Des  etudes  d' helices  pour  avions  rapides  sont  menses  en  France  dans  le  cadre  de  1' operation  CHARHE.  On 
pr6sente  une  synthase  des  etudes  adrodynamiques  ayant  abouti  A  la  definition  de  l'heiice  HT3  dont  une 
maquette  a  6te  essayde  dans  la  soufflarie  SI  de  Modane.  Les  r6sultats  exp6rimentaux  obtenus  sont  compares 
aux  prdvisions.  Par  ailleurs  l'intdret  des  helices  coaxiales  contra-rotatives  est  pr6sente  du  point  de 
vue  des  performances. 


K  B..1-T  R  A  £  T 

Highspeed  propellers  are  studied  in  the  French  CHARME  research  program.  A  synthesis  of  aerodynamic 
developments  leading  to  the  HT3  propeller  definition  and  test  in  SI  Modane  wind-tunnel,  is  presented.  The 
validity  of  the  main  calculation  methods  used  in  this  research,  is  analysed.  Counterrotating  highspeed 
propellers  are  also  studied  ;  their  performance  benefits  against  single  rotation  propellers  are  pre¬ 
sented. 


BQT-AIlflM 

B  Nombre  de  pales 

C  Charge  au  disque  C  =  P/D2 

Cz  Coefficient  de  portance  (profil) 

Cx  Coefficient  de  trainee  (profil) 

D  Diamdtre  de  l'heiice 

e/1  Epaisseur  relative 

b  Enthalpie 

I  Rothalpie  Ishlp.p)  +  -  r*  ft* 

2  2 

1  Corde 

M  Nombre  de  Mach 

n  Frequence  de  rotation  n  =  ^ 

p  Pression  statique 

Pi  Pression  d' arret 

P  Puissance 

R  Rayon  de  l'heiice 

r  Rayon 

T  Traction 

V  Vitesse 

H(l)  Vitesse  relative  V  =  V 
a  Incidence 

0  c«i»a«  ( t  -  o.7) 


fT' 


Par&mdtre  d  '  avancement 7  = 


Vo 

nO 
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V 

<0 

p 

T 

X 

r 

n 


Rendeaent  n  =  il 
7  X 

Pas  rdduit  du  sillage 

Rayon  rdduit  (ou  diaa6tre  rdduit) 

Rayon  rdduit  (ou  diaaetre  r£duit)  du  aoyeu 
Masse  volumique 

Coefficient  de  traction  t: — =  Ct 
p  rr  D4 

Coefficient  de  puissance  X; £ — =  Cp 

p  n1  D* 


Circulation 
Vitesse  de  rotation 


1.  IMTROPUCTIQH 

Les  recherches  sur  les  helices  d'avions  rapides  font  partie  du  contexte  plus  general  des  economies  de 
carburant  A  rdaliser  sur  les  futurs  avions  de  transport. 

Pour  cerner  l'mteret  de  ce  nouveau  type  de  propulsion,  les  Services  Officiels  francais  (DRET/ STPA/DGAC) 
ont  lance  1 'operation  CHARME  (Concept  d’H61ice  pour  Avion  Rapide  en  vue  d'une  Meilleure  Econonie)  en 
1982.  Ce  programme  de  recherche  est  men£  en  collaboration  entre  1 ' Aerospatiale  divisions  Avion  et 
Heiicoptere,  Ratier-Figeac  et  l’ONERA  [1]. 

L'objectif  de  cette  operation  de  recherche  a  ete  de  dAvelopper  de  nouvelles  methodes  de  calcul  adaptges  A 
ce  type  d'hdlice,  et  d'en  verifier  le  champ  d'application  en  rdalisant  une  maquette  de  1  metre  de 
diaadtre  (figure  1)  pour  essais  dans  la  grande  soufflene  transsonique  SI  de  Modane.  Si  l'essai  de  cette 
naquette  baptis£e  HT3  a  eu  pour  objet  principal  l'£tude  du  £ onctionnement  adrodynamique  de  l'heiice,  de 
noabreuses  aesures  ont  dgaleaent  ete  faites  dans  les  doaaines  des  structures  et  de  1 ' a6rodlasticite  [2] 
et  de  l'acoustique  [3]. 


Fig  I  -  Helice  HT 3 


Dans  cet  article,  on  presente  uniqueaent  la  partie  a6rodyna«uque  de  la  recherche.  Les  methodes  de  calcul 
utilises  sont  tout  d'abord  presentees,  puis  leur  degrd  de  validity  est  analyst  A  partir  des  coaparaisons 
avec  les  rdsultats  exp^riaentaux  obtenus. 

2.  WTB9PH  PI  <ihhW It 

Dans  le  cadre  de  l'dtude  adrodynamique  des  helices  pour  avion  rapide  (operation  CHARME),  de  noabreuses 
aethodes  ont  ete  utilisdes  et  6valudes.  Une  description  detailiee  de  ces  methodes  est  fournie  dans  la 
reference  [1] .  On  ne  presenters  ici  que  deux  de  ces  methodes  :  la  adthode  simple  de  Ligne  Portante  Courbe 
(programme  LPC)  et  la  aAthode  plus  sophistiqude  tridiaensionnelle  transsonique  (prograaae  Euler  3D) . 
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Ce  type  de  adthode,  reaarquable  par  sa  simplicity,  reste  des  plus  employ*  pour  la  definition  et  le  calcul 
de  performances  d’ helices  classiques. 

La  adthode  est  basde  sur  le  calcul  du  fonctionceaent  de  cbaque  section  de  la  pale,  dans  le  £baap  de 
vitesse  relative,  superposition  de  la  vitesse  de  l'6couleaent  Vo,  de  la  vitesse  d'entraineaent  Q et 
du  chaap  de  perturbation  5V. 

Le  chaap  de  perturbation  est  calcuie  4  l'aide  d’une  aodeiisation  tourbillonnaire  des  pales  et  de  leurs 
sillaqes,  par  application  des  formules  de  BIOT  et  SAVART  qui,  avec  les  notations  de  la  figure  2,  s'expri- 
aent  : 


6T=.»r  f 

4Tt  J  IIMr 


Pour  les  helices  classiques  (droites) ,  l'induction  se  rdduit  4  la  contribution  des  tourbillons  libres  du 
sillage,  de  la  forne 


ju=  /■’  JT.  A.Hti 

en  posant 


5  et  «,  = 

R  R 


A„  est  le  pas  rdduit  de  chacun  des  tourbillons  hdlicoidaux  du  sillage. 


h-mr. 


Fig.  2  -  Induction  d  une  ligne  portante  droite. 


La  circulation  T  variable  en  envergv.re  du  tourbillon  libre  noddlisant  la  pale  est  ddterainde  par 
application  du  thdordme  de  Joukovski  au  niveau  de  chacun  des  profils. 

■  r(?l  =  vztwcita.Mr.n 

a  -  3  -  Arclg  (  Vq  *  y  ) 

/2)  _ Qr~u 

W  W  =  V(Vo  +  *)2*  (fir-u)2' 


Les  adthodes  de  Ligne  Portante  consistent  4  rdsoudre  siaultandaent  les  Equations  Q  et  (2)  .  Hoyennant 
la  ddteraination  du  Ct  {  a  ,  Mrci)  et  du  pas  de  sillage  Ac  ,  on  calcuie  par  integrations,  les  performan¬ 
ces  globales  de  l'hdlice  ;  la  trainee  des  diffdrents  profils  est  dgaleaent  prise  en  coapte  au  niveau  de 
ces  integrations. 

Les  fonctions  f  et  g  prdsentes  dans  (ft  sont  calculdes  par  integration  nuadrique  des  foraules  de  BIOT 
et  SAVART.  Les  intdgrales  du  systdme  Q)  sont  traitdes  par  une  adthode  analogue  4  celle  de  GLAUERT  pour 
les  ailes,  en  ddveloppant  r  ,  f  et  g  en  sdries  trigonoadtriques .  Le  Cz  et  C*  des  profils  sont  ddterainds 
par  interpolation  dans  un  fichier  de  polaires  expdriaentales  de  profils. 
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L ‘originality  de  la  methode  reside  dans  le  calcul  exact  du  pas  rdduit  X0 ( ?  )  de  cbacun  des  tourbillons 
h61icoidaux  du  sillage  i  l'aide  d'un  processus  itdratif. 

Pour  traiter  le  cas  de  pales  d'hdlices  comportant  de  la  fldche,  cette  methods  a  6t6  aodif i6e  d'une  part 
en  incorporant  la  thdorie  simplifiee  de  1‘attaque  oblique  pour  le  fonctionnement  des  profils,  et  d* autre 
part  en  prenant  en  coapte  la  g6om6trie  d'une  ligne  port ante  courbe  dans  le  calcul  tourbillonnaire. 

Ce  dernier  point  est  illustr6  par  la  figure  3,  qui  aontre  la  ndcessaire  prise  en  coapte  de  la  distance 
axiale  Xu,  et  du  d6phasage  4>  entre  les  points  J  et  H,  pour  le  calcul  du  cbaap  de  perturbation. 


Fig  3  -  Induction  d'une  ligne  portante  courbe 


Le  systeme  (T)  devient  en  consequence  : 

J  *  =  ^  )  ♦  Tbit  (  B  )  1  iti 

\  U  =  6.e  (5 )  9,<c,t„  A.,*,5»,B  ).  rh9(?,?,  HCi 

les  fonctions  fl,  gl  concernent  le  sillage  ;  les  fonctions  hx  et  h0  concernent  1' induction  des  lignes 
portantes  courbes.  Elies  sont  calcuiees  par  integration  nuoenque. 


L'effet  global  de  ces  nouvelles  fonctions  est  montre  sur  la  figure  4,  oti  sont  coapar6es  les  repartitions 
de  circulation  pour  une  ligne  portante  droite  et  pour  une  ligne  portante  courbe  typique,  pour  les  memes 
repartitions  de  pas  de  sillage  A0(£i).  On  remarque,  que  1 ’ incurvation  de  la  ligne  portante  se  traduit 
par  un  decalage  du  maximum  de  circulation  vers  1' extremity  de  la  pale  et  par  une  inflexion  dans  les  zones 
medianes. 


Ce  resultat  montre  1‘ importance  d'une  modeiisation  correcte  de  la  geometrie  de  pales  comportant  de  la 
fldcbe,  pour  la  prevision  de  la  repartition  de  charge  sur  les  pales  de  l'heiice. 

La  mdthode  de  Ligne  Portante  Courbe  (LPC)  constitue  l'outil  de  base  pour  la  conception  et  le  calcul  des 
performances  d‘ helices  pour  avions  rapides.  Ses  avantages  principaux  resident  dans  la  souplesse  d'emploi 
(simplicity  des  donndes  geometriques  relatives  k  l'heiice)  et  sa  rapidity  d'execution  (environ  10 
secondes  CPU  sur  CYBER  750).  Son  interet,  comme  on  le  montrera  au  paragraphe  4,  concerne  la  prevision  des 
performances  globales  (traction,  puissance,  rendement)  de  l'heiice,  avec  possibility  de  prise  en  coapte 
de  l'interaction  d'une  nacelle  moteur  et  possibility  de  calcul  de  l'heiice  en  incidence. 

Le  programme  LPC  a  egalement  ete  etendu  au  calcul  des  doublets  d' helices  coaxiales  contra-rotatives 
(programme  LPC2). 
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2-2.  Hliteat  tridinnsionnellt  tramsonique  (programme  Euler  3P) 

Cette  mythode  a  6t6  initialeaent  d6velopp6e  pour  les  turboaachmes . 

Dans  l'hypothyse  de  fluide  parfait,  les  Equations  d'Euler  dycrivant  le  coaporteaent  d'une  parti- 
cule  le  long  d'une  ligne  de  courant  relative  s’6cnvent  : 


(a) 

di*  (PW)  =0 

<b) 

d i«  (p we  wv pi ) 

(c) 

di«  (p  IW  )  =0 

oil  I  d6signe  la  rothalpie  : 

i s h(p,p)  +  ii?-  i!iL 

2  2 

et  f  est  la  somme  des  acc416ratioDS  d'entraineaent  et  de  Corlollis  :  f  =  2  Q  tt * W  -  r ft1 er 

et  et  er  sont  les  vecteurs  unitaires  axial  et  radial  du  r£f£rentlel  tournant. 

Ce  probl£me  stationnaire  est  d'abord  transform^  en  un  probiyme  pseudo-instationnaire  par  Introduc¬ 
tion  d'une  variable  "tenps"  fictive,  qui  permet  de  construire  un  proc6d£  it6ratif  convergeant  vers  la 
solution  stationnaire.  Le  syst£me  pseudo-instationnaire  est  construit  en  reaplagant  liquation  de 
l'6nergie  3  (c)  par  la  condition  de  rothalpie  uniforme  I  =  Cte  et  en  traitant  les  formulations  instation- 
naires  exactes  des  Equations  de  continuity  3  (a)  et  de  quantity  de  aouveaent  3  (b) . 


© 


la)  §>*V.(pW)sO 

at 

n)  ♦  v.( pw « w.pn . pf  =  o 


Les  quatre  inconnues_du  probiyme  sont  la  masse  volumique  p  et  les  trois  coaposantes  de  la  quantity  de 
aouveaent  relative  p  V.  La  pression  statique  est  dyterminye  par  la  condition  de  rothalpie  uniforme  I  = 
Cte  et  par  la  relation  theraodynaaique  : 

p  C  p,pw  )  =  Xii  (  u  gll* )  p  -  Lei)! 

T  2  2y  p 

Le  parametre  -j  etant  4gal  4  izit  et  dans  les  applications  usuelles  t  =  1.4. 

Cv 

Le  systyae@est  coapiyty  par  un  ensemble  de  conditions  aux  liaites  et  de  conditions  initiales. 


Des  considyrations  de  pyriodicity  permettent  de  limiter  le  domaine  de  calcul  k  l'espace  coapris  entre 
deux  pales  consycutives  (figure  5). 


Fig.  5  -  Domaine  de  calcul  Euler  3D 


Les  conditions  liaites  basyes  sur  la  rysolution  d'yquations  de  compatibility  sont  du  type  : 

-  pyriodicity  sur  les  surfaces  latyrales,  sauf  sur  les  pales  oti  une  condition  de  glisseaent  relatif  est 
appliquye, 

-  glisseaent  relatif  sur  le  aoyeu  (casserole  et  nacelle) , 

-  direction  de  la  vitesse  iaposye  dans  le  plan  aaont, 

-  condition  de  pression  (yquilibre  radial  simplify)  ou  condition  de  non-ryf lexion  des  ondes  acoustiques 
dans  le  plan  aval, 

-  glisseaent  relatif,  ou  condition  de  pression,  ou  condition  de  non-ryf lexion  des  ondes  acoustiques  sur 
le  carter  fictif,  selon  le  type  de  calcul  (hyiice  en  soufflerie  ou  ataosphyre  infinie). 

Le  aaillage  tridiaensionnel  est  de  type  H,  peraettant  une  construction  relativeaent  simple.  Un  exeaple  de 

aaillage  est  fourni  sur  la  figure  6,  oCt  trois  frontiyres  du  domaine  de  calcul  ont  yty  reprysentyes. 
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Lea  aaillages  usuels  coaportent  approxiaativeaent  30  000  points,  ce  qui  conduit  4  des  temps  de  calcul 
d' environ  20  ainutea  CPU  sur  ordinateur  CRAY  IS. 


3.  CflKPTIM  PI  fa'MWl  HT? 

La  conception  adrodynaaique  de  l'hdlice  HT3  a  6t6  effectude  par  l'ONERA,  la  conception  structurale  et  la 
fabrication  des  pales  par  1  *  Aerospatiale  et  le  aoyeu  et  les  modifications  du  banc  d'essai  par  Ratier- 
Figeac. 

Le  point  d 'optimisation  de  i’hdlice  a  dtd  choisi  par  1 'Aerospatiale  division  Avion  :  charge  au  disque  C  = 
250  kW/a2 ,  noabre  de  Mach  de  vol  M  *  0.75  A  Z  =  10  500  m  (Z  =  35  000  ft),  vitesse  de  rotation  pdriphdn- 
que  QR  =  220  n/s  ;  ceci  correspond  en  notations  adiaensionndes  4  X=  1,82  et  T  =  3,12. 

La  adthodologie  employee  est  presentee  sur  la  figure  7.  La  conception  articul6e  autour  de  la  m6thode 
Ligne  Portante  Courbe,  coapte  tenu  des  lois  de  definition  geoaetrique  des  pales  et  du  moy«»u  ainsi  que  des 
caracteristiques  aerodynaaiques  des  profils  bidinensionnels  (profil  isoie  ou  en  grille,  aoyeu  axisymdtri- 
que) ,  peraet  de  trouver  la  loi  de  vrillage  la  aieux  adaptde  pour  optiaiser  le  rendement  de  1‘hdlice  au 
point  de  definition  tout  en  gardant  de  bonnes  performances  aux  autres  points  de  vol  caracteristiques  de 
1  'heiice. 


Fig.  7  -  Definition  d  une  heiice  pour  avion  rapide 


Les  lois  de  fldche  (eapileaent  tridiaensionnel  des  profils)  et  d'epaisseur  relative  de  profils  sont 
choisies  en  integrant  des  contraintes  d'ordre  structural  et  aeroeiastique. 

La  seconds  phase  de  la  conception  aerodynaaique  concerne  la  verification  du  bon  fonctionneaent  adrodyna- 
■ique  de  l'enseable  pales  ♦  aoyeu,  4  l'aide  de  calculs  tridimensionnels.  A  ce  stade  de  la  conception,  on 
utilise  essentielleaent  la  adthode  Euler  3D,  qui  peraet  notaaaent  de  verifier  1' absence  de  blocage  de 
l'dcouleaent  en  eabase  de  pales  ;  dans  ces  calculs,  on  peut  prendre  en  coapte  itdrativeaent  l'effet  des 
deformations  de  pales  sous  1' action  des  efforts  centrifuges  et  aerodynaaiques,  calculdes  par  exeaple  en 
utilisant  un  code  elements  finis  de  structures  en  rotation. 

Dans  sa  definition  finale,  1 'heiice  HT3  comporte  12  pales  en  fldche.  Les  profile  sont  aodernes,  spdciale- 
aent  adaptds  au  fonctionneaent  en  regime  transsonique.  En  particulier,  la  partie  externe  des  pales  est 
congue  autour  du  profil  mince  0H2204  (e/1  «  0.035)  dont  les  caracteristiques  4  grand  noabre  de  Mach  sont 
trds  bonnes  comae  on  peut  le  voir  sur  la  figure  8  od  ses  performance#  sont  coapardes  4  celles  du  profil 
classique  NACA  16304.  Une  vue  de  la  forme  en  plan  des  pales,  ainsi  que  l'eapilage  des  profils  de  l'hdlice 
HT3  sont  fournis  sur  la  figure  9. 
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Fig.  8  -  Performances  du  profil  mince  OH 2204. 


4.  C0HPXRUS08  PIS  RS5ULTATS  Dg  CALCUL  AVEC  L '  EXPERIENCE 

L'h61ice  HT3  a  yty  essay6e  dans  la  grande  soufflerie  SI  Modane  de  l'ONERA.  Une  photographic  de  l'h61ice 
de  1  mytre  de  diamytre  dans  la  veine  d’essai  est  pr6sent6e  sur  la  figure  10.  Le  dispositif  d’essai  ainsi 
que  les  tr6s  nombreuses  mesures  effectuyes  sont  sch^matiquement  repr6sent6s  sur  la  figure  11.  On  notera 
1 'originality  de  certaines  des  mesures,  notamment  des  mesures  de  pression  sur  les  pales,  par  l’intermy- 
diaire  de  capteurs  de  pression  miniatures  implants  i  l'inttrieur  des  pales  en  matyriau  composite. 


Fig.  11  -  Mesures  effectuyes  lors  de  1‘essai 
de  VMlice  HT3. 
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Des  aesures  de  pression  utilisant  la  aeae  technique  ont  dgaleaent  dtd  effectudes  sur  la  casserole 
tournante  [43 . 

Les  performances  aesurdes  au  cours  de  cet  essai  sont  bonnes  cone  le  aontre  le  tableau  de  la  figure  12. 
En  particular  on  reaarque  que  la  bonne  performance  aesurde  A  grand  noabre  de  Mach  est  trds  voisine  de  la 
provision  faite  par  la  adthode  LPC  ddcrite  au  paragraphe  2  (le  rendeaent  net  aesurd  i)  =  0.79  est  trds 
proche  de  la  provision  t)  =  0.796} .  A  plus  faible  noabre  de  Mach,  pour  des  points  de  vol  correspondent  au 
ddcollage  et  A  la  nontde  avion,  la  performance  aesurde  est  supdrieure  A  la  prdvision,  laissant  supposer 
que  la  prise  en  coapte  de  la  trainde  de  profil  dans  la  adthode  LPC,  par  1 ’ internddiaire  de  la  trainde 
dldaentaire  de  profils  bidiaensionnels,  est  probableaent  pessiaiste  pour  ce  type  de  pales  de  faible 
allongenent  et  coaportant  de  la  fldche. 


ESSAI 

SIMA 

CALCUL 

LPC 

M  -  0,25 

7  =1,24  X  -1,43 

0,633 

0,583 

M  -0,5 

7  *2,3  X  =*  f(4 

0,834 

0,783 

M  =0,7 

7  =3,12  X  =  1,82 

0.810 

0,807 

M  =  0,75 

7  =3,12  X  =  1,82 

0,790 

0,796 

Fig  12  -  H  el  ice  HT3  Rendemeru  net 


La  validitd  de  la  adthode  LPC  n'est  pas  liaitde  A  la  prdvision  du  niveau  de  rendeaent  des  hdlices 
rapides.  La  figure  13  montre  que  1’dvolution  calculde  du  coefficient  de  puissance  X  avec  le  paraadtre 
d'avancement  7  ,  A  calage  de  pale  0  fixd,  est  trds  voisine  de  Involution  obtenue  en  essai,  avec  toute- 
fois  un  ldger  dcart  d’environ  2.5°  sur  la  valeur  de  l’angle  de  calage,  qui  peut  dtre  au  moins  partielle- 
ment  attribud  A  la  ddforaation  des  pales  sous  charge. 


Fig.  13  -  Htlice  HT3  Performances  d  M  ^  0,75 
Comparaison  calculi  experience 


U 


3 
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La  mdthode  Euler  3D  a  dtd  utilisde  au  cours  de  la  phase  de  conception  pour  s' assurer  notamaent  de 
1' absence  de  blocage  de  l’dcoulement  dans  le  canal  inter-pales  prd«  du  aoyeu.  Un  autre  point  important 
dans  I'dtude  des  rdsultats  de  calculs  par  la  adthode  Euler  a  dtd  de  vdrifier  que  les  noabres  de  Mach 
relatifs  aaxiaaux  sur  les  profils  n'dtaient  pas  trop  iaportants  (Mr«t  (  1,4  sur  toute  la  pale  pour 
M  =0,75),  afin  d'dviter  tout  risque  de  ddcollement  au  pied  du  choc  par  interaction  avec  la  couche  liaite. 

La  figure  14,  aontre  un  exemple  de  calcul  sur  l'hdlice  HT3,  pendant  la  phase  de  conception  de  l’hdlice. 

La  adthode  tiler  3D  a  pu  etre  dvalude  A  l'issue  des  essais  en  soufflerie  de  l'hdlice  HT3. 

Sur  la  figure  15  les  rdpartitions  des  pressions  aesurdes  et  calculdes  sont  co^pardes  sur  un  profil  situd 
au  rayon  relatif  S2O.8,  pour  un  essai  AM  *  0.7.  On  reaarque  que  1* accord  calcul/expdrience  est 
relativeaent  bon. 


Fig  14  -  H 41  ice  HT3  CaJcul  Euler  3D. 


Le  calcul  sous-6value  toutefois  16gerement  les  pressions  maximales  (et  surAvalue  done  lAgerement  les 
nombres  de  Mach  relatifs  maximaux)  tant  a  l’intrados  qu'A  l'extrados  du  profil  ;  la  recompression  mesurAe 
de  l'Acoulement  A  l’extrados  du  profil  apparait  Agalement  moms  progressive  que  celle  calculAe. 

Lc.sque  le  nombre  de  Mach  de  1 '  Acoulemer.t  est  plus  AlevA  (M  =  u.7S  sur  la  figure  16)  1 'accord  avec 
1 ’experience  reste  acceptable,  la  meme  remarque  concernant  la  surAvaluation  du  nombre  de  Mach  relatif 
maximal  par  le  calcul  peut  etre  faite.  On  peut  penser  que  les  effets  visqueux  non  pris  en  compte  par  la 
mAthode  Euler  3D  pourraient  expliquer  au  moms  partiellement  cet  ecart. 


Eiki  SIMA 


-  Ctl:vl  f hIci  30  “ 


Fig  16  -  H  41  ice  HT 3  Pressions  sur  les  pules  M  =  0.15 


Le  champ  d ’ application  traditionnel  de  la  mAthode  Euler  3D  concerne  essentiellement  les  domaines  trans- 
soniques  et  supersoniques .  Aux  plus  faifcles  nombres  de  Mach  (dooai,ies  incompressible  et  subsonique 
compressible)  la  mAthode  n’est  pas  parfaitement  adaptAe.  On  remarque  cependant  sur  la  figure  17,  que  le 
fonctionnement  du  profil  situA  au  rayon  relatif  ?  =  0.8  est  relativement  bien  prAvu.  C'est  dans  la  partie 
de  l’extrados  proche  du  tord  d'attaque  que  l'Acart  entre  le  calcul  et  I'expArience  est  le  plus  sensible  ; 
bien  que  cette  zone  ne  soit  pas  parfaitement  dAc^ite  expArimentalement  en  raison  du  faible  nombre  de 
capteurs  de  pression  dans  cette  region  du  bord  d'attaque,  il  semble  que  la  recompression  sur  I'extrados 
du  profil  soit  assez  aal  prAvue  par  ce  calcul.  Ceci  pourrait  etre  du  au  type  de  oaillage  en  H  utilise 
pour  le  calcul  Euler  3D,  qui  n'est  pas  trAs  bien  adapts  aux  grands  rayons  de  bord  d'attaque  des  profils 
■odernes  utilises  sur  1’hAlice  HT3  ;  ce  phAnoaAne  pourrait  Agalement  etre  attnbuA  A  1*  importance  de  la 
dissipation  numArique  nAcessaire  pour  traiter  ce  cas  difficile. 


On  peut  souligner  A  cette  occasion  que  des  dAveloppements  nouveaux  sont  en  cours  A  l’ONERA  afin  d'amAlio- 
rer  la  prise  en  compte  des  bords  d’attaque  des  profils  par  une  technique  de  sous-domaines  dans  le  calcul 
Euler  3D. 
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m  =0.25  t  =  aa 


®  £«ui!1B*  M:(X2S2  1  =  1,26  X=\« 

—  C4k«l  30  H  =0.259  1  -1,26  X lV» 


Fig  17  -  H  el  ice  HT3  Pressions  sur  les  pales  M  =-  0.25 


Dans  l'etat  actuel  les  methodes  developpees  au  cours  de  1’ operation  CHARHE  sont  bien  adaptees  pour  la 
provision  des  performances  et  des  caractdristiques  de  l'dcouleaent  sur  des  helices  pour  avion  rapide 
simple-rotation. 

s.  m«H  ?m  1YIQM  RAHPH  wmA-MT4TIY»l 

L'interet  des  helices  coaxiales  contra-rotatives  reside  dans  le  fait  que  l'ecoulement  qui  est  devie  4  la 
sortie  de  la  premiere  ranged  de  pales  est  redress^  par  la  seconde  rang6e,  minimisant  ainsi  la  perte 
d'energie  cm6tique  due  4  la  presence  d'une  coaposante  de  vitesse  tangentielle  dans  le  sillage  d’une 
heiice  simple-rotation  ;  cette  solution  est  d'autant  plus  interessante  que  la  deviation  a  l'aval  des 
helices  rapides  simple-rotation  est  grande  en  raison  de  la  tres  forte  charge  au  disque  (C  >  250  kv/m2 )  de 
ce  type  d'heiices. 

Pour  traiter  le  cas  des  helices  contra-rotatives  des  methodes  de  calcul  sont  en  cours  de  developpement  a 
l'ONERA.  On  ne  presenters  ici  que  des  r6sultats  de  calculs  obtenus  avec  la  methode  LPC2,  extension  au  cas 
des  helices  contra-rotatives  de  la  methode  LPC  d6j4  d6cnte. 

Coome  pour  les  helices  simple-rotation,  la  methode  LPC 2  calcule  4  partir  d'une  definition  simple  de  la 
g6om£tne  des  pales  (lois  de  definition),  les  performances  de  chacune  des  helices  fonctionnant  dans  le 
champ  a6rodynamique  cree  par  1' autre. 

La  performance  globale  du  doublet  est  obtenue  par  sommation  des  performances  de  chacune  des  helices.  II 
faut  signaler  4  ce  sujet,  que  les  calculs  d'optimisation  d'heiices  contra-rotatives  sont  glofcalement  plus 
couteux  que  les  helices  simple-rotation.  En  effet,  le  f onctionnement  de  chacune  des  ranges  de  pales  dans 
le  champ  aerodynamique  de  l'autre  necessite  un  calcul  iteratif  environ  5  fois  plus  long  que  le  calcul 
d'une  heiice  simple-rotation  ;  de  plus  le  choix  des  paramdtres  de  f onctionnement  de  chacune  des  rangees 
de  pales  (repartition  de  la  puissance,  choix  des  regimes  de  rotation,  des  nombres  de  pales...)  multiplie 
de  faqon  importante  les  calculs  necessaires. 

A  titre  de  comparison.  nous  avons  etudie  des  helices  contra-rotatives  bashes  sur  la  definition  de 
l'heiice  simple-rotation  HT3 .  Une  illustration  du  type  d’heiice  etudie  est  fournie  sur  la  figure  18,  dans 
une  configuration  heiice  tractrice  6+6  pales. 


Fig.  18  -  Exemple  de  doublet  d'htfices 
contramtatives  6  +  6  pales 


Pour  cette  Atude,  la  puissance  appliquAe  sur  chaque  rangAe  de  pales  et  la  vitesse  de  rotation  sont 
identiques,  ce  qui  correspond  souvent  4  une  solution  proche  de  1* optimum  de  performance.  Les  diamAtres 
d'hAlices  et  de  moyeu  sont  identiques  pour  les  deux  rangAes  de  pales. 

Si  l’on  regarde  le  rendeaent  induit  de  1’hAlice  qui  ne  prend  en  compte  que  les  pertes  induites  dans  le 
sillage  de  1'hAlice  (acceleration  de  l’Acoulement  axial,  deflexion  tangentielle ,  non-umformite  de 
l'ecouleaent  dues  au  nombre  discret  de  pales)  l'avantage  intrinsAque  des  solutions  contra-rotatives  est 
pleinement  d6aontre.  Sur  la  figure  19,  on  remarque  que  1 ' augmentation  du  coefficient  de  puissance  x  (qui 
resulte  uniqueaent  de  variations  de  la  charge  au  disque  C  =  P/D2  lorsque  nf  est  fixe)  fait  beaucoup  moms 
chuter  le  rendement  induit  des  helices  contra-rotatives  que  celui  des  helices  simple-rotation  par  rapport 
4  1‘optimum  que  constitue  le  rendement  de  Froude.  Les  pertes  de  non-umf ormite  d’Acoulement  sont  d'autant 
plus  faibles  que  le  nombre  de  pales  est  grand  ;  le  rendement  induit  de  la  configuration  9  +  9  est 
d’environ  2  points  superieur  4  celui  d'une  configuration  6  +  6  pour  X=  3.  La  repartition  du  nombre  de 
pales  entre  la  rangAe  amont  et  la  rangAe  aval  est  assez  indiffArente  en  ce  qui  concerne  le  rendement 
induit  ;  en  effet  les  solutions  6  +  9  et  9  +  6  sont  sensiblement  Aquivalentes ,  bien  intercalAes  entre  les 
solutions  6  +  6  et  9  +  9. 

Ces  conclusions  partielles  doivent  etre  nuancAes  dAs  lors  que  l‘on  considAre  Agalement  les  pertes  par 
viscosity  traduites  dans  la  mAthode  LPC2  par  la  prise  en  compte  de  la  trainee  des  profils  coome  il  est 
fait  sur  la  figure  20.  Pour  cette  comparaison,  les  lois  de  definition  et  notamment  la  loi  de  largeur  des 
cordes,  sont  conservAes  identiques  pour  toutes  les  helices.  On  remarque  que  pour  les  grands  coefficients 
de  puissance  l’avantage  des  solutions  contra-rotatives  4  grand  nombre  de  pales  est  toujours  determinant  ; 
pour  X  =■  2.5,  la  solution  contra-rotative  9  +  9  a  un  rendement  d’environ  12  points  superieur  4  1’hAlice 
simple-rotation,  et  d'au  moms  1  point  sup6rieur  4  l’heiice  contra-rotative  6  +  6.  Aux  faibles  coeffi¬ 
cients  de  puissance  f  X  <  1.)/  la  trainee  des  profils  devient  tres  importante  pour  toutes  les  configura¬ 
tions,  la  largeur  des  cordes  employees  dans  cette  etude  devenant  beaucoup  trop  importante  ;  la  solution  6 
+  6  est  alors  moms  penalisee  que  la  solution  9  +  9,  montrant  qu’une  optimisation  sur  des  bases  differen- 
tes  de  celles  de  cette  etude  serait  n6cessaire  pour  cerner  au  mieux  les  avantages  respectifs  de  chacune 
des  solutions. 


Fig  19  -  Notices  contrarotatives  Influence  du  coefficient  f-ig  jo  Helices  contrarotativ es  Influence  du  coefficient 

de  puissance  sur  le  rendement  induit.  de  puissance  sur  le  rendement  global 


Cette  etude  succincte  montre  4  la  fois  1'intAret  de  la  solution  heiice  contra-rotative  par  rapport  a  la 
solution  simple-rotation,  et  la  difficulte  de  cerner  au  stade  de  1 'avant-projet  les  parametres  d  optimi¬ 
sation  de  ces  doublets.  De  telles  etudes  sont  poursuivies  activement  4  l'ONERA. 

II  faut  signaler  que  ces  etudes  sont  menees  au  stade  actuel  de  la  recherche  uniquement  par  calcul.  Les 
bons  resultats  obtenus  sur  l’heiice  simple-rotation  HT3  laissent  4  penser  que  la  demarche  est  correcte. 
II  serait  toutefois  necessaire  de  valider  les  methodes  de  calcul  4  l’aide  d'un  support  experimental  qui 
pourrait  Atre  constitue  au  cours  d’une  operation  CHARME2. 

Par  ailleurs,  d’autres  mAthodes  sont  en  cours  de  dAveloppement  pour  traiter  ce  type  d'hAlices  contra- 
rotatives,  notamment  un  code  de  resolution  des  Aquations  d 'Euler  en  tndimensionnel . 

6.  osssmim. 

Les  mAthodes  de  calcul  dAveloppAes  au  _ours  de  1’opAration  CHARHE  se  sont  avArAes  bien  adaptAes  pour 
calculer  le  fonctionnement  aArodynamique  des  hAlices  rapides  simple-rotation. 
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Les  performances  de  l'h61ice  HT3  essayee  dans  la  soufflene  SI  Modane  sont  conformes  aux  provisions 
faites  4  1'aide  de  la  mOthode  globale  de  Ligne  Portante  Courbe.  Le  dOveloppement  de  I'Ocoulement  trans- 
sonique  sur  les  pales  de  cette  h61i.ce,  est  bien  modOlisO  par  le  calcul  Euler  3D,  comme  le  montrent  les 
comparaisons  avec  les  mesures  de  pression  faites  en  essai. 

Les  Otudes  s'orientent  maintenant  vers  les  doublets  contra-rotat zfs  dont  les  potential itOs  ont  etO 
cernOes  4  l'aide  de  calculs  par  une  mOthode  globale  (LPC2) .  Les  dOveloppements  futurs  de  ces  etudes 
concerneront  des  mOthodes  plus  sophistiquOes ,  et  une  verification  expOnmentale . 
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DISCUSSION 


N.  KROLL,  Ge 

1)  How  many  grid  points  did  you  use  in  the  Euler  calculations  ? 

2)  How  was  the  non  linear  effects  accounted  for  in  your  linear  methods 
for  the  counter-rotating  propellers  (M  =  0.7b)  ? 

Author's  Reply 

1)  We  used  about  30000  points  in  an  inter-blade  calculation  domain. 
Mesh  is  of  "H"  type. 

2)  In  the  curved  lifting  line  method  (LPC)  non-linear  effects  are  ta¬ 
ken  into  account  through  lift  and  drag  characteristics  of  2D  airfoils 
(experimental  or  calculated  data). 


T.J .  SULLIVAN,  US 

In  your  paper,  you  show  that  the  predicted  global  efficiency  of  the 
counter-rotati ng  propellers  is  dependent  upon  the  number  of  blades  in  each 
rotor.  Can  you  comment  on  why  the  9+6  combination  is  better  than  the  6  + 
9  ? 


Author's  Reply 

It  must  be  pointed  out  that  the  parametric  study  presented  on  counter¬ 
rotating  propellers  has  been  done  with  keeping  air+oils  and  chord  width 
constant  (the  same  as  HT3  highspeed  propeller).  Tn  this  case  the  drag  of  a  9 
bladed  aft  propeller  is  more  important  than  the  drag  of  a  9  bladed  front 
propeller,  which  explains  the  slight  superiority  of  the  9  +  6  combination 
over  the  6+9.  Other  choices  of  airfoils  and  chord  width  may  change  this 
conclusion. 
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SUMMARY 


A  number  of  different  designs  of  propfan  engines  are  now  being  defined  by 
the  main  engine  manufacturers  in  the  world.  Some  of  these  designs  require  a  reduction 
gearbox  between  the  IP  turbine  and  the  propfan;  the  propfan  itself  is  conceived  as 
single  stage,  variable  pitch  blade  or  double  counterrotating  stage  variable  pitch 
solution. 

In  order  to  satisfy  these  requirements,  the  authors  propose  different  mechanical 
arrangements  of  the  reduction  gearbox  and,  for  given  engine  Interfaces,  compare  their 
relative  merits  in  order  to  eventually  show  the  optimum  solution. 

The  comparison  is  made  on  the  basis  of  various  aspects,  namely:  lightness,  quietness, 
life,  reliability  fail  safety  and  maintainability. 

The  analysis  is  carried  out  on  the  basis  of  the  experience  acquired  by  FIAT  AVIAZIONE 
after  thirty  years  of  high  level  work  on  design,  development  and  manufacturing  of 
transmissions  for  aeronautical  application. 


Starting  from  1975  a  lot  of  new  studies  have  been  conducted  with  the  aim 
of  defining  new  high  efficiency  aircraft  engines:  these  are  based  on  the  use  of  the 
new  technology  high  efficiency  propellers  that  allowed  to  configure  the  new  engines 
as  an  hybrid  between  the  old  turboprops  and  the  modern  turbofans  with  a  very  high 
bypass  ratio. 

With  this  aim  in  mind,  a  number  of  possible  solutions  have  been 

conceived: 

-  the  propeller  is  configured  as  single  or  double  counter  rotating  blade  row 

-  the  propeller  is  rotating  in  the  free  air  or  is  shrouded  for  containment  and  better 
noise  abatement 

-  the  propeller  is  on  the  front  (tractor)  or  on  the  rear  (pusher)  of  the  engine 

-  the  speeds  of  the  propeller  and  of  the  drive  turbine  are  independently  optimized: 
consequently  a  geared  transmission  is  needed  in  order  to  all  aw  the  single  element 
to  rotate  at  its  own  optimum  speed 

-  as  an  alternative  the  two  modules  can  be  solidly  mounted  together  and  optimized  as 
a  single  rotor 

-  the  choice  of  the  optimion  solution  can  be  heavily  influenced  by  the  type  of 
installation  on  the  aircraft  (wing  or  tail  mounting). 

Finally  the  total  panorama  ia  complicated  by  the  fact  that  today's 

technology  is  not  ready  for  solving  the  totality  of  the  problems.  A  lot  of 

assumptions  must  be  made  based  on  future  trends  of  present  technology,  on  the  use  of 

new  materials,  on  the  adequacy  of  design  solutions.  These  assumptions  must  be  entered 


intr  the  equations  of  the  problem  in  order  to  get  the  optimum  solution:  this  is  the 
reason  why  the  studies  made  by  different  engine  manufacturers  in  the  world  seem  to 
conclude  on  different  optimized  configurations. 

In  this  panorama,  we  in  FIAT  AVIAZIONE  as  expert  on  gearboxes,  can  offer 
our  experience  on  the  matter,  by  trying  to  show  the  best  gearbox  solution  most 
suitable  to  propeller  and  turbine  configurations,  by  putting  in  evidence  the  features 
or  problems  that  need  technology  development  because  they  are  beyond  the  practice  on 
past  gearboxes  for  aircraft  application. 

In  the  past  we  had  examples  of  turbofans  with  geared  drive  between 
turbine  and  fan:  they  had  limited  applications  because  of  two  main  reasons: 

-  Turbofans  in  those  days  were  not  oriented  to  very  high  bypass  ratios;  the  fan  speed 
could  be  sufficiently  high  for  a  direct  drive  from  the  turbine  without  too 
important  weight  penalties  on  *»*»ch  single  element. 

-  The  gearbox  technology  was  not  ready  yet  for  offering  light,  silent,  reliable, 
durable,  high  power  gearboxes  whose  behaviour  would  not  deteriorate  unacceptably 
the  equivalent  characteristics  offered  by  the  other  modules  of  turbofan  engines. 


GEARBOX  SOLUTIONS  FOR  DUAL  OUTPUTS  OOWffgR  ROTATING  FANS 

Among  the  various  possible  configurations  of  gearboxes  capable  of  driving 
two  counter  rotating  propellers,  we  evaluated  some  with  offset  and  some  with  in  line 
input  and  output  shafts. 

Generally  the  first  ones  ask  for  a  higher  number  of  bearings  and  gears, 
thus  having  a  higher  weight,  higher  overall  dimensions  and  lower  reliability. 

Also,  eventually,  the  offset  solutions  give  major  problems  in  defining  the  air  path 
within  the  fan  and  the  other  modules  of  the  engine. 

Among  the  in  line  solutions,  the  Inline  Differential  Planetary  (see  fig.l)  seems  the 
most  attractive  because  it  has  the  lowest  number  of  items  and  it  has  no  meshing  loads 
reacted  on  the  structure. 

Consequently  the  gearbox  generated  vibration  or  noise  transmitted  to  a/c  structure 
and  to  ambient  will  be  minimized. 

This  solution  offers  the  possibility  to  assure  a  given  RPM  and  torque 
distribution  between  the  outputs  to  the  fans,  through  the  intervention  of  pitch 
control  on  each  propeller. 

However  we  must  underline  that,  should  any  failure  arise  causing  the  incapability  of 
one  fan  to  absorb  the  due  torque,  the  other  fan  torque  will  change  proportionally;  in 
other  words  the  failure  of  one  fan  cannot  be  covered  by  the  other. 

Fig. 2  proposes  another  Inline  Differential  Planetary  with  split  path;  in  this  case 
the  extra  added  parts  impact  negatively  on  the  weight  and  on  the  reliability  of  the 
system  but  allow  to  cover  to  a  certain  extent  the  single  fan  rupture  because  a 
constant  input/output  ratio  is  assured. 

The  same  advantage  would  be  offered  by  the  Inline  Multiple  Stars  of  fig-  3;  however 
gear  meshing  loads  are  in  this  case  directly  transferred  to  the  structure  with 
detrimental  effects  on  weight,  vibration  and  noise.  It  offers  the  possibility  to 
reduce  the  outer  dimensions  of  the  gearbox  and  could  then  become  attractive  at  high 
input/output  gear  ratios  for  which  the  previous  solutions  would  require  too  large 
ring  gears. 

We  give  in  the  following  table  the  results  of  relative  evaluations  of  the  above  three 
solutions. 
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Inline  Differential 
Planetary 

Inline  Differential 
Plan. with  Split  Path 

Inline  Multiple 

Stars 

Design  complexity: 

Number  of  gears 

5  to  7 

8  to  12 

11  to  14 

Number  of  bearings* 

9  to  11 

15  to  21 

12  to  14 

Outer  diametral  dimension 

base 

base 

-  12%  of  base 

Axial  length 

base 

4  10%  of  base 

4  30%  of  base 

Vibration  to  structure 

low 

med. 

high 

Efficiency 

99.2%  possible 

-.30% 

-.40% 

Reliability 

base 

failure  probability: 
70%  higher  than  base 

failure  probability: 
65%  higher  than  base 

Weight 

base 

4  12%  of  base 

4  16%  of  base 

at  1:3  ratio 

-  4%  of  base 

at  1:7  ratio 

A  different  nunber  of  bearings  could  be  required 
gearbox  in  the  engine. 

as  a  consequence  of  the 

integration  of  the 

GKARBOX  9DLUTI0WS  FOR  SIWGLK  OUTPUT  TO  SIHGLE  ROW  FAW 

In  this  case  too,  a  number  of  gearbox  configurations  has  been  studied  and 
the  relative  merits  evaluated.  As  said  in  the  previous  paragraph,  the  same  difficulty 
for  the  engine  overall  configuration  is  created  by  gearboxes  with  offsets  between 
input  and  output  shafts. 


Having  then  taken  into  consideration  only  the  in  line  configurations,  we 
propose  three  solutions: 

-  The  Counterrotating  Inline  Star  Gear  System  (fig. 4)  is  the  simplest  arrangement, 
with  sun  and  ring  gears  rotating  in  opposite  directions  and  with  star  gears  located 
on  fixed  structure.  The  number  of  elements  is  minimal. 


The  solution  looses  its  feasibility  for  the  high  transmission  ratios:  in  fact  as 
the  ratio  increases  the  sun  gear  reduces  its  diameter  and  the  number  of  stars  that 
can  be  located  in  the  available  space  diminishes.  Consequently  the  ring  gear, 
having  concentrated  loads  in  fewer  points,  must  be  stiffened  thus  causing  its 
weight  to  increase  over  acceptable  limits. 

-  These  facts  can  be  overcome  with  the  solution  shown  in  fig. 5,  Codirectional  Inline 
Double  Row  Star  Gear  system.  The  multiple  row  star  gears  allows  to  mesh  with  the 
sun  and  the  ring  gears  with  smaller  and  more  numerous  stars. 

-  As  an  alternative,  the  Counterrotating  Double  Stage  Inline  Star  Gear  System  shown 
in  fig. 6  allows  to  have  a  high  total  ratio  thanks  to  the  two  step  down  gear 
meshings;  in  the  second  stage  a  very  high  contribution  to  the  total  ratio  is 
achievable. 

The  loads  transferred  to  the  structure  are  in  this  case  higher  then  in  the  previous 
cases:  the  noise  and  vibrations  transferred  to  the  support  structure  are  expected 
higher  and  more  difficult  to  be  brought  within  acceptable  limits. 

In  the  following  table  the  results  of  studies  and  the  relative  merits  of  the  above 

three  solutions  are  given. 
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Counterrotating  star 

Codlrectlonal  double 

Counterrotating  dou 

gear  eystea 

row  star  gear  syateai 

bxe  step  star  gear 
ays tea 

Design  complexity  ‘ 

Nuaber  of  gears 

5  to  7 

11  to  14 

8  to  12 

Number  of  bearings  * 

8  to  12 

20  to  26 

10  to  14 

Outer  diametral  diaension 

base 

base 

-  12%  of  base 

Axial  length 

base 

base 

♦  30%  of  base 

Vibration  to  structure 

aed. 

aed. 

high 

Efficiency 

99.4%  possible 

-  .4% 

-  .4% 

Reliability 

base 

failure  prob.:110%  hi¬ 
gher  than  base 

failure  prob . : 40% 
higher  than  base 

Weight 

base 

^■10%  of  base  at  l:3ratio 

♦7%  of  base  at  l:3rat 

-8%  of  base  at  1:7  ratio 

-13%  of  "  at  1 : 7rat . 

*  A  different  number  of  bearings  could  be  required  aa  a  consequence  of  the  integration  of 
the  gearbox  in  the  engine. 

RgqUIKKlgHTS  TO  BE  1CT  IN  THE  DESIGN  Of  THK  GEARBOX 

The  design  of  the  gearbox  should  be  done  trying  to  satisfy  the 
characteristics  normally  required  for  a/c  engines: 

-  lightness 

-  highest  possible  running  temperature 

-  low  noise  and  vibration  generation 

-  long  life 

-  reliability 

-  fail  safety 

-  maintainability. 

The  designer  knows  that  eventually  the  design  will  be  a  compromise  among  these 
requirements:  the  gearbox,  for  example,  will  be  the  lightest  allowed  by  the  life 
offered  to  the  operator. 

Keeping  this  principle  in  mind,  few  remarks  on  each  characteristic  can  be  done. 


Lightness  and  highest  possible  running  temperature 

All  the  parts  in  the  gearbox  must  be  sized  carefully  for  a  good  result  in  this 
aspect . 

The  gears  in  particular  concentrate  the  highest  part  of  gearbox  weight,  so  they  must 
be  considered  with  the  maximum  of  care. 

We  in  Fiat  normally  define  the  gears  on  the  basis  of  bending  stress  and  of  flash 
temperature  delta  as  per  AGMA  calculation  method. 

The  optimization  procedure  we  applied  for  each  gear  meshing  of  each  proposed  solution 
can  be  understood  from  the  chart  of  fig. 7  applicable  to  the  sun/atar  gears  meshing  of 
the  Counterrotating  Star  Gear  System  (fig.4),  capable  of  the  following 
characteristics : 


power 

input  speed 
ratio 


40.000  HP 
6.500  RPM 
1:5 


Curve  number  1  and  2  give  the  limit  modulus/face  width  combinations  for  spur  gear  and 
helical  gear  respectively  at  the  max  assumed  bending  stress;  curves  3a,b,c  the  limits 
at  flash  temperature  deltas  of  130,  90  and  70 ®F 

The  first  point  we  can  deduce  from  the  graph  is  the  advantage  obtainable  with  helical 
in  comparison  with  spur  gears:  the  face  width  can  be  reduced  of  some  10  to  15%.  The 
choice  of  the  best  solution,  highest  permissible  stress  and  flash  temperature  delta, 


lies  on  point  A,  intersection  of  curves  2  and  3a. 


In  fact  the  choosen  design  point  reduces  the  dimensions  and  then  the  weight,  of  the 
meshing  gears  to  a  minimum. 

Indicatively ,  according  to  our  experience,  the  temperatures  we  assume  in  the  system 
are  (in  max  take  off  hot  day  condition): 

oil  input  to  lube  circuit  135°C 

oil  output  to  heat  exchanger  160-165°C 

The  assigned  flash  delta  temperature  of  130*F  can  bring  the  local  metal  temperature 
even  in  the  case  of  good  lubrication  and  cooling  up  to  200-210°C. 

The  temperature  level  we  suggest  i„  taylored  on  the  new  gear  materials  now  having 
increasing  applications,  namely: 

-  new  carburizing  steels  capable  of  displacing  the  critical  temperature  from  170°C 
(as  per  the  traditional  carburizing  steels  such  as  SAE  9310)  up  to  300°C. 

Among  these,  we  acquired  good  experience  on  Cartech  00053  and  CBS  600. 

-  nitriting  steel  that  could  run  at  a  temperature  of  450°C  without  anj  structural 
damage . 

The  "ee  of  nitriting  stec’s  for  large  gears  as  in  the  present  application  must  be 
checked  carefully;  in  fact  the  high  stress  levels  require  evidently  a  perfect  tooth 
geometry  so  that  the  teeth  must  be  ground  after  heat  treatment. 

Now,  considering  that  the  max  case  thickness  should  be  of  the  order  of  .4  mm,  the 
deformations  imposed  on  the  gears  during  heat  treatment  must  be  such  that  the 
following  grinding  operation  will  not  cause  any  local  reduction  of  the  case 
thickness  under  .3  mm  in  order  not  to  cause  underskin  cracks  when  applying  the 
meshing  loads. 

Consequently  we  can  be  quite  sure  that  the  larger  gears  required  for  thin 
application  shall  be  made  of  the  carburizing  steels  mentioned  above. 

A  small  remark  must  still  be  done  on  running  temperature:  of  course  it  is 
convenient  to  run  at  the  max  temperature  allowed  by  materials  for  the  required 
life;  the  oil  heat  exchanger  would  have  the  maximum  temperature  differential  to  the 
ambient  air,  so  its  dimensions  and  weight  could  be  minimized. 

At  this  point  the  evolution  of  gear  material  would  allow  an  increase  in  temperature 
up  to  about  300°C:  we  must  stay  instead  lower  than  200:210°C  as  we  said  before 
because  the  present  lubricants  widely  available  for  aeroengines  and  then  preferred 
by  operators  have  effectiveness,  durability  and  stability  problems  at  higher 
temperatures . 

Anyway  the  capability  of  gears  to  operate  safely  at  those  temperatures  offers  them 
an  optimum  survivability  characteristic  in  windmilling  condition  after  leaking  out 
the  total  quantity  of  oil  in  the  case  of  possible  failures  in  the  oil  system. 

The  same  concepts  underlined  for  gears  shall  be  applied  in  designing  the  other 
parts  of  the  transmission,  such  as  shafts,  splines,  bearings. 

Bearings  in  particular  are  the  other  very  critical  parts  to  be  looked  at  carefully: 
materials  like  tungsten  steel,  CBS  600,  N50,  W50  NIL,  offering  structural  stability 
up  to  300#C  are  necessary;  some  of  these  steels  are  commonly  used  already,  other 
ones  have  been  developed  and  their  technology  is  restricted  in  few  companies  or 
countries.  In  particular  N50  NIL  is  very  promising;  bearing  vendors  using  it  claim 
they  have  been  able  to  solve  problems  of  premature  failures  and  of  inadequate 
damage  tolerance  experienced  on  other  materials. 


Low  noise  and  vibration  generation 


Modern  jet  engines  have  shown  a  great  advantage  over  the  geared  turboprops  because  of 
their  lower  vibration  and  noise  transmitted  to  the  structure  of  the  aircraft.  The 
adoption  of  a  high  power  speed  decreaser  gearbox  will  be  accepted  by  operators  only 
if  the  engine  equipped  with  it  will  offer  the  same  quietness  as  the  present  engines. 
Modern  technology  offers  the  way  to  minimize  the  variation  of  transmitted  load  in 
gear  meshing*  thus  reducing  the  cause  directly  in  its  origin. 

The  actions  to  be  taken  will  consist  mainly  in  the  sense  of  reducing  the  variations 
Ir  *he  actual  transmission  ratio  of  meshing  gears  or  along  the  contact  on  the  same 
pair  of  teeth  or  in  the  transition  between  subsequent  pairs;  in  particular,  the 
actions  that  we  in  Fiat  showed  useful  in  this  aspect,  are: 

-  increasing  of  the  total  contact  ratio  by: 

.  adopting  higher  addendums  of  spur  gears  (High  Contact  Ratio  gears,  having  the 
profile  contact  ratio  higher  than  2,  can  be  used,  provided  flash  temperature 
limits  are  not  exceeded) 

.  possibly  adopting  helical  gears 

.  reducing  the  pressure  angle 

.  increasing  the  number  of  teeth  (by  going  to  a  finer  pitch) 

-  improving  the  accuracy  by: 

.  reducing  the  relative  position  error  of  tooth  profiles 
.  reducing  the  position  error  of  teeth  relati-e  to  the  gearBhaft  supports 

-  modifying  the  involute  profile  for  avoiding  that  position  errors  and  deformations 
of  teeth  under  load  cause  sudden  engagement  of  teeth  when  entering  the  contact, 
thua  generating  heavy  shocks  on  the  supports. 

In  fig.  8  we  give  an  idea  of  the  modification  introduced  on  the  epicyclic  stage  gear 
profile  of  a  helicopter  main  gearbox  previously  defined  with  traditional  gears;  the 
contact  ratio  went  up  from  1,47  to  2,04  with  a  noise  abatement  in  the  relevant  stage 
of  8  dB  over  the  original  98  dB. 

We  underline  the  care  we  took  in  manufacturing  these  gears. 

The  position  error  of  teeth  has  been  reduced  to  the  minimum  obtainable  with  existing 
machine  tools  (0,002  mm  tooth  to  tooth  position  error  has  been  achieved.  The  profile 
correction  has  been  studied  carefully  taking  into  account  the  deformation  due  to 
Hertzian  stresses  and  to  bending  deflection  of  teeth  and  of  their  relevant  supporting 
structure;  the  profile  correction  theoretically  required  has  been  manufactured  with  a 
precision  of  +  0,003  mm. 


Long  life  and  reliability 

As  we  said  before,  the  transmission  should  offer  the  assurance  of  satisfactory 
running  for  periods  of  time  much  longer  than  presently  offered  by  turboprop  main 
gearboxes;  also  it  must  be  very  light  in  order  to  assure  competitivity  for  the  engine 
in  comparison  with  the  version  with  direct  drive  from  turbin-  to  fan. 

In  order  to  satisfy  these  requirements  it  is  necessary  to  have  in  hands  some 
technology  development  programs  capable  of  giving  the  designer  information  on  the 
points  that  are  out  of  the  common  experience  on  the  traditional  designs  (namely:  new 
materials  large  bearings  and  gears,  high  temperatures,  etc.). 

F«»*  example  an  important  problem  to  be  solved  is  the  one  concerning  the  rotating 
seals  in  the  gearbox;  oil  and  air  internal  ambient  must  be  sealed  to  its  external 
where  the  main  engine  stream  passes  by.  The  dimensions  of  the  gearbox  require  for  the 
different  designs  and  power  levels  some  seals  of  the  order  of  600  to  1000  mm. 


F 
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The  most  convenient  design  seems  to  rely  on  positive  carbon  seal,  radial,  segmented, 
oil  cooled  type,  of  which  some  samples  are  now  being  rig  tested  and  developed  in 
Fiat. 

The  characteristics  demanded  for  these  seals  are  of  course  the  capability  to  perform 
the  function  of  sealing  the  gearbox,  and  the  capability  to  run  in  an  optimized 
condition  of  oil  cooling  and  lubrication  such  that  the  heat  generated  by  friction 
would  not  cause  oil  coking  and  carbon  deposition  and  eventually  the  unserviceability 
of  the  seals  within  the  TBO. 

More  generally  we  can  say  that,  in  order  to  reach  the  very  long  required  MTBR ' 3  (Mean 
Time  Between  Removals)  it  is  necessary  to  have  a  reliable  and  sound  design  gearbox. 

Under  this  aspect,  according  our  past  experience,  a  number  of  areas  should  be 
accurately  checked  when  designing  and  when  manufacturing  the  gearbox  because  anything 
forgotten  there  can  cause  inacceptable  recurring  problems  and  tedious  interventions 
on  fleet  during  service.  A  detailed  analysis  of  the  matter  has  been  given  on  ref./l/. 


Fail  safety  and  safe  life  characteristic 

The  transmissions  we  propose  are  essentially  fail  safe  at  least  to  a  certain  extent 
of  failure;  in  order  to  maximize  this  characteristic  we  suggest  in  the  following 
table  few  features  whose  introduction  should  be  considered  in  order  to 

.  increase  the  fail  safety  quality  of  the  system 

.  monitor  incipient  damages  for  allowing  the  intervention  -*f  the  operator  before  they 
grow  to  their  extreme  level  of  unserviceability  of  the  system 


Features  provided  for  giving  fail  safety  characteristics  to  the  gearbox  design. 

Type  of  incipient  failure 

Possibility  of  survival /Detect ion  method 

1.  Bearing  rolling  elements  and  rings; 
pitting  and  scuffing 

The  phenomenon  progresses  slowly/Chlp  detectors 
and  vibration  pick-ups 

2.  Gearing;  pitting  and  scoring 

The  phenomenon  progresses  slowly/Chip  detectors 
and  vibration  pick-ups 

3.  Gearing;  partial  or  total  loss  of  one  or 
more  teeth 

Special  shaping  of  the  adjacent  static  parts  in 
order  to  force  chips  out  of  meshing  area  is  good 
design  principle.  The  continuity  of  the  drive 
is  assured,  when  the  missing  tooth  would  be  In 
contact,  by  the  other  gears  offering  unaffected 
contact /Chip  detectors  and  vibration  pick-ups. 

4.  Oil  system;  loss  of  lubs  function  or 
loss  of  oil  due  to  leakage 

The  transmission  can  **un  many  minutes  at  reduced 
power  after  complete  lose  of  oil  thanks  to  the 
choice  of  adequate  materials.  Oil  circuit  pressu 
re  and  temperature  and  vibration  pick-ups. 

Of  course,  the  failure  on  structural  parts  leading  to  mismatch  of  gears  cannot  be 
suffered  and  would  cause  the  immediate  stop  of  the  engine.  These  parts  must  be 
designed  with  a  different  approach,  offering  them  a  characteristic  of  safe  life, 
caracteristic  to  be  demonstrated  by  calculation  or  by  fatigue  rig  testing. 
Alternatively,  a  modern  philosophy  on  the  matter  tends  to  design  these  structures 
with  a  damage  tolerance  characteristic: the  damage  tolerant  parts  should  allow  in  any 
feature  of  theirs  any  damage  to  start  and  to  grow  within  the  operating  time  between 
two  subsequent  overhauls,  whithout  reaching  the  point  where  the  system  would  be 
unserviceable.  Many  studies  are  in  progress  on  the  matter,  but  it  is  undestandable 
that  this  characteristic  is  difficult  to  be  shown  both  theoretically  and  practically; 
the  maximum  effort  should  be  done  anyway  when  designing  the  gearbox,  for  approaching 
the  optimum  condition  as  much  as  possible. 
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As  usual  for  commercial  engines,  the  design  of  the  gearbox  snail  be  conducted  having 
in  mind  that  the  operator  requires  to  ease  the  intervention  on  engines  for 
maintenance  purpwoe:  che  parts  requiring  the  intervention  should  be 

-  easily  accessible  on  aircraft 

-  quickly  detachable  from  the  engine  as  a  separate  module. 

This  characteristic  should  apply  both  to  the  gearbox  as  a  complete  module  and  to 
any  single  accessory  located  on  it  such  as  the  oil  pump,  the  cooler  etc. 

-  equipped  with  an  accessible  health  monitoring  system,  capable  of  a  simple  and 
realiable  indication  to  the  operator 

Clearly  these  principles  shall  be  applied  and  the  final  design  shall  be  optimized 
having  in  sight  the  designs  of  the  total  engine  and  of  the  installation  on  the 
aircraft:  in  other  words,  the  optimized  version  should  be  the  results  of  a  strict 
collaboration  among  the  designers  of  the  gearbox,  of  the  engine  and  of  the  a/c 


CONCLUSION 


The  new  large,  efficient  engines  require  that  an  important  step  forward  should  be 
done  in  the  field  of  gearboxes.  The  challenge  in  future  years  for  gearbox 
manufactures  will  be  to  show  they  are  capable  of  producing  light,  efficient, 
reliable,  quiet  transmissions  so  that  the  engines  will  take  advantage  from  them. 

Few  difficult  problems  still  require  to  be  solved:  modern  technology  already  shows 
the  ways  of  possible  solution;  these  ways  must  be  tried  immediately  in  order  to  be 
ready  for  the  contest. 
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Flg.  3  -  I  nline  Multiple  Star  Solution  -  Schematic. 


Fig.  7  -  Optimization  graph  for  the 
Sun  -  Star  gear  mashing  of  the  Counter 
rotating  Gear  System  (fig.4),  based  on 
the  following  assumptions: 

transmitted  power  40000  HP 

input  speed  6500  RPH 

ratio  1:5 

ring  gear  pitch  dia  38  ins 

curve  1  :  56  KSI  spur  gear  bending  stress  limit 
2  :  55  KSI  helical  gear  bending  stress 
limit 

3a:  I30°f  flash  temp  delta  limit 
3b:  100*F  flash  temp  delta  limit 
3c:  70°F  flash  temp  delta  limit 


ratio)  gears  on  the  epicyc* it  stage  of 
id  pnodiiced  by  Mat. 
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TRANSONIC  SLADE  DESIGN  ON  ROTATIONAL  STREAM  SURFACES 
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ABSTRACT 

A  method  enabling  the  computation  of  cascade  profiles  from  prescribed  velocity  distri¬ 
butions  in  a  relative  system  is  presented.  The  optimisation  of  the  velocity  distribu¬ 
tion  to  attain  definite  values  in  parameters  such  as  turning  angle,  chord  length  or 
profile  thickness  is  also  included.  Comparisons  between  the  inverse  design  methoi  with 
various  analysis  programs  for  cascades  in  both  absolute  and  relative  systems  show  good 
agreement . 


d  profile  thickness 

h  enthalpy 

H  total  enthalpy 

h  metric  factor 

I  cord  length 

La  Laval  number 

Ma  Mach  number 

n  arc  length  on 

normal  lines 
R  radius 

s  arc  length  on 

stream  lines 

t  stream-sheet  thickness 


NOMENCLATURE 

T  pitch 

w,  W  velocity-vector , -magnitude 

6 1/2  up-,  downstream  angle 

3  stream  angle 

A  diverging  angle  of  the  stream-sheet 

(sin  A  =  3R/3m) 
o  density 

$  co-ordinate  function 

•■ii  stream  function 

a)  angular  velocity 

0,m,z  rotational  co-ordinates 


INTRODUCTION 

High  pressure  ratios  and  mass  flow  rates  are  prerequisites  to  increase  power  density  in 
turbomachines.  The  resulting  high  velocities  with  steep  gradients  between  suction  and 
pressure  sides  of  the  blades  lead  to  supercritical  flows  with  local  supersonic  regions. 
To  avoid  losses  due  to  boundary  layer  separation  which  frequently  appears  with  shocks 
in  the  decelerated  region,  a  careful  blade  profiling  is  of  utmost  importance. 

In  the  sonic  region,  small  changes  of  the  profile  contour  lead  to  large  changes  in  the 
velocity  distribution  thus  making  the  well  known  analysis  methods  (e.g.  / 1 , 2 , 3 / )  labo¬ 
rious  due  to  the  many  iterations. 

It  is  more  effective  to  prescribe  velocity  distributions,  which  can  be  optimised  by 
boundary  layer  methods  for  low  losses,  and  to  use  an  inverse  computation  procedure  that 
delivers  the  appropriate  profile  contour.  Only  a  few  methods  /4,5,6 /  exist  for  tran¬ 
sonic  flows. 

The  following  method,  based  on  Schmidt  /7,8/,  solves  this  inverse  problem  for  super¬ 
critical  cascades  on  lutational  stream  surfaces  with  variable  sheet  thickness  in  a 
relative  system.  This  extension  should  lead  to  a  more  accurate  prediction  of  fluid 
behaviour  in  highly  loaded  turbomachines. 


GOVERNING  EQUATIONS 

The  inverse  design  makes  it  feasable  to  obtain  low  profile  losses  without  stronq 
shocks,  so  the  following  equations  for  stationary,  isentropic  flows  are  valid  to  cal- 
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This  paper  considers  flows  in  a  mean  Si -plane  /9/, 
i.e.  we  assume  rotational  S  planes  of  variable  sheet 
thickness.  If  one  observes  the  equation  of  motion  in  a 
rotational  co-ordinate  system  (Fig. 1) ,  it  is  obvious 
that  flows  on  rotational  stream  surfaces  exist  only  in 
flows  that  satisfy  the  simplified  equation  of  motion 
(7*w) +2  w  =  0  /10/. 


Figure  I;  Co-ordinate  systems 
in  ISGAV-R 


TRANSFORMATION  INTO  THE  COMPUTATION  PLANE 

In  the  stationary  case,  streamlines  s  and  their  normals  n  can  be  used  as  co-ordinate 
lines.  The  stream  functions  is  defined  as  a  co-ordinate  function  on  the  normal  lines, 
with 


dvp  -  ?t(wxdn)  “  9  t  W  dn  it) 

and  a  function  $  on  the  streamlines 

dip  *  h,  ds  »5- 

with  h;  as  a  metric  factor  /II/.  The  transformation  to  this  system  on  a  rotational 
stream  surface  with  Wm/Wu  =  tan(3)  and  sin(V)  =  3  R/jm  leads  to  the  following  set  of 
equations: 

hi  3IR  9  t  W)  t  3b 
R  ?2  t2  W2  3lf 

35  _  3(R  W)  _  2u  Sind) 

3<p  R  h,  3ip  W  h, 

FLows  in  the  absolute  system  allow  a  potential  -  with  d  ‘  =  W  ds  to  be  defined  from  the 
oquaticn  of  motion  with  uj -  0,  i.e.  in  potential  flows,  the  metric  factor  simplifies  in 
h  ,  =  W. 


DETERMINATION  OF  THE  METRIC  FACTOR 


The  orthogonality  of  the  co-ordinate  system  can  be  used  to  determine  the  metric 
factor  hj  .  The  curl  =  '7*  iw  in  an  orthogonal  system  with  w  =  (W,0)  can  be  calcu¬ 
lated  using  equations  Y 4 )  and  (5): 


■  hi  (  3W^h,  \ 

39  t  W  \,  3ip  )  01 


The  equation  of  motion  V*  $  =  -2  l  leads  to 

WCJ  *  '^^3  *  sin(^  'B1 

Integrating  on  normal  lin*’s  ;  =  constant  results  in 


h.(ip)  *  h 


lM  W, 


exp 


f  u  sn(X)  , 

1 - dif 

itw' 


19) 


As  h  1  W  is  valid  for  the  flows  in  an  absolute  system,  it  is  used  as  the  condition  for 
the  free  integration  constant  h  30  that  =  Wu  . 
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COMPUTATIONAL  EQUATION 

By  eliminating  the  stream  angle  6  ,  the  system  of  equations  (6)  can  be  reduced  to  the 
final  computational  equation: 

r3?!n(W)  f  32ln(W)  r  /3lmW)\2  r  /  3ln(W)  \  2  r  3ln(W)  r  3ln(W) 

1  3 if 2  2  3 if 2  cH'ir)  *M~ar)  +  +  c^-3r +  C2  - 0 

C,  -  f(W,  R,  t,  h,l  i-l.,.7  (101 


For  flows  with  constant  stream  sheet  thickness  and  constant  radius  the  introduction  of 
the  logarithm  in  the  differentials  reduces  the  terms  C5  to  C7  to  zero. 


The  type  of  this  quasilinear  partial  differential  equation  of  second  order  changes 
according  to  the  sign  of  Cj.  It  is  elliptic  for  Cj  positive  (Ma<l,0),  hyperbolic  for  Cx 
negative  (Ma>l,0)  ,  and  parabolic  for  C  x  *  0  (Ma=l,0).  For  the  numerical  solution  of 
this  equation,  finite  differences  are  used.  The  adjustment  to  the  different  domains  of 
dependence  occurs  by  type-dependent  switching  between  the  respective  difference  stars 
/ 1 2 / .  The  numerical  treatment  is  given  by  the  equation 


C,r,|  -  C2sM  +  Cjt2  -  Cku2  ♦  C5t(|  -  C6u„ 


'  *  C3^ij  *  *-5*11)  "  V|-I,|(('1ri-!.|  +  C3ti-U  +  Vwj)  * 


(III 


with  r  and  t  standing  for  the  centered  formulae  of  second-  and  first-order  numerical 
dif ferentiation  in  flow  direction,  and  s  and  u  for  the  same  normal  to  flow  direction. 
The  switching  factor  is 

u  =  0  for  subsonic  flow 
u  =  1  for  supersonic  flow 

The  solution  of  the  difference  equation  is  performed  by  successive  line  overrelaxation 
(SLOR)  / 9 /  . 
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THE  INVERSE  DESIGN  METHOD 

The  inverse  design  method  for  rotational  stream  sheets  (ISGAV-R)  consists  of  two 
modules . 

-  THE  COMPUTATION  MODULE 

It  is  used  to  compute  the  channel  geometry  along  the  boundary  streamlines  of 
the  channel  for  a  prescribed  velocity  distribution. 

-  THE  OPTIMISATION  MODULE 

A  prescribed  velocity  distribution  does  not  necessarily  lead  to  a  profile 
with  desired  parameters  such  as  turning  angle,  pitch  or  profile  thickness. 
The  optimisation  module  interprets  the  result  of  the  computation  module  and 
modifies  the  velocity  distribution  accordingly  to  achieve  the  desired  para¬ 
meter  values  by  iteration. 


For  the  frequent  recalls  of  the  computation 
module  in  the  optimisation  stage,  it  is  essential 
that  the  computation  time  be  minimized.  Reducing 
the  number  of  mesh  points  is  the  simplest  method. 
The  necessary  correction  at  the  stagnation  point 
is  shown  in  reference  / 1 3 / .  As  an  example.  Fig. 2 
depicts  the  computed  isotachs  (lines  of  constant 
velocity)  for  a  plane  supercritical  cascade  com¬ 
posed  of  a  21x140  main-grid  with  3  additional 
grades  of  local  refinements  in  the  stagnation 
point  region  (solid  lines)  as  compared  to  a  solu¬ 
tion  of  a  computational  grid  comprising  only  5x28 
points  (dotted) . 

Greater  differences  in  the  contours  are  observed 
only  in  the  stagnation  point  region,  the  integral 
values  such  as  turning  angle  or  pitch  differing 
by  less  than  1.5%.  The  ratio  of  the  computation 
times  is  54:1  at  8.8  CPU-seconds  for  the  coarse 
grid  solution  with  the  CONVEX  Cl. 


Figure  2:  Comparison  of  the  com- 
puted  velocity  fields  and  contours 
with  a  coarse  grid  (dotted)  and  a 
fine  grid  with  local  refinements 
at  the  stagnation  point,  (solid) 


THE  COMPUTATION  MODULE 

Fig. 3  represents  the  flow  chart  of  the  computation  module.  The  simple  basic-algorithm 
comprises  of : 

Setting  up  of  the  computation  grid  in  the  plane  and  of  the  boundary 

values  from  the  prescribed  velocity  distribution. 

Computation  of  the  velocity  fields  by  the  SLOR  procedure. 

Computation  of  stream-angle  fields  and  of  local  co-ordinates  by  integrating 
the  velocity  solution  obtained  above. 


BOUNDARY  CONDITIONS 

In  supercritical  flows,  it  is  generally  not  possible  to  predict  if  a  certain  prescribed 
profile-velocity  would  lead  to  a  convergent  solution  as  it  represents  an  "ill-posed 
problem"  and  thus  a  physical  solution  need  not  exist  in  this  case.  The  non-e 1 1 lpt ica 1 
type  of  differential  equation  in  transonic  and  supersonic  areas  allows  computation  of 
the  flow  only  in  the  domain  of  dependence.  By  completely  prescribing  the  boundary 
values  along  the  profile  contour  and  by  determining  the  sonic  line  during  the  course  of 
the  computation  leads  to  the  interaction  between  the  elliptical  subsonic  differential 
equation  and  the  parabolic  type  at  the  sonic  line  and  the  hyperbolic  type  in  the 
supersonic  field  and  thus  to  an  overdetermination  of  the  system  of  differential 
equations.  By  a  "bad"  prescription,  the  differential  equation  system  cannot  be  solved, 
i.e.  it  leads  to  non-convergence  of  the  numerical  relaxation.  A  discontinuity  in  the 
velocity  occurs  within  the  computation  field  which  can  be  concluded  to  be  a  shock 

If  strong  oscillating  shocks  appear  in  the  field,  the  prescription  of  a  weak  shock  on 
the  boundary  with  consideration  of  the  Rankine-Hugoniot  relation  is  the  only  alterna¬ 
tive.  Otherwise,  a  total  change  of  the  velocity  distribution  with  lower  maximum  velo¬ 
city  and  different  distribution  of  the  circulation  over  the  blade  depth  is  needed. 
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Figure  3:  Flow-chart  of  the  computation  module. 


Homogeneous  flow  is  assumed  at  the  channel  grid  entrance  and  exit  so  that  the  pre¬ 
scribed  velocities  could  be  set  at  the  normals.  The  velocities  must  be  periodic  at  the 
suction  and  pressure  sides  of  the  entrance  and  exit  regions  of  the  streamlines.  Their 
distribution  depends  mainly  on  the  profile  nose  form;  in  highly  staggered  cascades  it 
is  additionally  influenced  by  the  area  of  maximum  velocity  on  the  profile  suction-side. 
In  the  program,  the  accurate  velocity  distribution  on  the  stagnation  streamline  is 
computed  iteratively  by  alternate  computation  between  the  main  field  and  a  transposed 
field  comprising  the  stagnation  line  /13/.  The  trailing  edge  stagnation  point  being 
absent  due  to  the  wake  and  the  velocity  gradients  being  relatively  weak,  the  distribu¬ 
tion  is  less  problematic  downstream. 

As  the  function  of  the  axial  co-ordinate  z  =  f(<|>,4>)  is  a  result  of  the  computation 
itself,  the  transformation  of  the  prescribed  radius  and  stream  sheet  thickness  along 
the  rotational  axis  z  has  to  be  performed  iteratively.  Starting  from  an  empirical  pre¬ 
set  value,  the  geometry  is  determined,  both  fields  then  take  on  the  new  values  of  the 
axial  co-ordinates  and  the  velocity  field  is  solved  again. This  procedure  is  repeated 
till  the  differences  are  within  given  limits  of  error. 


A  further  iteration  occurs  only  when  a  rotor 
is  computed  in  the  relative  system.  The 
transformation  of  the  prescribed  velocity  in 
the  computation  plane  is  carried  out  by 
integrating  equation  (5)  to  determine  the 
normal  function  #  .  The  suction  side  values 
can  be  integrated  directly;  the  metric 
factor  hj  of  the  pressure  side  streamline 
being  unknown  in  the  beginning  of  the 
computation.  During  the  relaxation  procedure 
the  metric  factor  is  determined  anew 
iteratively  according  to  equation  (9) .  After 
fitting  the  radius  and  stream  sheet 
thickness,  the  metric  factors  from  the 
pressure  side  are  used  as  new  prescribed 
values  and  the  $,41  -computation  grid  is  then 
determined  anew.  This  iterative  procedure  is 
run  till  the  maximum  change  in  the  metric 
factor  is  within  a  certain  error  limit. 

Figure  At  Convergence  history  of  the  Fig. 4  shows  the  convergence  history  for  a 
maximum  changes  of  the  turning  angle,  computation  cycle  (5x81  mesh  points) .  The 
radius,  and  metric  factor  for  a  rotor  maximum  change  in  the  metric  factor  hir  the 
cascade  within  one  computation  cycle.  upstream  periodicity,  as  well  as  the  radius 

for  each  solution  of  the  velocity  field 
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within  a  computation  run  for  a  rotor  cascade  for  Mav  =  0.8  is  represented  in  this 
diagram.  Depicted  in  the  left  figure  is  the  convergence  history  of  the  metric  factor  as 
well  as  that  of  the  radius  within  a  cycle  in  adjusting  the  metric  factor.  If  the 
computation  grid  dimension  remains  constant  during  one  iteration  of  the  metric  factor, 
the  radius  and  sheet  thickness  field  values  of  the  previous  iteration  are  taken  over  as 
starting  values,  resulting  in  a  reduction  of  the  computation  time  between  the  geometric 
cycles.  The  convergence  history  of  the  metric  factor  as  well  as  the  upstream  perio¬ 
dicity  for  a  complete  computation  cycle  is  shown  in  the  right  section  of  Fig. 4 . 

The  distance  between  the  periodically  transposed  boundary  streamlines  in  the  upstream 
region  of  the  grid  is  defined  as  the  upstream  periodicity.  In  three  periodicity-cycles, 
the  maximum  difference  in  the  periodicity  lies  within  the  convergence  limit  of  0.5%. 
Due  to  the  coarse  computation  grid  used,  a  higher  standard  of  accuracy  is  not 
meaningful  here. 


THE  OPTIMISATION  MODULE 

To  obtain  a  profile  with  minimum  energy  losses,  the  design  of  cascades  starts  with  the 
development  of  the  velocity  prescription  by  a  check  on  the  state  of  the  boundary  laver. 
For  a  complete  design  of  a  compressor  or  a  turbine  and  the  dynamic  loads  expected  irom 
them,  further  properties  such  as  turning,  profile  thickness,  length  or  cascade  numbers 
are  stipulated.  Therefore,  it  is  generally  necessary  to  modify  the  velocity  prescrib- 
tion  to  satisfy  all  prerequisites. 

Fig.  5  depicts  the  optimisation  module  in  a  flow  chart.  Based  on  a  velocity  prescrip¬ 
tion,  the  necessary  modif ications  due  to  the  non-linearity  of  the  computation  equations 
are  performed  iteratively.  The  built-in  modification  functions  are  developed  in  such  a 
way  that  the  type  of  velocity  distribution  is  maintained  to  a  great  extend,  so  as  not 
to  influence  the  boundary  layer  too  greatly. 


Figure  5:  Flow-chart  of  the  optimisation  module. 

To  reduce  the  comptutation  time,  the  first  run  for  a  coarse  fitting  with  the  desired 
parameter  is  carried  out  in  a  computation  grid  with  only  five  mesh  points  perpendicu lar 
to  the  upstream  (FINE=0) . 

The  modification  cycle  starts  with  a  control  of  the  profile  circulation  and  if  neces¬ 
sary,  with  adapting  the  prescribed  velocity  distribution  * w  =  0).  After  determining  the 
geometry  according  to  the  computation  module,  the  turning  angle  and  the  pitch  cord 
ratio  of  the  cascade  is  checked. 

The  profile  circulation  is  obtained  by  evaluating  the  integrals: 

E  1 

r  -  - }  or  i,  ds  -  \  w2  ds  ♦  \  w,  ds  ns) 

D  K 

For  stator  flows  with  u> =  0,  the  necessary  circulation  is  only  a  function  of  the  velo¬ 
city  and  arc  length,  i.e.  the  velocity  distribution  can  be  checked  for  sufficient  cir¬ 
culation  right  from  the  beginning;  for  rotor  flows  though,  the  geometry  has  to  be  known 
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to  determine  the  first  integral  in  equation  (15) .  The  adjustment  between  the  turning 
angle  and  circulation  has  therefore  to  be  carried  out  simul taneously .  At  first  the 
profile  arc  length  is  varied  to  achieve  the  geometric  periodicity  of  the  wake.  The 
actual  circulation  necessary  for  the  turning  angle  is  calculated  using  equation  (15)  . 
The  difference  between  the  turning  angles  is  a  measure  for  the  necessary  modification 
in  the  profile  circulation.  An  exact  adaptation  is  still  not  possible,  as  the  variation 

of  the  velocity  yields  a  new  geometry  so  that  the 
necessary  circulation  has  to  be  determined  iteratively. 
If  the  differences  in  the  turning  angles  and  the  pitch 
lie  within  given  tolerance  limits,  the  boundary  layer 
displacement  thickness  is  then  computed.  The  metal 
profile  is  determined  by  subtraction  from  the  calcu¬ 
lated  potential  profile  contour  and  the  camber-line  and 
thickness  distribution  are  then  obtained.  The  minimum 
and  maximum  profile  thickness  is  then  testet  for  a 
given  profile  range. 

When  all  prescribed  parameters  are  fulfilled,  the  fine 
field  computation  is  started  (FINE=1) ,  i.e.  the  ad¬ 
justed  velocity  distribution  is  taken  as  the  new  pre¬ 
scribed  velocity  for  a  second  run  in  the  optimisation 
module,  in  which  now  all  available  local  computation 
grid  refinements  are  included. 

A  subsonic  stator  grid  serves  as  an  example  for  a 
modification  iteration.  Fig. 6  shows  the  velocity 
distributions  as  well  as  the  metal  profiles.  Through 
the  modification  module,  the  prescribed  velocity 
distribution  is  varied  so  that  the  turning  angle  of  the 
new  profile  increases  by  10®,  the  pitch  cord  ratio 
being  constant  and  the  maximum  profile  thickness  lim¬ 
ited  to  8.4%  (d/l).  In  spite  of  large  increments  in  the 
grid  parameters,  the  plateau  type  velocity  distribution 
is  held  constant  (maximum  velocity  in  the  suction  side 
at  s  25%  (x/l))  by  the  internal  modification  functions, 
so  that  boundary  layer  separation  does  not  occur  in 
spite  of  the  higher  maximum  velocities. 


result  after  modification  (solid) 
prescription  (dashed) 


Figure  6:  Comparison  between 
prescription  and  the  final 
result  (velocity  above; 
profile  contour  down)  of  the 
modification  cycle. 


Fig. 7  presents  the  conver¬ 
gence  history  for  the  turn¬ 
ing  angles  and  profile 
thickness  (11x142  mesh  - 
points) ,  the  development 
within  the  computation 
cycles  being  not  included. 
The  Large  difference  in  the 
turning  angle  after  the 
first  computation  cycle 
shows  clearly  that  the  wake 
is  not  periodic  as  the 
profile  circulation  of  the 
predicted  velocity  distrib¬ 
ution  has  already  been 
adjusted.  The  desired 
turning  angle  is  achieved 
in  the  successive  iter¬ 
ations  by  contrarily 
varying  the  arc  length  of 
the  prescribed  velocity 
distribution  on  the  pres¬ 
sure  and  suction  sides;  the 
circulation  being  held  con¬ 
stant.  This  variation  leads 
nevertheless  through  the 
consequent  change  of  the 
stagger-angle  to  an 
increase  in  the  axial  blade 
length.  The  first  computa¬ 
tion  of  the  profile  thick¬ 
ness  shows  an  increase  of 
about  60%  maximum 

thickness.  By  decreasing 
the  mean  velocity  level  the  desired  profile  thickness  is  attained  in  two  iterations. 
The  minimum  influence  on  the  turning  angles  and  on  the  pitch  by  this  modification  can 
be  clearly  seen.  A  simple  damping  algorithm  is  implemented  to  prevent  overswinging  of 
the  parameter  during  the  modification  cycle. 


Figure  7:  Convergence  history  of  the  changes  in  percent¬ 
age  of  the  turning  angle,  pitch  cord  ratio  and  maximum 
profile  thickness  for  a  stator  cascade  within  a  modifi¬ 
cation  cycle. 
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RESULTS 

To  verify  the  results  of  the  inverse  design  method,  comparative  computations  with  ana¬ 
lysis  programs  have  been  conducted. 


Figure  8:  Comparison  between 
the  inverse  design  and 
analysis  method  for  a  plane 
supercritical  cascade. 


Figure  9:  Comparison  between 
the  inverse  design  and  analysis 
method  for  a  stator  cascade 
with  variable  radius. 


Fig_»8  shows  a  plane  supercritical  cascade  with  Lax  =  0.87  and  a  turning  angle  of  20°. 
To  consider  the  increase  of  the  side  wall  boundary  layer,  the  sheet  thickness  between 
the  leading  and  trailing  edges  is  reduced  by  15%.  The  profile  contour  shows  the  poten¬ 
tial  profile  attained  by  the  inverse  procedure.  In  the  comparative  computation,  a 
finite-flux  element  program  (FFEM)  /14/  solving  the  compressible  potential  equation  is 
utilised.  Except  for  some  differences  in  the  leading  edge  area  of  the  pressure  side  and 
in  the  local  supersonic  region  there  is  very  good  agreement. 

The  profile  contours  shown  in  the  subsequent  figures  have  been  produced  by  transforming 
the  profile  data  on  an  equivalent  cylinderical  stream  sheet. 


Figure  10:  Comparison  between 
the  inverse  design  and 
analysis  method  for  a  rotor 
cascade  with  variable  radius. 


Figure  11:  Stream  surface 
of  a  rotor  cascade  in 
the  meridian  plane. 
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For  flows  on  rotational  stream  surfaces,  a  time  dependent  finite  volume  computation 
method  with  a  modified  McDonald  program  /15/#  has  been  used  for  comparison.  Fig. 9  shows 
the  transformed  profile  contour  of  an  inverse  designed  stator  cascade.  The  cascade  has 
been  designed  for  high  subsonic  flow  with  Lax  =  0.786  and  a  turning  angle  of  33°.  The 
stream  sheet  has  a  mean  divergence  angle  Am  of  30°.  Comparison  between  both  methods 
shows  excellent  agreement. 


development  of  the  stream  surface. 


As  ctn  example  for  design  in  the 
relative  system,  a  rotor  cascade  with 
30  000  rpm  was  chosen.  Fig . 10  shows  the 
velocity  distribution  and  the 
transformed  profile  contour.  Being  a 
preliminary  test,  the  profile  form  has 
still  not  been  optimised.  The  high 
loads  lead  to  a  strong  supercritical 
velocity  distribution.  The  stream 
surface  represented  in  the  meridian 
plane  in  Fig . 11  shows  the  shockfree 
solution  which  can  be  identified 
distinctly  by  the  smooth  development  of 
the  sonic  line  as  well  as  by  the 
neighbouring  lines  of  constant 
velocity.  This  comparison  has  likewise 
been  computed  with  the  modified 
McDonald  program.  The  deviation  m  the 
supersonic  region  can  be  explained  by 
the  existence  of  a  weak  shock.  The 
pressure  side  shows  good  agreement. 

The  efficiency  nf  *  ’pvors: 
method  was  testet  on  a  radial  com¬ 
pressor  with  45  000  rpm.  The  upper  left 
portion  of  Fig. 12  shows  the  development 
of  the  stream  surface.  The  divergence 
angle  of  the  stream  sheet  at  the 
trailing  edge  has  been  restricted  to 
89.5°  due  to  non-uniqueness  of  the 
radius  as  a  function  of  the  axial 
co-ordinate. 

The  profile  contour  m  the  meridian 
plane  with  its  respective  lines  of 
constant  velocity  is  shown  in  the 
bottom  part  of  Fig. 12.  The  thickness  in 
the  front  part  of  th®  profile  shows 
that  the  velocity  distribution  needs  to 
be  optimised. 


In  our  experience,  the  extended  inverse  design  method  is  an  effective  procedure  to 
design  highly  loaded  axial  compressor  cascades  on  rotational  stream  surfaces  and  could 
also  possibly  be  applied  to  radial  compressors. 
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DISCUSSION 


N.  KROLL,  Ge 

1)  You  talked  about  local  refinements.  Do  you  use  adaptative  flow  lo¬ 
cal  refinements  or  do  you  prescribe  regions  In  advance  ? 

2)  The  design  problem  Is  a  non  linear  problem,  and,  I  think,  one  pro¬ 
blem  of  the  method  Is  to  find  a  starting  solution.  Can  you  saty  something 
about  the  robustness  of  your  code  concerning  starting  solution  and  also  con¬ 
cerning  the  pre-parameters  In  the  design  method  ? 

Author's  Reply 

1)  Since  we  prescribe  the  velocity  distribution,  the  critical  ranges 
within  the  computational  grid  are  known  In  advance,  so  there  Is  no  need  for 
an  adaption  of  the  grid  refinements. 

2)  The  starting  solution  of  the  velocity  field  calculation  Is  always  a 
linear  Interpolation  between  the  prescribed  boundary  velocities.  The  only 
free-parameters  of  our  SLOR  method  to  solve  the  velocity  field  are  the  over- 
relaxation  parameters.  We  have  one  subsonic  and  one  supersonic  parameter  with 
linear  slope  In  the  sonic  range. 
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For  the  starting  velocity  distribution  within  the  optimisation  cycle 
you  cat.  use  any  distribution  you  want.  In  the  design  of  supercritical  casca¬ 
des  the  crucial  point  is  the  Interaction  between  the  calculated  sonic  line 
and  the  prescribed  velocity  distribution  at  the  boundary.  Therefore,  if  the 
prescription  at  the  profile  contour  does  not  match,  a  shock  appears  within 
the  flow  field.  But  we  have  developed  some  methods  to  modify  such  velocity 
distribution. 


R.G.  THOMPSON,  US 

My  question  concerns  supersonic  flow.  Do  you  see  applicability  for  the 
method  and  the  possibility  to  minimize  the  boundary  layer  blockage  at  the 
throat  ? 


Author's  Reply 

The  problem  of  supersonic  flow  upstream  of  the  cascade  lies  in  the 
correct  prescription  of  the  bow  wave  which  has  severe  influence  on  the  velo¬ 
city  distribution  of  the  usptream  stagnation  streamlines  of  a  flow  channel. 
Therefore  we  calculated  only  flows  with  subsonic  usptream  velocities  up  to 
now. 

With  the  prescription  of  an  “optimized"  velocity  distribution  we  try 
to  minimize  the  boundary  layer  thickness.  Secondly  we  look  for  solutions 
which  are  shockless  or  at  least  which  have  only  weak  shocks.  If  this  is  not 
possible,  we  have  to  change  the  parameters  of  the  cascade. 


R.B.  GINDER,  UK 

DVhich  boundary  layer  calculation  method  do  you  use  ? 

2)  In  choosing  your  velocity  distribution,  do  you  aim  for  any  particu¬ 
lar  type  of  boundary  layer  behaviour,  e.g.  is  the  boundary  layer  well 
attached,  or  do  you  allow  it  to  approach  separation  at  some  point  on  the 
surface.  Do  you  aim  for  any  particular  distribution  of  the  shape  parameter,H  ? 

Author's  Reply 

1)  The  Rotta  and  the  McNally  codes  are  Integrated  in  the  method. 

2)  The  only  thing  we  look  for  is  sufficient  distance  from  separation. 

If  we  have  separation  within  the  modification  of  the  velocity  distribution, 
we  just  stop  the  calculation  of  the  Inverse  design.  We  do  not  use  inverse 
boundary  layer  methods. 
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INVESTIGATION  OF  DIHEDRAL  EFFECTS  IN 
COMPRESSOR  CASCADES 

F.A.E.  8REUGELMANS 

von  Karman  Institute  for  Fluid  Dynamics 
B  -  1640  Rhode  Saint  Genfcse  -  Belgium 


ABSTRACT 

An  experimental  investigation  of  the  influence  of  blade  dihedral  on  the  secondary  flow  In  a  two  dimen¬ 
sional  NACA  65-series  compressor  cascade  is  performed.  Different  Inlet  boundary  layer  thicknesses  are  used 
on  the  endwalls. 

Three  different  stacking  lines  have  been  chosen,  namely  a  straight  line  inclined  at  15°,  25°  and  35°, 
a  circular  arc  and  an  elliptic  arc.  The  Incidence  range  up  to  stall  has  been  investigated  and  the  local 
and  overall  losses  are  compared.  The  obtuse  angle  between  the  blade  suction  surface  and  the  endwalt  has  a 
beneficial  effect  on  overall  and  secondary  flow  loss.  Some  limitations  have  to  be  accepted,  depending  on 
boundary  layer  thickness  and  Incidence. 

NOMENCLATURE 


AVR 

axial  velocity  ratio 

SUBSCRIPTS 

BL1 

reference  inlet  boundary  layer 

BL2 

thickened  inlet  boundary  layer 

0 

stagnation  conditions 

DF 

diffusion  factor 

1 

inlet 

P 

pressure 

2 

outlet 

q 

dynamic  pressure 

BL 

boundary  layer 

Re 

Reynolds  number 

cl 

based  on  chord  and  inlet  velocity 

V 

velocity 

MS 

midspan 

i 

Incidence  angle 

PROF 

profile 

a 

angle  of  attack 

s 

spanwise  with  b-0°  as  reference  direction 

B 

flow  angle=ATAN  (V„/V  ) 

stagger  angle  in  plane  parallel  to  end  wall 

sec 

secondary  flow  related 

7 

T 

overall 

Y 

exit  yaw  angle=ATAN  (V  /V  ) 
boundary  layer  thickness  x 

X 

axial  component 

e 

pitchwise  direction 

6 

boundary  layer  displacement  thickness 

A 

dihedral  angle 

SUPERSCRIPTS 

e 

sweep  angle 

9 

boundary  layer  momentum  thickness 

— 

pitchwise  integrated 

e1 

exit  bank  angle  =  ATAN  (V./V.) 
solidity  5 

pitch-  and  spanwise  integrated 

o 

1 

tangent  to  camberline 

b> 

total  pressure  loss  coefficient 

INTRODUCTION 

The  annulus  wall  boundary  layer  build  up  from  the  blade  end  clearance  effects,  the  boundary  layer  cen¬ 
trifugation,  skewing  and  the  blade-to-blade  pressure  gradient  producing  a  cross  flow,  yield  the  secondary 
flow  field.  The  accurate  prediction  of  the  detailed  flow  distribution  is  closely  related  to  the  secondary 
problem.  The  type  of  vortex  law  chosen  for  a  given  meridional  flow  path  produces  the  radial  equilibrium  and 
the  positioning  in  space  of  the  blade  elements  generates  additional  radial  force  components.  The  freedom 
in  choosing  the  stacking  line,  within  the  mechanical  constraints,  can  introduce  sweep  and  dihedral  which 
will  exert  a  control  on  the  secondary  flow  evolution. 

The  dihedral  or  lean  angle  effect  on  the  radial  equilibrium  are  discussed  by  Vavra  [1]  and  Smith  [2, 

31  who  showed  that  the  effect  on  the  radial  pressure  gradient  is  proportional  to  the  tangent  of  the  dihe¬ 
dral  angle.  Smith  discusses  in  detail  the  dihedral  and  sweep  effects  and  advices  on  incidence  angle  and 
solidity  to  be  considered  for  the  cascade.  Novak  [4J  discusses  the  lean  angle  effect  on  a  turbine  nozzle 
configuration  In  which  a  reversal  of  the  spanwlse  distribution  of  the  mean  static  pressure  in  the  blade  is 
predicted  with  and  without  10°  lean  angle.  At  the  trailing  edge  plane,  only  a  slight  difference  between 
the  two  cases  Is  observed  since  there  the  transverse  pressure  gradient  becomes  zero.  The  effect  of  fillet 
geometry,  studied  by  Debruge  [5]  Included  also  the  considerations  of  dihedral  in  the  prediction  of  the 
boundary  layer  development  in  the  corner.' 

Numerous  experimental  investigations  of  secondary  flow  development  have  been  performed.  Salvage  [61 
derived  his  conclusions  on  longitudinal  and  crosswise  boundary  layer  development  and  on  secondary  flow 
magnitude  and  distribution  based  on  43  different  compressor  cascade  experiments.  Dejc  &  Trojanowski  [71 
describe  experiments  in  annular  turbine  nozzle  cascade  where  positive  and  negative  dihedral  angles  (A)  of 
+13°  and  -14°  produce  large  variation  of  the  loss  in  the  hub  region.  Other  experiments  with  a=+20°  to  -20° 
show  a  symmetric  influence  on  tip  and  hub  with  an  Increase  of  the  mid  span  loss.  In  this  case,  the  model 
has  a  small  aspect  ratio.  It  Is  mentioned  that  the  meridional  contouring  has  to  be  combined  with  leaning 
the  blades  and  this  geometrical  freedom  provides  a  larger  control  on  the  degree  of  reaction.  It  Is  sugges¬ 
ted  to  use  a  curved  blade  in  order  to  obtain  a  beneficial  effect  at  the  root  and  tip  radius.  The  experi¬ 
ments  are  carried  out  on  a  curved  blade  with  0°  dihedral  at  the  tip.  An  Improvement  Is  observed  over  the 
lower  2/3  of  the  span  when  compared  to  the  radial  blades.  The  aspect  ratio  and  hub- tip  ratio  seem  to  be  a 
factor  in  the  loss  distribution,  since  they  determine  the  relative  importance  of  the  secondary  flow  with 
respect  to  main  flow,  as  defined  by  the  radial  pressure  gradient. 

Breugelmans  et  ah  (81  showed  the  Important  Influence  of  the  dihedral  angle  upon  the  cascade  perfor¬ 
mance  at  nominal  Incidence.  Different  inlet  boundary  layer  thicknesses  were  investigated.  The  conclusion 
was  that  a  moderate  dihedral  of  15°,  forming  an  obtuse  angle  between  blade  suction  and  wall,  yields  an 
Important  gain.  This  beneficial  effect  can  be  obtained  on  both  blade  extremities  when  a  curved  stacking 
line  Is  used.  A  circular  arc  one  and  and  elliptic  arc  one  are  Investigated  from  the  point  of  view  of 
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overall  and  local  losses  but  also  the  blade  pressure  distribution  and  blade  midspan  boundary  layer  evolu¬ 
tion. 

EXPERIMENTAL  FACILITY  AND  INSTRUMENTATION 
THE  FACILITY 


The  experimental  rig  Is  the  Tow  speed  cascade  tunnel  C-l  of  the  von  Karman  Institute.  It  Is  a  contin¬ 
uous  flow  facility  with  a  rectangular  cross  section  of  127x500  m  (Fig.  1).  A  large  centrifugal  blower  pumps 
air  Into  the  settling  chamber,  equipped  with  screens.  A  large  contraction  guides  the  flow  Into  the  rectan¬ 
gular  duct  towards  the  rectilinear  cascade  model. 

The  Inlet  duct  is  equipped  with  slots  in  the  endwalls  and  with  porous  and  deformable  walls  at  the  top 
and  bottom  In  order  to  remove  the  boundary  layer  bu11d~up  In  and  control  the  axial  velocity  ratio  across 
the  cascade.  However,  suction  through  the  slots  is  not  applied  and  solid  endwalls  are  used  in  order  to 
avoid  any  recirculation  through  porous  walls  for  these  tests. 

The  inlet  velocity  can  be  controlled  by  the  continuous  speed  adjustment  of  the  18  KW  DC  blower.  The 
amount  of  suction,  when  applicable,  can  be  controlled  independently  by  valves  in  the  piping  to  the  45  KW  DC 
suction  blower.  The  Inlet  flow  survey  plane  is  fixed  at  120  mm  In  front  of  the  blade  mid  chord  position, 
the  downstream  surveys  can  be  performed  In  the  span-  and  pitchwise  directions  in  planes  parallel  to  the 
blade  trailing  edges.  The  maximum  air  speed  is  40  m/s  and  the  tunnel  of  the  non  return  type,  discharging 
Into  the  atmosphere.  Compressor  and  turbine  cascades  can  be  accommodated. 

THE  INSTRUMENTATION 


The  upstream  flow  field  is  measured  with  a  directional  probe  of  the  NACA  snort  prism  type  [9].  The 
downstream  surveys  are  performed  with  a  multihead  probe  in  which  the  total  pressure  sensing  port  is  sepa¬ 
rated  from  the  directional  ports  by  20  mm.  The  probe  is  described  in  (8]  and  shown  in  Fig.  2. 

The  calibration  curves  are  determined  using  the  techniques  of  (9,  101  in  which  yaw,  pitch,  static  and 
dynamic  coefficients  are  determined  for  yaw  and  pitch  angle  variation  of  *30°.  This  calibration  confirmed 
the  insensitivity  to  angular  variations  of  the  total  pressure  reading.  The  pressure  tappings  are  connected 
to  strain  gage  pressure  transducers,  whose  signal  is  amplified  and  stored  on  a  magnetic  tape  using  a  micro¬ 
processor  controlled  8  channel  data  logger. 

The  blade  surface  boundary  layer  profiles  are  measured  with  a  classical  single  hot  wire  mounted  on  a 
0.1  mm  step-by-step  displacement  carriadge. 

THE  CASCADE  MODEL 


The  blades  are  NACA  65- 12A,  s - 10  airfoils  as  described  in  [12]  with  a  chord  of  127  mm,  solidity  and 
aspect  ratio  of  unity,  a  stagger  angle  of  28.9°  and  a  nominal  air  inlet  angle  of  45°  corresponding  to  an 
incidence  angle  of  -1?1  when  dihedral  is  zero.  The  straight  blade  cascade,  the  inclined  and  curved  blade 
model  are  shown  In  Fig.  3.  The  effect  of  dihedral  is  investigated  for  dihedral  angles  from  0°  (reference) 
to  35°  [8].  Dihedral,  or  the  blade  not  normal  to  the  endwall.  Is  introduced  by  rotation  of  the  two  dimen¬ 
sional  blade  around  the  chordwlse  direction.  This  operation  introduces  a  change  of  the  incidence  angle, 
adds  a  slight  sweep  angle  to  the  cascade  model  and  modifies  slightly  the  aspect  ratio  and  solidity.  The 
incidence  angle  is  corrected  by  a  modification  of  the  stagger  angle  according  to  : 
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tg(Bl-Y)a=0 
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Ay 

A 

ay 

COSA 

0° 

Reference 

25°  : 

-1.5° 

15° 

-.5° 

35° 

-3.1° 

TABLE  1 

The  sweep  angle,  formed  by  the  projection  of  the  leading  edge  on  an  axial  plane  and  the  normal  to  the 
endwall  Is  eliminated  by  a  rotation  around  an  axis  normal  to  the  plane  formed  by  leading  edge  and  chord. 

The  35°  dihedral  model  and  the  sweep  angle  compensation  are  Illustrated  in  Fig.  4.  These  rotation  angles  are 
9.2°,  14.9°  and  13.8°  for  the  three  values  of  the  dihedral.  The  solidity  Increases  from  1.0  (reference)  to 
1.01,  1.03  and  1.06  with  an  aspect  variation  from  1.0  (reference)  to  1.02,  1.06  and  1.14  for  the  increasing 
dihedral  angle.  The  effective  blade  maximum  thickness  changes  from  10*,  11.0*  and  12.2*  as  well  as  the  ef¬ 
fective  camber  angle.  These  effects  are  not  corrected  for  in  the  blade  construction  since  two  dimensional 
blades  are  cast  and  the  ends  cut  to  fulfil  the  no-sweep  requirement  with  a  zero  clearance  fit  at  the  endwalls 
127  mm  apart. 

The  circular  arc  stacking  lines  formed  an  angle  of  +15®,  +25°,  +35°  and  -15°  with  the  endwall,  where 
+15°  means  ar.  obtuse  angle  between  blade  suction  surface  and  the  wall.  The  elliptic  arc  stacking  Is  chosen 
to  have  a  span  of  127  mm  and  an  angle  of  +25°  with  the  wall.  This  circular  stacking  Introduces  a  small  amount 
of  sweep  9.2°  of  the  leading  edge  of  the  blades  and  the  sweep  angle  decreases  from  the  wall  towards  the  mid- 
span  position.  The  following  definitions  are  used  : 

*  15°S  :  stacking  along  a  straight  line, 

*  15®C0  :  stacking  along  a  circular  arc  with  the  obtuse  angle  on  the  suction  surface, 

*  15°CA  :  stacking  along  a  circular  arc  with  the  acute  angle  on  the  suction  surface. 

*  15°EL  :  stacking  along  an  elliptic  arc. 

MEASUREMENTS  AND  DATA  REDUCTION 


The  measurements  are  performed  In  planes  parallel  to  the  cascade  leading  and  trailing  edge  plane.  The 
inlet  flow  survey  Is  performed  at  a  plane  56  m  axially  In  front  of  the  leading  edges;  the  Inlet  boundary 
layer  on  both  endwalls  Is  measured  with  a  boundary  layer  probe,  which  is  exchanged  for  a  NACA  prism  type 


28-3 


measured  at  21  equally  spaced  traversing  planes  10  mm  axially  downstream  of  the  trailing  edge.  This  distance 
is  kept  constant  for  all  spanwise  measurements.  Two  inlet  boundary  layers  are  used  :  the  naturally  developed 
one  and  an  artificially  thickened  one  using  triangular  vortex  generators  fixed  on  the  endwalls,  1  m  upstream 
of  the  central  blade.  The  boundary  layer  parameters  on  the  endwall  are  given  in  table  1. 


BLl 

BL? 

BLl' 

BL?’ 

Reference  i 

Straight  Blades 

7  mm  Edge 

Vortex  Generators 

Reference 
Curved  Blades 

9  mm  Edge 
Vortex  Generators 

6 

18  mm 

32  mm 

27  mm 

50  mm 

6* 

2.3 

3.5 

4.4 

8.0 

9 

1.7  | 

2.1 

2.9 

5.7 

TABLE  1 

Turbulence  levels  in  the  inlet  plane  at  the  midspan  position  of  Tu=0.8r  and  1 . 25%  are  measured  for  the  two 
inlet  boundary  layer  thicknesses. 

The  local  total  pressure  loss  coefficient  and  the  downstream  flow  vector  are  obtained  through  the  cali¬ 
bration  curves  of  the  multiple  head  probe.  Mass  and  area  averaged  quantities  are  calculated  for  each  pitchwise 
survey.  The  following  procedure  is  used  in  defining  these  values  :  the  average  value,  of  the  parameter 
X(s,9),  a  function  of  two  variables,  is  given  by 

(*2  fs2 

j  j  X(s,9)W(s.9)dsde 


f  f 

,  j  W($,e)dsd9 

»i  si 


where  W(s,9)  is  a  weighting  function  dependent,  in  general,  upon  the  two  spatial  variables. A  double  bar  (  ) 
over  a  flow  property  indicates  the  results  of  averaging  over  the  entire  half  plane  of  measurement.  Tor  s 
equal  to  a  constant,  the  equation  degenerates  into  the  form 


]  X(s,9)W(s,9)de 

9; 

W(S,r)d* 


Thus,  a  single  bar  (-)  over  a  flow  property  indicates  that  the  quantity  results  from  pitchwise  averaging.  The 
spanwise  position  at  which  this  average  was  made  is  indicated  by  either  the  subscript  MS  if  the  midspan  is 
implied  or  by  (s)  if  the  spanwise  oosition  is  arbitrary.  For  area  averaging,  the  weiqhting  function,  W,  is 
given  by  :  W  =  1;  everywhere. 

For  mass  flow  averaging  in  incompressible  flows  :  W(s,8)spV(s ,e)coss($,9) ,  since  density  is  constant  and 
where  Vcos?,  is  the  axial  component  of  the  velocity  vector  at  (s,e).  This  procedure  can  now  be  applied  to  the 
total  pressure  and  flow  angle  by  substitution  of  X  through  P02  and  6;> • 


TOTAL  PRESSURE  LOSS  COEFFICIENTS 

The  overall  (or  global)  total  pressure  loss  coefficient 


*’T 


where  (q,)^  is  the  dynamic  head  at  midspan  read  on  the  upstream  probe 

(*01 
(^i)ms 


«(s.e) 


(q  )MS 

A  local  loss  coefficient,  u>(s»9)  may  be  defined  as  : 
Average  results  for  uj(s)  : 

(poi )mc‘p02/c \ 

Clj{s)  =  - — —  ■L--'-  pitchwice  int^^ted  w? 


Loss  in  total  pressure  attributed  to  secondary  flow  is  here  defined  as  follows  :  ^^ec=^j(s)-jQ^(s) ,  where 
BL ( s )  is  the  loss  measured  at  the  same  plane  due  to  the  boundary  layer 
In  the  same  way  .  wsec=wT-“BL' 

OUTLET  Flow  ANGLE  AVERAGING 

Two  types  c*  outlet  flow  angle  are  encountered  : 

82  :  local 

17  :  pitchwise  mass  average,  obtained  with  the  above  described  method. 
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EXPERIMENTAL  RESULTS 

All  experiments  are  performed  at  an  inlet  Reynolds  number  of  Re=2.1*105.  The  inlet  flow  uniformity  is 
checked  for  three  passages  in  the  center  of  the  cascade.  Adjustments  can  be  made  only  Ify  the  upper  and  lower 
walls  since  no  suction  is  applied  in  this  investigation.  The  downstream  traverses  explore  the  central  passage 
while  allowing  for  a  suitable  overlap  due  to  the  physical  separation  of  the  probe  total  pressure  point  from 
the  others. 


The  influence  of  two  different  inlet  boundary  layers,  BL1  and  BL2,  on  the  cascade  performace  is  invest¬ 
igated  from  nominal  to  stall  incidence  angle.  Four  different  stacking  lines  are  considered,  i.e. ,  the  refer¬ 
ence  zero  dihedral,  the  15°  dihedral  with  straight  stacking  line  (15°S,  the  circular  arc  stacking  line  (15°C0) 
and  the  elliptic  arc  stacking  line.  A  limited  number  of  experiments  are  performed  with  15°CA  and  25°C0  stack¬ 
ing  lines.  The  discussion  will  be  limited  to  the  total  pressure  losses  in  these  different  configurations. 

The  inlet  total  pressure  loss  due  to  the  boundary  layers  811  and  BL2  is  presented  in  figure  5. 

TOTAL  PRESSURE  LOSSES  FOR  STRAIGHT  AND  INCLINED  BLADES 

The  total  pressure  loss  coefficient  (w)  contours  for  the  0°  and  15°  dihedral  with  the  reference  and  ar¬ 
tificially  thickened  inlet  boundary  layer  are  shown  in  figure  6.  The  aspect 'ratio  is  exagerated  in  the  plot¬ 
tings  due  to  the  different  scale  factors  for  the  span-  and  pitchwise  directions.  The  accumulation  of  losses 
in  the  suction  surface  endwall  corners  are  shown,  and  slight  difference  are  caused  by  the  non  identical  inlet 
boundary  layer  on  the  left  and  right  hand  side  (0°  dihedral).  A  small  amount  of  dihedral  (15°)  produces  a 
sufficient  spanwise  pressure  gradient  to  suppress  almost  completely  the  development  of  a  large  loss  zone  in 
the  larger  corner.  The  losses  along  the  endwall,  between  two  successive  blades,  equal  the  inlet  boundary  layer 
loss  on  the  right  hand  endwall  when  excluding  the  blade  wakes.  On  the  opposite  wall,  a  large  secondary  flow 
loss  zone  develops,  spreading  out  to  midspan  and  covering  100%  of  the  pitch  at  the  endwall  for  35”  dihedral 
case  as  reported  in  the  references. 


The  pitchwise  integrated  loss  values  are  compared  in  figure  7  on  which  the  inlet  boundary  layer  loss 
profile  is  also  shown.  The  difference  is  caused  by  the  secondary  flow  development  through  the  blading.  The 
application  of  dihedral  changes  this  spanwise  distribution  in  an  important  manner.  Very  quickly,  a  doubling 
of  losses  occurs  on  the  acute  angle  side  while  one  approaches  the  inlet  loss  distribution  on  the  right  hand 
side  for  15°  to  35°  dihedral.  The  losses  at  25°  dihedral  reached  a  level  where  the  inlet  boundary  layer  ef¬ 
fect  does  not  modify  the  distribution  and  the  high  losses  region  occupies  25%  of  the  area. 

The  overall  loss  is  compared  in  figure  8  to  the  0°  dihedral  configuration,  using  the  left  and  right  hand 
side  of  the  blade  span.  The  overall  losses  are  rapidly  reduced  on  the  half  span  with  the  obtuse  corner  and 
this  at  moderate  dihedral  angles  for  both  inlet  boundary  layer  thicknesses.  The  blade  half  span  with  the 
acute  corner  demonstrates  a  sharp  increase  in  loss  with  respect  to  the  reference  case  as  shown  and  the  bene¬ 
ficial  effect  cannot  compensate  the  detrimental  evolution  on  the  opposite  endwall. 


DF 


The  diffusion  factor,  DF,  is  calculated  at  the  spanwise  minimum  loss  position  using  the  expression 

,  V*0a 

1  '  7J  *  TTYj" 


where  the  inlet  midspan  velocity  and  the  pitchwise  averaged  outlet  velocity  components  are  used.  The  axial 
velocity  ratio  is  calculated  using  the  pitchwise  averaged  velocity  component  Vx2.  The  OF  increases  from  0.29 
(a=0°)  to  0.33  (a=35°)  and  AVR  from  1.15  to  1.19  for  the  reference  inlet  boundary  layer  case.  A  lower  DF  of 
0.24  and  higher  AVR  1.21  is  observed  for  the  artificially  thickened  inlet  boundary  layer. 


The  secondary  loss  is  that  part  of  the  total  loss  which  is  not  present  in  the  inlet  wall  boundary  layer 
and  in  the  midspan  blade  wake,  under  the  assumption  that  the  sidewall  flows  have  not  merged  over  the  blade 
suction  surface.  The  inlet  boundary  layer  profiles  are  shown  in  figure  5,  together  with  the  pitchwise  aver¬ 
aged  total  pressure  losses.  The  secondary  loss  (Fig.  7)  is  reduced  already  by  almost  50%  for  a  moderate  di¬ 
hedral  of  15°  and  little  or  no  benefit  is  obtained  on  the  obtuse  angle  side  of  the  cascade  model  for  a  further 
increase  in  dihedral.  The  large  Increase  in  secondary  loss  on  the  opposite  side  is  strongly  dependent  on  in¬ 
let  boundary  layer  thickness  and  dihedral  as  shown.  The  evolution  towards  a  limit  loss  level,  as  for  the  total 
loss,  seems  to  occur. 


TOTAL  PRESSURE  LOSS  CONTOURS  FOR  THE  CURYcn  P<  APES 

The  results  of  the  experiments  on  an  inclined  blade  demonstrated  the  improvement  of  the  flow  conditions 
in  the  obtuse  corner.  A  beneficial  effect  on  both  endwalls  can  be  obtained  by  applying  a  curved  stacking 
line  of  30®  camber.  In  a  preliminary  series  of  tests  a  C-7  blade  of  45°  camber  was  used.  The  total  pressure 
distribution  is  shown  in  figure  9  and  the  most  striking  feature  is  the  wake  thickening  at  the  midspan  position. 
The  streamtube  divergence,  due  to  dihedral,  causes  an  additional  diffusion  in  this  high  turning  cascade  and 
any  beneficial  effects  in  the  endwall  region  may  be  cancelled  by  the  Increased  midspan  losses.  A  systematic 
investigation  is  started  with  different  curved  *  tacking  1 ines  and  the  Influence  of  Incidence  angle  is  Included. 

A  selection  Is  made  for  the  presentation  of  the  losses  in  the  exit  plane.  The  thick  inlet  boundary  layer 
case  with  the  reference,  15°  dihedral  straight  and  15®  dihedral  curved  stacking  cascade  model  has  been  chosen 
for  the  inlet  flow  angles  of  45®,  50°  and  55°.  The  cascade  aspect  ratio  of  unity  Is  modified  In  the  plottings 
due  to  the  different  scale  factors  In  the  span-  and  pitchwise  directions.  The  location  of  two  blade  wa^es 
can  easily  be  observed  as  well  as  the  15°  inclination  or  curvature  of  the  trailing  edge,  with  the  suet  on 
surface  pointing  downwards.  The  accumulation  of  the  losses  in  the  suction  surface  endwall  corners  are  shown 
and  the  differences  between  left  and  right  hand  side,  for  the  symmetrical  models,  are  caused  by  the  presence 
of  inlet  instrumentation  ports. 

A  small  amount  of  dihedral  (15°)  prevents  the  thick  Inlet  boundary  layer  to  qrow  Into  a  large  secondary 
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the  Josses  is  observed.  A  very  thick  wake  over  the  entire  span  occurs  at  *l=55:\  The  observations  of  [8]  are 
confirmed  for  the  minimum  Joss  incidence. 

The  curved  stacking  (15°C0)  model  shows  higher  losses  and  thicker  wakes  at  the  midspan  location  due  to 
the  local  streamtube  divergence  t:  ugh  the  cascade  under  the  influence  of  the  transverse  component  of  the 
blade  forces.  The  flow  separation  over  the  entire  span  at  oi=550  is  delayed  as  can  be  observed  in  figure  10, 
but  a  local  separation  around  the  midspan  is  measured.  Further  comparisons,  using  local  and  averaged  data, 
are  made  in  the  following  paragraphs. 

MIDSPAN  LOSSES 

The  midspan  losses  are  presented  in  function  of  the  inlet  flow  angle  to  the  different  cascade  models, 
the  different  inlet  boundary  layers  BL1  and  BL2  being  the  parameters  (Fig.  11). 

The  NACA  two  dimensional  minimum  loss  value  is  confirmed  for  the  reference  boundary  layer,  while  a  three 
times  higher  minimum  loss  occurs  for  3L2.  The  operating  range,  defined  by  twice  the  minimum  loss,  is  limited 
to  Bi=52°  and  54'’  for  BL1  and  BL2  respectively.  The  axial  velocity  ratio  AVR  is  1.0  (BL1)  and  1.04  (BL?)  at 
the  midspan  minimum  loss  point,  with  an  increase  to  1.13  (BL1)  and  1.08  (BL?)  at  stall  conditions. 

The  effect  of  dihedral  in  the  case  of  a  straight  stacking  (15°S)  is  observed  at  the  midspan  location. 

The  beneficial  effect  of  the  obtuse  corner  shows  up  in  the  lower  losses  but  stall  occurs  in  a  more  abrupt  way 
and  the  losses  at  midspan  are  higher  than  for  the  reference  cascade  in  the  case  BL1. 

The  midspan  loss  for  the  curved  stacking  case  15*00  has  a  different  evolution  for  BL1  and  BL?.  The  losses 
are  the  same  as  the  reference  cascade  for  BL1,  but  an  important  improvement  is  observed  at  the  positive  in¬ 
cidence  angles  when  a  thick  inlet  boundary  layer,  BL2,  is  present.  The  incidence  range  is  seriously  reduced 
for  the  negative  incidence  angles, 

The  midspan  losses  for  the  25°EL  model  are  lower  than  for  15°C0  at  moderate  incidence  angles.  The  rate 
of  change  is  much  larger  when  approaching  the  stall  conditions. 

A  comparison  of  the  reference  model  with  the  15°C0  model  shows  that  the  AVR  is  lower  and  the  diffusion 
factor  higher  for  the  midspan  section  of  the  curved  stacking.  The  discrepancy  is  largest  for  the  case  BL1  and 
occurs  in  the  positive  incidence  range.  This  indicates  a  streamtube  divergence  due  to  the  spanwise  component 
of  the  blade  force  (Fig.  12). 

EFFECT  OF  INCIDENCE  ON  ENOWALL  LOSSES 

The  beneficial  effect  of  an  obtuse  angle,  obtained  by  the  dihedral,  between  blade  suction  surface  and 
endwall  has  been  demonstrated.  A  comparison  can  be  made  of  the  local  pitchwise  averaged  total  pressure  loss 
distribution  for  the  reference,  15°S  and  15CC0  model  with  the  two  different  inlet  boundary  layers,  BL1  and 
BL2.  The  figures  illustrate  the  artificially  thickened  boundary  layer  case  in  the  different  cascade  models. 

The  incidence  effect  on  the  endwall  losses  in  combination  with  15°  dihedral  is  shown  in  figures  13a-b. 

The  comparison  of  the  reference  and  15°S  model  shows  that  over  the  last  25%  of  the  blade  span,  losses  increase 
rapidly  and  are  incidence  angle  dependent.  The  positive  effect  of  15°  dihedral  in  the  obtuse  corner  is  ob¬ 
served  for  the  reference  and  artificially  thickened  boundary  layer  of  the  minimum  loss  and  moderate  positive 
incidence  angles  ( 8 ^  =50° ) .  The  beneficial  action  of  dihedral  is  lost  at  high  incidence  angle  (3;=55*)  for 
the  case  of  BL  1 .  Only  in  the  c.’Se  of  the  thicker  inlet  boundary  layer,  a  positive  result  may  be  expected 
(Fig.  13a). 

A  similar  comparison  is  shown  for  the  15°  curved  stacking  model  (15°C0).  The  influence  on  the  endwall 
loss  distribution  is  marginal  or  negative  at  6]=45°.  A  positive  trend  can  be  detected  between  •= « =50’“  to  52' 
for  the  thick  inlet  boundary  layer,  the  stall  at  high  incidence  angles  (Si=55°  ...  57°5)  is  worse  than  in 
the  reference  cascade  model.  The  additional  diffusion  of  the  midspan  streamtube  is  now  (model  15*00)  dominat¬ 
ing  the  entire  separated  flow  (Fig.  13b). 

SPANWISE  AVERAGED  LOSSES  (Fig.  14a-b) 

The  different  models  are  compared  on  the  basis  of  the  spanwise  averaged  losses  ove**  50“  of  the  span  and 
considering  only  tl obtuse  angle  side.  The  increase  in  the  secondary  loss,  ussec=2-^BL’  observed  for  higher 
inlet  flow  angles  in  the  case  of  the  reference  cascade  model.  The  evolution  is  the  same  for  the  two  inlet 
boundary  layers,  BL1  and  BL2. 

The  15°S  cascade  model  demonstrates  a  decrease  of  the  secondary  flow  losses,  the  endwall  flow  is  strongly 
influenced  in  the  obtuse  corner  and  the  losses  are  smaller  than  the  ones  in  the  inlet  plane  to  the  cascade  in 
the  case  of  3L2.  An  abrupt  increase  is  observed  at  an  inlet  flow  angle  cr  5T.  The  improvement  mentioned  in 

[81  is  confirmed  and,  when  compared  to  the  reference  cascade,  extends  over  a  limited  incidence  range  (+7) 

for  BL1  and  over  the  total  range  up  to  stall  for  the  BL2  Inlet  boundary  layer. 

The  curved  stacking  model,  15*C0,  does  not  provide  an  improvement  for  the  reference  inlet  boundary  layer 

BL1.  A  remarkable  reduction  of  the  losses  is  obtained  in  the  range  from  +6*  incidence  angle  towards  stalls; 
zero  and  negative  incidences  should  be  avoided  due  to  the  large  losses  in  case  of  a  thick  inlet  boundary 
layer  BL2. 

A  comparative  test  has  been  performed  with  a  15nCA  cascade  model  and  the  averaged  spanwise  losses  for 
the  case  BL1  are  given  in  table  2.  This  demonstrated  clearly  the  positive  and  negative  dihedral  effect  and 
no  further  investigations  have  been  made  with  this  cascade  model,  forminq  an  acute  angle  between  suction 
surface  and  endwall. 
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6i  n 

15°C0 

15°CA 

45 

10.5* 

14.52 

50 

12  2 

21.52 

55 

152 

26  2 

TABLE  2 


The  elliptic  stacking  line  demonstrated  identical  overall  losses  as  the  circular  one  (Fig.  14a).  A  sub¬ 
stantial  improvement  can  be  observed  at  moderate  incidence  angles.  The  stall  occurs  at  9°  incidence  angle 
(Fig.  14b). 

BLADE  PRESSURE  DISTRIBUTION  -  BOUNDARY  LAYER  EVOLUTION 

The  blade  pressure  distribution  has  been  measured  at  42,  12,52,  302  and  502  of  the  span.  A  comparison 
will  be  made  between  the  reference  blade  (6=0°)  and  the  elliptic  stacking  line  model  for  the  reference  and 
artificially  thickened  inlet  boundary  layer  in  Figs.  15a,  b. 

The  increased  loading  at  502  chord,  and  midspan  is  observed  as  well  as  the  unloading  near  the  endwalls 
for  the  25°EL  cascade  (Figs.  15a)  at  45°  inlet  flow  angle. 

At  the  higher  inlet  flow  angle  of  50°  and  the  artificially  thickened  inlet  boundary  layer,  one  can  obser¬ 
ve  a  plateau  pressure  over  the  whole  span  for  A=0°.  This  is  a  local  separation  and  does  not  exist  for  the 
25°EL  model  (Fig.  15b)  as  was  shown  by  oil  flow  visualization. 

The  evolution  of  the  boundary  layer  thickness  for  the  reference  blade  A=0°  and  the  elliptic  stacking 
4=25°EL  is  shown  in  Fig.  16,  from  the  50%  to  902  chord  position.  Different  inlet  flow  angles  have  been  used 
for  these  midspan  surveys.  The  appearance  of  a  separation  bubble  is  observed  as  well  as  its  upstream  motion 
for  increasing  inlet  angles  (a=0°).  The  large  increase  of  the  midspan  boundary  layer  thickness  in  the  case 
A=25°EL  is  demonstrated. 

CONCLUSION 

Four  different  stacking  of  a  NACA-65  series  blade  section  are  investigated  in  a  cascade  arrangement  with 
two  different  inlet  boundary  layers.  The  inlet  flow  angle  range  covered  is  3j=40°  to  57.5°. 

The  15°  dihedral  stacking  along  a  straight  line  shows  an  improvement  in  the  total  pressure  losses  for  the 
two  inlet  boundary  layer  thicknesses.  An  abrupt  increase  of  the  loss  occurs  near  the  stalling  inlet  angle  where 
a  decrease  of  the  loss  is  only  observed  for  the  thick  inlet  boundary  layer. 

The  effect  of  a  15°  dihedral  stacking  along  an  arc  of  a  circle  fades  out  towards  the  midspan  position 
where  an  increased  diffusion  is  observed  due  to  the  streamtube  divergence.  No  difference  is  observed  with  the 
reference  cascade  model  in  the  case  of  the  reference  inlet  boundary  layer.  A  remarkable  improvement  of  the 
spanwise  averaged  losses  is  obtained  for  medium  to  stalling  incidence  angles  when  a  thick  inlet  boundary  layer 
is  present. 

A  moderate  amount  of  dihedral  (15°)  correctly  applied  can  improve  the  flow  in  the  endwall  region  in  con¬ 
ditions  such  as  occurring  in  multistage  compressors. 
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LOW  SPEED  CASCADE  TUNNEL  C-1 


FIG.  2  -  THE  MULTIHEAD  PRESSURE  PROBE 


FIG  5  -  INLET  BOUNDARY  LAYER  PROFILES 


PITCHWISE  PITCHWISE  PITCHWISE 


FIG.  13 o-  LOSSES  IN  THE  ENOWALL  REGION 
A  =0*  ANO  15*  S 


FIG  13b -LOSSES  IN  THE  ENOWALL  REGION 
A  *0°  ANO  15*  CO 
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FIG  15b- BLADE  PRESSURE  DISTRIBUTION  REFERENCE  BLADE ,25°  EUPT  Pi  4 


FIG.  16  -  BLADE  SUCTION  SURFACE 

BOUNDARY  LAYER  EVOLUTION 
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DISCUSSIOW 


J.  HOURMOUZIADIS,  Ge 

Thank  you  very  much  for  such  a  magnitude  of  useful  information.  Pro¬ 
fessor  Breugelmans.  I  would  like  to  comment  firstly  ;  your  experience  agrees 
perfectly  well  with  our  experience  on  low  pressure  turbines. 

You  showed  that  loss  Increases  at  mid-span  with  the  thicker  boundary 
layer  for  the  curved  blade,  at  negative  Incidence  which  indicates  that  you 
must  have  some  kind  of  a  laminar  separation.  Do  you  have  an  explanation  why 
this  happens  with  thicker  boundary  layer  only  ? 

Author's  Reply 

Usually,  If  you  incorporate  beneficial  effect,  you  will  see  the  posi¬ 
tive  result  much  easier  If  you  have  very  durty  flow  coming  in,  namely  in  our 
case  a  very  thick  boundary  layer.  And  that  there  is  why  we  are  doing  a  lot 
of  effort  to  get  very  thick  wall  boundary  layer  and  a  lot  of  secondary  flow. 

Mow,  If  you  see  on  the  vectors  at  mid-stream  for  the  curved  blades, 
they  may  seem  to  diverge  and  that  of  course  puts  additional  diffusion  on  it. 
Now,  do  not  forget  the  Reynolds  number  of  the  test  we  run  Is  low  speed  and 
it  is  200  000,  so  certainly  air  profiles  sit  there  where  transition  is  mo¬ 
ving  back  and  forth.  That's  probably  the  reason  why  we  have,  at  50-51  de¬ 
grees  for  the  reference  blade,  a  circulating  bubble  very  good  visible  with 
flow  visualisation  on  the  surface,  as  It  moves  up.  This  disappears  if  you 
put  in  the  beginning,  due  to  side  blade  force,  an  additional  diffusion. 


J.  HOURMOUZIADIS,  Ge 

My  second  question  is  on  the  effect  of  leaned  and  curved  blades.  We 
have  been  doing  that  now  for  several  years  In  our  production  turbines  and 
our  Impression  Is  that  the  primary  effect  on  long  blades  is  the  rearrange¬ 
ment  of  the  two-dimensional  loading  of  the  profile.  In  fact,  we  have  not  been 
able  to  identify  any  significant  effect  on  secondary  losses.  Have  you  been 
able  to  separate  two-dimensional  losses  from  secondary  losses  ? 

Author's  Reply 

Not  entirely.  You  could  do  this  by  looking  at  the  mid-span  loss.  The 
mid-span  losses  are  not  2D  losses  because  they  are  much  too  high.  We  have 
aspect  ratio  of  1  with  30  %  boundary  layer  coming  In,  on  both  sides.  This  is 
completely  different  situation  than  In  a  turbine  with  a  much  long  aspect 
ratio.  Secondly,  this  Is  a  conpressor  cascade,  so  pressure  gradient  and  so 
on,  are  opposite  to  what  we  have  In  turbine.  That  Is  probably  the  reason  why 
It  Is  harder  to  see  it  In  turbine, where  you  expand  the  flow  sufficiently  and 
where  It  Is  very  hard  to  measure  any  boundary  layer  at  the  outlet. 


K.D.  PAPAILLIOU,  Gr 

I  would  name  two  possible  sources  for  Improvement  or  dlsprovement  of 
secondary  losses  In  the  measurements  that  you  have  presented.  One  Is  the  me¬ 
chanism  that  creates  the  rolling  up  of  the  vortex,  so  acting  directly  on  the 
secondary  loss.  The  other  would  be  the  transport  of  material  that  has  been 
lost  somewhere  and  goes  elsewhere  discharging  localy  the  blade  and,  not  enti¬ 
rely  In  fact,  but  Indirectly  Improving  localy  the  performance  of  the  blade. 
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However,  this  lost  material  Is  going  elsewhere  and  It  Is  the  total  effect 
which  we  have  to  look  at. 

Could  you  comment  on  this  two  mechanism  In  order  to  explain  what  is 
your  feeling  about  the  Improvement  of  designing.  In  this  direction  ? 

Author's  Reply 

Comment  Is  :  we  have  to  wait  a  few  more  years.  That  Is  exactly  the 
test  under  way  now,  using  rotating  hot  wires  to  get  the  fluctuating  compo¬ 
nents  and  hoping  to  find  the  vortex  In  the  corner  and  how  it  moves.  May  be 
we  have  the  answer  In  two  years. 


H.  WEYER,  N1 

Please,  comment  on  the  effects  of  spanwlse  contraction  (AVDR)  on 
losses.  In  particular  what  Is  the  reason  of  increased  loss  of  the  plane  cas¬ 
cade  with  thickened  boundary  layer  ? 

Author's  Reply 

The  axial  velocity  density  variation  Is  8  or  10  %,  I  believe.  The  in¬ 
creased  loss  IS  due  to  the  aspect  ratio  of  1  and  to  the  30  %  boundary  layer, 
on  both  sides. 


L.  FOTTNER,  Ge 

Should  one  take  Into  account  the  Incidence  according  to  the  boundary 
layers  by  making  the  camber  different  near  the  wall  ? 


Author's  Reply 

That  Is  something  you  certainly  should  do  In  a  machine  because  the  lo¬ 
cal  high  entropy  at  the  ends.  For  a  high  speed  machine,  when  you  have  a  very 
narrow  Incidence  range,  you  must  adapt  the  leading  edge  to  the  local  flow 
and  that  Is  the  all  story  of  the  end-bend  and  the  3D  design.  That  Is  just 
following  the  flow  and  not  hoping  the  flow  will  follow  the  blades. 
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par  Pascal  FERRAND 

Laboratoire  de  Mdcanique  dea  Flu  idea  -  ECOLE  CENTRALE  DE  LYON  (E.C.L.) 
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RESUME 

Le  flottement  de  blocage  ae  produit  aur  des  redresaeura  fonctionnant  en  incidence  negative  avec  un  col  sonique 
procho  de  l'entrde  du  canal  interaube  auivi  (fun  choc  droit.  Une  mod61isation  monodimenaionnelle  dans  lea  canaux 
interaubea  at  bidimenaloonelle  hors  grille  a  ddvelopp6e  de  telle  aorta  qu'il  solt  aiad  de  mener  une  6tude  variationnelle 
dea  different*  paramfctrea.  Lea  rdaultata  aont  baa6a  aur  I’expdrience  de  TANIDA  et  SAITO.  Une  dtude  phdnomdnologique 
eat  alnai  prdsentde,  centrde  aur  la  miae  en  dvldence  dea  dependences  du  gradient  de  viteaae  longitudinal  atationnaire  et 
du  mouvement  du  choc.  Lea  rdsultata  obtenua  ne  aont  paa  contradictoirea  avec  (fautrea  rdaultata  publids  maia  re  met  tent 
en  cause  lea  interpretations  qui  y  aont  asaocidea.  11  apparait,  par  exemple,  que  le  mouvement  du  choc  eat  tributaire  dea 
fluctuations  qui  se  ddveloppent  dans  la  zone  amont  au  choc  alora  que  la  contribution  du  domaine  aval  reate  moddrde.  Ces 
rdaultata  montrent  pour  la  premlfere  foia  comment  agir  adrodynamiquement  pour  limiter  lea  risques  de  flottement. 


PARAMETRIC  STUDY  OF  CHOKE  FLUTTER  WITH  A  LINEAR  THEORY 


ABSTRACT 


The  choke  flutter  problem  arise  in  the  stator,  the  incidence  is  slightly  negative  and  the  inlet  Mach  number  is 
subsonic.  A  one -dimensional  unsteady  approach  is  uaed  in  blade  channel  and  out  of  the  cascade,  the  equations  describe 
the  unsteady  two  dimensional  periodical  flow  field.  The  results  are  compared  to  experimental  data  from  TANIDA  et 
SAITO  testa.  A  parametric  study  has  been  developped  to  understand  the  influence  of  atationnary  velocity  gradient  and 
shock  wave  movement.  The  results  obtained  don't  contradict  with  each  other  but  give  different  explanation.  For 
example,  its  means  that  the  shock  wave  movement  depends  highly  of  upstream  perturbations  but  weakly  of  downstream 
flow.  For  the  first  time,  these  results  point  out  the  possibilities  to  limit  the  choke  flutter  domain. 


1.  INTRODUCTION 

Le  flottement  de  blocage  apparatt  h  regime  partiel  et  &  fort  d6bit  (figure  A),  principalement  sur  des  redresaeurs 
cfdtagea  intermddlalrea  de  compresseurs.  Un  flottement  en  configuration  bloqu6e  peut  aussi  ae  produire  aur  turbine,  maia 
la  structure  de  l'dcoulement  difffere  de  celle  d6crite. 

FloM«n»h|  tuptr so*<qur  drto'norcf 
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Lea  incidences  aont  faibles  ou  mfime  negatives,  Les  nombres  de  Mach  amont  et  aval  sont  subsoniques.  Le  canal  est 
traverse  par  un  col  puis  par  un  choc  droit  situ 6,  g6n$ralement,  entre  le  quart  et  la  mi-corde.  II  existe  ur.  couplage 
Interaube,  lea  aubea  vibrant  en  flexion  ou  en  torsion.  On  attrihue  gdndralement  ce  flottement  au  mouvement  du  choc  ; 
('influence  dea  effets  vlsqueux  n'est  pas  determine.  Les  rr^canismes  d1  apparition  de  ce  type  de  flottement  sont 
meconnus,  trfea  peu  de  recherches  ayant  dtd  effeetu^es  aur  ce  problfeme. 

Notre  objectif  eat  d'utiliser  une  thdorle  representative  du  flottement  de  blocage  111  pour  analyser  les  causes 
cfapparition  de  ce  phenom&ne  dans  une  configuration  aussl  simple  que  possible.  La  methode  ayant  ete  validee  |2(  &  partir 
de  l'experlence  de  TAN1DA  et  SAITO  131,  c'est  sur  cette  configuration  que  nous  d6velopperons  notre  etude. 

2.  RAPPEL  DCS  HYPOTHESES  PC  LA  METHOOC 


L'amplitude  d«9  mouvements  vibratoires  des  aubes  &  l'approche  du  flottement  est  suffisamment  falble  pour  qu'une 
thdorie  lindarisde  puisse  dtre  appliqude.  L'^coulement  est  s6par6  en  huit  zones  (notees  de  A  &  H)  comme  defini  figure  B. 


Figure  8  :  Domaine  de  catcul 

Dans  les  zones  A  et  H  (hors  grille),  recoupment  est  suppose  bidimensionnel  compressible  subsonique.  Si 
l'^coulement  moyen  peut  fttre  considdr^  constant,  des  solutions  analytiques  peuvent  fttre  obtenues  |4|.  Les  p6riodicit6s 
spatiales  (suivant  la  circonfdrence)  et  temporelles  sont  sdpar^es  en  appliquant  une  decomposition  en  serie 
trigonometrique  pour  la  premiere  direction  (  0 )  et  une  decomposition  en  serie  complexe  pour  la  seconde  (t). 

Les  zones  internes  aux  canaux  interaube  sont  separ6es  par  le  col  et  le  choc.  Dans  toutes  ces  zones  (de  0  b  G), 
recoupment  est  suppose  monodimensionnel  compressible.  Lea  effets  vlsqueux  sont  pris  en  compte  par  un  calcul  couple 
ecoulement  sain  -couche  limlte  inst8tionnaire,  I'effet  de  cette  dernlfcre  etant  introduit  par  un  apport  de  debit.  Les 
mouvements  vibratoires  des  aube3  provoquent  des  evolutions  de  sections  instationnaires  qui  sont  introduces  comme  des 
termes  sources. 

Les  conditions  cfecoulements  bidimensionnels  hors  grille  et  le  dephasage  entre  cheque  aube  imposent  un  calcul  sur 
deux  canaux  adjacents  qui  encadrent  une  aube  de  reference.  C'est  sur  celle-ci  que  seront  determinees  les  repartitions  de 
pression  intradns-extrados  aprfes  avoir  impose  une  condition  sur  Tangle  instationnaire  de  sortie  pour  resoudre  le  systfeme. 

La  structure  de  la  methode  (sous  forme  de  matrices  de  transfert)  est  telle  qu'il  est  possible  d'analyser  I'influence 
<fun  paramfetre  independamment  des  autres.  C'est  cette  particularite  qui  est  utilisde  dans  la  preseote  etude  pour  essayer 
d'analyser  les  causes  d'apparitlon  d^,  flottement  de  blocage. 

3.  CONFIGURATION  ANALVSEE 

TANIDA  et  SAITO  |3|  ont  essaye  de  simuler  le  flottement  de  blocage  rencontre  en  turbomachine  en  ptagant  une  seule 
aube  eu  milieu  d*un  canal  b  parols  paralPles  (figure  C). 

L'aube  est  un  profll  symetrique  b  double  arc  de  cercle.  La  corde  est  de  50  mm  et  Tepai89eur  relative  de  0,1.  Les 
parole  ne  sont  pas  profiles,  ce  qui  constitue  deux  canaux  llmltes  par  deux  parois  (le  profll  at  la  parol  exterisure)  non 
symetriques.  Le  pas  relatif  peut  varler  de  1,5  a  0,25  ;  neanmoins,  las  principales  experiences  ont  ete  effectuees  pour  le 
plus  petit  pas  relatif. 
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Le  profll  peut  oeclller  en  rotation  autour  de  la  ml- 
corde  pour  one  frequence  de  60  Hz  ou  de  100  Hz,  ce  qui 
cfcjnne  des  frequences  rddultes  faibles  (Infirieures  b  0.10). 
L'amplitude  de  [’oscillation  <5«t  est  de  plus  ou  moins  0.5°. 


Smci 


Figure  C:  Experience  TANIDA  et  SAITO 

On  ad  met  que  l’oac  illation  de  ce  profll  Isold  entre  deux  parols  fixes  schematise  un  fiottement  prdsentant  un 
dephasage  interaube  de  180  degrda.  En  effet,  pour  une  position  instant anee  (to  profll,  en  un  point  d*un  canal,  la  section  du 
canal  sera  minimale  alors  que  le  point  homologue  de  l'autre  canal  presentera  une  section  maximale.  Done,  (fun  point  de 
vue  evolution  des  sections,  cette  experience  reprodult  bien  la  structure  (fun  fiottement  en  opposition  de  phase.  Par 
contre,  cette  opposition  de  phase  qui  se  retrouve  sur  grille  resile  entre  deux  positions  instantanees  de  deux  aubes 
limitrophes,  n’existe  pas  dans  cette  experience  du  fait  de  fimmobilite  des  parols.  Cette  difference  se  traduit 
ndcessalrement  par  une  structure  de  I'ecoulement  instationnaire  hors  grille  diffdrente. 

Les  configurations  analysdes  se  rdfferent  b  des  conditions  experimental  repdrdes  par  le  rapport  de  pression 
statique  de  sortie  b  pression  totaie  d'entree  (PS/PT)  pour  un  pas  relatif  de  0,25  et  une  frequence  de  100  Hz. 

La  figure  1  montre  revolution  comparde  thdorie  -  experience  de  la  partie  imaginaire  du  coefficient  de  moment 
normalises  par  le  produit  de  la  pression  dynsmique  et  de  I'arigle  de  torsion  .  L'dcoulement  est  sub sonique  pour  un 
rapport  de  pression  superieur  6  0,74  et  transonique  en  degb,  la  plus  faible  valeur  correspondent  b  une  onde  de  choc  proche 
du  bord  de  fuite. 


Les  donndes  stationnaires  util  fades  sent  celies  relevde s  experimentaiement.  L'accord  est  bon,  compte  tenu  de  la 
dispersion  des  rdaultats  axpdrlmentaux,  sauf  dans  la  zone  sub  sonique  ou,  pour  toutes  les  configurations  6tudi6es,  la  valeur 
thdorique  dtalt  trop  negative. 

Le  fiottement  apparait  lorsque  la  partie  imaginaire  du  coefficient  de  moment  (Im  (Cm))  est  positive.  On  constate 
que  la  prediction  du  passage  stable  -  instable  est  corrects. 

4.  ETUDE  PHENOMENOLOGfQUE 

Nous  allons  essayer  de  comp  rend  re  ce  qui  conditionne  le  changement  de  signe  de  Im(Cm)  en  dtudiant  revolution  du 
la  partie  imaginaire  <to  coefficient  de  pression  statique  (Jm(PS))  le  long  de  la  corde  et  ce  pour  diffdrents  points  de 
f  onct  lonnement. 


Compte-tenu  du  mouvement  de  torsion  autour  de  la  mi-corde,  la  partie  imaginaire  Im(PS)  est  stabilisante 
lorsqu'elle  est  negative  le  long  de  la  premlfere  demi-corde  et  positive  le  long  de  la  sec  onde  moltid. 

L 'etude  suivante  a  dtd  mende  pour  deux  pas  reiatifs  (0,25  et  0,50/,  un  mouvement  vjbratoire  et  deux  frequences 
(60  Hz  et  100  Hz).  L'ecart  de  frequence  n'ayant  pas  fait  apparattre  de  differences  significativcs,  seuls  les  rdaultats 
obtenus  pour  la  frequence  la  plus  elevee  sent  presenter  II  est  b  noter,  ndanmoins,  que  pour  cette  frequence, 
pratiquement  souls  les  effets  visqueux  stationnaires  influences  le  fiottement  alors  que  pour  des  frequences  de  I’ordre  de 
1  000  Hz  (frequence  reduite  de  1'ordre  de  l'unite),  la  contribution  des  couches  limites  instationnalres  devient  importante 
151. 


4.1.  R5to  des  gradients  tonqltudtnaux  de  viteaae  itstkwnslrs  to  tong  du  profll 

II  est  interessant  de  comparer  les  evolutions  le  long  de  le  corde  de  la  ddrlvde  logarithmlque  de  la  vitesee 
stationnalre  (notde  OU/U)  (figures  2,4,6)  et  de  !m(P5)  (figures  3,5,7).  Ces  dernldres  figures  decrivent  revolution  de  Im(PS) 
le  long  de  la  corde  sur  I'extrados  et  IMntrados,  ce  qui  correspond  en  fait  b  la  llgne  moyenne  du  canal  superieur  et 
inferieur  de  l'aube  de  reference.  Dans  les  cas  6tudids,  correspondent  b  l’experlence,  les  rrtouvements  etant  en  opposition 
de  phase,  les  valours  de  Im(PS)  sent  e gales  en  module  mats  de  signe  oppose.  Le  calcul  du  coefficient  de  moment 
s'effectuant  b  partir  de  la  difference  extrados  moins  intrados,  e'eat  cette  demidre  c  our  be  (en  trait  continu)  que  nous 
anaiysons  dans  la  suite  de  cet  article. 

Pour  le  premier  point  transsonlque  (rapport  0,710),  quelques  oscillations  apparaissent  sur  le  gradient  *.•  vitesse 
(figure  2),  sans  doute  provoquees  par  1' imprecision  des  donndas.  Le  gradient  presente  un  minimum  au  col  (situe  en  0,45) 
sulvi  efune  augmentation  de  l'acceieration  dans  la  partie  supersonique.  L'evolution  correspond  ante  de  lm(PS)  (figure  3)  est 
constants  dans  la  premiere  partie  (avec  une  tres  legere  bosse  au  quart  de  la  corde),  puis  croft  (en  valeur  negative) 
jusqu'au  col  avant  de  ddcroftre  jusqu'au  choc,  ce  qui  donne  alors  une  evolution  inverses  par  rapport  au  gradient  de 
viteaae.  On  peut  remarquer  6  l'aval  du  choc  une  deceleration  61ev4e  qui  ae  traduit  par  un  fort  amortlsaement  de  la 
pression  instationnaire. 

Pour  un  rapport  de  presalon  de  0.642  (choc  plus  recuie),  les  evolutions  de  DU/U  (figure  4)  at  de  lm(PS)  (figure  5) 
soot  Idgfcrement  dlffdrentes  (to  point  precedent  4  l'aval  du  coL  Aprds  le  col,  on  observe  une  augmentation  plus  brutale  de 
l’acceieration  suivie  efune  leg* re  diminution  puis  efune  deceleration  Juste  b  f'amont  du  choc.  A  l’aval  de  celui-ci,  la 
deceleration  eat  faible  et  se  stabilise  autour  efune  valeur  de  DU/U  de  0.36.  La  partie  Imaginaire  Im(PS)  eat  Identique  au 
point  precedent  Jusqu’au  col.  Par  contra,  elle  differs  dans  la  zona  supersonique.  Aprts  le  col,  le  moctole  ddcrott  plus 
rapidemenC  (ce  qui  correspond  b  I’accroissement  plus  rapide  da  f  acceleration)  puis  continue  da  ddcrottre  mala  plus 
moddrdment  juaqu’ft  recroftre  Idgirement  au  point  precedent  le  choc  et  qui  sub  it,  lui,  une  deceleration.  Aprds  le  choc,  le 
module  reate  pratiquement  constant.  Quelitativement,  on  observe  done  bien  un  lien  entre  revolution  de  la  partie 
imaginaire  du  coefficient  de  pression  et  le  logarithms  du  gradient  de  viteaae  longitudinal,  exclusion  falte  da  la  traverses 
du  choc  (celle-cl  sera  dtudide  plus  loin). 
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L' ana lyse  du  point  de  fonctionnement  prgsentant  un  rapport  de  pression  statique  £  totale  de  0.594  confirme  les 
mgme*  tafxJanco*.  Une  forte  augmentation  de  1'accglgration  (figure  6)  dans  la  partie  supersonique  suivie  d*une  trfcs  lggfcre 
dgcglgration  h  1'amoot  du  choc  engendre  une  diminution  continue,  mais  pas  brutale,  du  module  de  Im(Ps)  (figure  7) 
juequ'au  choc.  A  l'aval  de  celui-ci,  I'gcoulemsnt  accglfere  avec  un  maximum  entre  le  choc  et  le  bord  de  fuite,  ce  qui  se 
tradult  par  une  augmentation  continue  du  module  de  Im(PS). 

Lea  ddrivgea  de  l'gcoulement  stationnaire  sont  calculges  dans  cheque  zone  (figure  B)  en  considgrant  cheque  limite 
de  zone  comma  une  frontier©,  done  en  dgeentrant,  en  amont  ou  en  aval,  les  points  limitrophes.  Pour  un  point  courant,  les 
dgrlvges  sont  calcuMas  au  quatrifeme  ordre  : 

2jL  .  *  [  fll-Jil)  -  f(X*AX)  Ax)] 

ax  ’ 

Pour  le  point  pr6c6dent,  la  frontifere  (aval  dans  ce  cas),  la  formula  suivante  est  appliqude  : 

It  -  .  1  f  Hx-J&x)-  6f(y.-Ax)*lF(x)  Uf(n-ix)] 

'dx  ~  6  A  x 

Et  &  la  frontier©  : 

li  -  f  ( x  -Jax)  +  3  fix  )  -  4  Fix  -  Ax)] 

l  AX 

Une  imprecision  apparatt  au  niveau  du  col  puisque  celui-ci  n'est  qu'une  frontigre  fictivo.  L'erreur  introduite  est  bien  sur 
d'autant  plus  importante  que  le  nombre  de  points  de  discretisation  est  faible. 

En  calculant  des  dgrivges  centimes  £  travers  le  col,  on  obtient  pour  le  point  0.642,  la  courbe  en  pointing  prgsentge 
figure  4.  Compte  tenu  du  faible  nombre  de  points  (21  sur  la  corde),  un  gcart  Important  apparatt  puisque  le  point 
prgegdant  le  col  prgsente  une  pointe  cPaccglgration  et  non  un  creux.  Les  rgsultats  de  la  partie  imaginaire  de  la  pression 
sont  illustrgs  figure  0.  Cette  modification  se  traduit  sur  Im(PS)  par  une  valeur  plus  faible  du  module  au  bord  d'attaque  (de 
I'ordre  de  20  %)  et  surtout  par  une  forte  diminution  locale  au  point  prgsentant  la  plus  forte  accglgration  (prfes  du  col). 
Dans  la  zone  supersonique,  I'accglgration  diminue  continOment,  ce  qui  se  traduit  par  un  Igger  accroissement  du  module  de 
Im(PS).  La  sensibilitg  de  la  partie  imaginaire  du  coefficient  de  pression  au  gradient  de  vitesse  prfes  du  col  est  done 
gvidente. 

La  figure  9  permet  de  mieux  se  rendre  compte  de  la  correspondence  entre  DU/U  et  Im(PS).  Cette  analyse  ayant 
gtg  effectuge  indgpendamment  de  la  discontinuitg  &  travers  le  choc,  les  courbes  ont  gtg  traeges  en  prenant  comme 
origine  les  valeurs  des  variables  £  I'amont  et  £  l'aval  du  choc  (la  discontinuitg  £  travers  celui-ci  n’apparatt  done  pas).  Le 
gradient  DU/U  a  gtg,  dans  ces  conditions,  superposg  au  terme  Im(PS)  ;  on  constate,  qu'aux  oscillations  prfes,  les  pentes 
des  courbes  gvoluent  dans  le  mftme  sens  sauf  dans  le  dernier  quart  de  corde  ou  on  observe  une  inversion  des  pentes. 

II  ressort  de  cette  analyse  qu'une  forte  accglgration  provoque  une  importante  rggression  du  module  de  la  partie 
imaginaire  du  coefficient  de  pression  et  inversement  pour  une  faible  accglgration  ;  par  ailleurs  une  diminution  de  la 
dgcglgration  provoque  ptutOt  une  diminution  du  module  de  Im(PS)  mais  cette  dgpendance  est  moins  nette  (et  peut  mflme 
s’lnverser).  II  semblerait  que  pour  cette  zone  dgcglgratrice  (ggngralement  aval  au  choc),  Involution  de  Im(PS)  dgpende 
aussi  des  valeurs  de  cette  variable  au  niveau  du  choc.  On  remarque  une  sensibilitg  trfea  grande  au  gradient  DU/U  prfcs  du 
col  pul8qu'il  semble  avoir  une  influence  locale  mais  aussi  sur  le  niveau  des  fluctuations  £  l'entrge  du  canal.  Enfin,  les 
gvolutions  de  Im(PS)  dans  is  zone  supersonique  semblent  dgpendre  £  un  moindre  niveau  (qu'£  I'amont  du  col)  des  valeurs 
locales  de  DU/U. 

Dans  l'gtude  qui  nous  intgresse,  I'axe  de  torsion  gtant  situg  £  la  mi-corde,  les  valeurs  nggatives  de  Im(PS)  sur  la 
premlfcre  deml-corde  sont  stabilisantes  alor3  qu'ellea  sont  dgstabtlisantes  sur  la  seconde  moitig.  C'est  done  en  fonction  du 
rapport  de  ces  deux  gvolutions  aue  le  systfcme  sera  stable  (valeur  nggative  de  la  partie  imaginaire  du  coefficient  de 
moment)  ou  au  contraire  instable  (valeur  positive  de  Im(Cm)). 

Pour  cette  gtude  (£  ce  niveau  il  semble  dglicat  de  ggngraliser),  une  forte  accglgration  prfes  du  col  est  done 
dgstabilisante  dans  la  mesure  oij  elle  diminue  le  niveau  du  module  de  Im(PS)  £  l'entrge  du  canal  (et  done  sur  toute  la 
premifcre  demi-corde)  alors  que  I'effet  £  l’aval  du  col,  surtout  local,  n’engendre  pas  de  diminution  importante  du  couple 
dgstabUisant  (distance  trop  faible  de  I'axe  de  torsion). 

La  dgpendance  entre  le  gradient  longitudinal  de  vitesse  et  la  stabilitg  est  trop  fonction  du  mouvement  vihratoire 
(flexion,  torsion,  position  de  I'axe  de  torsion)  et  des  positions,  par  rapport  £  I'axe  gventuel  de  torsion,  du  col  et  du  choc 
pour  qu'il  soil  possible  de  trouver  une  relation  ggngrale  directe.  Par  ailleurs,  le  choc  erge  une  discontinuitg  du  module  de 
Im(PS)  qu'il  est  ngcessalre  d'analyser  pour  gtudier  la  stabilitg. 


4.2.  Influence  du  choc 

Les  diffgrentes  courbes  prgsentges  au  paragraphe  prgegdent  montrent  clairement  que  le  niveau  de  Im(PS)  £  l’aval 
du  choc  est  fortement  tributaire  de  la  discontinuitg  £  travers  celui-ci.  En  tout  premier  lieu,  il  est  intgressant  d'analyser 
I'effet  assoclg  £  l'lntensltg  du  choc.  La  figure  10  prgsente  en  pourcentage  la  variation  du  module  de  Im(PS)  £  travers  le 
choc  normafisg  par  la  valeur  amont  au  choc  en  fonction  de  le  variation  du  nombre  de  Mach  normalisge  aussi  par  la  valeur 
amont  pour  dlffgrents  points  de  fonctionnement  obtenus  pour  les  pas  relatifs  de  0.25  et  0.5.  II  apparait  nettement  que 
pour  les  chocs  faibles  (valeurs  de  A  M/M  Infgrleures  £  35  %  (Mj  =  1.2),  les  variations  de  Im(PS)  sont  systgmatiquement 
faibles  (Infgrleures  £  15  %).  A  inti,  lorsque  le  choc  est  faible,  mgme  si  les  conditions  (fgcoulement  sont  dgfavorabies  (voir 
paragraphe  sufvant),  ('influence  de  celu(-ci  sur  tm(PS)  restera  modgrge.  Par  centre,  pour  des  chocs  plus  interwet, 
1'amplltude  de  la  variation  de  Im(PS)  n'est  pas  directement  llge  £  I'intensltg  du  choc  bien  que  celle-ci  y  contribue.  Il 
semble  done  qu'une  intensitg  supgrieure  £  35  %  (Mj  >  1.20)  soit  une  condition  ngeessaire  mais  non 

suffisante  pour  erter  un  eccroissement  remarquable  du  module  de  Im(PS)  £  travers  le  choc.  Pour  la  plupart  des  cas 
gtudlgs,  Hnfluence  du  choc  est  dgstabilisante,  il  est  done  Important  tfgtudier  les  paramfctres  qui  coodit  I  onnent  la 
variation  de  Im(PS)  £  travers  celul-cl. 
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D'un  point  de  vue  stability,  Ie  fait  qua  ce  soit  lea  chocs  forts  qui  soient  ddstabilisants  pondfcre  le  rdsultat 
prdcddent.  En  effet,  ce  qui  importe  au  niveau  stability,  c'est  la  valeur  de  la  partie  imaginaire  du  coefficient  de  moment 
or  celle-ci  est  obtenue  par  integration  Ie  long  du  profil,  par  le  produit  de  la  force  associate  h  Im(PS)  et  de  la  distance  au 
centre  de  torsion.  Done  si  le  choc  est  faible,  celui-ci  est  proche  du  col  et  done  de  I'axe  de  torsion  ;  ainsi  le  domaine 
instable  (aval  au  choc)  est  important.  Inversement,  pour  un  choc  intense  (done  proche  du  bord  de  fuite),  le  domaine 
instable  est  beaucoup  plus  rdduit.  Bien  que  dans  les  cas  analyses,  cet  effet  compensateur  n'dtalt  pas  sufflsant  pour 
inverser  l'influence  due  d  {'intensity  du  choc,  il  est  possible  qu'll  n'en  soit  pas  de  mflme  pour  (fautres  gdomdtries. 

4.2.1.  Influence  du  gradient  de  vitesse  au  niveau  du  choc 

Gradient  amont  au  choc 

Le  paragraphe  4.1.  a  montrd  le  rflle  du  gradient  de  vitesse  longitudinal  stationnaire  sur  Im(PS).  Ce  gradient 
conditionne  aussi  1'amplitude  de  ce  terme  &  travers  le  choc.  Ainsi  nous  avons  dtudid  l'influence  de  la  valeur  de  ce 
gradient  juste  h  1’amont  du  choc.  Le  point  ayant  un  rapport  de  presaion  de  0.659  prdsente  une  faible  valeur  de  DU/U1 
(0.062)  h  1'amont  du  choc.  II  a  done  dt d  possible  de  pratiquement  annuler  ce  gradient  (DU/U1  =  0,003)  en  ne  modifiant  que 
Idgdrement  la  valeur  de  la  vitesse,  10  %  de  la  corde  en  amont  du  choc.  La  repartition  le  long  de  la  corde  de  Im(PS)  pour 
le  point  ainsi  obtenue  (figure  12)  eat  &  comparer  &  la  repartition  initiate  (figure  11).  La  variation  relative 
AIm(PS)/Im(PSi)  passe  ainsi  de  0.85  &  2.73. 

Ainsi,  la  destabilisation  est  considerable  lorsque  la  valeur  du  gradient  de  vitesse  &  1'amont  du  choc  tend  vers  zdro. 
On  notera  de  plus  que  1'amplitude  de  la  variation  de  Im(PS)  pour  le  point  de  rdfdrence  dtait  ddjd  trfes  importante  et 
vraisemblablement  llde  h  la  faible  valeur  de  DU/Uj  (0.062). 

Le  tableau  ci-dessous  Honne  les  valeurs  des  parties  imaginaires  et  rdelles  des  nombres  de  Mach  amont  M^c  et  aval 
M2c  au  choc  ainsi  que  les  parties  imaginaires  et  rdelles  du  mouvement  du  choc  Xc  (normalise  par  la  corde)  pour  le  point 
de  rdfdrence  et  le  point  &  faible  gradient  OU/U}_. 


lm(Mxc) 

Im(M2c) 

!m(Xc) 

Re(Mie) 

Re(M2C) 

Re(Xc) 

PS/PT  =  0.659 

DU/U  =  0.062 

0.0078 

0,0093 

0.0146 

-0.0464 

-0.037 

-0.070 

PS/PT  =  0.659 

OU/U  =  0.003 

0.0077 

0.0083 

0.0777 

-0.0462 

-0.041 

0.0066 

Lee  valeurs  sensiblement  6 gales  de  lm(M\  )  et  de  Re(Mi  )  montrent  que  la  modification  de  la  vitesse  stationnaire 
10  %  avant  le  choc  n'a  pas  de  consequence  sur  Tdcoulement  instationnaire  amont  au  choc.  Par  contre,  on  remarque  un 
dcart  de  prfes  de  20  %  sur  Im(M2c)  ma*8  lea  valeurs  restent  faibles.  La  variation  instationnaire  de  I'intensitd  du  choc 
reste  moddrde  et  diminue  mflme  pour  la  plus  faible  valeur  de  DU/U.  Par  contre,  1'amplitude  du  mouvement  croft 
Idgdrement  en  module  (passant  de  7,1  %  &  7,8  %)  mais  sur  tout  il  s'dtablit  un  transfert  de  phase  tel  que  le  mouvement  du 
choc  est  en  opposition  de  phase  avec  le  mouvement  vibratoire  (partie  imaginaire  de  Xc  prdponddrante)  pour  la  plus  faible 
valeur  de  DU/U.  Ainsi,  les  variations  de  Im(PS)  semblent  plus  sensibles  au  mouvement  instationnaire  du  choc  qu'6  sa 
variation  (finten8itd. 

Nous  avons  essayd  de  confirmer  ce  rdsultat  par  une  dtude  pour  un  autre  rapport  de  pression  (0.642).  Pour  ce  cas, 
nous  avons  effectud  un  balayage  en  modifiant  uniquement  la  valeur  de  DU/U  &  1'amont  du  choc  de  -0.85  (valeur  de 
rdfdrence)  4  ♦  0.80.  La  figure  13  illustre  les  rdsultats  obtenus  sur  la  partie  imaginaire  du  coefficient  de  moment  ainsi  que 
sur  les  parties  rdelles  et  imaginaires  du  ddplacement  instationnaire  du  choc.  On  peut  remarquer  que  la  partie  imaginaire 
du  ddplacement  du  choc  prdsente  un  maximum  pour  une  valeur  nulle  de  DU/U.  Une  valeur  negative  de  ce  gradient  est 
plus  pdnalisante  qu'une  valeur  positive.  Enfin,  lorsque  1’amplitude  de  ce  gradient  est  Importante,  l'influence  est  alors 
limitde. 

Ces  rdsultats  vont  dans  le  sens  dune  intuition  :  le  choc  a  du  mal  &  se  stabiliser  sur  une  position  precise  lorsque 
l'accdldration  est  faible  (faible  divergent).  Ndanmoins,  le  fait  que  le  mouvement  du  choc  soit  ddphasd  (cause  essentielle 
de  1'instabilitd)  ne  trouve  pas  d*explication  dvidente.  On  remarque,  toujours  sur  la  figure  13,  que  la  partie  imaginaire  du 
coefficient  de  moment  est  directement  proportionnelle  h  la  partie  imaginaire  du  displacement  du  choc.  Il  existe  done  une 
relation  directe  entre  la  stability  et  le  gradient  de  vitesse  amont  au  choc. 

L'dtude  de  la  formulation  de  la  lol  de  transfert  du  choc  montre  que  le  terme  DU/U  apparatt  dans  la  matrice  CX 
assoc  ide  au  mouvement  Aj  choc  et  dans  les  termes  de  la  matrice  CX  dependant  des  fluctuations  dPentrople  Syj  et  de 
m&sse  volumique  Ayi  : 
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La  determination  de  1'dcoulement  instationnaire  &  l'aval  du  choc  requiert  ia  connaissance  du  mouvement  du  choc. 
Celui-ci  eat  obtenu  notamment  en  exprimantSXc  en  f one t ion  des  variables  0  y  de  part  et  d* autre  du  choc  done  on 
inversant  la  matrice  CX.  Si  la  partie  r^elle  du  coefficient  lid  be  ia  matrice  CX  eat  petite,  alora  la  rdaolution  tendra  & 
determiner  une  forte  valeur  du  emplacement  $Xc  toutes  choaea  dgaiea  par  aiUeurs.  Loraque  les  perturbations  ft  l'aval  du 
choc  seront  recaiculdea,  la  partie  rdelle  du  coefficient  lid  biy  3  de  la  matrice  CX  dtant  importante  (fonction  du  report 
dea  maaaea  volumlquea  cfou  l'influence  de  l'intensitd  du  choc),  ia  fluctuation  (fentropie  sera  trds  grande.  Cette 
importante  fluctuation  d*entropie  erde  une  forte  augmentation  de  ia  fluctuation  de  pression  (fonction  de$y  1  +  4 Y  3). 
Ainai  par  exemple,  pour  le  rapport  de  preaaion  de  0.642,  la  frdquence  de  100  Hz  et  la  valeur  nulle  de  DU/U  4  l'amont  du 
choc,  la  fluctuation  cfentropie  paaae  (fune  valeur  de  9.10*4  -  1.10*4  4  une  valeur  de  8.10*5  .  i.2,5.10"*.  Si  de  plus  la  valeur 
des  perturbations  amont  au  choc  avalt  dtd  nulle,  la  fluctuation  cfentropie  aurait  dtd  de  4,5.10*5  _  \  3,5.10-3  ce  qui  aurait 
accru  la  valeur  de  la  partie  imaginaire. 

Gradient  aval  au  choc 

Pour  le  paa  relatif  de  0.50,  les  perturbations  sont  fortement  amorties  h  l'aval  du  choc  tout  comme  pour  lea 
rapports  de  pression  0.710  et  0.676  du  pas  relatif  de  0.25.  Pour  ces  configurations,  le  gradient  DU/U  est  ndgatif  et  dlevd 
en  module  (sauf  pour  0.676  ou  e'est  le  point  suivant  qui  prdsente  une  valeur  dlevde). 

Nous  avons  testy  l'influence  de  ce  gradient  en  imposant  une  valeur  nulle  juste  4  l'aval  du  choc  pour  le  rapport  de 
pression  de  0.710.  La  repartition  de  pression  instationnaire  (figure  14,  k  comparer  b  la  figure  3)  montre  clairement  un 
amortlaaement  plus  faible  sur  les  deux  points  aprfes  le  choc,  le  niveau  restant  plus  n6gatif  (jusqu'au  bord  de  fulte)  que 
dans  la  configuration  standard.  Le  mouvement  est  ainai  moins  bien  amorti,  la  valeur  de  la  partie  imaginaire  du 
coefficient  de  moment  6tant  de  -0.056  contre  -0.148.  Nganmoins,  1'amortisaement  aval  subsiste  et  le  gradient  DU/U  n'est 
done  pas  le  soul  responsable  de  cet  amortissement.  En  fait,  la  contribution  de  ce  point  est  identique  4  celles  des  autres 
points  contrairement  au  gradient  amont  au  choc. 

Un  r6sultat,  sous-jacent  b  1'ensemble  de  ceux  pr6sent6s,  apparait  :  la  contribution  de  l'aval  sur  le  mouvement  du 
choc  semble  secondalre.  En  effet,  ce  sont  principalement  les  termes  (stationnaires  et  instationnaires)  situ6s  4  l'amont  qui 
contribuent  4  modifier  de  fagon  significative  la  discontinuity  de  Im(PS)  b  travers  le  choc.  Ainsi,  contrairement  b  ce  que 
1'on  pourrait  supposer  (par  extrapolation  du  fonctionnement  statlonnaire  ou  la  position  du  choc  depend  de  ia  pression 
aval),  le  emplacement  du  choc  est  peu  sensible  aux  conditions  de  sortie. 

II  serait  alors  possible  de  penser  que  lea  thyories  |6[  qui  utilisent  une  hypothfese  cfhomentropie  b  travers  ie  choc  (ce 
qui  leur  permet  de  determiner  le  mouvement  du  choc  indypendamment  de  l'aval)  sont  bien  adaptyes  au  problfeme  posy.  En 
ryality,  les  rysultats  obtenus  montrent  au  contraire  que  le  mouvement  du  choc  engendre  un  accroissement  trfes  important 
de  la  fluctuation  d’entropie. 

Par  aiUeurs,  c*»s  rysultats  montrant  la  faible  dypendance  de  l'aval  contredisent  1’interprytation  de  SHIRATORI  et 
TANIDA  |7|.  En  effet,  ceux-ci,  en  observant  que  le  dyphasage  du  mouvement  du  choc  semble  praportionnel  &  la  fryquence 
ryduite,  supposent  que  ce  dyphasage  est  liy  au  temps  de  remonty©  d*une  perturbation  du  bord  de  fuite  au  choc. 

5.  CONCLUSION 


L'exploitation  tfune  modyiisatlon  du  flottement  de  blocage  b  1'aide  (fune  thyorie  linyarisye  a  permis  de  dyvelopper 
une  ytude  sur  l'influence  du  gradient  de  vltesse  longitudinal  stationnaire.  Cette  ytude  ryvfele  une  correspondence  directe 
entre  involution,  le  long  de  la  corde,  de  ce  gradient  de  vitesse  et  de  la  partie  imaginaire  du  coefficient  de  pression 
instationnaire. 

11  apparait  par  aiUeurs,  que  ce  mfime  gradient  de  vitesse  juste  4  l'amont  du  choc  conditionne  le  mouvement  (et 
surtout  son  dyphasage)  du  choc  instationnaire  qui  lui-mdme  dytermine  le  niveau  de  la  partie  imaginaire  du  coefficient  de 
pression  jusqu'au  bord  de  fuite.  Ainsi,  les  faibles  valeurs  du  gradient  de  vitesse  au  niveau  du  choc  nuisent  &  la  stability. 
Consycutivement  &  ces  rysultats,  on  peut  remarquer  une  forte  dypendance  du  mouvement  du  choc  vis  &  vis  de  l'amont  et 
inversement  une  faible  influence  de  l'aval. 
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SUMMARY 

The  usual  surge  suppression  regulation  is  realized  by  integration  of  a  fixed  limit-line 
into  the  regulation  system  at  a  safe  distance  to  the  stability  limit  of  the  comptessor. 
Since  additional  reserves  for  deterioration  or  fouling  have  to  be  included,  an  interes¬ 
ting  part  of  the  characteristic  field  with  high  efficiency  is  excluded  so  from  practi¬ 
cal  use. 

With  appropriate  means  for  detection  of  the  onset  of  stall  and  surge  and  by  fast  res¬ 
ponse  of  the  guide  vane  adjustment  an  adaptive  system  for  surge  suppression  could  be 
realized,  which  takes  into  account  the  actual  state  of  the  compressor. 

fcxpe’*iroental  results  for  stall  detection  and  for  different  modes  of  guide  vane  adjust¬ 
ment  are  presented.  A  six -stage  axial  compressor  is  equipped  with  fast  acting  guide 
vane  adjustment  ir.  -=*11  stages.  First  experimental  results  are  presented. 

1.  IWTRODUC  fXOW 

For  control  of  mass  flow  rate  and  pressure  ratio  of  a  multistage  axial  compressor  dif¬ 
ferent  control  modes  are  applied,  dependent  on  the  Charac ter: st ics  of  the  system  and  of 
the  compressor  drive.  Usually  the  variable  speed  control  is  very  etficient,  if  a  com¬ 
pressor  drive  with  a  low-loss  possibility  for  speed  regulation,  e.g.  a  steam  turbiu- , 
a  gas  turbine  or  an  electric  motor  with  suitable  equipment,  is  available.  For  a  fixed 
speed  drive  (usually  a  3-phase  electric  motor)  other  modes  of  compressor  regulation,  s 
throttling  or  blow-off  are  widely  used.  More  recently  the  application  of  variable  gv 
vanes  for  about  half  of  all  stages  of  a  compressor  as  a  highly  efficient  and  versatile 
means  of  regulation  finds  increasing  interest. 

For  axial  compressors  in  two-shaft  gas  turbines  or  gas  generators  in  jet  engines, 
marine  and  stationary  applications,  where  mass  flow  rate  and  pressure  ratio  control  is 
effected  largely  by  speed  variation,  variable  guide  vanes  are  applied  as  additional 
control  means  for  high  pressure  ratio  machines  with  narrow  characteristic  fields  and 
for  further  optimisation  of  the  stage  flow  conditions  in  part  load  conditions.  Usually 
an  additional  blow-off  device  is  used  for  surge  control  /I/. 

In  modern  turbojet  engines  the  characteristic  field  of  the  highly  loaded  compressors  is 
quite  narrow  and  usually  the  stationary  operating  line  is  situated  in  the  high  effi¬ 
ciency  region  near  the  surge  limit.  During  transient  conditions  as  acceleration,  after¬ 
burner  ignition  etc.,  the  dynamic  shift  of  the  operating  line  to  the  left  can  result  in 
surge  or,  at  least,  rotating  stall.  Therefore  a  sufficient  margin  for  operating  condi¬ 
tions  like  these  has  to  be  incorporated  in  the  regulating  system.  Furthermore  engine 
deterioration  by  fouling,  blade  erosion,  blade  clearance  increase  by  wear  or  mechani¬ 
cal  damage  will  invariably  lead  to  a  shift  of  the  surge  limit  towards  higher  mass  flow 
rates  and  further  decrease  of  the  surge  margin,  which  has  to  be  taken  care  of  in  the 
positioning  of  the  operating  line.  In  total,  the  conventional  concept  of  surge  control 
by  introduction  of  a  sufficient  fixed  margin  for  all  eventualities  into  the  regulation 
system  renders  a  considerable  part  of  the  -  anyway  rather  limited  -  characteristic 
field  of  the  compressor  non-avai lable  for  normal  stationary  operation  at  high  efficien¬ 
cy.  The  basic  shortcoming  of  this  solution  are  the  lack  of  actual  information  on  the 
real  position  of  the  surge  limit  and  -  in  addition  -  the  time-lag  occurring  in  the 
regulation  via  fuel  flow  rate. 

A  quick-acting,  condition-oriented,  on-line  surge  suppression  system  could  be  realized 
with  a  real-time  surge-onset  detection  and  a  quick-acting,  individual  guide  vane  con¬ 
trol  system,  which  would  first  change  guide  vane  positions  towards  a  configuration  with 
higher  stability  and,  probably,  lower  efficiency  and  then,  in  cooperation  with  the  com¬ 
pressor  regulating  system,  approach  a  new  stable  and  efficient  operating  point. 

Considerable  experience  with  the  detection  and  measurement  of  flow  instabilities  in 
axial  compressors  PJ  and  with  the  influence  of  guide  vane  control  on  the  characte¬ 
ristic  field  /3/  are  the  basis  for  the  concept,  which  is  presented  here, 

2.  AlIAL-rUJU  COMPRESSOR  TEST  FACILITY 

Our  experimental  jeaearch  activities  concerning  multistage  axial  compressors  are  rea- 
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lized  in  a  test  facility  comprising  two  different 
compressors,  a  tnree-stage  type  and  a  six-stage 
type  with  variable  guide  vanes  in  all  stages. 
Figures  1  and  2  show  the  cross-sections  and  in 
table  1  the  main  design  data  are  listed. 

The  aerodynamic  design  parameters  of  both  experi¬ 
mental  compressors  render  a  performance  similar  to 
real  machines  encountered  in  practice  e.g.  in 
power-plant  gas  turbines,  chemical  industry  and  in 
turbojet-engines.  The  similarity  of  design  and  per¬ 
formance  refers  to  equal  inlet  hub  ratios,  inlet 
relative  Mach  numbers  and  in  particular  stage  pres¬ 
sure  ratios. 

Both  compressors  are  equipped  with  a  diffuser 
throttling  device  in  order  to  avoid  classical  surge 
cycles  during  the  experiments  at  the  surge  limit  to 
reduce  the  operating  risk  to  a  i.iinimum.  The  plenum 
on  the  pressure  side  of  the  test  rig  between  out¬ 
let  and  throttlinn  valve  with  a  volume  of  about 
6  m*  is  reduced  thus  to  a  volume  0,03  m*  (3-staqe) 
resp.  0,024  m3  (6-stage).  This  facility  renders 
possible  all  experimental  investigations  near  and 
beyond  the  surge  limit  without  excessive  loading. 
Previous  experiments  confirmed,  that  for  highly 
loaded  multistage  compressors  the  position  of  the 
stability  limit  is  not  influenced  by  this  modifi¬ 
cation  . 


DIB. 

fnree -Stage 
Coaoressor 

Si*-5rWf 

Coaoressor 

No.  or  stages 

5 

6 

Degree  of  React  ton 

0.5 

0.8k 

T id  Diweter  of  Blading 

m 

5kQ 

SkO 

Rotational  soeeo 

rpa 

17000 

1k575 

Blade  tip  Speed 

a/s 

502 

259 

Relative  Inlet  hacn  Nutter 

0.75 

0.8k 

Stage  Pressure  Ratio 

1.26 

1.12 

Overall  Pressure  Ratio 

2.0 

2.0 

HuO/lip  Ratio 

0.R05 

O.kk 

Nass  Mom  Rate 

kg/s 

'1 

10.2 

Power  jnout 

fcN 

900 

850 

Blade  Profile  Type 

N»r.»  65 

fr«‘£w. 

No.  of  Blades 

I6V./26 

IGV./21 

Ro.1/21 

R0./17 

St . 1 /26 

St/«2 

Ro.2/25 

St .2/26 

Ro.5/79 

St. 5/28 

Table  1:  Design  Dsfa  of  Experiment-  “  1 
Compressors 


The  diffuser  throttling  device  consists  of  a 
movable  throttling  ring  (fig.  1  and  2,  pos .  f) 
which  is  positioned  by  a  stepping  motor  (pos.  g). 

For  experimental  investigations  carried  out  directly  at  the  stability  limit  the  high 
accuracy  and  reproducibility  of  the  positioning  system  is  of  considerable  advantage. 


The  two  compressors  exhibit  a  similar  pattern  of  flow  instabilities,  explained  in  detail 
in  chapter  4.  The  experiments  comprising  a  fast  acting  guide  vane  control  are  limited 
to  the  six-stage  compressor  with  its  vanaDie  geometry. 


The  detection  of  instationary  flow  conditions  is  realized  by  semiconductor  pressure  trans¬ 
ducers.  Their  geometrical  arrangement  for  three  different  cases  is  shown  in  fig.  3.  In 
conf iquration  I  thirteen  transducers  are  distributed  flush  mounted  to  the  casing  wall  in 
the  axial  gaps  between  rotor  and  stator.  This  arrangement  per.il*  the  detection  of  inci¬ 
pient  unsteady  flow  conditions  in  all  stages.  For  the  analysis  of  the  dynamic  phenomena 
in  circumferential  direction  five  transducers  have  been  distributed  peripherally  in  the 
axial  gap  before  the  second  rotor  as  shown  in  configuration  II.  The  development  and 
extension  of  unsteady  flow  conditions  in  radial  direction  was  measured  by  means  of  con¬ 
figuration  III.  Four  pressure  probes,  designed  for  this  purpose  and  furnished  with  suitable 
transducers,  have  been  installed  on  different  radii  according  to  fig.  3. 


The  six-stage  compressor  is  additionally  equipped  with  a  three-channe 1-FM /FM - 1 e leme t ry 
(fig.  2,  pos.  c)  for  monitoring  the  cyclic  stress  of  the  blading  resulting  from  this 
extreme  operation.  Furthermore,  indications  for  instationary  flow  conditions  from  an 
independent  source  =*re  made  available  thus.  The  vibrations  of  one  blade  in  each  of  any 
three  different  rotors,  measured  with  strain  gauges ,  are  transmitted  simultaneously. 

The  three-stage  compressor,  is  equipped  with  a  single-channel-FM/FM-telemetry  system 
(fig.  1,  pos.  b) ,  serving  the  same  purposes.  The  signal  patterns  have  been  recorded  by 
a  multi-channel  analog  maqnetic  tape,  then  digitized  and  processed  in  a  digital  computer. 

3.  GUIDE  VANE  SETTING  AND  COMPRESSOR  PERFORMANCE 


Each  of  the  guide  vane  rows  of  the  six-ctage  compressor  can  be  set  individually  and  in¬ 
dependently  from  all  others.  This  results  theoretically  in  an  infinite  number  of  possible 
combinations  of  guide  vane  positions  within  a  wide  range  of  stagger  angle.  Purely  random 
combinations  are  mostly  ineffective  or  detrimental,  systematic  combinations  seem  to  have 
more  practical  value.  Therefore  several  "guide  vane  set  .ing  laws"  were  defined  and  the 
resulting  compressor  performance  was  investigated  in  a  comprehensive  experimental  program 
/ 3 / .  Fig.  4  shows  the  compressor  characteristic  field  for  variable  speed  with  constant 
nominal  stagger  angles  for  all  guide  vane  rows,  while  three  different  compressor  maps 
for  variable  guide  vanes  for  three  different  modes  of  setting  angle  variation  are  shown 
in  fig.  5,  6  and  7.  The  different  values  of  the  parameter  K  characterize  the  amount  of 
guide  vane  angle  variation  according  to  the  different  modes.  K  =  0  indicates  the  design 
conf iguration .  Obviously  the  three  different  setting  modes  exemplify  the  three  basic 
possibilities  of  decreasing  (I  LE )  ,  identical  (II  LE)  and  increasing  (III  LE )  angle  vari¬ 
ation  along  the  compressor.  The  linear  distribution  is  the  most  simple  way  of  realisation 
only,  non-linear  distributions  are  equally  possible  and  might  be  even  better. 

In  many  modern  turbojet-engines  variable  guide  vanes  in  several  compressor  stages  are 
adopted  in  addition  to  the  usual  variable  speed  control  /4,  5/.  Generally  the  guide  vane 
adjustment  is  performed  rather  slowly  compared  with  the  fuel  regulation  and  realizes  a 
better  adaption  of  the  characteristic  field  to  the  operating  conditions,  as  rotational 
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speed  and  inlet  temperature.  A  decrease  of  speed  will  cause  some  opening  of  the  front 
guide  vanes  and  some  closing  of  the  rear  ones.  So  the  stability  of  flow  can  be  enhanced. 

In  the  six-stage  compressor  (fig.  2)  the  design  position  of  all  guide  vanes  is  because 
of  mechanical  reason  also  the  fully-open  position,  only  closing  is  possible,  i.e.  only 
negative  adjustment  angles  A (Xg  in  fig.  5,  6  and  7  can  be  realized. 

The  compressor  maps  in  figures  5,  6  and  7  show  systematic  differences  concerning  the  form 
of  the  operating  field,  the  position  of  the  surge  limit  and  the  pattern  of  the  efficiency- 
curves.  The  relative  positions  of  the  stability  limits  are  additionally  plotted  in  fig.  7. 
Obviously  the  patterns  of  the  stability  limits  and  consequently  the  shift  of  the  operating 
field  are  considerably  dependent  on  the  selected  adjustment  mode. 

These  results  of  /3/  indicate,  that  each  specific  part-load  working  line  of  the  compressor 
can  also  be  realized  with  an  optimum  adjustment  mode,  which  assures  best  efficiencies  in 
all  stages. 

Normally  a  high-efficiency  flow  condition  in  a  stage  assures  stable  flow  conditions,  too. 
However,  the  optimum  efficiency  will  often  be  situated  close  to  the  stability  limit,  so 
that  an  appropriate  stability  margin  is  not  realized.  If  incipient  instability  can  be 
detected,  the  guide  vane  positions  can  be  adapted  in  consequence. 

4.  FLO*  INSTABILITIES  IN  COMPRESSORS  -  “ROTATING  STALL”  AND  "SURGE" 

Research  concerning  flow  instabilities  in  compressor  traditionally  was  centered  on  the 
physical  appearance  of  these  phenomena  *nd  on  the  formulation  of  governing  parameters 
and  definition  of  limit  values  for  stability,  important  for  compressor  design  and  operation. 
Obviously  the  experimental  research  prefered  fully  development  instabilities  for  its 
investigation . 

For  the  development  of  an  on-line  surge  suppression  by  fast  guide  vane  adjustment  and  the 
implementation  of  an  appropriate  control  system  the  timely  detection  of  the  onset  of  in¬ 
stabilities  is  of  utmost  importance. 

A  practical  possibility  is  offered  by  signals  transmitted  from  semiconductor  pressure 
transducers,  as  mentioned  above,  which  are  installed  in  the  casing  according  to  configu¬ 
ration  I  in  fig.  3. 

In  / 6 /  G.R.  LUDWIG  reported  that  pressure  transducers  are  useful  sensors  for  detecting 
incipient  rotating  stall.  With  an  improved  version  of  a  rotating  stall  control  system, 
which  was  acting  with  variable  inlet  guide  vanes  and  bleed  doors,  he  was  able  to  suppress 
rotating  stall,  but  only  after  it  had  occured  for  a  short  time  (about  90  milliseconds). 
Before  its  disappearance  a  stall  cell  had  already  rotated  up  to  seven  times.  The  few  stall 
cycles  had  no  noticeable  effect  on  the  tested  compressor  (J-85).  However,  with  a  larger 
plenum  on  the  pressure  side  as  e.g.  in  industrial  installations ,  surge  would  have  occurred 
immediately  according  to  our  experimental  experience.  In  addition  the  successfull  tests 
carried  out  by  G.R.  LUDWIG  were  restricted  to  rotational  speeds  of  about  75  %  of  rated 
value . 

The  basic  disadvantages  of  this  type  of  stall  suppression  are  the  triggering  of  surge, 
if  the  system  stability  is  not  sufficient,  and  the  additional  stressing  of  the  blading. 

They  could  be  avoided,  if  development  of  rotating  stall  was  suppressed  completely  by 
early  detection  and  quick  corrective  action.  No  limitations  to  part-speed  would  be  neces¬ 
sary  then. 

Comprehensive  experimental  investigations  on  unsteady  flow  phenomena  at  the  Institute 
of  Turbomachines  in  two  rather  different  compressors  (fig.  1,  fig.  2)  revealed  quite 
similar  behavior  111 .  The  strong  influence  of  the  form  of  the  compressor  characteristic 
in  combination  with  the  pressure  side  plenum  could  be  proven  again  in  accordance  with 
E.M.  GREITZER  / 7 / .  The  two  test  compressors  proved  to  exhibit  static  instability,  con¬ 
sequently  the  stability  limit  was  not  influenced  by  the  system  configuration,  as  could 
be  shown  experimentally. 

Based  on  this  statement  most  of  our  experiments  on  compressor  instability  were  conducted 
utilizing  the  diffuser  throttling  ring,  the  very  small  plenum  volume  precluded  any  surge 
oscillations,  so  that  complete  characterisitc  fields  including  the  region  left  of  the 
stability  limit  cou  *.d  be  measured,  e.g.  fig.  8  for  the  experimental  compressors.  Mass 
flow  rate  and  pressure  ratio  are  time  averaged  values  resulting  from  the  stationary 
equipment . 

A  detailed  evaluation  including  the  results  of  the  instationary  pressure  measurements  re¬ 
ported  below  revealed  a  specific  pattern  of  a  characteristic  line  with  respect  to  the 
different  types  of  flow  instability.  According  to  the  schematic  presentation  in  fig.  9 
the  characteristic  beginning  at  the  chocking  line  describes  the  stable  operation  of  the 
compressor  with  increasing  pressure  ratio  corresponding  to  increased  throttling.  A  short 
distance  before  the  stability  limit  increasing,  non-periodic  pressure  fluctuations  indi¬ 
cate  instability  region  1  ,  which  is  probably  due  to  stochastic  flow  separation  at  blade 
tip. 

Upon  reaching  the  stability  limit  the  operating  point  moves  very  rapidly  through  the  in¬ 
stability  region  2  (transient)  and  comes  to  rest  on  a  macroscopica 1 ly  stable  characteristic, 
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which  describes  the  instability  region  3  with  a  stable  full  span  stall.  Further  throttling 
moves  the  operation  point  on  this  line  to  the  left  with  increasing  extension  of  the  stall 
cell,  but  quasi-stationary  operation  can  be  realized  (with  a  very  smal 1  pressure-side 
plenum!)  down  to  very  low  net  mass  flow  rates,  where  complete  flow  separation,  instability 
region  4,  begins. 

Fig.  10  shows  the  corresponding  development  of  instationary  pressure  signals  from  trans¬ 
ducers  in  two  different  positions.  Short  sections  of  the  time-dependent  pressure  signals 
measured  during  a  slow  throttling  maneuvre  characterize  the  different  instability  regions. 

Of  specific  interest  is  the  considerable  increase  of  the  fluctuation  level  in  the  instabi¬ 
lity  region  1  ,  which  could  be  utilized  for  detection  of  incipient  instability.  Frequency 
analysis  of  these  signals  revealed  a  negligible  periodicity,  so  that  an  interpretation 
as  stochastic  separation  seems  more  appropriate  than  a  part  span  rotating  stall. 

Upon  reaching  the  stability  limit  the  pressure  signals  change  rapidly  and  within  three 
to  five  revolutions  a  single-cell  full-span  rotating  stall  in  all  stages  develops,  which 
remains  stable  in  tne  small  plenum  configuration. 

Tests  with  a  large  plenum  volume  revealed  the  same  development  of  a  full-span  stall.  The 
corresponding  drop  in  pressure  ratio  through  the  "transient''  portion  of  the  characteristic 
serves  then  as  a  trigger  for  the  considerably  slower  surge  cycle  (fig.  11).  Each  new  surge 
cycle  is  initiated  by  a  new  rotating-stall  period. 

Fig.  12  and  13  resp.  show  simultaneously  the  signals  of  pressure  transducers  in  different 
positions  during  the  transient  from  instability  region  1  to  region  2  with  full-span  stall 
on  the  real  time  scale  for  the  3-stage  and  the  6-stage  compressor.  Apart  from  the  very 
rapid  passage  through  the  transient  part  of  the  characteristic,  it  is  obvious  that  only 
some  of  the  transducers  show  considerably  increased  fluctuation  level  just  before  reaching 
the  stability  limit. 

For  a  reliable  on-line  detection  of  incipient  flow  instability  it  will  be  necessary  to 
investigate  the  most  effective  positions  for  instationary  pressure  transducers  for  the 
different  modes  of  stall.  In  addition  a  suitable  signal  processing,  e.g.  the  evaluation 
of  the  a.c.-part  of  the  pressure  signal  within  a  specific  frequency  range,  and  the  defi¬ 
nition  of  limit  values  for  the  fluctuation  intensity  from  the  experimental  results. 

Since  the  stability  limit  for  multi-stage  axial  compressors  with  sufficient  aerodynamic 
loading  is  identical  for  large  and  small  plenum  volumes,  all  experimental  i nvest igat ions 
concerning  the  flow  stability  can  be  conducted  at  low  risk  for  the  integrity  of  the  blad¬ 
ing  by  use  of  the  diffuser  throttling  ring. 

In  total  the  following  facts  resulting  from  the  analysis  of  the  experimental  data  can  be 
utilized  for  the  intended  regulating  system: 

-  The  stability  limit  of  a  multistage  compressor  is  preceded  by  a  region  of  irregular 
pressure  fluctuations 

-  These  fluctuations  can  be  detected  by  suitably  placed  pressure  transducers  of 
adequate  sensitivity 

-  The  position  of  the  stability  limit  and  the  preceding  pressure  fluctuations  are 
independent  of  the  volume  of  the  pressure-side  plenum. 

5.  DESIGN  OF  THE  FAST  ACTING  GUIDE  VANE  ADJUSTMENT 

The  design  of  the  guide  vane  adjustment  equipment  was  based  on  a  number  of  fundamental 
considerations  / 8 / 

a)  Each  guide  vane  row  can  be  adjusted  independently  to  assure  great  experimental 
flexibility 

b)  The  adjustment  mode  can  be  chosen  individually  for  each  stage  in  order  to  be  able 
to  realize  many  different  "adjustment  laws"  for  the  complete  compressor 

c)  The  adjustment  speed  is  variable  between  very  high  values  -  about  90*  stagger  angle 
variation  per  second  -for  quick-acting  suppression  of  imminent  flow  instabilities 
and  quasi-stat ionary  movement  for  subsequent  adaption  of  the  blade  angles  to  optimum 
position  for  a  new  operating  point. 

In  order  to  fulfill  these  cri teri a ,  the  guide  vane  adjustment  system  is  realized  as  a 

electro-hydraulic  regulating  system. 

For  a  future  industrial  application  the  layout  can  be  based  on  the  results  of  our  intended 
investigations  and  might  result  thus  in  a  more  or  less  simpler  configuration  with  suffi¬ 
cient  capabilities. 

The  main  parts  of  our  experimental  adjustment  system  shown  in  fig.  14  are  the  control 
unit  (pos.  A)  for  regulating  oil  supply  and  the  distributor  block  (pos.  B),  which  feeds 
the  six  adjustment  units,  consisting  each  of  a  four-way  servo-valve  (pos.  C),  a  hydraulic 
power  cylinder  (pos.  D)  and  the  electronic  control  system  (pos.  E),  which  are  shown  only 
for  one  adjusting  ring.  The  momentary  position  of  the  hydraulic  actuator,  which  corresponds 
to  the  stagger  angle  of  the  pertinent  guide  vane  row,  is  measured  by  a  linear  potentio¬ 
meter  (pos.  I).  The  control  system  comprises  adjustable  limits  in  both  directions  of  the 

n  Miamanf  in/1  an  arl  4na  *•  ah  1  a  a  no  oH  f  r  OA*  nar  oofon<^  o  alow  IHot.i/in . T.fr. . W..1.1.  t . 
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in  the  final  configuration  by  an  on-line  control  computer. 

Fig.  15  demonstrates  the  compact  design  of  the  adjustment  system  for  one  stage.  Servo¬ 
valve  (pos.  a),  hydraulic  actuator  (pos.  c)  and  linear  potentiometer  ( pos .  d)  are  arranged 
on  a  support  block  (pos.  b) ,  which  contains  the  connecting  bare  holes  for  the  hydraulic 
oil.  Length  of  connections  and  oil  volume  were  reduced  thus  to  a  minimum,  assuring  a  very 
quick  response  of  the  hydraulic  system.  The  motion  of  the  actuator  is  transmitted  via  the 
connecting  rod  (pos.  e),  the  adjustment  ring  (pos.  f)  and  the  levers  to  the  guide  vanes. 

6.  OPERATION  OF  THE  FAST  ACTING  GUIDE  VANE  ADJUSTMENT 

The  action  of  the  Past  Guide  Vane  Adjustment  System  has  to  be  integrated  in  the  control 
system  of  an  axial  compressor  in  a  suitable  way. 

The  realization  of  an  efficient  control  method  necessitates  complete  information  regarding 
the  operational  characteristics  of  the  compressor:  Experimentally  determined  stage  charac¬ 
teristics  in  combination  with  a  through-flow  calculating  code  /3,  5/  can  be  used  for  the 
determination  of  the  compressor  characteristic . 

A  considerable  number  of  stage  characteristics  for  different  guide  vane  setting  modes  have 
been  measured  for  the  six-stage  test  compressor  with  adjustable  guide  vanes  /9/.  A  com¬ 
puter  program  for  the  calculation  of  the  compressor  characteristic  field  from  stage  charac¬ 
teristics  has  been  established:  Combined  with  data  on  the  system  supplied  by  the  compres¬ 
sor  and  the  intended  control  function  this  program  can  realize  a  surge  suppression  regula¬ 
tion  utilizing  an  on-line  computer.  In  an  industrial  application  a  specialized  micro¬ 
processor  will  probably  be  sufficient,  as  soon  as  sufficient  knowledge  on  structure,  ope¬ 
ration  and  capability  of  such  a  system  will  be  acquired. 

The  regulating  process  with  a  fast  guide  vane  adjustment  can  be  exemplified  in  fig.  16 
for  a  control  mode  with  constant  pressure  ratio  IT  .  Starting  point  is  0P1 ,  where  the  com¬ 
pressor  is  operating  on  characteristic  a)  (defining  a  certain  combination  of  guide  vane 
positions  in  the  different  stages)  at  optimum  efficiency:  If  the  mass  flow,  due  to  a 
disturbance  in  the  system  supplied,  is  suddenly  reduced,  the  operating  point  of  the  com¬ 
pressor  moves  on  characteris tic  a)  into  instability  region  1.  The  resulting  increased 
pressure  fluctuation  is  detected  by  pressure  transducers,  a  regulating  signal  is  deduced 
and  the  fast-acting  system  moves  the  guide  vanes  accordingly,  so  that  the  stability  limit 
will  not  be  reached.  The  operating  point  is  transferred  to  characteristic  b) ,  which  has 
been  calculated  by  the  on-line  computer  and  results  from  the  modified  position  of  the 
guide  vanes.  When  the  dynamic  phenomena  have  ceased,  the  compressor  operates  in  point 
0P2.  It  is  important,  that  characteristic  b)  is  chosen  so,  that  this  point  has  sufficient 
distance  from  instability  region  1  and  -  consequently  -  from  the  stability  limit:  Effi¬ 
ciency  is  of  minor  importance  in  OP2 . 

During  the  fast  movement  of  the  guide  vanes  from  characteristic  a)  to  b)  the  stability 
limit  (indicated  by  lines  with  small  circles)  may  also  be  subjected  to  a  dynamic  modi¬ 
fication.  The  exact  nature  of  the  dynamic  regulating  process  in  the  characteristic  field 
is  being  investigated  experimentally  at  the  moment.  Three  possible  curves  are  shown  in 
fig.  16.  Curve  I  would  be  an  ideal  result,  since  the  pressure  ratio  IT  remains  constant. 
Curve  II  has  to  be  avoided,  since  it  crosses  tiie  stability  limit  and  this  results  in  a 
multistage  compressor  with  high  aero-dynamic  loading  instantly  in  a  transient  develop¬ 
ment  of  full  span  stall  or  surge.  The  drawback  of  curve  III  is,  that  the  pressure  ratio  IT 
drops  off  shortly,  but  in  a  dynamic  regulating  process  this  is  probably  admissible. 

If  the  new  steady  state  of  the  system  supplied  is  characterized  by  point  OP3,  the  guide 
vane  adjustment  is  moved  slowly  so  that  via  curve  IV  a  new  characteristic  with  optimum 
efficiency  and  safe  distance  to  stability  limit  is  reached. 

Fig.  16  shows  a  schematic  example  only.  From  the  great  many  of  possible  solutions  the 
real  behavior  of  compressors  under  dynamic  guide  vane  regulation  conditions  will  be 
determined  experimentally.  With  these  information  an  optimum  regulating  strategy,  the 
suitable  positioning  of  the  instability  detectors  and  the  necessary  configuration  of 
the  guide  vane  adjustment  system  can  be  defined. 

7.  EXPERIMENTAL  RESULTS 

Measurements  during  a  typical  regulating  process  with  the  fast  acting  quide  vane  adjust¬ 
ment  system  are  shown  in  fig.  17.  The  guide  vane  position  is  changed  from  characteristic 
field  III  LE(k)  <fig.  7)  to  I  LE(k)  (fig.  5)  with  a  corresponding  shift  of  the  stability 
limit  to  considerably  smaller  mass  flow  rates,  as  fig.  7  shows.  In  the  test  the  starting 
point  is  situated  on  characteristic  ill  LE(1).  the  end  point  on  characteristic  I  LE(1,5). 
The  compressor  speed  was  11.120  rpm ,  a  value  jelow  nominal  speed,  the  guide  vane  adjust¬ 
ment  time  was  110  msec. 

The  left  part  of  fig.  17  shows  the  pressure  fluctuations  at  the  starting  point  condi¬ 
tions  before  the  guide  vane  adjustment.  Transducers  3  and  5  in  stages  land  2  indicate 
an  operation  in  the  1.  instability  zone  with  increased  pressure  fluctuations.  Similarly 
the  strain  gauge  signals  from  a  rotor  blade  in  the  1.  stage  express  increased  instabi¬ 
lity.  The  signals  of  transducers  7,  9,  11  and  13  in  staqes  3,  4,  5  and  6  show  normal 
behavior  without  instability,  likewise  the  strain  gauge  signals  of  rotors  2  and  5,  not 
shown  in  fig.  17,  are  not  increased. 
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During  this  test  the  crossing  at  the  stability  limit  was  not  intended,  but  the  operating 
point  of  the  compressor  was  to  be  moved  from  the  1 .  instability  zone  by  operation  of  the 
rapid  guide  vane  adjustment  to  a  characteristic  with  sufficient  distance  from  the  stabi¬ 
lity  limit. 

The  regulating  process  is  shown  in  the  middle  part  of  fig.  17  for  a  total  of  270  msec, 
the  guide  vane  adjustment  itself  takes  110  msec.  During  the  rapid  guide  vane  movement, 
already,  a  considerable  reduction  of  the  pressure  amplitudes  in  stages  1  and  2  to  66  % 
and  76  %  resp.  of  the  initial  values  is  effected.  Similarly  the  rotor  blade  vibration 
diminishes  to  69  %. 

The  right  part  of  fig.  17  shows  the  new  stabilized  operating  point:  the  pressure  ratio 
has  been  kept  constant  at  1.567,  the  mass  flow  is  reduced  slightly  for  2.9  %  to 
5.156  kg/sec,  a  very  small  speed  increase  of  0.9  %  can  be  noted.  Similar  tests  at  nominal 
speed  resulted  in  speed  increases  of  2.5  to  3  %.  In  total  the  test  proved  that  a  rapid 
stabilisation  of  the  compressor  at  constant  pressure  ratio  can  be  realized,  a  quite 
practicable  result  for  real  compressor  operation.  The  data  of  the  pressure  transducers 
are  given  in  a  relative  scale  intentionally,  because  the  interest  during  the  first  expe¬ 
riments  was  concentrated  mainly  on  the  qualitative  behavior  of  the  system. 

Pig.  18  shows  the  results  of  a  different  test  with  a  rather  identical  starting 

point  on  characteristic  III  l.E(1)  with  a  pressure  ratio  of  1.615,  mass  flow  of  5.468  kg/sec 

at  It  377  rpm.  The  pressure  signals  of  stage  1  and  2  indicate  the  1.  instability  zone. 

The  guide  vane  position  was  changed  to  that  of  characteristic  I  LE ( 3 ) ,  i.e.  the  guide 
vanes  are  closed  considerably  more  than  in  fig.  17. 

The  now  stable  operating  point  shows  a  pressure  ratio  of  1.495  and  5.084  kg/sec  mass  flow 
at  11  117  rpm. 

Right  after  the  beginning  of  the  regulating  process  the  pressure  reduction  in  stages  2 
to  6  starts  and  takes  about  800  msec,  while  the  guide  vane  movement  is  completed  after 
188  msec.  The  decrease  of  speed  is  caused  by  a  simultaneous  action  of  the  speed  regulating 
system . 

The  amplitudes  of  the  pressure  fluctuations  in  stage  1  and  2  diminish  to  53  %  and  88  % 
resp.  of  the  initial  value  and  prove  the  increased  distance  of  the  new  operating  point 
from  the  stability  limit. 

These  two  examples  of  initial  tests  show,  that  by  a  rapid  guide  vane  adjustment  the 
operating  point  of  the  compressor  can  be  moved  quickly  into  a  part  of  the  characteristic 
field  with  higher  stability.  During  the  regulating  process  the  compressor  remained  stable 
without  onset  of  rotating  stall.  Somewhat  disadvantageous  is  the  speed  increase  coupled 
with  the  guide  vane  adjustment.  In  a  computerized  control  system,  however,  an  appropriate 
action  of  the  speed  regulation  could  be  anticipated  and  initiated. 

Actually  conducted  tests  at  nominal  speed  rendered  qualitatively  similar  results,  so  tha\. 
the  principles  of  operation  can  be  generalized. 

In  the  tests  up  to  now  the  diffuser  throttle  ring  was  utilized  exclusively  for  realizing 
the  operating  point  of  the  compressor,  i.e.  the  pressure-side  volume  of  the  system  was 
very  small.  Since  our  former  investigations  had  proved  that  the  stability  limit  is  not 
dependent  on  this  pressure-side  volume,  the  experimental  results  should  be  valid.  Test 
with  a  high  pressure-side  volume  will  be  conducted  later. 

8 .  Conclusion 

The  concept  of  an  on-line  anti-surge  regulating  system  is  based  on  the  detection  of  in¬ 
cipient  instability  by  pressure  fluctuations  and  the  rapid  shifting  of  the  compressor 
operating  point  by  a  quick  acting  guide  vane  adjustment  system. 

The  system  has  been  developed,  built  and  tested  on  an  experimental  compressor.  The  results 
are  consistent  with  the  basic  ideas.  Further  extensive  experimental  work  will  be  centered 
first  on  dynamic  operation,  i.e.  movement  of  the  operating  point  towards  the  stability 
limit  before  the  regulating  process,  and  then  closing  of  the  control  loop,  i.e.  automatic 
initiation  of  the  regulation  process  by  pressure  fluctuation  sensors  and  microprocessor 
calculation  of  the  new  stable  operating  point  will  be  aimed  at. 
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Fig.  1  Three-Stage  Experimental  Axial-Flow  Compressor 


ol  Guide  Vanes  (Stage  t.  In(et  Guide  Vane) 
b)  Adjusting  Ring  (Stage  1) 

Cl  3 -Channel -Telemetry-System 


d)  Bearing 

e)  Diffuser 

f)  Diffuser  Throttling  Ring 


Fig. 


Six-Stage  Experimental 
Axial-Flow  Compressor 


Fig.  3  Configuration  of  Pressure 
Transducers  Distribution 
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Fig.  8  Measured  Compressor  Maps  for  Variable  Speed  Ratios 
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0:  Stationary  Part  of  Characteristic 

1  :  Instability  Region  1 

-  Flow  Separation  at  Rotor  Blade  Tip 
2:  Instability  Region  2 

-  Transient  Regime 

3:  Instability  Region  3 

-  Stable  Full  Span  Stall  (one  Cell) 
4:  Instability  Region  4 

-  Complete  Flow  Separation 


Mass  Flow  Rate 


Complete  Schematic  Compres¬ 
sor  Characteristic  for 
Highly-Loaded  Multi-Stage 
Axial-Flow  Compressors  with¬ 
out  System  Instability 


Fig.  10  Patterns  of  Unsteady  Pres¬ 
sure  Fluctuations  in  diffe¬ 
rent  Instability  Regions 
for  both  Experimental  Com¬ 
pressors 
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Patterns  of  Instability  Development  Fig.  13  Patterns  of  Instability  Develop 
in  the  Blading  of  the  Three-Stage  ment  in  the  Blading  of  the  Six- 
Compressor  Stage  Compressor 
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Fig.  14  Electrohydraulic  Control  System  for  Fast  Acting  Guide 
Vane  Adjustment 
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Fig.  15  Fast  Acting  Guide  Vane  Adjustment  Device  (for  one  Stage) 
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Fig.  1 6‘  Regulating  Process  with 

Fast  Guide  Vane  Adjustment 
System  (7t  =  const.) 
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Fig.  17  Regulatina  Process  with  Fast  Acting  Vane  Adjustment  System* 

-  Starting  Point :  III  LE( 1  )  ;  m  -  5.309  kgs',  ;  It  -  1,567;  n  -  11.123  rpm 

-  End  Point  :  I  UE (1 ,51;  *  .  5,156  kgs'  ;  It-  1,567;  n  =  11.222  rpm 
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DISCUSSION 


J.F.  CHEVALIER,  Fr 

Vous  avez  montre  des  essais  avec  un  compresseur  dont  les  volumes  amont 
et  aval  sont  tres  petits.  Votre  systeme  de  controle  peut-il  fonctionner  avec 
des  volumes  amont  et  aval  beaucoup  plus  grands  ? 

Author’s  Reply 

The  upstream  volume  of  the  system  Is  quite  large  (700  mm  0  pipe,  6  m 
long  plus  filter  chamber).  The  downstream  volume  can  be  chosen  large  (6  m3) 
or  small  (0.003  m3)  with  two  different  throttles.  The  situation  of  the  sta¬ 
bility  limit  and  the  pressure  fluctuation  behaviour  has  been  proven  experi¬ 
mentally  not  to  be  Influenced  by  the  downstream  volume.  Therefore  many  of 
the  experiments  are  conducted  with  small  volume  to  avoid  surge  and  endange¬ 
ring  the  compressor. 

A  closed-lcop  control  system  has  not  been  used  uo  to  now,  it  will  be 
tried  later  in  the  project  with  large  and  small  volume. 


N.A.  CUMPSTY,  UK 

Could  you  give  more  Information  on  guide  vanes,  how  fast,  how  large  is 
the  angle  of  adjustement  and  how  large  is  the  error  of  setting  ? 

Author's  Reply 

The  maximum  adjustment  speed  of  the  guide  vanes  is  actually  90°/sec, 
the^  hydraulic  system  is  capable  of  more.  The  real  adjusting  range  is 
+  0*/-30°  because  of  mechanical  reasons.  The  setting  error  of  individual  vanes 
is  less  than  0.5*.  The  positioning  accuracy  of  the  hydraulic  system  is  very 
high.  The  inaccuracies  of  positioning  from  elastic  deformations  are  small 
because  of  its  rugged  design. 


K.R.  GARWOOD,  UK 

During  the  experiments  have  any  measurements  of  the  torque  or  stresses 
generated  in  the  variable  geometry  system  been  made,  during  the  transient 
high  rate  of  stagger  changes  ? 

Author's  Reply 

We  have  not  measured  this  torque  reaction.  The  first  results  that  I 
have  presented  here  are  carried  out  by  the  maximum  variation  speed.  The  ad¬ 
justment  mechanism  is,  as  you  have  seen,  very  rugged.  It  can  tolerate  all 
the  dynamic  forces  and,  in  fact,  up  to  now  we  didn't  care  for  dimensioning. 
Practical  use  would  necessary  cause  detail  dimensioning  of  the  mechanism. 
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RADIAL  COMPRESSOR  DESIGN  USING  AN 
EULER  SOLVER 


M.Sc.  Jan  Tore  Billdal 
Division  of  Hydro-  and  Gas  Dynamics 
Norwegian  Institute  of  Technology,  Norway 

and 

M.Sc.  Andrew  Wilson 

RTR,  A/S  Kongsberg  Vapenfabr ikk ,  Norway 


Summary 


The  steady  inviscid  flow  through  a  radial  compressor  is  computed  by  solving  the  3-D  Eulei 
equations  on  both  a  H-type  and  O-type  grid.  The  centered  finite  volume  method  with  an 
explicit  integration  scheme  is  used  to  solve  the  equations.  The  numerical  programmes 
were  developed  as  a  tool  in  the  design  process  of  ,;ew,  high  pressure  radial  compressors, 
with  complex  geometries  and  spitterblades. 

Special  emphasis  is  placed  on  transonic  compressors,  and  the  capability  of  predicting 
complex  three-dimensional  flows  is  demonstrated.  Preliminary  experience  using  Euler 
solver  in  design  work  is  described  with  the  future  developments  expected  on  this  subject. 

Introduction 

It  is  common  to  show  results  from  a  3-dimens iona I  program  which  agree  well  with  well 
documented  and  abundant  test  data.  In  the  normal  design  environment,  that  data  is  not 
normally  so  forthcoming,  and  the  designer  is  usually  limited  to  such  measurements  as 
upstream  and  downstream  pressures  and  temperatures,  mass  flow  and  the  shroud  static 
pressures.  These  must  in  some  way  be  assessed  in  terms  of  design  criteria  such  as 
blockage,  loss  distribution  and  slip  factor.  In  turn  these  criteria  are  fed  back  into 
the  design  process. 

The  Euler  solver  cannot  implicitly  cater  for  the  correct  viscous  effects  in  the  compressor 
and  the  solution  obtained  will  be  without  regard  to  the  criteria  our  experience  tells  us 
is  correct.  (The  flow  in  the  exducer  section  of  a  centrifugal  compressor  is  dominated 
by  3-dimensional  viscous  flows).  In  the  absence  of  anything  better  the  Euler  solver  can 
be  used  to  give  a  more  accurate  picture  of  the  flow  in  the  inducer  section  up  to  the 
splitter  blade  leading  edge,  and  to  give  some  basic  understanding  of  the  secondary  flows 
in  the  exducer. 

Little  is  normally  presented  about  the  problem  in  running  a  3-dimensional  program  when 
things  can  often  go  wrong.  The  test  cases  presented  here  represent  a  high  pressure  ratio, 
supersonic  inlet  compressor,  and  a  low  pressure  ratio  compressor,  both  with  splitter 
blades  and  their  own  problems.  Two  different  types  of  boundary  conditions  are  discussed 
and  two  different  grids  are  compared. 

First  the  numerical  method  used  to  solve  the  time-dependent  Euler  equations  is  described. 
This  is  an  explicit  t  ime-marching  f  ir<  i  te-vol  ume  procedure. 


Algorithm  description 


Governing  equations 

The  equations  which  are  solved  are  the  time  dependent  Euler  equations  in  a  Cartesian 
reference  frame  rotating  with  a  uniform  angular  velocity  D  around  the  x-axis.  Expressed 
in  integral  form  one  gets: 


-r|  /  q  dV  +  |  H*n  dS  =  /  k  dV  (i) 

V  S  V 


where  in  3-D  space: 
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Here  q  are  the  conservative  var iabl esand  H  the  flux  tensor,  S  the  closed  surface  that 
bounds  the  volume  V  with  unit  vector  n,  positive  pointing  outwards.  The  primitive 
variables  o,u,v,w  and  p  are,  respectively,  density,  velocity  components  in  x-,  y-  and  ;- 
directions  and  pressure.  Total  energy  per  unit  volume  is  expressed  as 

E  *  pvJ  ;  v  =  uex  +  vey  ♦  wez  (31 

where  v  is  the  relative  fluid  velocity,  and  y  is  the  ratio  of  specific  heats.  The  right 
hand  side  of  eq.  (1)  are  lower  order  terms  due  to  Coriolis  and  centrifugal  accelerations. 

Spatial  di^rctizat  ion 

The  numerical  method  used  here  to  integrate  the  Euler  equations  in  space  is  a  centered 
finite  volume  method.  The  advantage  of  this  method  is  that  the  governing  equations  are 
solved  in  a  Cartesian  coordinate  system,  and  one  only  needs  to  know  the  volume  and  surface- 
normal  directions  of  the  cells.  The  curvature  of  the  mesh  is  not  considered  in  computing 
surface  normals,  since  only  projections  of  fluxes  and  forces  in  the  x-,  y-  and  z- 
directions  are  used.  The  integral -conservat ive  form  of  eq.  (1)  has  no  space  derivative 
and  therefore  no  special  treatment  of  the  flow  discontinuities  is  needed,  i.e.  shocks 
and  slip  surfaces. 


The  computational  domain  is  divided  into  hexahedral  cells  denoted  by  subscripts  i,  j,  k. 
When  the  conservative  variables  q  are  defined  at  the  cell  centers,  a  system  of  ordinary 
differential  equations  is  obtained  by  applying  eq.  (11  separately  to  the  interior  cells. 
This  gives  the  sem i -d i screte  scheme: 


i ,  j  ,  k  dt  qi,j,k 


N(q* 


i.j.k 


1  = 


where 


N{‘’i,j,k)  '  fii*l/2,j,k  *  "i-1/2,j,k  *  fii,jM/2,k  *  1 1  i  ,  j  - 1  /  2  ,  k  * 


"i , j ,k+l/2  *  "i ,  j ,k-l/2 


(51 


II 


i  + 1 /2 , j  , k 


[FdAx  .  GdAy  ♦  HdAJu|/;>j>k 


Hi , j ,k-l/2 


[fdA  *  GdA  *  IldA  ).  .  . 

x  y  z  1  ,  j  ,  k  -  1  / 


fi*n  »  [Fn  ♦  Gn  +  Hn  ]  is  the  flux  components  in  respectively  the  x-,  y-  and  z-ci  i rect  ions 
x  y  z 

evaluated  at  the  six  surfaces  of  the  cell,  and  dA  =  [dAx,  dA^.,  dA_]  is  the  vector  element 

of  the  cell  surface,  positive  pointing  outwards.  The  flux  vectors  are  calculated  by 
interpolating  flow  variables,  with  equal  weight,  from  the  ♦wo  cells  that  share  the  face. 
This  averaging  is  done  without  accounting  for  the  difference  in  volumes  of  neighboring 
cells.  The  scheme  is  second  order  accurate  if  the  grid  is  sufficiently  smooth. 

The  discrete  scheme,  eq.  (4),  is  not  dissipative,  allowing  nonphysical  shocks  (expansion 
shocks)  and  also  nonlinear  instabilities  (oscillations  with  alternate  sign  at  odd  even 
mesh  points)  being  possible.  This  instability  can  be  explained  as  follows,  ref.  3. 

In  real  flow  energy  is  transferred  from  large  eddies  to  small  eddies.  This  energy  at 
small  eddies  is  dissipated  into  internal  energy  through  friction.  If  our  scheme  i "  non- 
dissipative,  energy  which  is  transferred  from  the  longer  to  the  shorter  wavelengths  will 
accumulate  at  the  shortest  wavelengths  possible  on  the  mesh.  This  accumulated  energy  is 
then  transformed  back  to  the  longer  wavelengths,  which  represent  a  nonphysical  phenomena. 
To  avoid  this  a  constant  fourth  order  dissipative  term  is  added  to  the  discrete  scheme 
throughout  the  domain.  In  order  to  capture  shocks  a  variahle  second  order  term  is  added 
by  a  pressure  sensor  designed  to  detect  these  discontinuities. 

The  artificial  viscosity  terms  arc  added  to  the  sem i -d  i  screte  scheme  and  wc  get: 

V(d/dt )  q  *  N(q)  ♦  e  5  (q)  «•  e^fWq)  ( <0 

62  is  a  variable-coefficient  second-order  difference  operator  while  Du  is  a  constant- 
coefficient  fourth-order  difference  operator.  The  parameters  e7  and  ou  arc  u«or  defined 
constants.  Details  can  be  found  in  ref.  1. 
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Boundary  conditions 

One  of  the  most  important  aspects  of  internal  flow  lies  in  the  formulation  and  implemen¬ 
tation  of  appropriate  boundary  conditions.  Stability  and  convergence  of  the  numerical 
scheme  is  sensitive  to  the  conditions  imposed.  Here,  the  two  distinct  types  involved 
in  internal  flow  will  shortly  be  described  with  special  attention  to  the  inflow/outflow 
conditions. 


Inflow/outflow  boundaries: 

In  order  to  reduce  the  domain  of  computation,  artificial  boundaries  are  often  introduced 
up-  and/or  down-stream  of  the  blade  leading  and  trailing  edges  respectively.  For  the 
unsteady  Euler  equations,  which  are  of  hyperbolic  type,  the  correct  conditions  to 
specify  at  these  planes  are  determined  using  the  theory  of  characteristics.  In  the 
subsonic  case  four  conditions  at  inflow  and  one  at  outflow  must  be  specified,  while  for 
supersonic  flow  five  conditions  at  inlet  and  none  at  outlet  are  specified.  The  classical 
choice  in  turbomachinery  flow  calculations,  assuming  a  subsonic  axial  velocity,  is  to 
specify  total  pressure,  total  temperature,  meridional-  and  blade-to-blade  flow  angles. 

If  the  flow  is  transonic  at  inlet,  i.e.  the  axial  velocity  is  subsonic  while  the  relative 
velocity  is  supersonic,  there  exists  a  relationship  between  Machnumber  and  flow  angle, 
the  unique  incidence  condition.  Then  the  swirl  velocity  is  specified  instead  of  the 
blade-to-blade  angle.  Additional  purely  numerical  boundary  conditions  are  added  by 
extrapolation  from  the  interior  domain. 


The  initial  condition  can  be  considered  as  a  perturbation  of  the  sought  steady  solution 
and,  as  a  result,  waves  will  start  propagating  in  the  entire  computational  domain.  The 
steady  solution  is  found  after  the  elimination  of  these  waves,  which  is  caused  by  the 
following  two  processes;  internal  damping  in  the  interior  domain  or  elimination  or 
damping  during  their  interaction  with  the  boundaries.  Internal  damping  due  to  artificial 
viscosity  introduced  through  the  numerical  scheme  lead*=  to  ^imping  of  the  waves,  out 
this  viscosity  should  be  as  small  as  possible  since  it  introduces  an  error  in  the  steady 
solution.  Waves  striking  solid  walls  are  reflected  without  being  either  amplified  or 
damped.  If  the  inlet/outlet  boundary  is  suitably  modelled  a  perfectly  absorbing  con¬ 
dition  can  be  constructed  for  all  waves  striking  these  planes.  Fngquist  and  Maida 
(ref.  2)  presented  a  mathematical  theory  of  local  absorbing  boundary  conditions  at 
artificial  boundaries.  Here  the  first  approximation  of  their  hierarchical  theory  is 
appl  ied  Thi^s  is  done  by  transforming  the  original  coordinate  system  (x,y,z)  to  a  local 

system  located  on  the  boundary,  with  the  x-coordinate  normal  to  the  surface  and 

positive  into  the  computational  domain  while  the  other  two  are  tangent  to  the  surface. 

By  transforming  eq.  (4)  to  this  local  coordinate  system  while  neglecting  pitchwise  and 
spanwise  derivatives  and  introducing  characteristic  variables,  a  decoupled  set  of  five 
scalar  equations  can  be  found.  The  number  of  conditions  to  be  imposed  equals  the 
number  of  characterist ic  directions  which  enter  the  domain,  and  is  given  by: 
dx/dt=A|,  i=l,...,S.  According  to  the  sign  of  the  corresponding  eigenvalje  a  new  vector 

is  constructed  by  either  specifying  or  extrapolating  the  characteristic  variables.  At 
inlet  the  new  w-vector  is  constructed  according  to: 


Xd >0  ,  w(>) 
XL>0  , 


wspec . 

wiiL 


(') 


It  is  then  transformed  back  to  conservative  variables,  and  the  flux  through  the  inlet 
boundary  cell-surface  is  calculated.  It  can  be  shown  that  this  technique  gives  stable 
boundary  conditions  and  absorbs  waves  very  efficiently. 


Solid-  and  periodic  boundaries: 

The  mesh  is  constructed  such  that  cell  surfaces  lie  on  the  solid-  and  periodic  boundaries. 
Since  the  conservative  variables  are  defined  at  the  centre  of  the  cells,  all  convective 
fluxes  are  zero  at  solid  walls.  The  only  contribution  to  the  flux  comes  from  the  wall 
pressure  which  is  extrapolated  from  the  interior  domain.  The  periodicity  condition 
imposed  along  periodic  boundaries  is  such  that  these  cells  are  updated  just  as  interior 
cells. 


Time  discretization 

With  the  boundary  conditions  and  the  artificial  viscosity  included,  our  complete  space 
difference  operator  becomes: 


jt  ■ F^ 

The  time  is  discretized  according  to: 

Cl  =  <Fn  *  AtF(%’ 

Cm  3  %  *  1  AtF(V  *  I  AtF(Cp 


qn+  l 


*  7  MF(Vl> 


(8) 


q 


7  AtF(V 


(9) 
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where 

%  =*  q  (nit ) 

This  is  an  explicit  threee-stage ,  second  order  accurate  scheme  well  suited  for  obtaining 
a  steady  solution.  It  is  stable  with  a  CFL  condition  of  2.  Since  the  t ime -dependence 
of  the  solution  is  of  no  concern  here  local  time-stepping  is  applied  in  order  to  accele¬ 
rate  the  convergence  to  a  steady  state  solution. 

Resul ts 


General  note  on  splitter  blades 

Inclusion  of  splitter  blades  in  the  solution  of  aerodynamic  flows  in  centrifugal  com¬ 
pressors  presents  an  extremely  difficult  problem  to  the  program.  The  presence  of  a 
sharp  leading  edge  in  a  flow  with  a  high  diffusion  rate,  such  as  at  the  shroud,  adds  a 
high  instability  factor  to  the  process  of  finding  a  solution.  Great  care  must  also  be 
taken  with  the  geometry  around  the  leading  edge  of  the  splitter  blade  in  order  to  allow 
it  to  tolerate  the  likely  incidence  range  even  in  the  early  stages  of  convergence. 

It  is  normally  required  to  find  a  solution  with  the  shock  in  the  inducer  section.  If 
drring  the  early  stages  of  convergence  the  shock  forms  in  the  cxducer  passage,  then  it 
must  he  forced  forward  into  the  inducer.  This  is  complicated  by  the  splitter  blade 
leading  edge  with  its  own  unique  incidence  condition  and  shock  system.  Back  pressure 
and  second  order  viscosity  must  be  controlled  very  carefully  by  this  process. 

Low  pressure  ratio  compressor 

The  first  case  is  one  of  2.2:1  in  overall  stage  pressure  ratio  and  a  design  inlet  mach 
number  of  0.8  at  shroud.  The  geometry  is  first  run  with  a  relatively  short  downstream 
region  and  with  classical  boundary  conditions  (fig.  1).  At  the  hub,  the  loading  on  the 
splitter  blade  is  considerably  less  than  on  main  blade  (as  judged  hv  the  difference  be¬ 
tween  the  suction  and  the  pressure  surface  mach  numbers).  On  the  shroud,  there  is  a 
"collapse"  of  loading  on  the  suction  surface  of  main  blade,  caused  by  a  break-down  in 
the  solution  at  the  lead  trig  edge  from  which  it  never  recovers.  This  is  brought  about 
by  a  high  incidence  on  the  blade  during  the  early  stages  of  the  solution  which  intro¬ 
duces  an  unreasonably  high  loss  in  total  pressure  (fig.  2). 

The  second  has  the  same  geometry  as  that  of  the  first  but  the  exit  boundary  conditions 
are  changed  to  absorbing.  These  have  the  ability  of  regulating  the  distribution  o f  ma*s 
flow  more  naturally  at  the  exit  boundary,  and  therefore  the  difference  in  flow  between 
main  -  splitter  blade  and  splitter  -  main  blade.  The  distribution  of  loading  between 
the  binder  is  now  more  even  it  the  hub.  The  "collapse"  of  loading  on  the  shroud  i  *»  '-till 
present  but  not  so  severe  (fig.  21. 

powristream  calculating  region  is  n--w  extended  and  the  program  is  run  with  classical  exit 
boundary  conditions  (fig.  )).  The  loading  distribution  at  hub  i*  not  as  good  that  from 

the  second  run,  hut  a  full  solution  at  the  shroud  has  been  obtained,  with  a  fair  agree¬ 
ment  between  main  and  splitter  blades  [fig.  31. 

The  final  run  is  with  absorbing  boundary  condition*  «>n  the  extended  downstream  grid, 
the  best  s*-!  I  ut  ion  i  -  seen  both  f<  r  huh  and  shroud. 


I  { igh  press  a  re  _ra  t  i_o  compre  *  *or 

The  second  test  case  is  one  of  8.3:1  in  >tagc  pressure  ratio,  and  it  has  ;i  design  inlet 
mach  number  of  1.36  at  shroud.  Thi  s  type  of  compressor  g comet  rv  •  ;cnt*  the  severest 
problems  in  running  of  3 -d imens i onn 1  luler  solver  for  throe  main  reason*.  The  use  of 
absorbing  conditions  have  proved  to  be  unstable  and  l  switch  to  tin  classical  boundary 
conditions  is  necessary  to  allow  the  posit  mining  f  the  inducer  <h -vfc  in  the  firm,' 
stage-  of  the  calculation. 
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Future  work 

It  is  intended  to  develop  the  grid  further  to  include  a  C-grid  and  even  a  combined  C-H 
grid.  These  would  provide  the  advantages  of  the  O-grid  at  the  leading  edge  and  the 
advantages  of  the  H-grid  in  the  passages  between  the  blades  and  in  the  downstream  region. 
Of  course  the  final  step  in  the  development  of  the  program  is  the  solution  of  the  full 
Navier-Stokes  equations.  It  is  believed  to  be  more  sensible  to  develop  this  than  to 
develop  the  Euler  method  to  overcome  all  the  problems  encountered  in  the  running  of 
centrifugal  compressors. 


Conclus ion 

The  use  of  an  Euler-solver  has  demonstrated  in  the  design  of  centrifugal  compressors. 

As  it  stands  it  cannot  be  completely  relied  upon  and  the  use  of  traditional  r.ethods  with 
their  empirical  rules  must  continue  for  a  long  time  into  the  future.  There  is  no  doubt 
however  that  it  can  contribute  to  our  basic  understanding  of  complex  three-dimensional 
flow. 
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DISCUSSION 


Y.  RIBAUD,  Fr 

Avez-vous  applique  des  criteres  de  coherence  pour  vos  calculs 
d'ecoulement  ?  Si  oui  etes-vous  satisfait  des  resultats  ? 

Author's  Reply 

In  the  checking  of  the  solution,  we  do  an  integration  of  the  mass  flow 
up  the  channel,  from  the  inlet  station  to  the  exit  station.  We  are  very  hap¬ 
py  with  the  solution. 

In  the  development  of  the  program,  rothalpy  has  been  checked  through 
the  compressor  but  not  entropy. 


N.  KROLL,  Ge 

1)  How  does  the  picture  of  secondary  flow  change  if  you  refins  the 
grid,  that  is,  how  does  the  secondary  flow  calculated  with  the  Euler  soiver 
depend  on  discretization  error  ? 

2)  Do  you  notice  differences  in  the  smoothness  of  contour  plots  using 
classical  and  absorbing  boundaries  conditions  ? 

Author's  Reply 

1)  This  compressor  has  only  been  run  with  the  grid  we  have  presented. 

2)  The  contour  profiles  would  come  out  different.  The  absorbing  boun¬ 
dary  conditions  have  the  ability  of  continuing  the  local  solution  at  the 
exit  boundary. 


J.D.  DENTON,  UK 

It  is  a  significant  achievement  to  obtain  and  Euler  solution  at  such  a 
high  pressure  ratio  (9  :  1).  I  and  others  have  tried  without  much  success  be¬ 
cause  of  the  very  strong  transients  which  occur  on  starting  the  calculation 
and  which  never  settle  down. 

What  is  the  development  which  makes  your  Euler  solver  works  better  than 
others  in  this  application  ? 

Author’s  Reply 

The  calculation  of  this  compressor  has  not  been  easy  and  has  taken  ma¬ 
ny  months  of  work.  The  convergence  and  quality  of  the  solution  must  be  con¬ 
trolled  carefully  during  the  run.  The  exit  static  pressure  is  gradually 
increased  and  the  second  order  viscosity  gradually  reduced.  Additionally, 
absorbing  boundary  conditions  are  used  in  the  early  stages,  changing  to 
classical  boundary  conditions  at  exit  for  the  final  convergence.  This  is 
currently  a  manual  process. 
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ABSTRACT 

The  flow  character  of  a  30  deg.  backswept  impeller  is  analyzed  by  means  of  the  L2F- 
measurement  technique  available  at  DFVLR.  Significant  cross  flows,  noticeable  distor¬ 
tions  of  the  through  flow  patterns  and  considerable  velocity  fluctuations  are  found  in¬ 
side  the  blade  passages  of  the  impeller.  The  distortions  of  the  velocity  patterns  are 
smoothing  towards  the  impeller  exit.  A  detailed  analysis  of  the  measured  data  reveals 
the  existence  of  two  counterrotating  channel  vortices  that  are  significantly  influencing 
the  overall  flow  character. 

NOMENCLATURE 
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absolute  velocity 
meridional  velocity 

square  of  the  velocity  fluctuations 
parallel  to  the  mean  absolute  velocity 
circumferential  vortex  velocity 
component  of  vortex  velocity  measured 
by  laser  velocimetry 

fluctuating  velocity  pat al lei  lo  mean 

absolute  velocity 

Laser-Two-Focus 

mass  flow  rate 

dimensionless  shaft  speed 

pressure  side 

static  pressure 

maximum  radius  of  potential  vortex  part 
radius  of  solid-body  vortex 
suction  side  J' rpf 

turbulence  intensity  Tu=fC„  fC 
circumferential  velocity 
relative  velocity  parallel  to  the 
blade  surface 

relative  velocity  derived  from 
L2F-measurements 


co 


cylindrical  coordinates 

dimensionless  shroud  length 
dimensionless  blade  pitch 
dimensionless  channel  depth 
blade  angle 

flew  angla  measured  by 
L2F-technique 
difference  angle  between 
blade  angle  and  flow  angle 
total/total  isentropic 
efficiency 
kinematic  viscosity 
total  pressure  ratio 
density 

angular  velocity 


SUBSCRIPTS 

0  =  ambient  condition 

1  =  rotor  inlet 

2  =  rotor  exit 

3  =  diffuser  inlet 

4  =  diffuser  exit 


INTRODUCTION 

The  research  activities  on  centrifugal  compressors  are  focused  on  increasing  the  per¬ 
formance  and  economy  as  well  as  on  improving  the  design  techniques  for  these  machines. 
Extensive  experimental  studies  are  required  to  accomplish  today’s  knowledge  about  the 
real  flow  character  in  centrifugal  compressors  as  e.g.  about  unsteady  flows,  boundary- 
layers,  secondary  flows  etc..  This  is  the  most  promising  approach  for  establishing  real¬ 
istic  flow  models  that  subsequently  can  be  used  for  a  further  improvement  in  performance 
and  economy  of  centrifugal  compressors  [1,2, 3, 4, 5]. 

Great  progress  has  been  achieved  in  the  experimental  field  by  the  development  of  the 
non-intrusive  optical  velocimeters  which  enable  the  users  to  analyze  the  internal  flow 
fields  of  turbomachines.  Even  the  flow  character  inside  the  rotating  blade  channels  can 
be  analyzed  by  these  measurement  techniques  [6, 7,8, 9).  Generally,  the  absolute  flow  vec¬ 
tors  and  flow  fluctuations  can  be  measured  inside  the  machine  at  any  point  accessible  by 
the  laser  light  from  outside. 

For  the  results  to  be  presented  the  "Laser-2-Focus"  velocimeter  [L2F )  available  at  DFVLR 
has  been  applied  for  detailed  flow  studies.  This  paper  deals  primarily  with  the  secon¬ 
dary  flows  and  the  corresponding  flow  fluctuations  analyzed  with  the  L2F-technique  in  a 
30  deg.  backswept  rotor. 

Today,  two  widely  differing  definitions  of  turbomachinery  secondary  flows  are  in  use. 

The  academic  definition  of  secondary  flows  is  associated  with  the  development  of  stream- 
wise  vorticity  [10,11]  whereas  the  technical  definition  associates  secondary  flows  with 
all  cross  flows  that  are  not  following  the  blades  [12,13].  The  technical  definition  of 
secondary  flows  will  be  the  basis  of  this  paper. 

TEST  COMPRESSOR  AND  INSTRUMENTATION 

The  test  compressor  is  a  single  stage  centrifugal  compressor  designed  for  a  total 
stage  pressure  ratio  of  4.0:1  and  a  mass  flow  rate  of  4.0  kg/s  running  at  a  rotor  tip 
speed  of  U2=470  m/s.  The  compressor  stage  is  composed  of  a  30  deg.  backswept  impeller 
coupled  with  a  vaneless  constant  area  diffuser.  Fig.  1  shows  the  performance  character¬ 
istic  of  this  centrifugal  compressor  stage. 

Maximum  achieved  total/total  isentropic  stage  efficiency  is  84%,  maximum  pressure  ratio 
-  for  105%  design  shaft  speed  -  is  4.5:1.  The  rotor  was  designed  with  a  CAD-method  de- 
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veloped  at  DFVLR  [3,24].  It  has  24  blades  and  its  tip  diameter  is  400  mm. 

The  compressor  flow  characteristics  were  analyzed  by  using  conventional  as  well  as  op¬ 
tical  measurement  techniques.  Total  pressures  and  total  temperatures  were  measured  at 
the  compressor  inlet  and  exit  to  determine  the  performance  characteristic  (Fig.l).  Addi¬ 
tionally,  the  static  pressure  development  was  measured  from  rotor  inlet  to  the  diffuser 
exit.  24  tappings  distributed  over  the  circumference  were  used  at  the  rotor  discharge  to 
determine  the  mean  static  pressure  at  the  rotor  exit  that  has  been  used  to  derive  the 
rotor  efficiency.  The  equations  of  continuity  and  energy  were  applied  and  a  zero  blockage 
was  assumed  for  this  derivation.  Maximum  achieved  total/total  isentropic  impeller  effi¬ 
ciency  was  94%. 


Fig.l  Performance  map  of  the  centri-  Fig. 2  Arrangement  of  the  optical  measuro- 

fugal  compressor  stage  ment  planes 

The  arrangement  of  the  '•'•■’suroraent  planes  in  the  rotor  area  used  for  the  optical  mea¬ 
surements  inside  the  moving  rotor  blade  channels  is  shown  in  Fig.  2.  Detailed  laser  mea¬ 
surements  were  carried  out  at  6  measurement  planes  orientated  perpendicular  to  the 
shroud  contour.  Up  to  16  measurement  points  are  automatically  measured  by  the  L2F-tech- 
nique  across  one  blade  pitch  [15).  At  each  plane  measurements  were  carried  out  at  5  z/b- 
positions  <z/b=0 . 1 f 0 . 3 , 0 . 5 , 0 . 7 , 0 . 9)  permitting  the  reconstruct  ion  of  a  3-D  impeller  flow 
pattern . 

The  measurement  accuracy  is  satisfactory.  Generally  the  error  of  mean  velocity  measvire- 
ments  is  less  than  ±1%  and  the  uncertainty  of  flow  angle  measurements  is  less  than  *1 
deg..  In  regions  of  separated  flow,  however,  the  error  to  be  expected  may  rise  to  -3%  or 
♦  3  deg  .  . 

THROUGH  FLOW  AND  SECONDARY  FLOW 

Figs.  3-8  are  representing  the  through  flow  character  of  the  30  deg.  backswept  impel¬ 
ler.  Lines  of  constant  dimensionless  meridional  velocity  c  /u~  are  plotted  in  these  fig¬ 
ures  for  the  six  measurement  planes  shown  in  Fig.  2.  The  pTotted  results  were  obtained 
for  the  design  point  (m=4.0  kg/s,  n/nn=l). 

Only  small  variations  in  the  meridional  velocity  profile  are  present  at  measurement 
plane  I  (Fig.  3,  x/s  =0)  .  As  expected,  the  meridional  velocity  profile  is  increasing 
slightly  from  the  pressure  to  the  suction  side  and  is  almost  constant  from  hub  to  shroud 
which  agrees  with  the  design  approach  i.e.,  during  the  design  procedure  of  this  impeller 
a  constant  meridional  velocity  profile  has  been  assumed  from  hub  to  shroud. 

Fig.  4  shows  the  meridional  velocity  pattern  obtained  at  measurement  plane  II  (x/s  =0.2). 
A  comparison  with  plane  I  reveals  that  the  meridional  velocity  is  slightly  accelerated 
from  plane  I  to  plane  II,  which,  of  course,  is  not  true  for  the  mean  relative  velocity 
that  is  continuously  decelerated  from  rotor  inlet  to  rotor  exit.  Maximum  meridional  ve¬ 
locities  are  present  in  the  middle  of  the  flow  channel.  A  positive  velocity  gradient  is 
observed  from  hub  to  shroud.  In  the  pitchwise  direction  the  velocities  are  decreasing 
towards  the  blade  surfaces.  A  discrete  boundary  layer  prefile,  however,  is  not  analyzed 
by  these  measurements  which  is  due  to  the  measurement  position  not  permitting  measure¬ 
ments  very  close  to  the  blade  surfaces. 

Fig.  5  shows  the  meridional  velocity  pattern  measured  at  plane  ill  (x/s  =0.4).  Altogeth¬ 
er,  the  velocity  profile  analyzed  at  this  measurement  plane  is  very  similar  to  that 
found  at  plane  II  (Fig.  4).  A  significant  difference  is  only  seen  in  the  shroud/pressure 
side  area.  Here,  a  considerable  gradient  and  a  strong  reduction  are  indicated  for  the 
through  flow  velocity  component.  In  comparison  to  the  overall  flow  channel  the  area  cov¬ 
ered  by  the  low  velocity  fluid  is  rather  small. 

From  plane  III  to  plane  IV  (Fig.  6,  x/s  =0.6)  the  low  velocity  fluid  area  is  increasing 
covering  now  a  greater  portion  of  the  pitchwise  extension.  The  points  of  minimum  veloci¬ 
ties  are  again  located  close  to  the  shroud  but  compared  to  plane  III  they  have  now 
shifted  from  the  pressure  side  towards  the  mid-pitch  position.  Close  to  the  shroud  (z/b= 
0-0.4)  maximum  meridional  velocities  are  present  in  the  vicinity  of  the  blade  surfaces 
and  the  area  of  low  velocity  fluid  is  embedded  in  high  velocity  fluid  areas. 
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Fig. 3  Lines  of  const,  meri-  Fig. 4  Lines  of  const,  meri¬ 
dional  velocity  c  /u0  dional  velocity  c  /u, 

at  plane  I  m  1  «t  plane  II  m  2 

(rf»=4 . 0  kg/s,  n/nQ=l)  (m=4.0  kg/s,  n/nc=l) 


Fig. 
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Lines  of  const,  meri¬ 


dional  velocity  c  /u? 

at  plane  Hi 

(m=4.0  kg/s,  n/nQ=l) 


Fig. 6  Lines  of  const,  meridonal  velocity  Fig. 7  Lines  of  _o.',st.  meridor.ai  velocity 

cm/u2  at  plane  IV  Cn/U2  at  P^ane  v 

(m=4.0  kg/s,n/nQ=l)  (m=4 . 0  kg/s,  n/nQ=l) 

A  similar  flow  character  is  present  at  plane  V  (Fig.  7,  x/s  =0.8) .  But  here,  blade  load¬ 
ing  has  already  significantly  decreased  in  the  middle  of  th?  flow  channel  (z/b=0.5) 
which  can  be  deduced  from  the  lines  of  constant  meridional  velocity  that  are  now  almost 
extending  from  the  pressure  to  the  suction  side  of  the  blade. 

ps  — ^  u 

Fig. 8  Lines  of  const,  meridional 
velocity  c  /u?  at  plane  VI 
(m=4.0  kg/s,  n/nQ=l) 


Fig.  8  illustrates  the  through  flow  character  at  plane  VI  (x/s  =1.004)  that  is  located 
at  the  impeller  exi*.  Due  to  the  laser  beam  orientation,  measurements  at  z/b=0.l  and 
z/b=0.3  had  to  be  taken  outside  of  the  rotor  which  is  also  the  reason  for  the  large  tip 
gap  plotted  in  Fig.  8.  "  <"  low  velocity  fluid  is  now  concentrated  in  the  vicinity  of  the 
shroud.  Only  small  velo  -'ey  gradients  are  present  in  the  flow  channel  area  (z/b=0 . 3- 1 . 0 ) 
indicating  a  very  regular  meridional  velocity  distribution  at  this  measurement  position. 
The  reduction  in  the  through  flow  velocity  component,  primarily  observed  in  the  shroud 
areas  of  measurement  planes  III  to  VI,  is  associated  with  significant  cross  flows.  These 
effects  are  pointed  out  in  Figs.  9-14.  In  these  figures  the  difference  angle  A8  between 
the  blade  and  flow  angle  is  plotted  versus  measurement  area. 

Fig.  9  illustrates  the  flow  angle  distribution  at  plane  I  (Fig.  2).  An  almost  blade- 
congruent  flow  is  present  at  this  measurement  position.  Noticeable  differences  between 
the  flow  and  blade  angle  are  only  seen  in  the  hub/pressure  side  area  which  is  due  to  the 
displacement  effects  of  the  thick  blades. 

A  throughout  blade  congruent  flow  is  observed  in  planes  II  and  III  (Figs.  10,11).  Here 
the  flow  properly  follows  the  blades.  The  differences  between  the  flow  angle  and  blade 
angle  found  in  the  hub/pressure  side  area  of  plane  1  have  now  faded  out,  negligible  AB's 
are  present  in  planes  II  and  III. 
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Fig. 9  AB-distribution  at  plane  I 
(rti=4.0  kg/s,  n/nQ=l) 


Fig. 10  AB~distr ibution  at  plane  II 
(ifi=4  .  n  kg/s.  n/n^  =  l» 


Fig. 11  AB-distribution  at  plane  III  Fig. 12  AB-distr ibution  at  plane  IV 

(rti=4 . 0  kg/s,  n/nQ  =  l)  (lh=4.0  ka/s,  n/nQ  =  l) 

Fig.  12  shows  the  AB-distribution  for  plane  IV.  The  secondary  flow  pattern  analyzed  at 
this  measurement  position  looks  very  irregular.  In  the  hub/pressure  side  area  (y/t=0.2, 
z/b>0.4)  the  flow  has  a  component  towards  the  pressure  side,  whereas,  close  to  the  suc¬ 
tion  side  (y/t=0.8),  the  flow  vectors  are  primarily  pointing  in  the  circumferential  di¬ 
rection.  A  very  strange  looking  secondary  flow  pattern  is  present  at  the  middle  of  the 
flow  channel  (y/t=0.5).  At  this  measurement  position,  the  flow  directions  are  changing 
repeatedly  from  shroud  to  hub.  Looking  at  the  entire  flow  channel,  a  distinct  secondary 
flow  direction  cannot  be  derived  from  these  measurements.  On  the  contrary,  the  secondary 
flow  seems  to  go  in  any  direction.  A  similar  secondary  flow  character  is  present  at  mea¬ 
surement  plane  V  (Fig.  13).  Again  a  distinct  cross  flow  direction  is  not  seen  at  this 
measurement  position. 


Fig. 13  AG-distribution  at  plane  V 
(fo= 4.0  kg/s,  n/n0=l) 


Fig. 14  AB-distribution  at  plane  Vl 
(fh=4.0  kg/s,  n/nQ  =  l) 


In  contrast  to  measurement  planes  TV  and  V  the  cross  flows  are  clearly  directed  towards 
the  pressure  side  of  the  blade  at  measurement  plane  Vi  which  is  located  at  the  rotor  ex¬ 
it  (Figs.  2,14).  This  effect  is  well  known  in  centrifugal  compressor  aerodynamics.  Gen¬ 
erally  it  is  called  the  slip  effect  of  centrifugal  compressor  impellers. 
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INSTANTANEOUS  RESULTS 

The  unsteady  flow  effects  throughout  the  rotor  were  also  analyzed  with  the  L2F- 
technique.  As  expected,  maximum  flow  fluctuations  were  present  in  the  areas  of  great 
velocity  gradients.  This  is  pointed  out  in  Figs.  15-20. 

RV  61.  PLANE  I  GS-avISOm2/*2 
"felkg/s  bct  ISOICp^OOm^/s2 


Fig. 15  Velocity  fluctuations  c  at 
plane  I  (m-4 . 0  kg/s,  n/nQ=l) 

In  these  figures  the  kinetic  energy  (c  =c!i^  ) 
the  mean  absolute  velocity  vector  is  p¥otted 
tuat-ions  are  p-esent  at  measurement  plan's  I 
intensities  are  varying  between  150  nr/s“  an> 
intensities  (Tu)  are  varying  between  3  and  8: 


RV  6 1.  PLANE  B  dZD  eo<150«2/sJ 


Fig. 16  Velocity  fluctuations  c  at 

plane  II  (ft=4.0  kg/s,  n¥nQ=l) 

of  the  velocity  fluctuations  parallel  to 
versus  the  flow  area.  Only  low  flow  fluc- 
ar.d  II2(Figs.  15,16).  Here  the  fluctuation 
1  300  m  /s  .  The  corresponding  turbulence 


RV  6  1.  PLANE  U  C-D  c ,1150m2.' 

K55Q  ^0?cp5300m‘/sJ 
n/r^«1  rgm  300h,5L50mJ/s2 

Emm  L505t,  ^OOm^i2 
900?c.?1500*J /&* 


Fig.  18  Velocity  fluctuations  c  at 

plane  IV  (rh=4.0  kg/s,  n?nQ=l) 


RV  6 1,  PI  A*  l  E3 

KBS  TfoStpISOW/t2 
n/n,r»  GS3  JOOSgSLSOw2/*2 

anna  LSoscpjoooaiW 
VZ72X  9005c,  IlSOOm^/t2 
PS  __  ■■  15005c,  S2500n^y's* 


Fig. 19  Velocity  fluctuations  c  at 
plane  V  (lh*4.0  kg/s,  n/RQ=l) 


Fig.  2C  Velocity  fluctuations  c  at 
plane  VI  (fti=4.0  kg/s,  n?nft=l) 
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The  flow  fluctuations  are  continuously  increasing  towards  the  impeller  exit  (Fics.  i7- 
20),  whic^  i|  primarily  true  for  the  shroud  area,  whereas  only  low  fluctuations 
(c  150  m  /s  )  are  present  in  the  hub  area.  In  the  hub  areas  of  planes  I  to  II  the  fluc¬ 
tuation  intensity  c  does  not  exceed  150  nr  / . 

However,  the  flow  apea  portion  with  low  fluctuation  intensifies  is  continuously  decreas¬ 
ing  from  rotor  inlet  to  rotor  exit.  At  measurement  plane  VI  (Fig.  20)  the  low  fluctua¬ 
tion  intensities  have  almost  vanished.  A  small  area  with  low  fluctuation  intensities  is 
only  present  close  to  the  pressure  side. 

On  the  other  hand,  the  high  fluctuation  intensity  areas  are  increasing  continuously  from 
rotor  inlet  to  rotor  exit.  Maximum  fluctuation  intensities  of  2.500  m.  Is  have  been  mea¬ 
sured  in  the  shroud  area  of  plane  V  {Fig.  19).  However,  the  area  covered  by  those  very 
high  fluctuations  is  rather  small.  Towards  the  impeller  exit  the  fluctuation  intensi  t  io'-- 
in  the  shroud  area  are  again  decreasing. 

Maximum  fluctuation  intensities  at  the  impeller  exit  are  1.500  mis  (Fig.  20).  At  t  h  i  .- 
measurement  plane  the  turbulence  intensity  varies  from  4  ro  10%  which  seems  to  bo  an  ap¬ 
propriate  turbulence  level  for  a  diffuser  inlet  flow  [16] . 

VORTEX  ANALYSIS 


The  results  presented  indicate  significant  cross  flows  and  flow  fluctuations  i  r.  the 
areas  of  reduced  meridional  velocities.  Reduced  meridional  velocities  and  strong  gra¬ 
dients  in  the  meridional  velocity  profiles  are  primarily  present  close  to  the  shroud. 
The  interrelationship  of  these  phenomena  can  be  best  explained  by  a  study  of  the  vcr*.  < 
flow  ^.nside  of  the  impeller  channel  passages. 

Information  about  the  vortex  flow  of  a  centrifugal  compressor  rotor  is  obtained  from  t:. 
lines  of  constant  relative  flow  angles  (isoclines).  The  existence  of  a  real  vortex  •-an 
be  deduced  from  the  shape  of  the  isocline  pattern.  The  basic  relations  for  the  ;«-• 
cf  a  real  vortex  analy7ed  by  means  of  the  I,2F-vo iocimetrv  were  oriainally  derived  b\ 
Rinde r  L 1 ? , 1 fi ] . 


The^o  o.'uat.  ior.s  am  subs,  it  ted  :  F  ;  ; .  .■ 
-o  1  i  d-Lorly  vortex  f  •  •  <  r  <  s  ,  >  :  •  • 

will  have  a  similar  sha,;.-.  The  v*  . 

2.'.  Principally  the  J.2K v«*  1  n- •  i me*  •  •  r  •  m 
lar  tn  the  laser  beam  axis  wherea-  *  ;•;,. 
measured .  Inside  of  t  he  ;  hw  *  * .  a  r,  r  -  •  *  I  *  r;< 
imposed  on  the  vortex  vein  -it  y  <\  .  A."  s 
ative  flow  angle  a.  indite  red  i n* I;; .  i 
t'ror  the  velocity  triangle  it  -an  a ■- 1  1  ■ 
are  descru-ed  by  the  following  simp'*  e 


:<nst  . 

•  konst . 

iSZ 


hey  ire  *.u  1  ;  d  for  a  vortex  -or:  or-c-.i  =-•:  a 
t*'r.t  nil  v  »r tex  part  (r.«r).  Ar.>  i  o,i  1  v.  r*  ex 
tnl  •  i  •  i  ••••*.  of  such  a  v  ••••:•  ♦  «*>•  i?  sfc-.wn  i:  F  i 
y  —«*. a  tie  ve  J  •  city  •- am pone »•.  i  perp*.  :  I  'i; 

i  ?•  ruous  rel.-it.  1V<»  ve  !,->••  j‘  .  w.  A  S  S  ■•*r 

.  „r  w,  J  •  ~ric;£,ir.  .  J. 


a  re  a  . 
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VK;C*t  Stf*UV 


Fig. 23  Isocline  structure  for  a  real 
vortex,  composed  of  a  solid-body  and 
a  potential  vortex  part 


The  corresponding  isoclines  are  shown  in  Fig.  23  indicating  that  the  isoclines  are  par¬ 
allel  in  the  solid-body  vortex  area  whereas  the  isoclines  are  elliptical  in  the  poten¬ 
tial-vortex  area.  The  vortex  center  is  located  in  the  middle  of  the  parallel  isoclines. 
The  idea  described  was  used  to  look  for  vortices  in  the  impeller  flow.  Isoclines  were 
plotted  from  the  L2F-measurement  results  and  a  real  vortex  was  assumed  to  be  present 
when  an  isocline  pattern  similar  to  that  shown  in  Fig.  23  was  analyzed. 


Fig. 24  Isocline  pattern  (£*  =konst.) 
measured  at  plane  IV 
(m=4.0  kg/s,  n/nQ=l) 


Fig. 2^  Isocline  pattern  (fc>L=konst.) 
medjUi'cu  at  y iuTii'  V 
<m=4.0  kg/s,  n/nn=l) 


Jl 


Fig. 26  Isocline  pattern  (s  =konst.) 
measured  at  plane  VI 
(it =4 .0  kg/s  ,  n/nQ  =  l ) 


Figs.  24,25  and  26  are  showing  the  isocline  patterns  for  measurement  planes  TV,  V  and 
VI.  The  isocline  patterns  are  showing  a  distinct  vortex  development  at  these  measure¬ 
ment  planes.  Two  counterrotating  channel  vortices  were  found  at  planes  TV  and  V  Only 
one  channel  vortex  was  analyzed  at  plane  Vl .  close  to  the  shroud  considerable  flow  angle 
differences  and  parallel  isoclines  were  analyzed  at  planes  IV  to  VI.  The  isocline  pattern 
indicates  a  solid-body  vortex  part  in  this  area  which  seems  to  be  initialed  by  the  rela¬ 
tive  motion  between  the  rotor  blades  and  the  casing. 

A  comparison  with  Figs.  3-20  clearly  shows  that  high  reductions  of  the  through  flow  ve¬ 
locity  component,  strong  flow  angle  differences  and  fluctuations  are  primarily  present 
in  the  areas  of  increased  vortex  development.  The  vortices  are  generating  secondary 
flows  in  the  pitchwise  as  well  as  in  the  hub-to- shroud  direction.  Since  the  L2F-veloci- 
meter  is  capable  of  measuring  the  velocity  components  in  the  pitchwise  direction  {Fig. 
22),  the  cross  flow  in  this  direction  caused  by  the  vortex  development  can  be  derived 
from  the  L2F-measurements.  These  results  are  shown  in  Figs.  5-14.  Obviously,  the  stranqe 
looking  cross  flow  patterns  at  measurement  planes  TV  and  V  (Figs.  12  and  13)  are  easily 
explained  with  the  vortex  model.  A  comparison  between  Figs.  14  and  26  -  which  are 
showing  the  results  obtained  at  the  impeller  exit  -  is  suggesting  that  the  slip  effects 
of  the  30  deq .  backswept  impeller  can  also  be  attributed  to  the  vortex  development. 
Obviously,  tl'°  vortices  analyze^  at  the  impeller  discharge  are  predominantly  sweeping 
the  flow  in  the  negative  ci rcumterent 1a 1  direction.  These  effects  are  clearly  marked  in 
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the  hub  and  shroud  area  whereas  the  cross  flow  towards  the  pressure  side  of  the  blade  is 
suppressed  in  the  middle  of  the  flow  channel  which  seems  to  be  due  to  the  counter¬ 
rotating  vortices  (Fig.  26) . 


Fig.  27  Through  flow  velocity 

distribution  in  a  vortex 


0  01  02  0)  04  OS  06  0  7  08  08  I0r/rw 

The  low  -through  flow  velocities  in  the  shroud  areas  of  measurement  planes  IV,  V  and  VI 
(Figs.  6,7  and  8)  are  also  supposed  to  be  due  to  the  vortex  development.  It  is  well 
known  that  the  through  flow  velocity  component  of  a  swirling  flow  is  decreasing  from  the 
vortex  edge  towards  the  vortex  center  [19,20,21  ]  .  Fig.  27  illustrates  this  effect  for 
three  vortices.  A  vortex  with  an  axial  velocity  component  varying  only  in  the  radial  di¬ 
rection  is  assumed  Nz=w  (r) ) .  The  radial  velocity  component  is  assumed  to  be  zero 
(w  =0) .  For  these  assumptions  th~  following  relations  can  be  derived  from  the  Navier- 
Stokes  equations: 


,f2/r  - 

~  dp/  3r 

(3) 

P  (  $  )  = 

konst . 

(4) 

V  1  J. 

r  dr 

o 

II 

w 

(5) 

Equation  (5)  can  easily  be  integrated  and  the  result  of  the  integration  is  shown  in  Fig. 
27. 

The  through  flow  velocity  has  a  maximum  at  the  vortex  edge  (r/r  =1)  and  is  decreasing 
towards  the  vortex  center.  The  descent  towards  the  center  strongly  depends  on  the  radius 
ratio  rmav/rQ  that  relates  the  potential  vortex  part  to  the  solid-body  vortex  part  of 
the  overall  vortex.  Qualitatively  the  results  obtained  are  in  good  agreement  with  the 
measurement  results  found  for  the  impeller  flow.  In  the  impeller  the  through  flow  veloc¬ 
ity  is  also  decreasing  in  those  areas  where  *-he  vortices  are  present. 

The  distorted  actual  through  flow  patterns  are  also  supposed  to  be  due  to  the  vortex 
development  inside  of  the  flow  passages. 
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DISCUSSION 

J.  MOORE,  US 

Can  you  tell  us  what  the  tip  clearance  was  in  this  impeller  and  what 
is  its  distribution  through  the  impeller  ? 

Author's  Reply 

When  the  impeller  was  operating  at  the  design  point,  the  tip  clearance 
at  the  impeller  inlet  was  0.5  mm,  and  0.2  mm  at  the  impeller  exit. 


J.  HOURMOUZIADIS,  Ge 

You  observed  secondary  flow  pattern  primary  in  the  rear  half  of  the 
impeller,  and  you  said  it's  because  the  relative  motion  of  the  impeller 
casing.  There  is  also  relative  motion  in  the  front  part  of  the  impeller.  Do 
you  have  an  explanation  why  it  was  predominant  in  the  rear  part  ? 

Author's  Reply 

There  are  significant  differences  in  velocities  through  the  impeller. 
In  the  rear  part  they  are  greater  than  in  the  impeller  inlet  and  I  think 
that  is  the  reason  for  this  phenomena. 
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H.  VIGNAU,  Fr 

A  quelle  distance  minimale  des  parois  avez-vous  effectue  des  mesures  ? 
Author's  Reply 

The  measurements  results  shown  during  this  presentation  have  been  ta¬ 
ken  at  1.6  mm  from  the  wall,  at  the  impeller  exit.  We  also  carried  out  mea¬ 
surements  very  close  to  the  wall,  at  0.5  mm  from  it.  These  results  have  not 
been  presented  here. 
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METHODE  DE  PREVISION  DES  LIMITES  DE  FONCTIONNEMENT  EN  DEBIT  DES  COMPRESSEURS  CENTRIFUGES 

H.  MITON,  C.N.R.S.-I .M.F.M. ,  1,  rue  Uonnorat,  13003  Marseille  (France) 

G.  SENATORS,  I.M.F.M.,  1,  rue  Honnorat,  13003  Marseille  (France) 

J.  CHAUVIN,  L.E.M.F.I.,  B5t.  502,  Campus  Universitaire .  91405  Orsay  Cedex  (Farnce) 


Les  phenon&nes  qui  imposent  le  d6bit  minimum  de  fonctionnement  d'un  compresseur  centrifuge  ne  sont  pas 
touqours  clairement  identifies.  Si  le  pompage  et  le  d6crochage  tournant  sont  souvent  observes  a  debit  par¬ 
tial,  il  n'est  pas  certain  que  ce  soient  seulement  ces  ph<5nom£nes  purement  instationnaires  qui  impcsent  La 
"ligne  de  pompage”.  L'approche  qui  a  6te  retenue  ici  consiste  a  determiner  cette  ligne  en  appliquant  u:.i- 
quenvent  descrit&res  de  charge  dans  la  region  axiale  de  la  roue  mobile  et  la  partie  semi-aubee  du  diffu- 
seur.  La  limite  de  fonctionnement  est  supposee  attain te  lorsque  roue  et  diffuseur  sont  simultanement  decro- 
ch6s.  Les  r^sultats  d'une  m^thode  d 'analyse  simple  appliqu^e  h  deux  compresseurs  de  caract^r istiques  g£o- 
metriques  trfes  differentes  montrent  un  assez  bon  accord  entre  la  limite  de  fonctionnement  d^finie  par  ce 
critere  et  la  ligne  de  pompage  experimental . 


Liste  des  symboles 


V 
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Vu 
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M 

Mw 

U 

N 

X 

0 

DPmax 
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B 

T 

To 

g 

Cp 
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R 

R m 
Rp 
Rt 

Zr 
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Vitesse  absolue 
Vitesse  d^bitante 
Vitesse  tangentielle 
Vitesse  relative 
Norabre  de  Mach  absolu 
Norabre  de  Mach  relatif 
Vitesse  d 'entralnement 
1^2 /  v  To  1 

Rapport  des  vitesses  d6bitantes  sortie/entree  roue 
Coefficient  de  J6bit  :  Vaj/U; 

Coefficient  de  charge  litrite 
Potentiel  des  vitesses 

Angle  entre  la  vitesse  relative  et  la  vitesse  d^bitante 

Temperature 

Density 

Temperature  to tale 

Rapport  des  chaleurs  specifiques 

Chaleur  sp^cifique  h  press  ion  cons  tan  te 

Rendement  de  la  roue  mobile 

Rapport  de  pression  totaio 

Facteur  de  forme  de  Truckenbrodt  (potentiel  de  deformation) 

Rayon 

Rayon  moyen 

Rayon  de  pied 

Rayon  de  tete 

Section  de  passage 

Nombre  de  pales  de  la  roue 

Angle  form£  par  les  pales  avec  la  direction  radiale  •')  la  sortie  de  la  roue 
Direction  du  maillage 
Direction  du  maillage 
Coefficient  de  glissement 


Indices 


1  :  Entree  de  la  rout  mobile 

tr.  :  Col  de  la  roue  mobile 

2  :  Sortie  de  la  roue  mobile 

i  :  Entree  du  diffuseur 

*  :  Col  du  diffuseur 

4  :  Sortie  compresseur 


I .  INTRODUCTION 

Si  le  ddbit  maximum  d'un  compresseur  centrifuge  peut  etre  J6termin*s  sar.s  ambiguItC,  dans  la  w><si:r<!  ou  5  ’  on 
sait  pr^voir  ia  saturation  de  ces  differents  composants,  les  ph£nomenes  qui  imposent  son  debit  minimum  ne 
sont  pas  toujours  clairement  identifies. 

Il  convient  d'abord  de  pr6ciser  les  phdnoin&nes  g^n^ralement  mis  en  clause 

-  le  pompage  vrai 

-  le  d^crocbage  tournant 

et  d'effectuer  une  rtnarque  concernant  l'usage  de  ces  termes. 

Le  pompage  "vrai"  int^resse  1' ensemble  du  compresseur  et  son  circuit.  Son  amplitude  peut  §tre  importanLe 
(fluctuations  de  la  vitesse  atteignant  100  %  du  niveau  moyen) .  Sa  frequence  est  g£n£ralement  faible.  Il 
peut  se  produire  dts  que  la  pente  de  la  courbe  caract^r istique  d^bit-pressiori  globale  du  compresseur  pre¬ 
sent©  une  certaine  valeur  positive.  Son  apparition  et  son  amplitude  sont  fortement  influences  par  le  cir¬ 
cuit  r^cepteur.  Il  n'est  pas  n$cessai remen t  provoqu^  par  le  ddcrochage  tournant. 

Le  terme  de  "d£crochage  tournant"  d^sxgne  en  r£alit£  plusieurs  ph£nom£nes  de  nature  complfctement  diff«§ren- 
te  du  prSc^dent.  11  s'agit.  d '  instability  de  m£me  type  que  ceiles  observes  dans  les  compresseurs  ax^aux, 
prdsentant  certaines  caract^rlstiques  propres  aux  compresseurs  centrifuges.  En  particulier,  on  peut  d£ce- 
ler  un  d^crochage  tournant  dans  une  seule  partie  du  compresseur  non  ressenti  dans  d'autres  parties  de  la 
machine,  m£me  voisines. 
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Les  informations  dont  on  dispose  de  ce  point  de  vue  sont  souvent  ambigties.  II  est  en  effet  d' usage  de  de¬ 
signer  ia  limite  de  lonctiuanement  d'un  compresseur  par  le  tenne  de  ’’ligne  de  pompage",  sans  que  1  'on 
puisse  toujours  identifier  expyrimentalement  le  phdnomdne  rdellement  en  cause.  II  est  dans  ces  conditions 
diff  idle  d’dtablir  une  mdthode  de  prevision  si  l’on  ne  connalt  pas  sur  quelles  bases  cette  ligne  a  did 
r6ellement  ddterminye,  bases  qui  dans  certains  cas  peuvent  dtre  mdme  quelque  peu  subjectives. 

Le  pompage  et  plus  fryquemment  le  ddcrochage  tournant  sont  souvent  observes  A  ddbit  partiel  ;  il  n’est 
cependant  pas  certain  que  dans  tous  les  cas,  ces  phdnomdnes  purement  instationnaires  imposent  la  ligne 
de  pompage.  Des  ddcollennents  de  la  couche  limite  dans  certaines  regions  du  compresseur,  mdme  stationnai- 
res  dans  un  repdre  fixe  ou  mobile,  mais  toujours  A  l'origine  de  phdnomdnes  instationnaires  intenses  A  tra- 
vers  le  mouvement  relatif,  peuvent  parfaitement  perturber  le  fonctionnement  a  faible  ddbit.  Par  ailleurs, 
en  raison  de  leur  influence  sur  le  profil  des  courbes  caractdristiques  des  diffdrentes  dldments  de  la  ma¬ 
chine,  ces  ddcollements  peuvent  contrdler  par  ce  biais  1 'apparition  des  ph^nomenes  instationnaires  ddcrits 
ci-dessous . 

Enfin,  au-delA  de  l'aspect  phdnomdnologique  du  probidme,  si  1'on  s'en  tient  au  point  de  vue  de  la  provi¬ 
sion,  il  est  Ovident  que,  ddcrochage  stationnaire  relatif  4  un  composant,  ddcrochage  tournant  ou  pompage 
ont  une  cause  commune  et  ne  sont  que  les  diffdrentes  consdqunces  d'une  charge  excessive  imposde  b  1'dcou- 
lement  dans  certaines  parties  de  la  machine. 

Deux  approches  ont  dtd  envisagdes  pour  traiter  ce  probidme  dont  la  nature  n'est  done  pas  toujours  claire- 
ment  ddfinie,  mdme  lors  des  essais  : 

-  Analyse  ddtaillde  de  la  stability  de  1 'dcoulement .  Cette  approche  largement  utilisde  dans  les  compres- 
seurs  axiaux  revient  A  identifier  le  pompage  avec  une  instability  de  1 'dcoulement  suivant  le  temps.  Elle 
paralt  avoit  dtd  surtout  mise  en  oeuvre  pour  traiter  le  cas  des  diffuseurs  lisses  (Rdf.  I  A  4} . 

Entrent  dgalement  dans  cette  catdgorie  les  travaux  basds  sur  l’dtude  de  la  pente  des  courbes  caractdris- 
tiques  dybit-pression.  Appliquyes  b  l'ensemble  du  circuit,  ces  mdthodes  permettent  de  prdvoir  le  pompage 
"vrai" . 

Toutefois,  la  stability  de  chaque  composant  (roue,  diffuseur,  volute)  peut  etre  ytudiye  syparyment,  appro- 
che  "localisye”  qui  paralt  mieux  adaptye  A  la  pryvision  du  dycrochage  tournant  (voir  par  exemple  les 
Ryf.  11  et  12  pour  le  cas  des  diffuseurs  aubys) .  Il  est  cependant  permis  de  s'interroger  sur  la  validity 
des  approches  linyaires  dans  les  compresseurs  centrifuges  en  raison  de  1' amplitude  des  phynomynes  insta- 
tonnaires ,meme  au  point  de  fonctionnement  nominal. 

-  Application  de  critdres  de  charge  (souvent  trds  empiriques)  dans  certaines  parties  de  la  machine  fai- 
sant  intervenir  des  caractyristiques  gyomytriques  (nombre  d'aubes,  rapports  de  rayons)  et  certaines  per¬ 
formances  locales  ou  globales.  Cette  approche,  finalement  voisine  de  celle  adoptye  dans  ce  travail,  tend 
A  identifier  l’entrye  en  "pompage"  b  1' apparition  de  certains  phynomynes  stationnaires . 

S’appliquant  de  f agon  "localisye"  aux  diffyrents  yiyments  de  la  roue  et  du  diffuseur,  elle  paralt  dgale- 
ment  intyresser  particuliyrement  les  machines  plus  fortement  concernyes  par  le  dycrochage  tournant  que  le 
pompage  "vrai". 

II.  RAPPEL  DE  CERTAINES  OBSERVATIONS  EFFECTUEES  AU  V0I5INAGE  DE  LA  LIGNE  DE  POMPAGE. 

Pour  proposer  un  modyie,  il  apparalt  ndeessaire  de  tenter  d’yclaircir  dans  quel  ordre  les  diffyrents  phy¬ 
nomynes  susceptibles  d'iraposer  la  ligne  de  "pompage"  sont  gynyralement  observds. 

Le  dycrochage  tournant  a  yty  raoins  ytudiy  que  pour  les  compresseurs  axiaux.  Il  a  bien  yty  observy  expdn- 
mentalement  sur  des  roues  et  des  diffuseurs  de  compresseurs  centrifuges .FRIGNE  et  VAN  DEN  BRAEMBUSSCHE 
(Ryf.  5)  ont  ytudiy  un  compresseur  yquipy  d’un  diffuseur  lisse,  et  mis  en  yvidence  que  plusieurs  rygiroes 
de  ddcrochage  tournant  prdeddent  gdndralement  l'entrye  en  pompage  "vrai". 

Dans  la  roue  mobile,  trois  types  de  dycrochages  tournant  se  distinguant  par  leur  amplitude  et  leur  fre¬ 
quence  peuvent  etre  obtenus . 

-  dycrochage  "faible" 

-  dycrochage  progressif,  d’amplitude  continuement  variable  lorsque  le  point  de  fonctionnement  se  dyplace 
sur  la  courbe  caractyristique  (peut  n'apparaltre  qu'A  certaines  vitesses  de  rotation) 

-  dycrochage  "brutal",  c'est-A-dire  apparaissant  brusquement  A  l'aroplitude  maximum  A  partir  d'un  certain 
ddbit . 

Le  dycrochage  tournant  de  type  "progressif"  montre  une  amplitude  maximum  A  un  dybit  interraydiaire  entre  le 
ddbit  donnant  le  rapport  de  pression  maximum  et  le  dybit  correspondant  b  l’apparition  du  dycrochage  bru¬ 
tal.  C'est  souvent  b  ce  dybit  intermddidire  qu'apparait  le  pompage  "vrai"  (dyfini  en  tant  au * instabil ity 
du  dybit  d'amplitucfe  importante)  qui  peut  dgalement  dtre  ddclenchd  par  le  dycrochage  "brutal". 

Dams  les  diffuseurs ,  deux  types  de  dycrochage  tournant  ont  yty  mis  en  yvidence  par  les  monies  auteurs  : 

-  dycrochage  b  haute  fryquence  pour  les  plus  grands  dybits  ; 

-  ddcrochage  b  basse  fryquence  pour  les  dybits  plus  faibles  (prycydant  une  entrye  yventuelle  en  pompage 
"vrai" ) . 

Ces  auteurs  ont  observy,  par  ailleurs,  que  si  l'entrye  en  dycrochage  de  la  roue  mobile  est  ryalisy,  il 
peut  empdeher  l’apparition  du  decro^hage  tcurnant  dans  le  diffuseur  pour  des  dybits  plus  faibles. 

Si  ce  probidme  paralt  avoir  yty  ytudiy  de  fagon  trds  ddtaillde  pour  les  diffuseurs  lisses  (Ryf.  5  et  6) , 
type  de  machine  qui  prysente  moins  d'intdrdt  actuellement ,  il  parart  dif  f  ici  le  d *  avoir  des  informations 
aussi  prycises  concernant  les  diffuseurs  aubys. 

Dans  ce  domaine,  des  travaux  concernant  la  stability  des  diffyrentes  parties  du  diffuseur  ont  cependant 
ytd  effectuds.  Par  exemple,  BAGHADI  (Ryf.  7)  a  pu  mettre  en  yvidence  une  influence  stabilisatr ice  de  la 
partie  iis9e  et  semi-aubye  (pente  de  la  courbe  caractyristique  toujours  nygative) .  Le  rygime  de  fonc¬ 
tionnement,  stable  ou  instable,  du  diffuseur  se.ait  ainsi  imposy  par  la  partie  aubde. 

On  ne  dispose  cependant  pas  d* informations  prdcises  permettant  de  savoir  si  A  une  telle  instability  est 
associy  un  ddcrochage  tournant  ou  un  pompage  "vrai". 

Il  resaort  de  cette  premidre  analyse  sommaire,  que  dans  les  compresseurs  centrifuges,  le  pompage  "vrai" 
est  gdndralement  prdcddd  par  un  rdgime  de  ddcrochage  tournant  intdressant  au  moins  la  roue  mobile.  D'au- 
tre  part ,  un  compresseur  peut  parfaitement  dtre  le  sidge  d'un  phdnomdne  ddcrochage  tournant  de  type  "pro¬ 
gress  if",  avant  d'atteindre  sa  ligne  de  pompage. 

En  ce  qui  concerne  le  ddcrochage  tournant  dans  les  diffuseurs  aubds,  son  occurence  paralt  avoir  dtd  moins 


bien  raise  en  Evidence. 

Il  convient  enfin  de  rappeler,  d'un  point  de  vue  pratique,  que  si  le  ddcr^cnage  tournant  est  un  phdnomdne 
trfes  critique  dans  les  compresseurs  axiaux,  les  conjpresseurs  centrifuges  ,de  par  leur  structure  plus  com¬ 
plete,  sont  gdndralement  A  l'abri  des  risques  de  rupture  par  contrainte  d'origine  adrodynaraique  (sauf  si 
les  pressions  de  fonctionnement  sont  dlevdes). 

III.  L'APPROCHE  RETENUE 

En  consequence  il  apparait  que  l'un  des  points  essentiel  est  d* identifier  correctement  les  composants  de 
la  machine  dont  le  comportement  est A  l’origine  des  dvdnements  se  produisant  A  la  limite  acceptable  de 
fonctionnement. 

De  ce  point  de  vue,  le  travail  de  YOSHINAKA  (Rdf.  8)  est  particulieremt..t  sinnif  icat if .  Cat  auteur _ ..rocie 

1 'entree  en  ’’porapage"  au  ddcollement  simultane  de  la  region  d'entrde  de  la  roue  (bord  d 'attaque-col )  et  du 
diffuseur  (rdgion  semi-aubde) (Fig.  1) . 

Celle  des  deux  rdgions  entrant  en  ddcrochage  pour  le  d^bit  le  plus  faible  entralne  alors  le  pompage  au 
moment  de  son  ddcollement . 

Cette  approche  donne  un  sens  nouveau  aux  radthodes  ba¬ 
shes  sur  les  critdres  de  charge  en  ce  sens  que  1' ap¬ 
parition  du  phdnomene  n'est  plus  la  consequence  du 
comportement  d'un  seul  element  du  compresseur,  mais 
de  plusieurs.  Cette  hypothdse  est  confronts  par 
l'auteur  A  des  rdsultats  expdrimentaux  globaux  pour 
une  sdrie  de  compresseurs  A  rapports  de  pression  dle- 
vd  (11:1).  Les  roues  et  diffuseurs  sont  ider.tiques, 
et  les  compresseurs  se  dif f drenc ient  uniquement  par 
le  taux  de  prdrotation  en  amont  de  la  roue . 

Un  accord  satisfaisant  est  obtenu,  sauf  en  rdgime  de 
rotation  intermddiaire  avec  prdrotation  nulle  ou  la 
provision  est  optimiste.  Cette  difference  peut  etre 
dde  a  une  interaction  forte  dif fuseur-roue  mobile,  en 
raison  d'un  ddcrochage  tournant  "brutal"  dans  cette 
dernidre. 

Au  vu  de  ces  rdsultats,  il  nous  a  paru  intdressant 
de  verifier  ce  concept  du  critdre  de  double  ddcolle- 
ment  sur  des  gdoradtries  diffdrentes,  ainsi  que  la  for¬ 
mulation  et  les  valeurs  numdriques  des  formules  de 
charge  limite,  puis  la  sensihilitd  des  rdsultats  ob- 

Dans  un  premier  temps,  un  programme  de  ealeui  de  performances  du  type  "ligne  moyenne"  a  dtd  dtabli.  il 
s'agit,  pour  la  roue,  d'une  mdthode  de  "niveau  II"  suivant  la  classification  de  JAPISKE  (Wf .  9).  Moyen- 
nant,  h  ce  stade,  un  certain  nombre  de  recalages  expdrimentaux,  elle  a  permis  d'dvaiuer  Its  charges,  puis 
les  conditions  de  ddcrochage,  dans  les  avant-roues  et  les  regions  semi-aubdes  de  deux  compresseurs  "tests" 
de  gdomdtrie  trds  diffdrente. 

Avec  des  temps  de  calcul  extrer  ■nment  rdduits,  il  parait  ainsi  possible  de  prdvoir  la  "ligne  de  pompage" 
avec  une  erreur  gdndralement  infdrieure  A  10  %  sur  le  ddbit  et  d' identifier  gdndralement  sans  amfcigultd 
le  composant  responsable. 

Ces  premiers  rdsultats  ont  conduit  A  entreprendre  une  deuxidme  dtape,  dans  laquene  les  charges  limites 
sont  calculdes  pour  chaque  compresseur  d  chaque  vitesse  de  rotation.  Ces  calculs  font  intervene  une  md- 
thode  de  type  "trois  zones"  (dcoulement  sain  et  couches  limites)  appliquees  localement  dans  les  deux  re¬ 
gions  critiques.  Si  cette  dtude  est  toujours  en  cours,  les  rdsultats  partiels  qui  sont  prdsentds  parais- 
sent  confirmer  les  conclusions  proposdes  A  1 '  issue  de  la  preridre  dtape. 

4.  LES  DEUX  PRINCIPALES  COMPOSANTES  DE  LA  METHODE  DE  PREVISION 

4.1.  Calcul  A  la  ligne  moyenne 

Il  s'agit  d'une  mdthode  directe  dans  laqueile  La  gdomdtrie,  le  nombre  vie  tours  et  le  ddbit  sont  donnes. 

Les  objectifs  sont  de  calculer  rapidement,  avec  une  precision  suffisante,  les  qrandeurs  caractdr ist iqu*»s 
(angles,  vitesses,  pressions)  de  l’dcoulement  : 

-  de  1* entree  au  col  uans  la  par tie  axiale  de  la  roue  mobile  ; 

-  de  la  sortie  de  la  roue  au  col  du  diffuseur. 

En  consequence,  cette  mdthode  prdgente  les  caractdristiques  suivar.tes  : 

a)  Calcul  sur  une  1  igne  de  courant  representative  unique  (rap..ditd  d'exdcution)  ; 

b)  Bonne  precision  A  la  traversee  de  la  roue  pour  donner  les  conditions  correctes  A  1 'entree  du  diffuseur; 

c)  Evaluation  assez  grossidre  des  performances  delapartie  aubee  du  diffuseur  et  de  ia  region  de  refoule¬ 
ment  dont  1' importance  n'est  pas  essentiel le  dans  le  cadre  de  ce  travail. 

Pour  satiofaire  le  point  b,  on  utilise  cei tains  rdsultats  d'origine  expdr imentale  notamment  le  rendement 
de  la  roue.  Le  glissement  est  calculi  suivant  la  fornuie  de  ECK,  adapt*e  au  cas  du  compresseur  dtudid 
(voir  tableau  ♦  2  An.  1)  .  Le  niveau  de  correction  est  fa’ble  et  dans  la  precision  des  mdthodes  de  type  il 
d'aprds  JAPISKE  (Rdf.  9).  Cette  rdfdrence  justifie  dgalement  le  fait  que  cette  correction  puisse  etre  ef- 
fectude  une  seule  fois  dans  tout  le  champ  :  la  deviation  standard  de  correction  d' angle  pour  reproduire 
les  performances  expdrimentales  est  de  I'ordre  du  degrd  sur  l'ensemble  de  celui-ci. 

Les  blocages  au  niveau  du  col  du  diffuseur  sont  dvaluds,  sol t  (dans  la  premiere  dtape  .*  §  5),  suivant  les 
formules  d'origine  expdr imentale  proposes  par  KENNY  (Rdf.  11),  soit  (dans  la  deuxidme  dtape  :  §  6)  par 
calcul  du  ddveloppement  de  la  couche  limite. 

Compte  tenu  des  informations  d'origine  expdrimentale  utilises,  ce  calcul  n'a  done  pas  la  pretention  d'e¬ 
tre  une  mdthode  gdndrale  de  provision  du  champ  caractdrist ique  complet  d'une  machine  quelconque. 

Une  description  complete  en  est  donnde  dans  la  rdfdrence  20,  et  un  rdsumd  en  Annexe  1. 


tenus  aux  paramdtres  mis  en  jeu. 
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4.2.  Provision  du  d4crochage  des  composants 

On  utilise  des  coefficients  de  charge  limite  caract6risant  1 'accroissement  de  pression  statique  A  la  tra- 
vers4e  de  la  region  consid6r4e . 

-  1  'entree  de  la  roue  mobile  : 

DPmaxi-th  =  Pth  -  Pl/Pol  -  PI 

entre  le  bord  d'attaque  et  le  col,  divis4  par  la  difference  entre  la  pression  d'arrSt  et  la  pression  sta¬ 
tique. 

-  A  1' entree  du  diffuseur  : 

Dpmax3-*  =  P*  "  P3/P03  *  P3 

Deux  sources  sont  utilises  pour  la  determination  de  la  valeur  limite  : 

-  formules  erapiriques  de  type  KENNY  (R6f .  13) (Fig.  6)  relev4es  pour  des  diffuseurs  A  canaux  et  ailetes  de 
compresseurs  PRATT  et  WHITNEY,  donnant  un  rapport  de  pression  de  6:1,  sensiblement  plus  41ev4  que  celui 
des  deux  machines  consid4r6es  ici.  Suivant  ces  formules,  la  charge  limite  est  fonction  seulement  du  nom- 
bre  de  Mach  au  bord  d'attaque  des  aubages. 

-  calcul  local  suivant  un  module  A  trois  zones  (4cou  lenient  sain,  plus  couches  limites) ,  non  coupl4es  pour 
la  roue,  coupl4e  pour  le  diffuseur.  Les  r4sultats  de  ces  calculs  permettent  d'6tablir  des  courbes  de  type 
KENNY  pour  chelae  type  de  machine  et  chaque  region  cOnsid4r4e. 

4.3.  Les  compresseurs  etudi6s 

La  m4thode  de  provision  briAvement  prAesntAe  dans  le  paragraphe  precedent  a  4t4  mise  en  oeuvre  pour  deux 
compresseurs  sensiblement  diffArents  pour  lesquels  on  dispose  au  moins  d'un  certain  nombre  de  rAsultats 
d'essais  : 

-  compresseur  DFVLR  (R6f.  10) 

-  compresseur  TURBOMECA  (RAf.  14) 

Les  principales  caractAristiques  de  ces  machines  sont  reprAsentAes  dans  le  tableau  I  ci-dessous  = 


Tableau  1 


Roue 

Diffuseur 

*  Rp/R2 

*  Rt/R2  * 

type  pales  *  nbr.  pales 

*  R3/R2  *  nbr.  pales  * 

DFVLR  *  0.2 

*  0.7 

radiales  *  14 

*  1.1  *  27  * 

TURBOMECA  *  0.35 

*  0.603  * 

couchAes  *  16 

*  1.024*  15 

4.4.  Validation  du  calcul  A  la  ligne  noyenne 

Les  performances  de  ces  deux  compresseurs  ont  4t4  dAtenninAes  par  mice  en  oeuvre  de  la  mAthode  de  calcul 
A  la  ligne  moyenne.  Les  rendements  de  la  roue  mobile  ont  AtA  estimAs  d'apres  les  maximum  mesurAs  le  long 
de  chaque  isovitesse  (voir  Al.S).  Les  courbes  reprAsentAes  sur  les  figures  2  et  3  correspondant  aux  deux 
compresseurs,  donnant  une  seule  valeur  par  dAbit,  ont  AtA  ainsi  obtenues. 

Par  ailleurs,  le  facteur  de  glissement  a  AtA  fixA  A  une  valeur  unique  adapts  A  partir  de  la  formule  de 
ECK. 

Les  x4sultats  ainsi  obtenus  sont  prAsentAs  sur  les  figures  4  et  5. 

Compte  tenu  de  la  mAthode  utilisAe  pour  Avaluer  le  rendement  des  roues  mobiles,  les  rapports  de  pression 
calculus  coincident  rAelLement  avec  les  valeurs  mesurAes  seulement  prAs  de  la  ligne  de  pompage ,  c'est-A- 
dire,  lorsque  la  valeur  du  rendement  utilisAe  dans  le  calcul  est  voisin  du  rendement  rAel .  Les  problAmes 
qui  nous  intAressent  prenant  place  prAoisAment  dans  cette  region  du  champ,  ces  rAsultats  peuvent  etre  con- 
sidArAs  comme  satisfai sants . 

Figure  2  figure  3 


3  4 


5  6 
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5.  MISE  EN  OEUVRE  DE  LA  METHODE  DE  PREVISION  AVEC  CRITERES  DE  CHARGE  EXPERIMENTAUX  (Premiere  etape) 

5.1.  Cri teres  de  charge  limite  pour  la  partie  semi-aubee  du  diffuseur 


On  dispose,  pour  ^valuer  la  charge  limite  de  la  partie  semi-aub6e  du  diffuseur,  des  courbes  d'origine  ex- 
pSrimentales  etablies  par  KENNY  (Fig.  6  et  R4f.  13)  pour  les  diffuseurs  A  canaux.  Dans  le  domaine  subso- 
nique  ou  transsonique  qui  nous  interesse  ici,  le  coefficient  de  charge  limite  varie  de  0.35  pour  les  fai- 
bles  valeurs  du  nombre  de  Mach,  A  0.4  pour  Mw3  =  1.  II  crolt  ensuite  rapidement  jusqu'A  0.5,  maximum  ob- 
tenu  pour  Mw3  =  1.15,  repr^sentant  un  nombre  de  Mach  critique  au  deli  duquel  le  decollement  de  la  couche 
limite  par  choc  limite  1 'accroissement  de  pression  dans  la  partie  semi-aub6e  du  diffuseur. 


Figure  6 


II  est  interessant  de  remarquer  que  YOSHINAKA  (R4f.  8),  dont  les  resul^ats  ont  <*te  rapportes  plus  haut, 
utilise  dans  son  module  theorique  un  coefficient  uniform^ment  4gal  A  0.4,  independant  du  nombre  de  Mach. 

Ce  critire  constitue  en  quelque  sorte  une  simplification  de  celui  propose  par  KENNY . 

Des  formulations  differentes  font  intervenir  d'autres  parametres  que  le  nombre  de  Mach.  On  peut  citer 
HERBERT  et  CAME  (R4f.  11),  pour  qui  le  parametre  dominant  est  le  rapport  des  surfaces  Aw/Ag  ou  Aw  repr4- 
sente  la  surface  mouiliee  de  l'espace  semi-aub4e,  Ag  la  surface  g4om4trique  du  col.  Ces  auteurs  notent 
egalement  une  certaine  influence  sur  la  charge  limite  du  nombre  d'aubes  du  diffuseur,  ainsi  que  des  per¬ 
formances  du  collecteur  monte  en  aval.  Cependant,  les  rdsultats  qu'ils  pr4sentent  r.e  permettent  pas  de 
comprendre  de  fagon  trfes  claire  1' influence  de  ces  parametres  ou  composants  du  compresseur. 

HELDER  et  GILL  (R4f.  12)  ont  4tudi4  1’ influence  du  nombre  d'aubes  de  la  roue  mobile  sur  la  charge  limite. 
Cette  tentative  est  int4ressante  dans  la  raesure  ou  elle  permet  de  prendre  indirectement  en  compte  1 ' in¬ 
fluence  des  ph4nora4nes  instationnaires  sur  le  fonctionnement  de  la  partie  semi-aubee  du  diffuseur.  Ce¬ 
pendant,  leurs  r4sultats  pr4sentent  une  dispersion  importante  et  leur  nature  purement  experimental  ne 
permet  pratiquement  pas  d ' introduire  cette  influence  dans  un  modele  theorique. 

Dans  ces  conditions,  les  criteres  de  KENNY  ont  4te  appliques  directement  aux  deux  diffuseurs  4tudi4s. 

5.2.  Criteres  de  charge  limite  pour  la  region  d‘ entree  de  la  roue  mobile. 

Il  n’existe  A  notra  connaissance  pas  de  relations  semblables  A  celles  de  KENNY  pour  ia  partie  du  rotor  si- 
tu4e  entre  l'entrde  et  le  col  des  canaux  (les  relations  bas4es  sur  le  factei c  de  diffusion  du  type 
Lieblein  etant  dif f icilement  applicables  aux  aubages  d'une  roue  centrifuqe) . 

Ainsi,  on  a  ete  contraint ,  dans  une  premiere  etape,  d’appliquer  au  rotor  les  criteres  du  m£me  type  que  pour 
le  diffuseur,  c'est-A-dire  supposer  qu'il  existe  un  coefficient  de  charge  limite  uniquement  fonction  du 
nombre  de  Mach  relatif  A  1' entree  Mwl . 

5.3.  Application  de  relations  de  charge  limite  type  KENNY  aux  compresseurs  DFVLR  et  TURBOMECA. 

Le  calcul  A  la  ligne  moyenne  fournit  les  caracteristiques  de  l'4coulement  (W,  p,  T)  dans  les  deux  regions 
critiques  : 

-  avant-roue  :  de  1 'entree  au  col  forme  par  la  pales  (les  valeurs  sont  alors  pond4r4es  par  le  debit)  ; 

-  region  semi-aub4e  du  diffuseur  :  du  bord  d'attaque  des  aubages  A  i 'entree  des  canaux  inter-aubes. 

Pour  chaque  point  de  fonctionnement,  le  coefficient  de  charge  entre  la  sortie  et  l'entr€e  de  ces  deux  re¬ 
gions  est  alors  calculi  et  compare  au  coefficient  de  charge  critique  determine  d'apres  les  valeurs  du  nom- 
bre  de  Mach  relatif  en  amont  de  la  roue  et  du  liffuseur,  donnees  par  le  calcul  monodimensionnel .  Ces  char¬ 
ges  limites  sont  representees  sur  la  figure  7  pour  le  compresseur  DFVLR  et  la  figure  8  pour  le  compresseur 
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TURBOMECA,  dans  le  domaine  limite  par  la  Vitesse  de  rotation  la  plus  faible  et  la  plus  elev6e . 
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Figure  7 


Sur  chaque  isovitessc,  on  obtient  amsi  deux  points  de  fonctionnement  particuliers ,  oorrespondant , 

1 'un  A  1 'entree  du  d4crochago  du  diffuseur,  l1  autre  a  l'entr4e  er.  d6crochage  de  1  '  a  van  t -roue .  Er.  t 
les  diffdrents  points  corrccpondar.ts  aux  diff6rentes  isovitesses  repr4sentees  aar.s  le  champ,  ceiui- 
ci  se  trouve  ainsi  s6par4  en  4  regions  : 


ouivant  ie  type  de  pt edict  ion  j  rcpost'-e  par 
YOSHINAKA,  dont  le  prir.cipe  est  s-ivi  i.-i,  ;  j 
zone  correspondant  au  double  deer  r,a::e  •.!<■  1  :i 
roue  et  du  diffuseur  coincide  av.v;  *  r*-, >.■ 
"pompage"  iou  de  dccrocha::e  tourn.ir.r  . 

Dar.s  le  cas  du  compress seur  DFVl.h  f:j.  •  , 

4  zones  se  situer.t  do  fa:; or.  a  ;  its  jyattri- 
gue  par  rapport  au  centre  au  domaine  do 
tionnement . 

On  constate  sur  la  figure  gue  li  i  ror.t  :er  ••  iv  .  i 
zone  4  coincide  avec  la  ligne  de  pomp  a  go  i  moms 
de  4  %  du  d4bit  pour  les  2  isovitesses  lev.  j  .  ab 
basses  (12000  A  I  IC'D  /mn)  et  les  plus  4',  ev^es 
(20000  et  22SQG  t.tnr.j,  1  *4cart  entre  le  d6tit 
d’ intersection  des  deux  courbes  limites  et  lc 
ddbit  de  pompage  exp«5r iraenta Le  est  de  I  “or ire  de 
10  %  le  long  de  i'isovitesse  moyenne  A'"  ■ .  t  .  mr; 
ce  qui  para  It  excess if  dans  le  cadre  d'une  me- 
thode  de  provision  satisfaisante . 

Le  composant  responsable  de  1 'entree  er.  regime 
de  pompage  est  cependant  assez  bien  identify 
par  le  calcul.  Le  long  des  isovitesses  les  plus 
basses,  c'est  1' entree  de  la  roue  mobile  qui 
d4croche  pour  les  debits  les  plus  faibles  ;  par 
contre,  A  i'autre  extr4mite  du  champ,  c'est  le  diffuseur  qui  parait  le  plus  resistant. 

Les  r4sultats  concernant  le  compresseur  TURBOMECA  sont  represents  sur  la  figure  10. 

On  constate  que  dans  ce  cas,  la  zone  1  uis ■ 
parait  pratiquement ,  ce  qui  rend  la  roue 
responsable  de  I’entte  en  pompage  dans 
tout  Le  domaine  de  f onctionnement  du  com¬ 
presseur.  La  courbe  de  charge  limite  cor¬ 
respondant  au  d4crochage  de  la  roue  coin¬ 
cide  sens ib Lenient  avec  la  ligne  de  pompage 
(A  moinsdeS  %)  pour  les  isovitesses  les 
pLus  basses  (46  %)  et  les  plus  41ev4es 
(de  84  %  A  100  %) .  Par  contre,  pour  les 
vitesses  de  rotation  interm4diaires ,  1'4- 
cart  est  plus  important,  encore  de  l'or- 
di/e  de  10  %  pour  un  d4bit  de  1  kg/s. 

Oes  tsultats,  si  ils  sunt  encore  in- 
suffisants  pour  valider  la  prdsente  m4- 
thode  de  provision  de  la  ligne  de  pom¬ 
page,  sont  cependant  encourageants  dans 
ia  mesure  ou  11s  permettent  d'obtenir  une 
approximation  souvent  acceptable  du  d4bit 
minimum  de  fonctionnement  et  aussi  d'i- 
dentifier  g4n4;r  element  sans  ambiguity  si 
la  roue  ou  le  diffuseur  sont  responsables 
du  pompage  en  mettant  en  oeuvre  des 
moyens  de  calcul  tr4s  simples. 


Zone  1 
Zone  2 
Zone  3 
Zone  4 


Diffuseur  d4croch4  et  roue  non  d6croch£ . 
Diffuseur  et  roue  d6croch6s. 

Diffuseur  non  d4croch<5  et  roue  d4croch4e 
Diffuseur  et  roue  ddcroch4s. 


Figure  9 


rigure  10 
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6.  MISE  EN  OEUVRE  DE  LA  METHODE  DE  PREVISION  AVEC  CRITERES  DE  CHARGE  CAU.ULES  (deuxieme  £tape; . 

6.1.  R6sultats  des  calculs  de  charge  limite  pour  les  diffuseurs  DFVLR  et  TURBOMECA. 

L'4coulement  est  calculi  par  la  m^thode  d^crite  dans  la  R£f.  20  et  dans  1* annexe  A2  en  partant  de  1* entree 
du  diffuseur  jusqu'A  une  certaine  distance  en  aval  du  col  (repr^sentant  5  A  6  fois  la  distance  entre  les 
flasques)  pour  des  conditions  A  la  sortie  de  la  roue  fournies  par  le  calcul  monodimensionnel . 


Figure  1 1 


La  figure  11  raontre  un  exeraple  de  r£sultat  de  calcul  concernant  l 'dcouleraent  potentiel  (courbes  isomach 
dans  La  partie  semi-aubde  du  compresseur  TURBOMECA  pour  un  nombre  de  Mach  A  La  sortie  de  la  roue  #nal  A 
0.91).  On  remarque  que  le  calcul  prdvoit  un  choc  de  faible  intensity  k  L'entr4e  du  canal  inter -aube . 
Suivant  le  nombre  de  Mach  et  la  direction  d'dcoulement  a  la  sortie  de  la  roue  (ou  debit),  le  calcul  de 
couche  limite  couple  k  celui  de  l'ecoulement  potentiel  (voir  annexe  A2)  indique  un  d6col 1 ement  soit  en  a- 
val  du  col,  soit  en  amont.  La  figure  12  raontre  ainsi  deux  types  devolution  du  potentiel  de  deformation  L 
A  travers  les  parties  lisses  et  semi-aub£e.  Le  d^collcment  est  ofctenu  pour  L  -  0.  Faisant  varier  systema- 
tiquement  le  d^bit  A  1' entree  sur  une  isovitesse  (M  £tant  sensiblement  constant i  ,  ii  est  possible  d*  re- 
constituer  ie  cheminement  du  ddcollement  dans  cette  r£gion,  puis  de  determiner  par  interpolation  sets  de¬ 
bit  critique  provoquant  un  d£collement  juste  dans  le  col. 

Les  pressions  correspondantes  obtenues  par  le  calcul  de  t 'dcouiement  potent iei  permettent  slurs  J ' otter i r 
pour  chaque  nombre  de  Mach  un  coefficient  de  charge  limite  pear  les  parties  lisses  et  semi -a u bee  5u  dif¬ 
fuseur. 


U  |  I  ..M 


|.  1.1  t/B  I.  1-1 


Figure  12 

Les  coefficients  de  charge  limite  calculus  sur  cette  base  sont  repr<5sentos  sur  La  figure  15  pour  ie  c oai- 
presseur  DFVLR  et  la  figure  14  pour  Le  compresseur  TURBOMECA. 

La  comparaison  des  figures  7  et  13  met  en  Evidence,  pour  le  compresseur  DFVLR,  que  le  niveau  du  co_:ficicnt 
de  charge  critique  est  sensibLement  plus  £lev£  que  cclui  pt£wi  J'apr£s  KENNY. Pour  les  trois  premieres  isc- 
vitesses  (nombre  de  Mach  <  0.9),  le  niveau  moyen  attelnt.  0.6  centre  0.4  dans  le  cas  pr£c£dont .  Les  deux 
courbes  pr£sentent  cependant  une  allure  semblable,  le  changement  de  pente  de  la  courle  do  KENNY ,  corics- 
pondant  A  1 'apparition  d’un  choc  au  bord  d'attaque  pour  Mw  -  1,  2-tant  cgalement  observe  mais  a  un  nunl  re 
de  Mach  plus  faible  (0.8) . 

Le  calcul  de  la  charge  limite  n'ayant  pu,  A  I'heure  actuelle,  etre  offectue  pou i  I  t  roue ,  or  a  conserve 
sur  La  figure  13  Involution  utilis£e  dans  la  premifere  £tape . 

Des  conclusions  analogues  peuvent  @tre  tiroes  concernant  le  compresseur  .TURBOMECA.  Lo  niveau  Je  char  p.  I  . - 
mite  obtenu  reste  voisin  de  0.5.  L'influence  du  choc  au  bord  d'attaque  semble  moms  resser.tie  avpc  ce  ty¬ 
pe  de  diffuseur.  Cependant,  le  nombre  de  Mach  au  nord  d'attaque  est  i  -  i  limite-  a  u.9  pour  Ja  vitcsse  j*' 
rotation  la  plus  £lev£e. 

Concernant  la  roue  mobile,  La  remarque  effectutfe  concernant  le  premier  compresseur  s* applique  aga  lenient 
ici . 
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Figure  »3  Figure  14 

6.2.  Cons4quences  de  ce  calcul  pour  la  provision  de  la  ligne  de  pompage. 

Il  est  int4ressant  de  replacer  dans  le  plan  d4bit-pression  la  courbe  de  d6crochage  du  diffuseur,  obtenue 
A  l'issue  de  ce  calcul, pour  examiner  notamment  la  sensibility  du  dybit  de  d4crochage  vis-A-vis  de  la  char¬ 
ge  limite. 


Figure  15 


Dans  le  cas  du  compresseur  TURBOMECA  (Fig.  15,  1 'accroissement  de  la  charge  limite  du  diffuseur  obtenu  par 
rapport  A  la  premiere  £ tape  (voir  Fig.  8  et  14)  se  traduit  naturel lement  par  un  d4placement  de  la  courbe 
de  d4crochaqe  vers  la  gauche  de  la  figure.  Si,  en  terme  de  dybit  absolu,  il  parait  plus  important  pour  les 
vitesses  de  rotation  41ev4es ,  en  dybit  relatif,  ce  d6placement  est  A  peu  prfcs  constant  de  la  Vitesse  de 
rotation  la  plus  basse  a  la  plus  dlev6e  (-  5  %  A  -  6  %  environ) .  Compte  tenu  do  la  difference  importante 
entre  les  coefficients  de  charge  limite  utilises,  ce  dyplacement  de  la  courbe  de  dycrochage  parait  done 
relativement  modyry.  Il  n'est,  en  tous  cas,  pas  suffisant  pour  modifier  1’  identity  du  composant  i«spon- 
sable.  Sauf  peut-4tre  pour  la  vitesse  de  rotation  la  plus  faible,  e'est  encore  la  roue,  et  elle  seulo, 
gui  parait  imposer  la  limite  de  fonctionnement . 


2. 


4. 


8. 


10.  DEBIT  (kg/x) 
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*-ai»  du  comprosseur  DFVbR  (Fig.  16)  est  un  peu  plus  corap 2 cxe  A  analyser.  Aux  vitesses  de  rotation  4Ie- 
vees,  le  ves  la  gauche  de  la  ccurfce  de  decrochage  est  du  merae  ordre  de  grandeur  que  dans  le 

f.as  du  corapresseur  prdc£dent  (c'est-A-dire  voisin  Je  5  %)  .  Four  les  isovitesses  les  plus  basses,  le  d6- 
pUcement  est,  par  contre,  plus  important  (-  10  %,  au  raoins)  ,  notamment  a  1200C  t/mn.  Le  composant  qui  im- 
pose  un  ddbit  minimum  de  fonctionnement  reste  inchangd  (diffuseur  pour  les  failles  vitesses  de  rotation, 
roue  pour  las  vitesses  elevees) . 

Copendant,  ft  12000  t/mn  (vitesse  de  rotation  la  plus  faible) ,  la  courhe  de  decrochage  du  diffuseur  passe 
derri&re  la  ligne  de  pompage  experimentale ,  ce  qui  parait  contredire  localement  La  definition  de  cette  li- 
•jno  adoptee  dans  le  present  travail . 

biffdrentes  explications  peuvent  £tre  cependant  avanc-es,  expliquant  de  tel Les  positions  respectives  de 
La  courbe  de  decrochage  du  diffuseur  et  de  la  ligne  de  pompage. 

D’uborrj  l  ’imprecision  Je  la  method©  de  calcul  doit  n^cessairement  etre  prise  en  compte  (choix  de  la  li- 
•jnt*  moyenne,  en  particulier)  pouvant  donner  une  erreur  de  quelques  %  sur  le  d4bit .  Ce  type  d 1  incertitude 
sera  crertainement  r<*duit  par  une  meilleure  experience  de  la  nVthode.  Par  ailleurs,  iL  peut  etre  imagine 
La  preexistence  d'un  dScollement  tournant  dans  la  roue,  provoquant  un  second  d^colLeraent  pr6matur<*  dans  le 
>li  f  iuseur.  Ce  type  de  ph€nom&ne  ne  peut  £tre  pris  en  compte  par  la  aVthode,  ou  chaque  composant  est  suppo- 
aliments  par  un  6coulement  rooyen  stationnaire  (Cf .  plus  loin).  De  ce  point  de  vue,  ii  faut  remarquer 
quo  le  decrochage  de  l'avant-roue  ft  12000  t/mn  se  produit  pour  un  d<*bit  relativement  61oign£  du  debit  de 
la  ligne  de  pompage.  II  est  done  probable  que  les  conditions  d' alimentation  du  diffuseur  ne  sont  pas  trfcs 
satlsfaisantes,  lorsqu'on  s'approche  de  celle-ci.  De  ce  point  de  vue,  il  est  permis  de  soulever  le  pro- 
bl&me,  qui  semble  avoir  &t£  ensivag6  par  JAPISKE  (R<5f.  9)  de  la  definition  elle-tneme  d’un  6coulement  moyen 
en  presence  de  ph£nom&nes  instationnaires  intenses. 

Jusqu’A  quelle  mesure  est-il  permis  de  calculer  et  d'utiliser  des  conditions  stationnaires  ft  l'entr£e 
d’un  diffuseur  situ6  en  aval  d’une  roue  mobile  dent  la  part ie  radiale  est  le  siege  de  decollements  impor- 
tunts  <?t  inevitables  ( " jet-sil lage" i ,  alimentee  de  f agon  mediocre  par  l'avant-roue  ? 

I l  s’agit,  bien  entendu,  d'un  probleme  qui  d£passe  Je  cadre  tie  ce  compte-rendu,  mais  qui  peut-etre ,  sera 
A  prendre  en  compte  dans  le  futur,  meme  de  fagon  grossiere,  pour  calculer  les  conditions  ft  1' entree  du 
diffuseur  ft  partir  de  l'4coulement  suppose  obtenu  ft  la  sortie  de  la  roue. 

7.  CONCLUSION 

Une  nVthode  de  provision  de  la  ligne  de  pompage  pout  les  compresseurs  centrifuges  est  proposee .  fsasd-e  sur 
des  observations  effectives  par  YOSHNINAKA  (R4f.  8)  ,  son  principe  peut  etre  r*sum£  dans  le  fait  ju'un 
compresseur  centrifuge  ne  peut  entrer  en  regime  de  pompage  (plus  vraisemblablement  en  reiine  de  ttecrocha- 
ge  tournant  notable),  que  si  des  d^col lenient  s  Jans  la  partie  axiaie  d*»  la  rove  ec  ia  partie  semi-aiiVe 
du  diffuseur  existent  simuL tanement . 

Cette  a pp roc he  du  problfrme,  qui  masque,  sans  aucun  doute,  un  certain  nombre  d 'Elements  de  la  physique  des 
ph^nom&nes,  ne  semble  cependant  pas  contredite  par  1 '  experience .  El  Le  pr4scnte,  par  ailleurs,  1 '  avant.a  je 
de  distinguer  dans  une  machine  une  region  responsable  de  i' entree  dans  la  zone  de  pompage.  Bien  cu ' l 1  soit 
encore  iargement  pr6matur£  de  tirer  des  conclusions  definitives  et  de  donner  une  allure  de  g4neralit£ 
aux  observations  effectu4es,  on  peut  cependant  rappeler  les  principales  4taper  et  r4sultats  de  ce  travail. 
Une  comparaison  exp4r ience-ca lcul  effectuee  sur  cette  base  et  des  r<5sultats  d'ossais  a  4t4  r4alis4e,  con- 
cernant  deux  compresseurs  ne  presentant  aucune  caract4risti que  commune.  La  provision  de  la  situation 
(d<5collee  ou  non  _:sccllde)  des  deux  principaux  composar.ts  a  ete  effectuee  de  deux  favors.  Dans  un  premier 
temps,  en  appliquant  aux  deux  dldments  supjx>ses  les  plus  ser.sibles  (roue  et  diffuseur)  des  fcrmules  de 
charge  limite  dtablies  experimentaleroent  sur  certains  types  de  compresseurs.  Les  resultats  obtenus  lore  de 
cette  dtape  sont  cohdrents,  sans  pour  autant  que  l'on  puisse  *tre  assure  da  leur  validity  en  raison  du 
manque  d  *  informations  sur  les  ph«?nom*n<»s  se  nroduisart  reel  1  omen  t  dans  les  machines  ft  faible  d^bit.  Une 
coincidence  souvent  saisfaisante  est  observ*5c  c-ntre  les  ligr.es  de  pompage,  rei-vi'e  exp4i imentalement  et 
d4finie  suivant  La  notion  pro{K>s4e  plus  haut. 

Dan3  un  deuxieme  temps,  les  charges  Unites  ont  ct4  ddtermindes  pour  le  diffuseur,  en  tenant  compte  de  l'e- 
vrilution  de  la  couchc*  limite.  Los  resultats  obtenus  sont  assez  Jiff* rents  sur  ce  plan  (on  observe  un  ac- 
cro is semen t  des  charges  calcuLdos  par  rapport  aux  valeuis  utilises  dans  1 1  premiAie  partie,  me  surges  sur 
des  compresseurs  par  ticul  ler s  (KENNY t  .  Cependant,  u:  Evolution  re lativemc-r.t  axvi^r^e  des  a.:,  its  dc  decro- 
chage  du  diffuseur  a  <ft4  observee.  Par  ailleurs,  1  es  comjxjsrnts  identities,  en  un  premier  ten  ns .  c  ..-.nme 
responsables  do  1 'entree  dans  la  zone  de  pompage  r.e  sont  pas  inverses.  Si  cert ’ins  points  demandent  ft 
etre  Gclaircis,  cos  resultats  no  son t  done  pas  rVgatifs.  On  peut  pensei  ,  en  particular,  qu'un  calcul  des 
charges  limites  guid4  par  1 'evolution  des  couches  1  mutes  pour  la  rfiue  mobile,  en  tours  aotuel  '.ement , 
devrait  pas  nwxiif  ier  de  fa  von  tr^s  .sensihle  les  presentes  conclusions. 

8ur  un  plan  pratique,  ces  observat.  ions  out  •••lalement  un  inter*'  ,  puisqu'el  les  tendent  ft  prouver  qu’il  suf  - 
fit  de  disposer  d’une  bonne  approximation  de  li  .f  ine  limite  },oiir  pouvoir  determiner  de  f icon  satis:  u- 
sarite  Les  debits  minimum  de  fonct ionnemerit  du  comprer.seui . 
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REMERC I EMENTS 

Les  auteurs  remercient  la  D.R.E.T.  d* avoir  autorisy  la  pulbication  de  ce  travail. 

ANNEXE  1  ;  METHODE  DE  CALCUL  A  LA  LIGNE  MOYENNE 

II  s'agit  d'une  mythode  de  calcul  directs  qui  s 'applique  sur  une  ligne  rooyenne  supposye  reprysentative . 

Les  caractyristiques  gyomytrrgues  de  l'ytage  (y  compris  le  pry-distributeur  si  il  existe)  sont  ryputyes 
connues,  y  compris  les  sections  gyomytriques  de  l'avant-roue  et  du  diffuseur  auby.  Le  d4bit  et  le  nombre 
de  tours  sont  donnys. 

Al.l.  Calcul  de  1 'ycoulement  a  l'entrye  de  la  roue  mobile 

Une  local isation  exacte  du  col  demande  une  connaissance  tridimensionnelle  de  l’ycoulement  que  i'on  ne  pos- 
s£de  pas.  Aussi,  celui-ci  est-il  dyfini  approx imativement  a  un  rayon  donny  par  la  distance  mesurye  suivant 
la  perpendiculaire  d  1 'extrados  d'une  pale,  passant  par  le  bord  d’attaque  de  l'aube  suivante.  Cette  appry- 
ciation  s'est  av£rye  correcte  pour  les  compresseurs  qui  ont  servi  de  cas  test  a  la  prysent  mythode 
(Cf.  calcul  du  dybit  de  saturation). 

Entre  1 ’amont  et  le  col,  1 'ycoulement  relatif  subit  une  deflexion  d'autant  plus  important*?  que  1 'angle 
d 'entree  Bi  est  eievd. 

Ce  phenomene  se  produit  aussi  pour  des  vitesses  supersoniques  en  amont,  la  compression  s'effectuant  alors 
partiel lenient  h  travers  une  onde  de  choc  dont  le  pied  est  situe  sur  1' extrados.  La  presence  de  cette  onde, 
qui  peut  Stre  situee  £  une  distance  assez  en  amont  de  l’avant-roue,  modifie  le  col  aerodynamique  par  I 'in¬ 
termedia  ire  du  blocage.  La  position  reelle  de  l'onde,  ainsi  que  le  blocage  cryy,  ne  sont  pas  pris  en 
compte  dans  la  model isation .  Par  application  de  1' equation  de  continuity  a  chaque  rayon,  on  determine  des 
conditions  corresopndantes  au  niveau  du  col.  Le  facteur  de  charge  DP  (Cf .  §  4.2)  peut  alors  £tre  obtenu 
au  rayon  moyen  kim  deflni  par  : 


Cette  valeur  du  facteur  de  charge  est  alors  comparee  a  une  valeur  maximum  donnee  expenmenta lenient  (§  5) 
ou  calculye  (§  6)  . 

Al.2.  Calcul  de  1' ycoulement  a  la  sortie  de  la  roue  mobile. 


B2*  designant  1' angle  forme  par  les  oales  a  la  sort’**  de  la  roue  avec  la  direction  radiale,  la  vitesse 
tangentielle  a  la  sortie  de  la  roue  s'ycrit  : 

U2,  Vu2  >  X  .  (U2  -  Va2  .  tgB2>) 

On  en  dyduit  le  rapport  des  temperatures  totales  absolues  entrye-sorti.e  par  application  de  liquation  de 
Euler  : 

(a3)  To2/TOj  *  1  ♦  (1  -  RR1?  .  tga  •  t  -  X  .  KJ2  .  tgB^  •  X  ■  0)  ■  N2/Cp 


L' yquat ton  de  continuity  ycrite  a  la  traversye  de  la  roue  mobile  donne  le  rapport  X  des  vitesses  axiales 
et  radiales  entre  1' entree  et  la  sortie  de  la  roue,  que  l'on  peut  ecrire  en  fonction  du  rapport  des  tem¬ 
peratures  totales  et  du  rendement  polytropique  totale  a  totale  de  la  roue  : 


X  »  (Tj/Tj)1719  *  11  .  (TOj/lto^9"  "r1/l9  "  ”  .  Sj/Sj 


Le  rapport  des  temperatures  s'exprimant  en  fonction  de  celui  des  teaperatures  totales  et  des  vitesses  et 
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des  angles,  les  equations  (a3)  et  (a4)  forment  un  systeme  donnant  le  rapport  des  vitesses  debitantes  A  la 
travers6e  de  la  roue  et  ainsi,  1’ ensemble  des  elements  de  1  ’  ecoulerac-nt  A  sa  sortie, A  partir,  outre  ses  ca- 
ract4ristiques  d4£inies  plus  haut  : 

-  du  rendement  de  la  roue  nr  (voir  §  A. 5) 

-  du  coefficient  de  glissement  X  (voxr  §  A. 6) 

A1.3  Calcul  de  l*4coulement  A  la  travers4e  de  la  partie  semi-aub4e  et  dans  le  col  du  diffuseur. 

Un  calcul  analogue  au  precedent,  roais  simplifi4  (la  temperature  d'arrgt  4tant  ici  supposee  constante)  don- 
ne  la  Vitesse  d4bitante  et  1 4 inclinaison  de  la  Vitesse  par  rapport  A  la  direction  radialc  A  1 'entree  de  la 
r4gion  semi-aub4e.  On  obtient  alors  facilement  le  coefficient  de  charge  associe  au  diffuseur. 

A1.4  Calcul  du  rapport  de  pression  global  du  diffuseur. 

Ce  rapport  de  pression  est  calculi  en  supposant  un  rendement  constant  pour  la  partie  aub4e  du  diffuseur  et 
le  systeme  de  refoulement  situ4  en  aval. 

A 1.5  Determination  du  rendement  de  la  roue  mobile 

Les  rendements  de  roue  sont  des  donn4es  du  schema  de  calcul  chois i  dans  cette  phase  de  validation  de  la 
methode.  On  a  choisi  d'utiliser  les  rendements  exp4rimentaux  fournis  par  les  constructeurs  des  roues  4tu- 
di4es.  Ces  rendements  dependent  essentiellement  de  deux  parametres  :  debit  et  vitesse  de  rotation. 

En  r4alit4,  si  on  examine  les  diagrammes  correspondants ,  on  constate  que  les  diff4re.ntos  courbes  corres- 
pondant  A  chaque  vitesse  de  rotation  pr6sentent  une  enveloppe  qui  n'est  fonction  que  du  debut,  tout  en 
”««»  hr.~~c  n  ju  j-e^dtoijon4-  pour  les  i_>.  voibxns  du  regime  ae  pompaue  ..cuj 

ressent  ici.  Les  valeurs  du  rendement  utilis4es  sont  done  celles  donnees  par  1' enveloppe.  Ceci  s'est  av4- 
r4  suffisant,  du  moins  dans  le  cadre  des  objectifs  actuels. 

A  1.6  Calcul  du  facteur  de  glissement 

Le  facteur  de  glissement  est  calculi  au  depart  suivant  la  formule  de  ECK  (Ref.  S)  : 

<»6)  X  =  (1  *  "  .  cos  (B»))  *  (2  .  Zr  .  (I  -  Rn^/R^l  ■* 

puis  recall  a  une  valeur  unique  dans  tout  le  champ  pour  respecter  au  nueux  1 'ensemble  des  mveaux  de  pres¬ 
sion  . 

Le  tableau  2  ci-dessous  donr.e  les  valeurs  ainsi  calcuiees  et  celles  ef fectivement  utilisees. 


*  Valeur  standard  (a6)  * 

Valeur  utilisee 

Tableau  2 

|  DFVLR  *  .  63  * 

.  88 

•  TURBOMECA  *  .  86  * 

.  »6 

ANNEXE  2  :  METHODE  DE  CALCUL  DE  LA  CHARGE  LIMITE  (Diffuseu-1 

On  realise  un  couplage  entre  une  r.ithode  de  relaxation  isentropique  exacte  pour  le  calcul  de  l'ecoulement 
sain  et  d'un  calcul  de  couche  limite  sur  les  flasques.  Le  calcul  de  l’ecoulement  potentiel  et  celui  de  la 
couche  limite  sont  lies  suivant  un  proc4d4  iteratif.  Un  maillage  sur  lequel  sont  evaluees  les  dif ferentes 
grandeurs  relatives  A  l’ecoulement  est  prealablement  determine.  L'ensemble  du  calcul  est  mis  en  oeuvre 
sur  un  domaine  limite  &  un  canal. 

A2.1  Calcul  de  L’ecoulement  aube  A  aube 

Le  fluide  est  suppose  parfait  et  non  visqueux ,  l'ecoulement  stationnaire  et  isentropique.  Le  maillage  choi¬ 
si  est  curviligne  et  orthogonal  (Fig.  A) . 

La  methode  de  calcul  est  du  type  quasi  3D,  bas4e  sur  la  resolution  exacte  de  1 ' equation  du  potentiel.  Un*. 
application  de  cette  methode  aux  diffuseur^  de  compresseurs  centrifuges  (aubes  epaisses)  a  dejA  et4  effec- 
tuee  par  VERDONCK  (R4f.  19). 

Pour  prendre  en  compt*  le  caract4re  elliptique  ou  hyperbolique  des  equations  suivant  le  nombre  de  Mach  lo¬ 
cal  ,  deux  schemas  numeriques  ont  *«te  adoptes  : 

-  centre  (cas  subsonique) 

-  decentre  aval  (cas  supersonique) 

II  en  resulte  la  forme  suivante  de  1’ equation  discretisee  du  potentiel  : 

Phi(s,  n)  R  F  (phi(s+l,n),  Phi(s-l,n),  Phi (s, n+1) ,  Phi(s,  n-1)  ,  Phi(s-1,  i.+l),  Phi(s-1,  n-1) 

Phi(s+1,  n-1),  phi(s+I,  n+1) 

Phi(s,  n)  =  F  (Phi(s-3,n),  Phi(s-2,n),  Phi(s-l,n>,  Phi(s,  n+1),  Phi(s,n-1),  Phi(s-2,n+l) , 

Phi (s-2 , n- 1 )  ,  Phi(s-l.nM) 

Une  relaxation  du  potentiel  des  vitesses  est  effectu4e  A  chaque  iteration  suivant  : 

Phi^ (s ,n)  =  r  .  PhiK(s,n)  +  (1-r)  .  PhiK_its,n) 

ou  K  represente  le  numero  de  1' iteration  et  r  le  facteur  de  relaxation  variant  de  0.1  A  0.5.  Cette  methode 
qui  ne  prend  pas  en  compte  les  relations  de  Rankin  Hugoniot  ne  peut  done  prendre  en  compte  les 
ondes  de  choc  de  forte  intensite. 
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A2.2  Calcul  de  la  couche  1  unite 

Les  caract^ristiques  des  couches  limites  situ6es  sur  les  flasques  du  diffuseur,  assimilees  A  des  parois 
planes,  sont  estim^es  par  la  m^thode  de  LE  FOLL-PAPAILIOU-HUO  (R6f.  15  A  17)  qui  r£soud  les  equations  di- 
tes  de  la  couche  limite  sous  une  forme  int^grale. 

Le  saut  des  grandeurs  integrates  de  cette  couche  limite  A  la  travers£e  des  ondes  de  choc  (d4tect6es  A  ce 
niveau  par  une  m£thode  de  capture)  est  calcuie  par  la  methode  propos^e  par  PANARAS  (Ref.  18) . 

A2.3  Couplage  Calcul  potentiel  -  Calcul  couche  limite 

Les  vitesses  potentielles  sont  dans  un  premier  temps  determines  dans  le  plan  aube  A  aube.  Apr£s  un  cer¬ 
tain  nombre  d ' iterations,  la  couche  limite  sur  les  flasques  est  determinee  en  prenant  comme  Ecoulement  ex- 
terieur  celui  qui  existe  sur  la  ligne  centrale  du  maillage,  supposee  representative  de  1 'ecoulement 
moyen.  Les  blocages  meridiens  de  la  veine  sont  alors  reinjectes  dans  le  calcul  potentiel.  Cette  technique 
est  repetee  jusqu'A  convergence. 

Generalement ,  le  calcul  de  la  couche  limite  n'est  effectuE  que  toutes  les  20  iterations  du  calcul  poten¬ 
tiel.  On  laisse  ainsi  A  1' Ecoulement  un  temps  d ' adaptation ,  ce  qui  donne  un  gain  de  temps. 

A2.4  Calcul  des  charges  limites 

Cette  tnEthode  de  calcul  donne  l'Etat  de  la  couche  limite  dans  le  col  formE  par  les  pales  de  la  roue  mo¬ 
bile  ou  A  la  sortie  de  la  region  semi-aubEe  (col  du  diffuseur).  On  considEre  que  l'Etat  critique  est  at- 
teint  lorsqu'un  dEcollement  de  la  couche  limite  est  observe  dans  ce  col.  II  est  alors  aisE  de  calculer  le 
coefficient  de  charge  en  fonction  du  nombredeMach  A  l'entrde.  Des  exemples  sont  donnas  dans  le  texte. 


Figure  A 
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ABSTRACT 

The  aerodynamic  and  mechanical  design  features  of  an  advanced  P100  compressor  are 
described.  The  design  objectives  were  to  increase  the  efficiency  and  stability,  along 
with  simplifying  the  mechanical  configuration  in  order  to  reduce  the  number  of  parts. 
Test  results  from  a  compressor  rig  and  core  engine  are  shown.  Comparisons  of  the 
performance  to  the  current  F100  compressor  are  made.  Results  of  testing  with  inlet 
pressure  distortion  are  shown.  Configuration  features  to  improve  reliability, 
durability,  maintainability,  and  prodxcibility  are  described. 


PROGRAM  OVERVIEW 

In  the  late  1970's  Pratt  t  Whitney  realized  that  military  power  plants  would  soon  need 
increased  performance,  and  a  compressor  with  significantly  improved  efficiency  was 
required.  In  1980,  configuration  studies  began  to  define  an  P100  replacement 
compressor.  Compatibility  with  existing  P100  engine  models  was  an  important 
consideration.  The  overall  length  and  interfaces  of  the  new  compressor  with  the 
intermediate  and  diffuser  cases  had  to  remain  the  same,  as  did  rotor  speed,  flow  rate 
and  pressure  ratio. 

Ultimately,  a  nine  stage  compressor  with  a  larger  annulus  area  and  increased  diameter 
flowpath  was  selected.  This  compressor  was  eventually  tested  in  two  compressor  rigs 
and  two  core  engine  configurations  under  combined  funding  provided  first  by  PfcW 
independent  research  and  development  program  and  subsequently  by  the  U.S.  Air  Force. 

In  late  1984,  the  U.S.  Air  Force  defined  new  engine  requirements  for  an  F100  Improved 
Performance  Engine  (IPE) .  These  requirements  led  to  the  choice  of  a  10  stage 
compressor  with  higher  airflow  and  pressure  ratio  than  the  nine  stage  compressor  that 
had  been  under  development.  This  new  10  stage  compressor  incorporates  the  same 
aerodynamic  design  philosophy  as  the  9  stage  and  in  fact  uses  the  identical  rear  5 
stages.  This  10  stage  compressor  is  approximately  3  inches  longer  than  the  production 
and  9  stage  compressors.  However,  by  shortening  the  diffuser  and  combustor,  the  total 
length  of  the  engine  remained  unchanged. 

At  the  time  of  this  writing,  the  10  stage  design  has  been  completed  but  only  limited 
testing  has  been  done.  Therefore,  the  aerodynamic  performance  results  reported  will  be 
from  the  9  stage  configuration.  The  mechanical  design  description  will  be  for  the  10 
stage  configuration. 


AERODYNAMIC  DESIGN 

The  9  stage  F100  replacement  compressor  was  designed  with  constraints  that  would  make 
it  essentially  a  "plug-in"  for  the  production  model.  The  overall  length  and 
interfacing  dimensions  remained  unchanged  as  did  rotor  speed,  flow  rate  and  pressure 
ratio.  The  aerodynamic  design  goals  included: 


Pressure  Ratio 

8.2 

Adiabatic  Efficiency 

86% 

Stall  Margin 

24% 

Achievement  of  these  goals  would  provide  an  approximate  4  point  «**fieiency  improvement 
and  stall  margin  equal  to  the  production  compressor.  In  addition,  a  reduced  stall  line 
sensitivity  to  inlet  pressure  distortion  was  desired. 

The  compressor  configuration  that  was  selected  evolved  from  "meanline  design"  studies 
of  many  different  designs.  These  studies  were  done  with  tb«*  PW  analytic?!  modo?  that 
has  been  developed  to  accurately  predict  extxc4.ei.oxe*  and  stall  margins  for  multistage 
axial  compressors  and  fans.  This  model  allows  for  rapid  analysis  and  performance 
prediction  of  the  potential  efficiency  and  stall  margin  levels  of  a  compressor  without 
having  completed  a  detailed  design.  The  model  was  used  to  select  number  of  stages, 
flowpath  shape,  aspect  ratio,  solidity,  reaction,  and  stage  work  distribution. 
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Within  the  constraints  of  the  configuration  studies,  8,  9,  or  10  stages  could  have  been 
selected.  The  predicted  efficiency  potential  was  highest  with  8  stages,  and  the  10 
stage  design  would  have  the  greatest  stall  margin,  but  any  of  the  three  could  meet  the 
24%  objective.  The  9  stage  was  selected  because  of  its  better  efficiency  potential 
over  the  10  stage  and  its  better  stability  potential  over  the  8  stage. 

The  selected  configuration  is  shown  in  comparison  to  the  production  compressor  in 
Figure  1.  The  concept  for  the  improved  efficiency  is  based  on  higher  work  per  stage 


a  MAINTAIN  FI  00  INTERCHANGEABILITY 

o  INCREASED  WHEEL  SPEED  THROUGH  INCREASED  AVERAGE  DIAMETER 
o  LOWER  ASPECT  RATIO  AIRFOILS 


FIGURE  I.  BACKGROUND/CONCSPT  OF  ADVANCED  F/OO  COMPRESSOR 


and  increased  annulus  area.  This  is  accomplished  with  a  higher  average  wheel  speed 
which  results  from  increasing  the  diameter  of  the  middle  stages.  In  addition  there  is 
a  benefit  due  to  lower  aspect  ratio  airfoils.  The  increased  stage  loading  required  for 
9  stages  instead  of  10  results  in  a  need  for  slightly  .iigher  solidity  stages.  A 
balance  between  rotor  and  stator  loading  levels  was  achieved  by  selection  of  the  stage 
reactions. 

Following  the  configuration  selection,  a  detailed  design  was  initiated.  This  depign 
was  performed  using  an  axisymetric  streamline  design  model.  Radial  distributiors  of 
loss  and  work  input  were  selected  to  completely  define  the  velocity  triangles.  Airfoil 
shapes  were  selected  using  P4W  cascade  data  in  all  rows  except  the  first  rotor  where 
higher  Mach  numbers  dictated  a  design  composed  of  multiple  circular  arcs. 

For  adequate  starting  and  off-design  operation  a  start  bleed  and  3  rows  of  variable 
geometry  were  selected.  The  start  bleed  was  located  aft  of  the  4th  compressor  stage. 

For  the  initial  aerodynamic  evaluations  of  the  compressor,  a  rig  with  its  own  separate 
drive  source  was  used.  This  testing  was  done  in  P&W's  X-27  test  stand  in  East 
Hartford,  Connecticut.  This  test  facility  provides  standard  sea-level  atmospheric 
inlet  conditions. 

The  compressor  rig  configuration  consisted  of  a  flight-type  rotor,  "boiler  plate"  split 
cases,  and  adjustable  stator  rows  with  synchronizing  rings  in  all  stages. 
Instrumentation  consisted  of  a  full  complement  of  inlet  and  exit  rakes  for  pressure  and 
temperature  measurements  and  up  to  5  radial  location  pressure  and  temperature  sensors 
on  the  vane  leading  edges  of  each  stage  to  acquire  stage  data  for  aerodynamic  analysis 
and  development.  Flow  rate  was  determined  by  a  calibrated  orifice. 


PERFORMANCE  RESULTS 
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The  first  rig  test  of  the  advanced  P100  compressor  was  conducted  in  mid-1982.  Overall 
performance  results  showed  good  efficiencies,  but  stall  margins  below  goals.  Analysis 
of  the  interstage  data  revealed  premature  stalling  was  occurring  because  of 
insufficient  work  input  and  inadequate  leading  edge  camber  in  the  airfoils. 

Adjustments  were  made  to  the  airfoil  designs  based  on  the  data  analysis.  New  rotor 
airfoils  were  procured  while  stator  modifications  were  made  by  a  reforming  process. 

The  second  rig  test  of  the  modified  design  was  conducted  in  the  same  test  facility  in 
mid-1983. 

The  performance  of  the  second  test  configuration  is  shown  in  Figure  2.  The  results 


neons  2  ADVANCED  flOO  COMPEESSOE  -  SECOND  E/C  TEST 


were  considered  to  be  excellent.  Efficiency  and  stall  margins  met  or  exceeded  goals 
over  the  entire  operating  range.  Shown  for  reference  are  the  stall  line  and  operating 
line  efficiencies  of  the  production  FlOO  compressor.  Efficiency  improvement  of  over  4 
points  was  demonstrated.  In  addition,  this  configuration  showed  very  little  loss  of 
efficiency  from  the  peak  value  on  the  speedline  to  the  operating  line.  Also,  there  was 
a  broad  range  of  high  efficiency  as  speed  and  flow  were  varied.  This  broad  range  of 
good  efficiency  covered  the  entire  flight  regime  from  subsonic  to  high  supersonic 
flight  conditions. 

Analysis  of  the  interstage  data  showed  that  the  stages  were  well  matched  and  were 
achieving  the  desired  work  and  range  levels. 

A  comparison  of  the  goals  and  achieved  performance  levels  are  shown  in  Table  I. 

Table  I 

Aerodynamic  Performance 


Efficiency 
Stall  Margin 


Goal 

Achievement 

86.0 

86.5 

24 

30 
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Following  the  successful  core 

:ngine°?e1.teVfacUity\ad  thr^elgn^n/^Tir^io 

"n£  ^“Sy^terection.  of  the ^““or^urner.  -^turbine^nring 

SfS«£H=S^^-*«a  s&jr  ■—  “ 

^aftheicS;p«seorSemc!ency°we8  higher  than  the  production  compressor  by  the  amount 
indicated  by  the  compressor  efficiency  measurements. 

A  distortion  screen  covering  half  °^1“'e  f*he  stal^line^of  the  compressors 

ar^compared^i^Flgure" 3  .^Limitations  on  engine  tirbine  inlet  temperature  prevented 


determining  the  stall  line  for  the  d^^^pLsenc^fihe 

aeIn°iha?,,tii”a^lnce^*^mpre:8or°stall0line™withStheddi8tortion1screenI  isChigher°than 
the  undistorted  production  compressor  stall  line. 

Starting  evaluations  were  conducted  by  varying  fuel  flow  rates  ^tween  the  minimum 
self-sustaining  value  and  the  value  rSulM  is 

recorded  to  determine  pressure  ratio  and  flow  -.iahtPv  lower  stall  line  than  the 

shown  in  Figure  «.  The  advanced  compressor  shows  a  s*ight-y  lower 
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PERCENT  DES/CN  CORRECTED  AIRFIOE 
FIGURE  4.  ADVANCED  EJOO  COMPRESSOR  -  START  REC/ON  PERFORMANCE 


production  compressor.  But  because  of  its  higher  efficiency,  the  operating  line  is 
also  lower,  resulting  in  a  higher  stall  margin  for  the  advanced  compressor. 

Tests  were  conducted  to  determine  the  recoverability  characteristics  after  a  stall  for 
both  the  advanced  and  production  compressors.  Intentional  stalls  were  induced  over  a 
range  of  speeds  and  variable  vane  geometry  settings.  The  speed  boundary  at  which 
compressor  rotating  stall  occurs  was  determined.  These  boundaries  are  shown  in 
Figure  5.  it  is  desirable  to  have  the  recovery  boundary  as  low  as  possible  in  flow  and 


riSURl  S.  VARIABLE  VANES  OPTIMISED  ON  ADVANCED  COMPRESSOR  CORE  FOR  RECO VERA B!U TV 
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pressure  ratio  to  preclude  a  stalled  compressor  from  decelerating  into  the 
non-recoverable  (rotating  stall)  condition.  Although  the  boundary  for  the  advanced 
compressor  with  the  initial  variable  geometry  settings  was  higher  in  pressure  ratio  and 
flow  than  the  production  compressor,  it  was  well  below  the  engine  idle  speed. 
Modifications  to  the  variable  vane  settings  proved  to  be  effective  in  moving  the 
boundary  to  lower  flows.  The  best  recovery  boundary  achieved  is  shown  to  be  below  the 
production  compressor  boundary,  however,  the  starting  characteristics  and  efficiency 
were  not  as  desirable  as  with  the  initial  vane  settings. 


MECHANICAL  DESIGN 

The  advanced  F100  compressor,  through  the  use  of  design  innovations,  manufacturing 
processing  improvements  and  material  advancements,  is  designed  to  achieve  an  8000  total 
accumulated  cycles  (TAC)  low  cycle  fatigue  (LCF)  life  with  a  4000  TAC  service 
inspection  interval. 

The  advanced  F100  compressor  configuration  uses  a  drum  rotor,  shrouded  stator 
configuration  with  four  rows  of  variable  stator  vanes.  The  rotor  system  features  an 
inertia-welded,  damage  tolerant  process  (DTP)  titanium  lst/2nd  stage  drum,  an 
independent  3rd  stage  disk/hub  assembly  and  an  inertia-welded  DTP  IN100  4th  through 
10th  stage  drum.  The  rear  drum  rotor  is  inertia-welded  to  an  IN100  compressor  drive 
shaft.  This  system  forms  a  rigid  rotating  member  with  improved  durability  and 
performance  retention.  Each  disk  has  integral  knife-edge  seals  coated  with  aluminum 
oxide  for  wear  protection.  Rotor  blade  material  for  stages  1  through  4  is  titanium, 
while  nickel-based  alloys  are  utilized  for  the  remaining  stages.  The  case  structure 
consists  of  an  axially  split,  titanium  front  and  rear  case  for  ease  of  maintainability. 
The  stator  vanes  are  all  nickel-based  alloy,  the  1st,  2nd  and  3rd  stages  being 
individual  vanes  and  the  4th  through  l^£h  being  fixed  cast  rings.  Rapid  solidification 
rate  (R^R)  nickel  (alloy  ¥)  material  is  used  as  a  blade  tip  abradable  rubr>trip  coating 
while  all  inner  seals  utilize  small-cell  honeycomb  rubstrips.  The  compressor 
cross-sections  in  Figures  6  and  7  illustrate  the  significant  design  features  of  the 
advanced  F100  compressor. 


DA  HAGS-  TOLERANT 

TITANIUM  FRONT  DRUM  OISE  MATFR/AL 
( D  UR  A  B I  LIT Y)  ■ 


SINGLE  P/FCF  INERTIA 
WELDED  ROTOR 
( DURABILITY/PERFORMANCE ) 


DAMAGE-  TOLERANT 

/NIOO  REAR  DRUM  DISK  MATER/AL 
(DURABILITY) 


ROTATING  COMPRESSOR 
DISCHARGE  SEAL 
(THRUST  BALANCE) 


INTEGRAL  COATED 

ROT/ TING  WEDGE  SHAPED  KNIFE 
EDGE  SEALS  (PERFORMANCE/DURABILITY) 


FIGURE  6.  ADVANCED  FIOO  DESIGN  FEATURES  -  ROTATING  STRUCTURES 


FIGURE  7.  APVANC&'D  F/0O  PES/G'M  f’£A ri/St£S  -  S. TA T/C  STffL'CTURPS 


The  rotor  consists  of  only  three  major  components:  (1)  an  inertia-welded  two-stage 
front  drum  rotor  assembly ,  (2)  an  independent  mid-rotor  disk/hub  assembly,  and  (3)  a 
7-stage  inertia-welded  rear  drum  rotor  assembly  that  includes  a  compressor  rear  drive 
shaft.  The  three  components  are  attached  by  body-bound  studs  located  at  the  third 
disk.  The  current  production  F100  compressor  rotor  is  made  up  of  individual  disks  and 
spacers  that  are  bolted  together.  Figure  8  shows  a  comparison  of  the  two  rotors.  The 
advanced  F100  compressor  rotor  will  have  a  substantial  reduction  in  number  of  parts  and 
mechanical  joints,  thus  providing  a  stiffer,  more  reliable  component. 

With  the  exception  of  the  fan/compressor  intermediate  case  and  IGV  outer  support  case, 
the  advanced  F100  compressor  design  incorporates  a  split  case  concept  for  drum  rotor 
compatibility  and  ease  of  maintainability.  The  split  cases  are  bolted  together  at  the 
horizontal  centerline.  Figure  9  illustrates  the  case  configuration.  Two  major  case 
structures  encompass  the  rotor  system.  A  fo  •ward  case,  which  extends  from  the  1st-  to 
the  7th-stator  vane,  incorporates  variable  stator  vanes,  abradable  blade  tip  liner 
segments  and  start  bleed  provisions.  The  rear  case,  which  extends  from  the  7th-stator 
vane  to  the  diffuser  case  outer  front  flange  is  designed  to  isolate  the  hotter 
compressor  case  temperatures  from  those  of  the  cooler  fan  air  for  improved  blade  tip 
clearance  control.  All  cases  are  designed  for  an  8000  TAC  life. 
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3  SPOOL  PARTS  -  1  f LARGE 


ADVANCED 
PlOO  COMPRESSOR 


PRODUCTION 
FI  00  COMPRESSOR 


PI  SPOOL  PARTS  -  5  FLANGES 
IPO  BOLTS/NUTS 


FIGURE  B.  ADVANCED  FlOO  COMPRESSOR 


FEWER  PARTS 


SUPPORT 


-intermedia  TE 
CASE 


FIGURE  9  ADVANCED  FlOO  COMPRESSOR  CASES  -  DESIGN  FEATURES 


SPECIAL  MANUFACTURING  TECHNIQUES 


Inertia-Weld  Rotor  Attachment  Process 

Advanced  manufacturing  processes  are  an  integral  part  of  the  program  development  phase 
and  have  contributed  greatly  to  achieving  production  of  highly  reliable,  durable  engine 
parts.  Inertia  welding,  a  unique  form  of  friction  welding,  comes  under  this  category. 
The  process  is  used  extensively  in  the  manufacture  of  the  high  compressor  drum  rotor. 

A  total  of  11  inertia  wild  joints  are  used  to  attach  the  various  details  of  the  rotor 
assembly.  The  weld  loc'iwions  are  shown  in  Figure  10.  This  process  provides  a 
consistent,  high  quality  weld  necessary  for  today's  advanced  technology  rotor  systems. 


FIGURE  JO  ADVANCED  FIOO  COMPRESSOR  ROTOR  SYSTEM  INERT/ A  -  WELD  LOCATIONS 


Inertia  welding  utilizes  kinetic  energy  stored  in  a  flywheel  system  for  all  of  the 
heating  and  much  of  the  forging  required.  The  basic  process  is  shown  in  Figure  li. 


ELY  WHEEL  IS  ACCELERATED  TO 
PRESET  SPEED 


AT  SPEED.  DR/VE  IS  CUT  A  NO  THE 
D/SATS  ARE  THRUST  TOGETHER 


when  plastic  the  discs  bond 
together  and  stop  ply  wheel 
Rotation  original  si/reaces 
ARE  EXPELLED  AND  WELD  IS 
COMPLETE 


FIGURE  II.  INERTIA  WELD  PROCESS 
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One  disk  detail  is  fixed  in  a  stationary  holding  device.  The  adjacent  disk,  clamped  in 
a  spindle  chuck  with  an  attached  flywheel,  is  accelerated  rapidly.  At  a  predetermined 
speed  driving  power  is  cut  and  two  disks  are  thrust  together.  Friction  between  the 
disks  decelerates  the  flywheel  converting  stored  energy  to  frictional  heat.  This  heat 
is  enough  to  soften,  but  not  melt,  the  two  parts.  The  energy  level  is  established  to 
be  sufficient  to  achieve  forging  temperatures.  The  rate  of  energy  consumption  is 
determined  by  the  weld  itself.  When  fully  consumed  the  weld  is  completed  and  the 
flywheel  rotation  stops.  Solid-state  bonding,  rather  than  welding  may  be  a  more 
appropriate  term  for  the  process.  Advantages  of  this  process  include: 

1.  Preweld  surface  cleanliness  insignificance  because  rubbing  tends  to 
disrupt  and  expel  films  and  flaws. 

2.  Minimization  of  the  heat-affected  zone. 

3.  Localized  heating  and  the  absence  of  melting  make  welding  better  suited 
for  joining  dissimilar  metal  combinations. 

4.  Weld  joints  having  forged  properties  can  be  as  strong  as  base  material. 

5.  Easily  achievable  process  automation. 


SUMMARY 

1.  A  9-stage  advanced  F100  compressor  has  been  aerodynamically  developed  to  achieve  a 
4  point  efficiency  improvement  and  a  6  point  stall  margin  increase  relative  to  the 
current  F100  production  compressor. 

2.  This  compressor  has  shown  reduced  sensitivity  to  inlet  pressure  distortion. 

3.  Rotating  stall  boundaries  have  been  shown  to  be  well  below  engine  idle  speed. 

4.  Start  region  testing  has  shown  improved  stall  margin  due  to  higher  efficiency  and  a 
lower  operating  line. 

5.  A  10  stage  higher  airflow  and  pressure  ratio  compressor  has  been  designed  using  the 
proven  aerodynamic  concepts,  including  identical  rear  five  stages,  demonstrated  by 
the  9-stage  compressor. 

6.  Through  innovative  design  concepts,  manufacturing  processing  improvements,  and 
material  advancements  this  configuration  provides  improved  reliability,  durability, 
maintainability,  and  producibility . 


DEFINITIONS 


Work  Coefficient 

Aspect  Ratio 
Solidity 


Enthalpy  Rise 

Number  Stages  (Average  Wheel  Speed)2 
Blade  Height/Chord 
Chord /Tangential  Gap 


Reaction 


Rotor  Static  Pressure  Rise 


Stage  Static  Pressure  Rise 


Stall  Margin  % 


Adiabatic  Efficiency 


Stall  Pressure  Ratio 


Operating  Line  Pressure 


Rati< 


r* 

i 

A 


Ideal  Enthalpy  Rise 


Actual  Enthalpy  Rise 


;] 


X  100 


i  x  ioo 

I  Constant 
Flow 
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DISCUSSION 


H.J.  LICHTFUSS 

1)  Can  you  mention  the  radial  tip  clearance  ? 

2)  The  shown  absolute  efficiency  levels  are  they  Reynolds  corrected  ? 

3)  Can  you  please  comment  on  the  influence  of  low  aspect  ratio  blades 
on  efficiency  ? 

Author's  Reply 

1)  The  average  tip  clearance  for  the  data  shown  was  .009  inches. 

2)  Yes.  The  tests  were  conducted  at  a  Reynolds  Index  of  approximately 
.76.  The  efficiencies  have  been  adjusted  by  Pratt  S  Whitney  standard 
empirically  based  adjustment  technique  to  the  Reynolds  Index  equi¬ 
valent  to  operation  at  sea  level  static  conditions  downstream  of 
the  3-stage  fan. 

3)  The  choice  of  aspect  ratio  for  best  efficiency  depends  upon  the  ae¬ 
rodynamic  loading.  The  more  highly  loaded  the  compressor  the  lower 
the  required  aspect  ratio  for  best  efficiency. 


L.  BATTEZATO,  It 

Can  you  please  give  informations  about  the  dimensions  of  the  parts 
(discs  and  distance  pieces)  being  friction  welded  in  the  compressor  drum. 
Also  I  would  be  interested  in  knowing  the  force  and  the  speed  imposed  on 
the  parts  being  welded. 

Author's  Reply 

The  joins  which  are  welded  together  are  on  the  order  of  200/1000  of  an 
inch  thick. 


R.G.  THOMPSON,  US 

What  is  the  committment  of  the  F-100  advanced  compressor  to  full  scale 
engineering  development  ? 

Author's  Reply 

The  full  scale  development  program  is  currently  in  progress  with  pro¬ 
duction  scheduled  for  1990. 


J.  ALBRECHT,  Ge 

What  operating  blade  tip  clearances  do  you  attempt  in  this  engine  with 
bleeded  casing  ? 
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Author’s  Reply 

It  is  15/1000  of  an  inch,  averaged  value. 


J.F.  CHEVALIER,  Fr 

1)  For  what  reason  is  the  advanced  9-stage  compressor  surge  line  in¬ 
sensitive  to  distortion  ? 

2)  With  the  very  low  damping  of  the  integral  drum  rotor,  how  do  you 
avoid  vibration  ? 

Author's  Reply 

1)  The  advanced  9-stage  compressor  is  probably  less  sensitive  to  dis¬ 
tortion  because  of  its  lower  flow  coefficient. 

2)  All  I  can  say  is  that  our  experience  to  date  with  these  rotors  has 
shown  no  vibration  problems. 
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RESUME 


les  etudes  d'un  compresseur  haute  pression  avancd  montrent  que  le  rotor  d'un  dtage  de  tdte  est  super- 
sonique  sur  toute  1  'envergure  de  ses  aubes. 

La  SNECMA  a  dessind  et  construit  on  compresseur  monodtage  qui  est  represent  at  if  pour  dvaluer  les  perfor¬ 
mances  et  notamment  les  dcoulements  secondaires.  Les  essais  sont  rdalisds  par  l’Ecole  Centrale  de  Lyon 
qui  a  construit  on  banc  d’essais  de  deux  megawatts  pour  accueillir  ce  compresseur. 

Nous  ddcrivons  d'abord  le  projet  du  compresseur,  la  gdomdtrie  de  la  veine  et  les  triangles  des  vitesses 
choisis  au  point  de  fonctionnement  nominal.  Les  profils  supersoniques  sont  optimises  par  des  ralruls 
directs  rdsolvant  les  Equations  d’Euler  tridimensionnel les.  les  profils  subsoniques  sont  optimises  par 
une  mdthode  directe  potentielle  couplde  £  un  calcul  de  couche  limite.  Les  performances  globales  ont  dtd 
reievdes.  Les  champs  adrodynamiques  mesurds  et  moyennds  azimutalement  sont  compards  h  des  prdvisions 
thdoriques  dans  la  zone  des  dcoulements  secondaires  paridtaux. 

1  -  INTRODUCTION 


Dans  un  projet  moderne  de  turbordacteur  on  cherche  6  abaisser  le  poids,  la  complexitd  et  le  cout  en 
rdduisant  le  nombre  d'dtages  du  compresseur  haute  pression.  L’dldvation  du  rapport  de  pression  dld- 
mentaire  qui  en  rdsulte  conduit  en  gdndral  b  des  coefficients  de  charge  adrodynamique  (AH/U^  plus 
dlevds  mais  aussi  &  des  vitesses  de  rotation  plus  dlevdes.  Les  dtudes  prdl imina ires  au  dess  in  des 
compresseurs  montrent  alors  ;que  le  premier  dtage  a  un  rotor  supersonique  sur  toute  la  hauteur  de 
pale.  II  importe  done  de  savoir  prddire  avec  suffisamment  de  prdcision  les  performances  d'un  tel 
dtage  (rendement  isentropique  et  marge  au  pompage)  pour  juger  de  son  intdrdt.  Un  des  points  les 
plus  mdconnus  est  le  ddveloppement  des  dcoulements  et  des  pertes  secondaires  au  moyeu  d'un  rotor 
supersonique. 

C'est  pourquoi  la  SNECMA  a  ddcidd  de  dessiner  et  de  fabriquer  un  compresseur  monodtage,  aver  roue 
directrice  d'entrde,  dont  les  nombres  de  Mach  relatifs  du  rotor,  soient  reprdsentatifs  de  ceux  d'un 
dtage  de  tdte  d'un  compresseur  haute  pression  avaned.  Les  essais  et  une  grande  partie  de  I 'analyse 
des  rdsultats  expdr imentaux  sont  realisds  par  le  Socidtd  METRAFLU  et  l’Ecole  Centrale  Jr  1  yori  qui 
ont  construit  un  banc  d’essais  de  2  mdgawatts  pour  accueillir  ce  compresseur  appeld  "f Cl  3”. I.es  prin- 
cipaux  buts  de  cette  dtude  sont  les  suivants  : 

-  valider  les  mdthodes  de  dessin  de  compresseurs  dont  l’dcoulement  relatif  &  l'amont  du  rotor  est 
entidrement  supersonique. 

-  Analyser  finement  les  dcoulements  secondaires  en  prdsence  de  chocs  pour  asseoir  les  mdthodes  de 
prdvisions  correspondantes. 

2  -  CONCEPTION  AERODYNAMIQUE  DU  COMPRESSEUR 

2.1.  -  Caractdristiques  qdndrales 

Au  point  de  dessin,  et  dans  des  conditions 
Tto  =  15°C),  les  principales  caractdristiques 

.  Nombre  de  Mach  relatif,  amont  rotor 
.  Rapport  de  moyeu,  amont  rotor 
.  Ddbit  spdcifiaue 

.  Rapport  de  pression  d’arrdt 
.  ombre  de  Mach  axial  meyen  en  sortie 
.  Le  compresseur  est  dquipd  d'une  roue  direc¬ 
trice  d'entrde  (RDE) 

La  vitesse  d'entrainement  pdriphdrique  est  limitde  supdrieurement  pour  des  raisons  adrody- 
namiques  (limitation  du  nombre  de  Mach  relatif  incident  en  tdte  et  surtout  en  pied  de  la 
roue  mobile)  et  des  raisons  mdcaniques  (limitations  des  efforts  centrifuges).  Elle  est 
fixde  A  455  m/s. 


d’al imentation  standard  (Pto  =  1  atmosphere, 
du  compresseur  sont  les  suivantes  : 

Mwl  =  1.1  a  1.3 
VI  =  0.7S 
D/Se  =  180  kg/ s/m2 

X  =1.84 
Mv  r  0.48 
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Le  rapport  de  moyeu  choisi  b  i 'entree  du  rotor  est  un  compromis  permettant  de  limiter  1* 
nomh.e  de  Mach  relatif  incident  au  pied  de  la  roue  mobile  £  une  valeur  voisine  de  l.l.^tout 
en  ayant  une  vitesse  d ' ent rainement  suffisante  pour  assurer  le  rapport  de  pression. 

Le  nombre  de  Mach  axial  £  la  sortie  du  compresseur  r^sulte  de  1' etude  d' optimisation  de 
futurs  compresseurs  multi-etages. 

2.2.  Dessin  de  la  veine  et  triangles  de  vitesse 

La  figure  1  pr6sente  la  coupe  m^ndienne  de  la  veine.  La  convergence  s'effectue  £  la  fois 
par  le  profil  de  paroi  interne  et  par  le  profil  de  paroi  externe  afin  de  mieux  optimiser  la 
repartition  radiale  des  paramfctres  a£rodynamiques.  Les  6cartements  choisis  entre  deux  gril¬ 
les  adjacentes  permettent  1 ’ introduct ion  de  sondes  de  pression  et  de  temperature  ainsi  que 
des  vis£es  "LASER"  dans  de  bonnes  conditions. 

Les  prineipales  caract4r istiques  structurales  adoptees  pour  les  aubages  tiennent  compte  £  la 
fois  des  exigences  a6rodynamiques  et  m^caniques. 

Les  al longements  sont  de  l'ordre  de  2  pour  la  roue  directnce  d'entrSe,  1.2  pour  la  roue 
mobile  et  1.5  pour  le  redresseur. 

Le  rapport  de  pression  de  la  roue  mobile,  hors  pertes  secondaires,  est  de  1.892  et  ne  pr£- 
sente  pas  de  variation  radiale.  Les  pertes  totales  de  la  roue  directrice  d'entr^e  sont  de 
0.5*.  Les  pertes  de  profil  de  Is  roue  mobile  sont  model isees  comme  suit  : 

-  Les  pertes  dues  aux  couches  limites  (sillages)  sont  etablies  £  l’aide  de  correlations  qui 
eont  d6rivees  des  travaux  de  Lieblein  [1] 

-  Les  pertes  par  choc  sont  donn^es  par  une  methode  simplifi^e  mise  au  point  &  la  SNECMA. 
Cette  methode  tient  compte  des  hearts  entre  le  point  de  fonct lonnement  reel  des  profils 
et  le  point  de  desamorgage  de  ceux-ci  [2] 

Les  pertes  secondaires  sont,  pour  1' instant,  calcul6es  par  une  methode  integrate  simplifiee 
qui  fournit  les  epaisseurs  caractenstiques  des  zones  visqueuses  parietales  en  amont  et  en 
aval  de  chaque  rangee  d'aubages  ainsi  que  les  bilans  d'enthalpie  et  d'entropie  [3],  [A], 
La  figure#2  dopne  Involution  du  coefficient  d'obstruction  (Kd)  et  des  epaisseurs  de  depla¬ 
cement  ($  i»  5  e)  des  zones  visqueuses  de  moyeu  et  de  carter. 

L 'optimisation  aerodynamique  nous  a  conduit  £  adopter  une  roue  directrice  d' entree  quicree 
une  prerotation  de  5°  au  pied  et  de  19°  en  tete.  La  giration  residuelle  en  aval  du  redres- 
aeur  est  de  11°  au  pied  et  de  15°  en  tete.  La  figure  3  fournit  les  nombres  de  Mach  amont 
(MwU,  aval  (Mw2)  et  la  deviation  de  l'ecoulement  vus  par  la  roue  mobile.  On  remarque  que 
I'aube  mobile  est  entierement  supersonique  £  l'amont  et  que  le  profil  de  pied  doit  realiser 
une  deviation  de  18°5  b  un  nombre  de  Mach  d’attaque  de  1.1.  Les  ralent issement s  et  les  fac- 
teurs  de  diffusion  de  Lieblein  du  rotor  sont  fournis  par  la  figure  A  qui  montre  qu'il  s'agit 
d'un  compresseur  charge.  Le  nombre  de  Mach  absolu  maximum  en  amont  du  redresseur  est  de  0.76 
Les  ralent issements  et  les  deviations  de  l'ecoulement  vus  par  le  redresseur  sont  repr4sentes 
sur  la  figure  5. 

2.3.  Oessin  des  aubages 

Nous  ne  presenterons  pas  le  dessin  des  profils  de  la  roue  directrice  d'entr6e  qui  presente 
peu  de  difficulte  aerodynamique. 

2.3.1.  Dessin  de  l'aubaqe  du  rotor 

Les  profils  supersoniques  de  la  roue  mobile  sont  crees  par  une  methode  mixte  (geome- 
triT'C  et  aerodynamique)  creep  b  la  SNECMA.  Cette  methode  int£gre  les  notions  classi- 
ques  d’ incidence  unique  en  ecoulement  amorce,  de  marge  au  blocage,  de  position  rela¬ 
tive  du  col  aerodynamique  par  rapport  au  systeme  de  chocs  obliques  et  de  chocs  droits 
et  d'ecart  flux-profil.  Une  premiere  critique  des  profils  est  realisee  b  l’aide  d’un 
calcul  resolvant  les  equations  d’Euler  bidimensionnel les  sur  une  nappe  de  courant  de 
revolution  (calcul  dit  2.50)  [5]. 

Au  vu  des  resultats  de  ce  calcul,  les  profils  sont  modifies  pour  attenuer  l'intensite 
des  chocs  et  les  decelerations  trop  importantes  qui  pourraient  provoquer  de  forts 
decollements  des  couches  limites  des  profils.  Le  processus  est  r6pete  plusieurs  fois 
pour  degrossir  le  dessin  des  profils.  Les  calculs  r6solvant  les  equations  d'Euler 
reellement  tridimensionnelles  [6],  [7]  sont  engages  tr£s  tot  dans  la  procedure  d'op- 
timisation  des  profils  ;  ils  conduisent  b  apporter  des  modifications  au  dessin  ini¬ 
tial  jusqu'£  l'obtention  d'une  roue  mobile  aerodynamiquement  satisfaisante. 

Les  figures  6  et  7  fournissent  le9  resultats  des  calculs  tridimensionnels  au  point  de 
dessin. 

les  pics  de  survitesses  juste  en  amont  des  chocs  droits  sont  des  imperfections  nume- 
riques  (schema  aux  differences  finies  de  Mac-Cormack)  et  n'ont  pas  de  signification 
physique. 

Ce  travail  d'optimisation  a  conduit  £  definir  une  roue  mobile  comportant  44  aubes 
dant  les  pas  relatifs  et  les  epaisseurs  relatives  maximales  sont  compatibles  avec  les 
exigences  de  resistance  statique  et  dynamique. 
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les  marges  au  blocage  sont  de  l'ordre  de  5%.  la  forme  des  profils  est  ajustte  jusquJa 
obtenir,  par  le  calcul  effects  en  fluide  parfait,  une  surdtviation  de  l’ordre  de  2° 
pour  prendre  en  compte  les  phtnomtnes  visqueux. 

2.3.2.  Dessin  de  l'aubaqe  du  redresseur 

les  profils  do  redresseur  sont  crtts  par  une  mtthode  inverse  [8]  permettant  le  dessin 
de  profils  plans.  L'aube  est  ensuite  engendrte  par  enroulement  conforme  de  ces  profils 
sur  les  nappes  de  courant  issues  du  calcul  rotridien.  Les  calculs  atrodynamiques  2.5D 
sont  txtcutts  sur  les  profils  gauches  b  l'aide  d'une  mtthode  rtsolvant  1' Equation 
complete  du  potentiel  [9].  Ce  calcul  est  couple  b  un  calcul  de  couche  limite  [10,11] 
qui  utilise  une  mtthode  inttgrale  et  qui  prend  en  compte  les  courbures  de  paroi,  la 
convergence  transversale  et  les  dtcollements  faibles.  Au  vu  des  rtsultats  obtenus, 
notamment  ceux  concernant  l'ttat  de  la  couche  limite,  les  profils  sont  modifies  par 
la  mtthode  inverse  et  le  proctdt  est  rtittrt  jusqu'6  I'obtention  d’un  aubage  satis- 
faisant . 

On  cherche  en  particulier  b  obtenir  une  marge  en  incidence  satisfaisante  et  de 
faibles  pertes  de  pression  totale  dans  les  conditions  nominales.  La  figure  8  fournit, 
en  deux  points  de  fonctionnement ,  les  repartitions  de  nombre  de  Mach  et  le  facteur  de 
forme  des  couches  limites  relatives  au  profil  de  pied  du  redresseur. 

3  -  BANC  O'ESSAIS  ET  ME SURE S 


le  banc  d’essais  de  2000  Kw  install^  au  laboratoire  de  l'Ecole  Centrale  de  Lyon  a  ttt  congu  pour 
recevoir  des  coropresseurs  axiaux  ou  centrifuges.  11  est  tquipt  pour  la  surveillance  mtcanique  des 
maquettes,  les  mesures  de  leurs  caracttristiques  atrodynamiques  stat lonnaires ,  globales  ou  locales. 
Des  mesures  instat lonnaires  peuvent  tgalement  ttre  implanttes  dans  le  banc  d'essai. 

3.1.  -  Description  du  local  banc 

Le  local  banc  corprend  d'une  part  la  chaine  motrice,  d’autre  part  la  chaine  a^raunque  et 
leurs  annexes. 

3.1.1.  La  chaine  motrice  est  constitute  d'un  moteur  tlectriquc  u,nchrone  auto-pi lott  four- 
nissant  la  puissance  nominale  de  2MW  a  3000  tr/mn.  La  variation  de  vitesse  e«t  ob- 
tenue  par  un  ensemble  onduleur-hacheur  b  thyristor  dont  la  frequence  nominale  est  de 
100  Hz  et  un  courant  nominal  de  1300A.  Le  moteur  entraine  un  multiplicateur  de 
vitesse  &  un  train  d'engreraqes  permettant  d'atteindre  la  vitesse  de  17000  t.r/mn  au 
niveau  de  1 ' accouplement  de  la  maquette  d'essai. 

Cet  accouplement  est  const itut  d'un  empilage  de  lames  de  type  "flector".  L 'ensemble 
est  montt  rigidement  sur  un  chassis  qui  permet  tgalement  la  fixation  de  la  maquette 
et  est  scellt  sur  un  massif  btton,  post  sur  plots  tlastiques,  dissocit  des  batiments. 
La  frtquence  propre  de  1 'assemblage  obtenu  est  alors  trts  largement  inftrieure 
aux  vitesses  en  utilisation  normale  du  banc. 

3.1.2.  La  chaine  atraulique  est  en  bnucle  ouverte  (fig. 9).  A  l'amont  du  compresseur  elle  com- 
porte  : 

a)  Une  cheminte  d'aspiration  garnie  de  panneaux  filtrants  et  une  battene  de  silen- 
cieux  acoustiques.  Elle  dtbouche,  sur  le  local  banc,  dans  une  chambre  de  tranqui- 
lisation. 

b)  Une  manche  d'entrte,  propre  au  compresseur,  placte  symttriquement  dans  le  plan 
vertical  de  la  chambre  de  tranquilisation. 

A  l'aval  du  compresseur  le  circuit  de  refoulement  comprend  :  a)  une  manche  de  sortie 
fixe,  b)  une  conduite  de  raccordement  munie  d'une  manchette  tlastique  qui  amort :t  les 
vibrations  et  absorbe  les  dilatations,  c)  une  conduite  de  sortie  qui  comporte  une 
vanne  d'urgence  et  un  registre  de  rtglage  du  dtbit,  d)  un  conduit  collecteur  qui 
dtbouche  dans  une  cheminte  d’tvacuation  avec  un  joint  gonflable  pour  assurer  l'ttan- 
chtitt.  En  effet,  la  conduite  de  sortie  est  mobile  pour  permettre  son  adaptation  en 
fonction  de  la  position  relative  de  la  volute  de  la  maquette  par  rapport  b  une 
conduite  munie  d’un  venturi  interchangeable  en  fonction  des  gammes  de  dtbit  b 
mesurer  et  d'un  silencieux  d'tvacuation. 

Des  tltments  annexes  permettant  de  recueillir  les  mesures  tlectriques  de  temptrature 
et  de  pression  sont  implantts  sur  le  site. 

3.2.  -  Moyens  de  mesures 


Ces  moyens  sont  regroupts  dans  le  local  de  mesure.  Celui-ci  e9t  prottgt  mtcaniquement  et 
acoustiquement .  II  est  isolt  des  vibrations  &  l'aide  d'une  dalle  sur  plots  tlastiques  et 
1 'alimentation  tlectrique  des  appareils  passe  par  un  transformateur  d'isolement. 

Les  mesures  de  surveillance  mtcanique,  vibrations,  contraintes  et  temptratures  sont  sous 
contrOle  manuel  constant  de  l'optrateur  de  banc.  Les  mesures  atrodynamiques  sont  effectutes 
6  l'aide  d'un  calculateur  associt  b  des  ptriphtriques. 
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3.2.1.  Mesures  stationnaires  :  ce  sont  d'une  part  les  mesures  permettant  la  caractErisation 
globale  de  la  maouette,  d'autre  part  celles  obtenues  par  des  sondes  introduces  dans 
diffErents  plans  de  mesure  pr^dEterminEs.  Les  sondes  utilisEes  pour  le  compresseur 
"ECL  3"  sont  de  deux  types  :  sonde  de  type  "cy lindnque"  et  sonde  de  type  "cobra" 
(fig. 10).  La  premiere  permet  d'obtenir  une  bonne  quality  des  mesures  prEs  de  la  paroi 
carter  car  le  diamEtre  de  sonde  est  identique  au  diamEtre  de  1' orifice  de  passage.  La 
distance  de  1'extrEmitE  de  sonde  au  plan  de  mesure  des  pressions  ne  permet  pas  de 
mesure  au  moyeu.  Inversement,  la  sonde  "cobra"  permet  cette  approche  mais  reste 
imprecise  au  carter.  Ces  sondes  sont  done  utilises  complEmentairement ,  ce  qui  permet 
en  outre  un  recoupement  des  rEsultats  dans  les  zones  EloignEes  des  parois.  Les 
valeurs  obtenues  sont  1 'angle  absolu  de  1 'Ecoulement  grace  aux  pressions  direction- 
nelles  gauche  et  droite,  la  pression  d'arrEt,  la  temperature  d'arrEt  et  la  pression 
statique.  Cette  derniEre  est  lue  directement  pour  la  sonde  "cobra"  ou  dEduite  de 
l'Etalonnage  des  pressions  directionnelles  pour  la  sonde  "cy lindnque" .  Les  sondes 
sont  tElEcommandEes  depuis  le  local  de  mesures  par  1 1 lntermEdiaire  de  chariots  porte- 
soi.de  assurant  la  rotation  et  le  deplacement  radial,  eux-memes  pouvant  Etre  mis  en 
place  sur  des  chariots  de  deplacement  azimutal. 

3.2.2.  Mesures  instationnaires  :  Elies  permettent,  soit  des  mesures  de  pressiore  stat lques 
pariEtales,  soit  du  champ  de  vitesse  dans  la  machine.  Les  mesures  effectuees  par  anEmo- 
metrie  laser  ne  perturbent  pas  1 ' ecoulement ,  done  sont  aptes  aux  explorations  prEs 
des  parois  et  dans  des  veines  de  dimensions  reduites,  d'autre  part  elles  autonsent 
des  mesures  dans  les  ElEments  mobiles  en  particulier  dans  les  passages  inter-aubes. 
On  obtient  alors  le  champ  de  vitesse  par  la  mEthode  dite  "E  temps  de  vol"  6  l’aide 
d'un  anEmomEtre  b  2  points  (fig.11)  EtudiE  et  rEalisE  b  l'Ecole  Centraie  de  Lyon 
(systEme  optique  et  Electromque) .  6  hublots  de  verre  ont  EtE  implantEs  dans  le  car- 
ter  externe  du  compresseur  afin  de  mettre  en  oeuvre  1 ' anEmomEtrie  laser  suivant  9 
axes  de  visEe  diffErents  (fig. 12). 

Le  compresseur  ECL3  compte  aujourd'hui  environ  200  h  de  rotation  b  l'Ecole  Centraie 
de  Lyon  et  un  certain  nombre  de  rEsultats  expEr imentaux  ont  EtE  acquis. 

4  -  RE SUL  TATS  Of  5  PREMIERS  ES5A1S 


4.1.  -  Performances  qlobales 

Les  essais  ont  EtE  rEalisEs  avec  un  calage  fixe  de  la  roue  directrice  d'entrEe.  Le  champ  de 
caractEristiques  dEbit  standard  -  rapport  de  pression  est  reprEsentE  en  variables  rEduites 
sur  la  figure  15.  Ce  champ  a  EtE  obtenu  avec  un  jeu  trEs  faible  en  sommet  de  l'aubage  mobile 
(de  l'ordre  de  0.2  mm).  On  remarque  que,  sur  la  liqne  de  fonctionnement  et  b  la  vitesse  de 
rotation  nominate  le  dEbit  projet  est  obtenu  b  1%  prEs,  La  marge  par  rapport  au  pompage  est 
de  15SS.  On  observe,  sur  1'isovitesse  de  rotation  nominate,  un  rendement  maximal  de  0.86. 

L'analyse  dEtaillEe  de  1 'Ecoulement  montre  qu'un  certain  nombre  de  modi f icat ions  permet - 
traient  d'accroltre  cette  valeur  (vnllage  des  aubes  de  la  roue  directrice  d'entrEe,  aaap- 
tation  plus  fine  du  redresseur  aux  Ecoulements  secondaires  dElivrEs  par  le  rotor. 

4.2.  -  Etude  de  1' Ecoulement 


L 'Ecoulement  en  un  point  de  fonctionnement  situE  sur  1'isovitesse  nominate  a  EtE  caractE- 
ris6  par  des  mesures  de  pression  totale,  de  temperature  totale  et  de  direction  du  vecteur 
vitesse  dans  les  plans  1,  2  et  3  (cf.  fig.1).  Afin  de  valider  notre  mEthode  de  calcul 
d'  Ecoulements  secondaires  visqueux  [12],  on  a  realise  un  couplage  du  calcul  de  l'Ecoulement 
mEridien  avec  ladite  mEthode  de  calcul  d 'Ecoulements  secondaires.  Bien  entendu,  seules  les 
donnEes  expEr imentales  de  la  zone  "saine",  non  perturbEe  par  les  Ecoulements  secondaires 
visqueux,  sont  introduites  dans  le  calcul  mEridien.  La  comparaison  thEorie-expErience  se 
fait  dans  les  zones  pariEtales  de  moyeu  et  de  carter  (fig.  14  b  17).  On  remarque  que  le 
recoupement  calcul-mesures  est  satisfaisant  sauf  dans  la  zone  de  carter  b  l’aval  de  la  roue 

mobile  ou  la  prediction  thEorique  donne  des  phEnomEnes  secondaires  trop  accentuEs  ;  en  par¬ 

ticulier,  les  accroissements  de  temperature  calcuies  sont  un  peu  trop  forts.  Ccs  mesures 
seront  done  uti 1 isees  pour  ameiiorer  la  schematisation  des  ecoulements  secondaires,  notam- 
ment  dans  les  rotors  supersoniques. 

5  -  CONCLUSIONS 

la  SNECMA,  en  collaboration  avec  l'Ecole  Centraie  de  Lyon,  s'est  dotee  de  moyens  expEnmentaux  pour 

etudier  1 'aerodynamique  des  etages  de  tEte  de  compresseurs  haute  pression  avances  qui  ont  des  nom- 

bres  de  Mach  relatifs  eieves  b  i'amont  du  rotor  : 

.  Un  etage  realisant  un  rapport  de  pression  de  1.84  et  ayant  des  nombres  de  Mach  relatifs  b  I’amont 
du  rotor  compris  entre  1.1  et  1.3  t  a  EtE  rEalisE  et  essayE  sur  un  banc  construit  b  cet  effet  par 
l'Ecole  Centraie  de  Lyon.  Les  objectifs  en  marge  au  pompage  et  en  dEbit  ont  EtE  atteints.  Le  rende¬ 
ment  maximal  est  satisfaisant  (0.86)  mais  il  peut  Etre  amEliorE  en  adaptant  plus  prEeisEment  le 
redresseur  aux  Ecoulements  secondaires  dElivrEs  par  le  rotor. 

.  Les  caractErisations  prEcises  de  1' Ecoulement  par  des  sondages  de  pression  et  tempErature  sont  en 
cours.  Des  essais  de  vElocimEtrie  LASER  suivront.  Ces  dormEes  expErimentales  permettront  de  mettre 
au  point  les  codes  de  calcul  des  Ecoulements  secondaires  dans  les  compresseurs  supersoniques.  Les 
premiEres  tentatives  prEsentEes  laiasent  bien  augurer  des  capacitEs  du  code  de  calcul. 
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DISCUSSION 


R.G.  THOMPSON,  US 

What  was  the  motivation  to  design  a  high  hub  ratio  compressor  ? 
Normally  one  would  employ  lower  hub  ratio  to  lower  the  relative  Mach 
numbers,  into  the  rotor. 

Author's  Reply 

In  the  design  of  core  engine  with  multi-stage  high  pressure 
compressor,  there  are  some  technological  and  structural  limitations  in  in¬ 
creasing  rotational  speed  and  lowering  hub  radius  on  the  front  stages. 
Moreover,  if  one  wants  tc  obtain  high  pressure  ratio  per  stage,  particularly 
on  the  hub  region,  it  is  necessary  to  have  sufficient  hub  speed  and  so  that 
hub-to-tip  ratio  cannot  be  significantly  lowered. 

We  also  point  out  that  this  work  is  mainly  devoted  to  the  design  pro¬ 
cess  for  supersonic  rotors  and  to  the  analysis  of  secondary  flows.  It  is  not 
a  complete  study  of  a  multi-stage  HP  compressor. 


F.  BREUGELMANS,  Be 

1)  A  des  nombres  de  Mach  comprls  entre  1.1  et  1.2,  l'onde  de  choc  dans 
le  rotor  est  detachee  et  est  relativement  normale  a  l'extrados  de 
l'aube.  Ell e  se  propage  done  loin  en  amont  et  peut  interferer  avec 
le  bord  de  fuite  du  pre-distributeur.  Est-ce  qu'il  y  a  eu  des  con¬ 
siderations  de  ce  genre  pour  determiner  la  distance  axiale  entre  le 
pre-distributeur  et  le  rotor  ? 

2)  S'attend-on  a  des  problemes  de  fonctionnement  du  rotor  supersonique 
quand  on  fera  varier  le  calage  de  la  pale  du  pre-distributeur  ? 

Reponse  de  1' Auteur 

1)  La  distance  axiale  entre  la  roue  directrice  d'entree  et  le  rotor  a 
etechoisle  pour  pouveir  effectuer  correctement  des  sondages  et  de  la  velo- 
cimetrie  LASER.  Aucune  consideration  relative  a  la  propagation  des  ondes  de 
choc  Issues  du  rotor  n'est  intervenue. 

2)  Le  calage  des  aubes  de  la  roue  directrice  d'entree  peut  etremodi- 
fie  en  fonction  de  la  vltesse  de  rotation  etudiee.  II  n'est  pas  prevu  de 
fixer  la  vltesse  de  rotation  et  de  "piloter"  lecompresseur  en  agissant  sur 
le  calage  des  aubes  de  la  roue  directrice  d'entree. 

Les  aubes  ont  ete  opti mi  sees  a  la  vltesse  de  rotation  maximale.  Aux 
faibles  vltesses  de  rotation,  l'ecoulement  est  subsonique  relativement  au 
rotor,  et  on  ne  s'attend  done  pas  a  des  problemes  de  fonctionnement.  Le  pro- 
bleme  se  posera  peut-etre  aux  regimes  Intermedia ires  (90  %).  A  l'heure 
actuelle,  nous  n'avons  pas  fait  d'essais  a  differents  calages  de  la  roue  di¬ 
rective  d'entree. 
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EXPERIMENTAL  INVESTIGATION  OF  A  SUPERCRITICAL  COMPRESSOR  ROTOR  BLADE  SECTION 
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Institut  flir  Antriebstechnik 
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SUMMARY 


A  controlled  diffusion  rotor  blade  section  was  designed  for  a  supercritical  inlet 
Mach  number  of  M.*0.85  and  a  flow  turning  of  20°.  The  blade  section  has  been  tested  in  a 
cascade  wind  tunnel  under  various  inlet  flow  conditions  and  axial  velocity  density  rati¬ 
os.  Detailed  investigation  about  transition  and  separation  points  were  carried  out  at 
the  design  and  at  two  off  design  inlet  flow  conditions.  The  results  are  presented  and 
discussed. 


NOMENCLATURE 
c  -  chord 

H12  =  s^aPe  factor  61/62 
M  =  Mach  number 
p  *  static  pressure 
Pt  *  total  pressure 
t/c  »  pitch  to  chord  ratio 
x  =  coordinate  in  chordwise  direction 
n  =  coordinate  in  circumferential 
direction 

B  *  flow  angle  with  reference  to 
circumferential  direction 
8g  =  stagger  angle  with  reference  to 
circumferential  direction 


6 1  =  boundary  layer  displacement 

thickness 

6 2  *  boundary  layer  momentum 

thickness 

w  =  total  pressure  loss  coefficient 

fl  =  axialHeli^ity^inslty  ratio 
(AVDR) 

SUBSCRIPTS 

1  =  inlet  plane 

2  «  outlet  plane 


1.  INTRODUCTION 

In  recent  years  considerable  improvement  has  been  achieved  in  the  design  of  axial 
flow  turbomachines  by  making  use  of  numerical  blade  design  methods  [1,2, 3,4).  Different 
names  have  been  used  like  "custom  tailoring",  "controlled  diffusion"  or  "prescribed  ve¬ 
locity  distribution"  to  characterize  these  designs.  A  similar  concept  has  been  developed 
in  the  "Institut  ftlr  Antriebstechnik  of  the  DFVLR"  in  Cologne  in  cooperation  with  the 
"Institut  ftir  Aerodynamik  und  Gasdynamik"  of  the  University  of  Stuttgart.  In  Cologne  the 
compressor  blade  surface  Mach  number  distribution  has  been  optimized  by  application  of 
boundary  layer  calculations  and  cascade  tests  [5,6,7),  whereas  in  Stuttgart  the  required 
inverse  design  code  has  been  established  (8,9). 

This  method  has  been  applied  in  the  past  mainly  for  stator  blade  sections  [10,11). 

But  there  is  also  a  big  interest  in  the  improvement  of  rotor  blade  sections,  especially 
at  supercritical  operating  conditions.  Therefore  a  research  program  was  initiated  by  the 
German  gas  turbine  industry  and  carried  out  in  Stuttgart  and  Cologne  in  order  to  develop 
a  supercritical  blade  section  with  low  losses  and  large  operating  range  with  respect  to 
the  inlet  flow  angle. 

This  paper  describes  the  experimental  cascade  test  results  of  the  blade  section 
SKG-FW  3.3  developed  within  this  program.  The  aim  of  the  experiments  was 

-  to  check  the  design  code  and  the  direct  code,  used  to  develop  the  blade  section, 
by  measuring  surface  Mach  numbers,  losses  and  turnings.  This  is  published  in 
112,13). 

-  to  check  the  boundary  layer  calculation  by  measuring  transition  and  separation 
point 8. 

-  to  identify  the  reason  for  the  loss  rise  at  high  inlet  Mach  numbers. 

-  to  identify  the  reason  for  the  loss  rise  at  high  and  low  inlet  flow  angles. 

2.  EXPERIMENTAL  SET  UP 
2.1  CASCADE  WIND  TUNNEL 

The  DFVLR  transonic  cascade  wind  tunnel  is  a  continuously  running  facility  operating 
in  a  closed  cycle  driven  by  two  radial  flow  compressors  with  a  flow  capacity  of  10m1 2 3 /s 
each.  One  of  these  compressors  is  connected  to  the  suction  system  which  is  used  to  re¬ 
duce  the  upstream  side  wall  boundary  layer  through  protruding  slots  and  to  vary  the 
axial  velocity  density  ratio  via  slotted  side  walls.  The  pressure  ratio  of  four  renders 
possible  a  Mach  number  range  from  0  to  1.4  and  a  variation  of  the  axial  velocity  density 
ratio  even  at  supersonic  inlet  velocities. 

The  cascade  span  is  168mm  and  the  cascade  height  can  be  varied  between  150mm  and 
450mm.  Fig.  1  shows  a  cross  section  of  the  tunnel. 
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Fig.  1  Cross  sectional  view  of  the  transonic  cascade  wind  tunnel  of  the  DFVLR-Institut 
fUr  Antriebstechnik 


The  blades  are  mounted  between  plexiglass  windows  in  the  rotatable  side  walls  of  2m 
diameter.  By  turning  the  side  walls  the  inlet  flow  angle  3.  is  adjusted  before  running 
the  wind  tunnel.  The  upper  floor  is  fixed  and  carries  the  variable  half  nozzle.  The  bot¬ 
tom  floor  can  be  moved  horizontally  and  vertically  to  adjust  the  geometry  of  the  bottom 
by-pass  passage. 

Inlet  total  pressure  and  temperature  were  measured  in  the  settling  chamber.  In  a 
plane  half  a  gap  axially  upstream  of  the  leading  edges  the  inlet  static  pressure  was 
measured  ahead  of  the  center  blades  at  one  side  wall  (Fig.  2) . 

In  the  same  plane  (measuring  plane  I)  the  periodicity  of  inlet  velocity  and  inlet  flow 
angle  was  checked  by  three  flow  angle  probes. 

In  a  plane  half  a  gap  axially  downstream  of  the  trailing  edges  the  total  pressure, 
static  pressure  and  flow  angle  distribution  were  measured  by  moving  a  combined  probe 
stepwise  over  slightly  more  than  one  blade  pitch  at  cascade  midspan.  The  traversing  sys¬ 
tem  provides  rotation  around  the  upstream  probe  head  for  angle  measurements. 

The  effect  of  variation  of  the  axial  velocity  density  ratio  in  the  cascade  midspan  by 
suction  through  slotted  side  walls  is  shown  in  Fig.  3. 
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Fig.  2  Test  section  arrangement  with 
measurement  positions 


Fig.  3  Test  section  cross  view 
without  (top)  and  with 
(bottom)  boundary  layer 
suction  on  the  side  walls 


The  design  geometry  and 
inlet  Mach  number 
inlet  flow  angle 
outlet  flow  a;»g le 
stagger  angle 
pitch-chord  ratio 
AVDR 


flow  data  of  the  cascade  SKG-FW  3.3  are: 

M1=0.85 

3. =142.0°  with  reference  to  circumferential  direction 


3^=129. 8 
t/c=l . 0 
fl=l .15 


Six  blades  of  70mm  chord  length  have  been  installed  in  the  wind  tunnel.  The  third 
blade  was  equipped  with  16  pressure  taps  on  the  suction  side  and  the  fourth  blade  with 
14  pressure  taps  on  the  pressure  side  in  such  a  way  that  the  flow  in  one  blade  passage 
could  be  recorded. 
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2.2  TEST  PROGRAM 

The  inlet  flow  angle  Bj^  was  varied  from  138°  to  145°  and  the  AVDR  from  1.0  to  1.2. 

The  Mach  number  was  varied  from  0.60  to  0.88  at  the  design  inlet  angle  142°  only.  The 
other  inlet  angles  were  tested  at  the  design  Mach  number  0.85  only. 

It  has  to  be  remarked  that  instead  of  the  design  Mach  number  0.85  in  the  experiments 
a  reduced  Mach  number  of  0.84  was  adjusted.  The  reason  for  that  is  the  flow  acceleration 
between  the  measuring  plane  I  {Pig.  2),  where  M.  was  determined,  and  the  cascade  inlet 
plane  due  to  growing  side  wall  boundary  layers. 

2.3  VISUALIZATION  OF  BOUNDARY  LAYER  BEHAVIOUR  ON  PROriLE  SURFACES 

Three  methods  have  been  used  for  boundary  layer  visualization  on  the  profile  surfaces: 
the  azobenzene  sublimation  method,  the  ink  tracing  method  and  the  surface  oil  flow  tech¬ 
nique.  The  pictures  produced  by  these  methods  give  information  of: 

-  the  laminar  separation  bubble 

-  the  secondary  flow  pattern 

-  the  backflow  in  separated  areas 

-  wedges  of  turbulent  flow  by  isolated  excrescenses 

The  great  advantage  of  these  methods  is  in  giving  information  not  only  point  by  point 
but  also  over  the  whole  profile  surface  area,  especially  in  case  of  the  azobenzene-  and 
the  oil  surface  technique.  This  is  of  importance  for  the  knowledge  of  the  transition 
line  position,  which  is  influenced  a  great  deal  by  locd  disturbances  causing  turbulent 
wedges . 

In  the  ink  tracing  method  coloured  ink  is  introduced  into  the  profile  surface  bounda¬ 
ry  layer  through  one  or  more  profile  pressure  taps.  By  this  method  boundary  layer  sepa¬ 
ration  can  be  detected.  But  it  is  difficult  to  analyse  turbulent  reattachment  after 
laminar  separation  in  the  front  part  of  the  blade.  In  this  case  a  second  test  run  may  be 
performed  by  introducing  ink  into  a  pressure  tap  further  downstream.  Alternatively  ink 
of  different  colour  may  be  released  out  of  several  pressure  taps. 

The  second  technique  is  a  method  of  sublimation  [141.  The  model  is  sprayed  by  a  mix¬ 
ture  of  azobenzene  and  gasoline.  Spray  distance  should  be  large  enough  to  enable  evapo¬ 
ration  of  gasoline  before  coating  the  profile  and  bonding  of  the  small  parts  of  azoben¬ 
zene  on  the  profile  surface.  By  that  surface  roughness  is  low  enough  to  avoid  natural 
transition.  Visualization  of  the  transition  line  works  by  quicker  sublimation  of  azoben¬ 
zene  in  the  turbulent  boundary  layer  region  because  mixing  is  more  intensive. 

The  third  method  used  is  the  surface  oil  flow  technique  [15].  The  coating  material  is 
a  mixture  of  oil,  titanium  dioxide  (TiO-)  and  oleic  acid.  The  proportions  of  the  mixture 
depend  on  flow  Mach  number  and  total  pressure  level.  The  proportions  for  the  tests  pre¬ 
sented  are:  oil  (g)  :  Ti02  (g)  :  oleic  acid  (drops)  =1  :  1:  1.  Oil  in  use  was  Shell 
Carnea  460. 

3.  EXPERIMENTAL  RESULTS 

3.1  TOTAL  PRESSURE  LOSSES  VERSUS  INLET  MACH  NUMBERS 

The  variations  of  the  total  pressure  loss  coefficient  for  various  inlet  Mach  numbers 
and  three  different  inlet  flow  angles  are  presented  in  Fig.  4. 


q  •  *  -is 

SKG-FVV  3.3  1986 


l 


Fig.  4  Loss  coefficient  versus  inlet  Mach  number  at  three  different  inlet  flow  angles 
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Looking  first  at  the  design  inlet  flow  angle  $.=142°,  very  low  values  of  loss  coeffi¬ 
cient  a*  not  much  more  than  1%  up  to  the  experimental  design  Mach  number  M.=0.84  can  be 
seen.  If  the  Mach  number  exceeds  0.65  the  losses  increase  rapidly.  The  same  increasing 
tendency  is  shown  in  Pig.  4  for  the  lower  and  higher  inlet  flow  angles. 

An  explanation  for  this  characteristic  increase  can  be  given  by  Fig.  5.  This  figure 
presents  the  surface  profile  Mach  number  distribution  for  the  three  Mach  numbers  o..  Fig.  4 
M.-0.75  (top  left),  .0.84  (top  right),  0.88  (bottom)  and  g-“142°.  Under  each  Mach  number 
carve  the  loss  coefficient  distribution  is  shown,  which  was  measured  close  behind  the 
cascade  exit  plane  (measuring  plane  II  Fig.  2).  In  case  of  the  low  Mach  number  M.«0.75 
as  well  as  at  the  design  Mach  number  M.-0.84  a  very  small  and  narrow  wake  is  to  5e  seen. 
That  means  no  boundary  layer  separation  occurred  and  the  losses  are  therefore  extremely 
low. 
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Fig.  5  Profile  Mach  number  and  loss  distribution  in  the  cascade  outlet  plane  at  three 
different  inlet  Mach  numbers 

In  contrast  to  this  the  bottom  part  of  Fig.  5  shows  a  large  wake  mainly  widened  to¬ 
wards  the  suction  side.  In  this  case  the  higher  Mach  number  M.=0.88  leads  to  an  increas¬ 
ing  maximum  Mach  number  on  the  suction  surface,  followed  by  an  increasing  deceleration 
which  is  realized  by  an  compression  shock.  The  shock  strength  obviously  leads  to  shock 
induced  separation  and  therefore  to  high  total  pressure  losses. 

On  the  other  hand,  the  measured  suction  surface  Mach  number  distribution  downstream 
of  the  shock  position  at  ^0*  of  the  profile  length  shows  no  region  of  constant  Mach  num¬ 
ber  due  to  separation  rather  than  a  continuous  deceleration. 

3.2  LOSSES  VERSUS  INLET  FLOW  ANGLE 

In  Fig.  6  the  loss  characteristics  are  shown  for  inlet  flow  angle  variations  at  de¬ 
sign  Mach  number  and  two  different  axial  velocity  density  ratios  (AVDR) .  Loss  minimum 
can  be  found  at  design  condition  8.=142°  and  at  slightly  negative  incidence  angles.  The 
low  loss  incidence  range  is  quite  small  and  the  losses  increase  steeply  at  lower  and 
higher  inlet  flow  angles. 


jW-S 

Two  loss  curves  are  presented  for  AVDRs  0=1. 15  and  1.05.  Both  curves  are  of  similar 
increasing  character  in  the  positive  as  well  as  in  the  negative  range.  The  loss  curve  is 
shifted  to  higher  inlet  flow  angles  with  increasing  AVDR.  At  positive  incidences  this 
phenomenon  is  caused  by  a  decreased  suction  surface  diffusion  and  at  negative  incidences 
by  an  increased  supersonic  diffusion. 
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Fig.  6  Cascade  losses  versus  inlet  flow  angle  at  design  inlet  Mach  number  and  two 
different  AVDRs 

3.3  BOUNDARY  LAYER  BEHAVIOUR 

The  intend  of  the  boundary  layer  investigation  was  to  find  out  the  reason  for  the  loss 
increase  at  high  and  low  inlet  flow  angles,  respectively  high  positive  and  negative  in¬ 
cidences.  Therefore,  three  different  flow  cases  have  been  selected  and  the  methods  de¬ 
scribed  in  chapter  2.3  have  been  applied.  The  flow  cases  are  the  design  point  condition 
at  6 . =142°  and  the  off-design  conditions  at  8.=138°  and  8. =145°,  the  latter  of  which  are 
the  minimum  and  maximum  measured  inlet  flow  angle.  1 

3.3.1  THEORETICAL  PREDICTIONS 

With  the  inviscid-viscous  interaction  method,  described  in  [12,13]  (flux  finite  element 
method  coupled  with  McNally  integral  boundary  layer  method)  the  boundary  layer  has  been 
calculated.  In  table  1  the  predicted  positions  of  the  transition  and  separation  points 
are  presented  for  both  blade  surfaces.  As  free  stream  turbulence  level  the  measured  val¬ 
ue  of  2.3%  has  been  used. 

At  8. =138  laminar  turbulent  transition  is  calculated  at  52%  of  chord  followed  by  a 
shock  induced  turbulent  separation  at  63%  on  the  suction  surface.  At  the  design  inci¬ 
dence,  transition  is  predicted  at  29%  with  no  separation  and  at  8 .=145°  the  transition 
moved  further  upstream  to  17%  followed  by  a  shock  induced  separation  at  27%  of  chord.  On 
the  pressure  surface  the  transition  point  moves  downstream  from  10%  to  28%  of  chord  with 
increasing  incidence  and  no  separation  was  calculated  in  this  incidence  range. 


inlet  flow  angle 

_ it. _ 

surface 

transition 

x/c 

separation 

x/c 

138° 

suction 

0.52 

0.63 

pressure 

0.1~ 

*■“ 

142° 

suction 

0.29 

— 

pressure 

0.21 

— 

145° 

suction 

0.17 

0.27 

pressure 

0.28 

' — 

Table  1  Calculated  transition  and  separation  point  positions  (method  described 
in  [12,13] ) 
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3.3.2  MEASUREMENTS  AT  DESIGN  INLET  FLOW  ANGLE  (0^142°) 

The  results  of  the  azobenzene  teat  are  shown  on  the  top  of  Fig.  7.  The  left  picture 
shows  the  suction  surface  with  the  laminar-turbulent  transition  visible  at  42%  of  chord 
which  is  different  from  the  theoretical  prediction  at  29%.  However,  the  ink  test  showed 
a  laminar  separation  starting  at  30%  of  chord  along  one  half  of  the  blade  span. 

This  asyrranetric  picture  is  confirmed  by  the  corresponding  oil  flow  pattern  shown  in 
Fig.  7  (bottom) ,  with  the  additional  information  of  a  laminar  separation  bubble  ending 
around  42%  of  chord. 

An  explanation  for  this  phenomenon  is,  that  the  boundary  layer  is  just  at  the  border 
of  laminar  separation  and  small  differences  either  in  inlet  flow  angle  or  turbulence 
level  cause  this  effect.  The  transition  point  location,  theoretically  predicted  near  the 
point  of  laminar  separation,  seems  to  substantiate  this  assumption,  although  small  dif¬ 
ferences  between  calculated  and  measured  surface  velocities  may  also  be  responsible  for 
this. 

On  the  pressure  surface  the  azobenzene  test  and  especially  the  oil  flow  pattern  do 
not  show  a  distinct  transition  point  rather  than  a  certain  transition  region  between  22 
to  34%  of  chord.  This  is  in  reasonable  agreement  with  the  theoretical  prediction  of  21%. 
From  the  ink  test  it  can  be  concluded  that  no  laminar  separation  bubble  does  exist  on 
the  pressure  surface  and  that  the  turbulent  boundary  layer  is  not  separated  on  both  sur¬ 
faces.  The  latter  is  confirmed  by  the  low  loss  level  of  1.5%  measured  at  the  design 
point. 


3.3.3  MEASUREMENTS  AT  MINIMUM  INLET  FLOW  ANGLE  (6^138°) 

At  this  high  loss  level  condition  in  Fig.  8  both  the  ink  test  as  well  as  the  oil  flow 
pattern  show  a  severe  laminar  flow  separation  at  45%  of  chord  over  the  whole  span  of  the 
suction  surface.  The  theory  predicts  transition  at  52%  and  a  shock  wave  at  63%  of  chord 
followed  by  turbulent  separation.  The  differences  between  theory  and  experiment  are  due 
to  the  fact  that  the  prediction  does  not  yet  include  the  upstream  influence  of  the  shock 
boundary  layer  interaction  leading  to  a  lambda  shock  system.  However,  the  surface  Mach 
number  distribution  again  does  reveal  the  separation  just  as  little  as  the  shock  wave. 

The  shock  wave  pressure  rise  is  smeared  out  and  the  separated  flow  exhibits  a  consider¬ 
able  pressure  increase.  A  possible  existence  of  flow  reattachment  was  excluded  by  an  ad¬ 
ditional  test  introducing  ink  out  of  a  rear  pressure  tap  into  the  separated  region 
(Fig.  8,  middle). 

By  releasing  ink  out  of  the  first  and  the  fourth  pressure  tap  and  applying  the  sur¬ 
face  oil  flow  technique  it  was  found  that  on  the  pressure  side  a  very  short  laminar  sep¬ 
aration  bubble  existed  just  near  the  leading  edge.  After  turbulent  reattachment  the 
boundary  layer  remained  unseparated. 

The  theory  did  not  reveal  the  measured  suction  peak,  which  is  probably  terminated  by 
a  shock  wave,  ana  predicted  the  transition  point  therefore  at  10%  of  chord. 

3.3.4  MEASUREMENTS  AT  MAXIMUM  INLET  FLOW  ANGLE  (8^14  5°) 

The  theory  predicted  at  this  inlet  flow  angle  transition  at  17%  and  shock  induced 
turbulent  separation  at  27%  of  chord  on  the  suction  surface.  From  the  oil  flow  pattern 
in  Fig.  9  (bottom)  transition  was  observed  between  about  17  and  22%.  It  looks  like  a 
laminar  separation  bubble,  but  the  ink  test  (Fig.  9,  top)  did  not  confirm  this.  It  show¬ 
ed  only  a  turbulent  separation  occuring  at  around  60%  of  chord.  Due  to  instationary  and 
secondary  flow  effects,  especially  at  high  incidences,  the  visualization  results  are  not 
as  distinct  as  in  the  other  flow  cases  and  spanwise  variations  are  difficult  to  avoid. 
Nevertheless  there  is  a  clear  difference  between  the  measured  and  calculated  separation 
point  probably  due  to  the  separation  criteria  (H.~=2.5)  used  within  the  shock  interaction 
model. 

Again  from  the  blade  Mach  number  distribution  alone  the  turbulent  boundary  layer 
separation  cannot  be  detected  at  all. 

On  the  pressure  surface,  ink  and  oil  flow  pattern  (Fig.  9)  showed  a  transition  region 
between  28  and  35%  and  no  boundary  layer  separation.  The  transition  prediction  is  in 
good  agreement  with  the  beginning  of  the  transition  region  similarly  as  it  was  the  case 
at  design  inlet  flow  angle. 

4.  CONCLUSION 

The  loss  behaviour  of  a  supercritical  compressor  rotor  cascade  has  been  investigated 
experimentally.  The  reason  for  the  loss  rise  at  high  inlet  Mach  numbers  and  at  high  pos¬ 
itive  and  negative  incidences  could  be  identified  by  analysing  oil  flow  patterns,  ink 
traces,  and  wake  measurements. 

In  all  cases  early  boundary  layer  separation,  caused  or  influenced  strongly  by 
shock-boundary  layer  interactions,  was  observed  on  the  blade  suction  side. 

In  spite  of  this,  the  surface  pressure  distributions  showed  a  considerable  pressure 
rise  downstream  of  the  separation  point.  Therefore,  it  is  not  possible  in  this  Mach  num¬ 
ber  range  to  detect  a  boundary  layer  separation  using  only  the  blade  surface  pressure 
distribution.  The  measured  positions  of  transition  and  separation  points  are  valuable 
information  for  the  improvement  of  viscous  codes.  Comparisons  with  a  viscous-inviscid 
interaction  method  are  encouraging. 


Azobenzene 


Patterns  of  a2obenzene  (top) ,  ink  (middle)  and  oil  (bottom)  of  suction  side 
(left)  and  pressure  side  (right)  together  with  profile  Mach  number  distribution 
at  8 |=1420 
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Fig.  9  Pattern  of  ink  (top)  and  oil  (bottom)  of  suction  side  (left)  ?nd  pressure  side 
(right)  together  with  Mach  number  distribution  at  8^=145° 
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DISCUSSION 


N.A.  CUMPSTY,  UK 

Can  you  give  any  more  information  about  this  rise  In  loss  at  Mi  *  0.88  ? 
Why  does  the  separation  not  appear  in  the  pressure  distribution  ? 

Author's  Reply 

The  loss  rise  at  Mi  =  0.88  Is  due  to  the  fact,  that  the  higher  inlet 
Mach  number  with  respect  to  the  design  flow  case  leads  to  an  Increasing 
maximum  Mach  number  on  the  suction  surface  followed  by  an  Increasing  decele¬ 
ration  which  Is  realized  by  a  compression  shock.  The  shock  strength  leads  to 
shock  Induced  separation  and  therefore  to  high  total  pressure  losses. 

The  deceleration  downstream  of  the  separation  point  may  be  caused  by 
the  channel  type  flow  region  ducted  by  the  opposite  pressure  side.  J.  Hour- 
mouzladls  (MTU)  notified  similar  results  In  turbine  cascades,  where  a  depen¬ 
dency  on  the  boundary  layer  thickness  at  the  separation  point  was  observed. 


M-l 

J.  MOORE,  US 

Can  you  please  answer  a  few  questions  about  your  interesting  experi¬ 
mental  and  computational  studies  ?  What  were  the  blade  Reynolds  numbers  and 
what  was  inlet  free  stream  turbulence  intensity  ?  What  were  the  endwall 
boundary  layer  parameters  at  the  cascade  inlet  ?  Also,  in  the  calculations, 
how  were  the  AVDR's  distributed  axially  through  the  cascade  ? 

Author's  Reply 

The  blade  Reynolds  numbers  varied  between  1.1  and  1.2.1 0^*  and  the 
free  stream  turbulence  level  was  2.5  %.  Measurements  were  taken  only  in  cas¬ 
cade  midspan  and  no  endwall  boundary  layer  parameters  are  therefore  available 

In  the  calculations  the  ADVR's  were  distributed  linearfly  between  lea¬ 
ding  and  trailing  edge  plane  equivalent  to  the  design  procedure. 


R.G.  WILLIAMSON,  Ca 

The  pitchwise  loss  distribution  at  M  =  0.88  of  Figure  5  shows  not  only 
a  deeper  and  broader  wake,  but  also  an  appreciable  pitchwise  shift  of  the  wake 
towards  the  pressure  side  of  the  blade.  Could  you  explain  this  ? 

Author's  Reply 

The  pitchwise  shift  of  the  wake  in  Figure  5  has  no  physical  meaning. 
The  pitchwise  position  of  the  wake  depends  on  the  starting  position  of  the 
traversing  probe  which  was  arbitrarily  chosen  somewhere  between  two  adjacent 
profile  trailing  edges. 


N.J.  SEYB,  UK 

I  had  five  questions  but  three  have  already  been  asked.  My  remaining 
questions  are  : 

1)  Were  the  boundary  layer  predictionsbased  on  a  measured  or  predicted 
pressure  distribution  ? 

2)  If  the  boundary  layer  predictions  were  based  on  predicted  pressure 
distributions,  could  you  please  comment  on  the  agreement  with  the 
measured  pressure  distribution  ? 

Author's  Reply 

The  boundary  layer  predictions  were  based  on  predicted  pressure 
distributions.  The  comparison  predictions  -  experiments  of  the  pressure  dis¬ 
tributions  will  be  presented  by  Weber  et  al.  at  the  ASME  Gas  Turbine  Confe¬ 
rence  in  Anaheim  (ASME  Paper  n  87-GT-256). 
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CALCUL  DCS  ECOUIEMENTS  SECONDAIRES 
DANS  UN  COHPRESSCUR  AXIAL  MUL I IE T AGE 
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La  SNECMA  a  industrialist  et  ttendu  le  domaine  d' application  d'une  mtthode  de  calcul  des  tcoulements  se- 
condaires  au  cas  des  compresseurs  multittaqes.  Cette  mtthode  prend  en  compte  les  phtnomfenes  secondaires  au 
moyen  d’une  correction  visqueuse  apportte  b  un  tcoulement  mtridien  classique.  Cette  correction  est  calcu¬ 
li  en  moyenne  azimutale  dans  tout  le  plan  mtridien,  y  compris  &  l'inttrieur  des  aubages,  en  rtsolvant  un 
systtme  d'tquations  dtduites  des  Equations  de  Navier-Stokes  3D,  parabol istes .  Le  couplaqe  entre  le  calcul 
des  tcoulements  secondaires  et  le  calcul  mtridien  est  assurt  de  facon  classique  par  des  in  lections  de 
dtbit. 

Aprts  un  rappel  des  principes  de  la  mtthode,  nous  prtsentons  dans  cet  article  une  application  b  un  com- 
presseur  multittaqes,  et  montrons  l'inttrtt  de  cette  mdthode  pour  le  dessin  des  aubaqes  &  extrtmitts  vril- 
ltes. 


Abstract 


SNECMA  has  developped  and  extended  the  use  of  a  secondary  flow  computation  method  for  multistage  axial 
flow  compressors.  This  method  takes  into  account  the  secondary  phenomena  through  a  viscous  correction  ap¬ 
plied  to  a  through  flow  calculation.  This  correction  is  calculated  in  the  complete  meridian  plane,  inclu¬ 
ding  the  bladerows.  A  set  of  equations  is  solved,  which  are  deduced  from  3D  parabolized  and  pitehwise  ave¬ 
raged  Navier-Stokes  equations.  A  classical  coupling  process  between  the  secondary  flow  and  the  through- 
flow  computations  is  insured  through  mass  flow  injection. 

After  reviewing  the  main  features  of  the  method,  this  paper  presents  an  application  to  a  multistage 
compressor,  and  shows  the  interest  of  this  method  when  designing  end-bend  blades. 
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=  coefficient  de  blocage 
=  hauteur  de  veine 
s  m^triques 

=  courbure  (  = -^  f~£  ) 

z  systfeme  de  coordonn^es  curvilignes  axisym^triques 
=  pression  statique 
=  pression  totale 

=  systfcme  de  coordonndes  intrinsfcques,  orthogonal 
=  coordonn^es  selon  les  directions  m  et  b 
=  temperature  totale 
=  vitesse  absolue 
=  vitesse  relative 

=  systfcme  de  coordonndes  cyl indriques ^ 

=  angle  absolu  de  l'dcoulement  (=  tan"  (vQ/vm)) 

=  angle  relatif  de  l'£coulement  (=  tari’(w_/wm) ) 

=  angle  du  profil 
=  dpaisseur  de  la  couche  limite 
=  6paisseur  de  d^placement  m^ridienne 
(■  B^q^  _[  r  (*•  w«n.  -  €  Wm)  d  b) 

=  6paisseur  de  d^placement  transversale 

L-db) 

=  deficit  detteb it  (=  2TTB  (r?^^  S' ) 


=  composantes  du  deficit  de  force  d’aubage 
=  deficit  de  pression  statique 
=  angle  entre  les  directionsz  et  m 
=  vitesse  angulaire  de  rotation 
=  vorticit£  relative  {=  "vavA ) 
z  masse  volumique 

=  viscositd  cindmatique  turbulente 
=  tenseur  des  tensions  visqueuses 


indices  inf^rieurs  : 


m,b,0 

b 


=  valeur  b  la  paroi 

=  composantes  d’un  vecteur  dans  le  syst^me  de  coordonn^es  axisym^triques 
=  composantes  d'un  vecteur  dans  le  syst^me  de  coordonndes  intrins£ques 
=  valeur  b  la  limite  ext^rieure  de  la  couche  visqueuse 


indice  sup^rieur  ; 

A  =  relatif  &  l’6coulement  sain  non  visqueux 
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Introduction 


La  demande  de  consommation  spgcifique  et  de  coOt  d'exploitation  direct  toujours  moms  glevgs  a  conduit  £ 
la  recherche  de  compresseurs  de  plus  en  plus  charges  agrodynamiquement  et  avec  de  meilleurs  rendements.  La 
realisation  de  cet  objectif  passe  par  une  meilleure  analyse  et  un  contrOle  plus  efficace  des  diffgrentes 
sources  de  pertes.  Les  gcoulements  secondaires  constituent  une  importante  source  d ' irrgversibi 1 1 t£s,  sur- 
tout  dans  les  stages  arrifcre  des  compresseurs  HP,  ou  les  rapports  de  moyeu  sont  glevgs  et  ou  lcs  allonge- 
ments  sont  faibles.  Les  gcoulements  secondaires  sont  ligs  Jg»c.ioppement  des  couches  limites  sur  les 
parois  du  moyeu  et  du  carter.  Leur  presence  peut  modifier  notablement  1 ' gcoulement ,  de  sorte  que  leurs 
effets  doivent  6tre  modglisgs  de  fagon  precise  et  pris  en  compte  de  fagon  complete  dans  le  dessm  des  au- 
bages  pour  atteindre  de  bonnes  performances. 

La  SNECMA  a  dgveloppg  depuis  une  douzaine  d'annges  une  mgthode  onginale  de  conception  de  soufflantes 
et  de  compresseurs  axiaux  qui  met  en  oeuvre  un  ensemble  complet  de  mgthodes  numgnques  .  le  calcul  des 
gcoulements  secondaires  intervient  d£s  le  dgbut  de  cette  mgthode  de  conception,  au  niveau  du  calcul  mgri¬ 
dien,  avec  lequel  sont  optimisges  les  valeurs  des  prmcipaux  paramfctres  agrodynamiques  (forme  de  la  veine, 
emplacement  des  roues,  triangles  des  vitesses).  A  ce  stade  de  la  conception,  les  mgthodes  de  calcul  des 
gcoulements  secondaires  comme  celle  de  Mellor  et  Wood  [  l]  sont  trfes  pratiques  car  elles  peuvent  facilement 
fitre  couplges  au  calcul  mgridien  et  elles  sont  capables  de  traiter  un  compresseur  complet  en  quelques  se- 
condes,  ce  qui  permet  des  gtudes  paramgtriques.  La  SNECMA  utilise  une  version  amgliorge  de  ce  code  gcrite 
par  Papailiou  [  Z]  et  elle  possgde  aujourd'hui  une  dizaine  d’annges  d'expgnence  avec  ce  programme.  Cepen- 
dant  cette  mgthode  calcule  uniquement  le  blocage  et  l'effet  global  des  gcoulements  secondaires  sur  les 
performances  de  chaque  roue.  Elle  ne  donne  pas  l'gvolution  radiale  des  effets  secondaires,  qui  est  une 
information  indispensable  pour  le  dessin  des  profils  d’aubes  pr£s  des  parois.  Dans  ce  i_untexte  il  est  ap- 
paru  utile  de  disposer  d'une  mgthode  numgnque,  qui,  comme  celle  de  Mellor,  apprghende  les  phgnomgnes  se¬ 
condaires  par  une  correction  visqueuse  apportge  k  un  calcul  mgridien,  mais  qui  fournit  des  informations 
moms  globales  que  la  mgthode  de  Mellor.  Certains  ont  rgpondu  k  ce  besoin  en  int roduisant ,  eritre  aut.res 
glgments,  des  families  de  profils  de  vitesse  dans  la  mgthode  de  Mellor  (par  exemple  [3],  [4]). Cette  appro- 
che  est  intgressante  mais  elle  a  1  ’  inconvgnient  de  faire  appel  k  beaucoup  de  lois  empinques.  D'autres 
chercheurs  k  l’Ecole  Centrale  de  Lyon  (FRANCE)  et  k  l'Umversitg  d'Athgnes  (GRECE)  ont  prgfgrg  repart ir 
des  gquations  de  base  (gquations  de  Navier  Stokes  30)  et  construire  une  nouvelle  mgthode  numgnque,  mieux 
adaptge  au  besoin  exprimg  ci-dessus  (de  [5]  k  [7]).  Cette  mgthode  est  congue  pour  calculer  la  valeur  loca¬ 
le,  moyennge  en  azimut  des  effets  secondaires  dans  un  compresseur  complet,  y  compris  dans  les  roues  aubges 
Les  gcoulements  secondaires  sont  traitgs  comme  deux  couches  limites  3D  couplges  &  un  calcul  mgridien,  qui 
reprgsente  l'gcoulement  sain,  non  visqueux.  Sur  le  plan  numgrique,  cette  mgthode  entre  k  la  fois  dans  la 
catggorie  des  mgthodes  de  couche  limite  de  paroi  et  celle  des  mgthodes  d'gcoulement  secondaire  [8].  La  vi¬ 
tesse  longitudinale  est  calculge  en  rgsolvant  un  systfcme  d’ gquations  intggrales  et  un  utilisant  un  profil 
de  la  famillede  Kuhn  et  Nielsen  [9].  La  vitesse  transversale  est  obtenue  k  partir  de  l'gquation  diffg- 
rentielle  de  transport  de  la  vorticitg  longitudinale. 

La  SNECMA  a  industrial isg  la  mgthode  que  le  Docteur  F.LEBOEUF  a  mise  au  point  sur  des  compresseurs  et 
des  turbines  monogtages  (10].  El lea  plus  rgcemment  gtendu  son  domaine  d ' appl icat ion  au  cas  des  compres¬ 
seurs  multigtages.  Cet  article  a  pour  but  de  prgsenter  les  dgveloppements  de  cette  mgthode  numgrique,  qui 
ont  permis  son  application  aux  ccn*presseurs  multigtages  et  de  montrer  comment  elle  peut  utilement  servir  6 
la  conception  des  aubages.  Auparavant,  les  caractgrist iques  fondamentales  de  cette  mgthode  seront  exposges. 


1 .  Mgthode  de  calcul 

1.1.  Une  approche  de  type  couche  limite 


6q 


Fig.  1  -  Moddlisation  de  l'gcouleaent  mgridien 
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Oe  faqan  classique  pour  une  approche  de  type  couche- limite,  1  '^coulement  est  represents  dans  cette  m£- 
thode  de  calcul  par  un  module  &  trois  zones  :  deux  zones  dites  "visqueuses"  au  voisinage  des  parois  du 
moyeu  et  du  carter  de  la  machine,  sgpar^es  par  un  zone  dite  saine,  non  visqueuse.  Les  caract^nst iques  de 
1 ' 6couiement  en  zone  saine  sont  supposes  £tre  correctenient  repr^sent^es  par  les  r^sultats  d'un  calcul 
m^ridien  "non  visqucux".  les  6coulements  secondaires  sont  alors  appr^hend^s  par  une  correction  visqueuse 
apport£e  a  l'^coulement  sain,  due  &  la  presence  de  couches  limites  sur  le  moyeu  et  le  carter.  Nous  note- 
roris  que  le  calcul  m^ridien  n'est  pas  enticement  de  nature  non  visauei ?*»*».  Fn  rffet  les  couches  limites 
de  proFils  y  sont  prises  en  compte  sous  la  forme  de  pertes  et  d'Cart  flux-profil.  Les  gcoulements  secon¬ 
daires  sont  calculus  avec  un  niveau  d' approximation  comparable  aver-  celui  du  ~c!cul  mCidien.  La  methode 
calculc  la  valeur  moyenn^e  en  azimut  des  effets  secondaires  dans  tout  le  plan  mddien,  y  compris  &  1'in- 
tCieur  des  aubages.  Les  couches  visqueuses  sur  le  moyeu  et  le  carter  sont  trait£es  s£par6ment ,  avec  com- 
me  ecoulement  extgrieur  de  reference  la  valeur  &  la  paroi  de  l’^coulement  sain.  L'^coulement  complet  est 
reconstitu^  en  fin  de  calcul.  Un  couplage  classique  me ridien- couche  visqueuse  est  realise  par  des  injec¬ 
tions  de  debitiq  au  niveau  des  parois  moyeu  et  carter,  qui  represented  le  deficit  de  debit  des  couches 
v i squeuses  F iq. 2) 


DEBIT'S  INJECTES 


6,,IN*’1 


0OOCLE 

DE 

COUPLAGE 

N=N  +  T 


fiq.2  :  Couplage  calcul  w^ridien  -  Ecoule*ent  secoodaire 

1.2.  f quat ions  fpndament3 les 


La  correction  visqueuse  relative  &  chaque  paroi  est  obtenue  en  resol vant  un  systeme  d' Equations  deri- 
v^es  des  Equations  de  Nav ier-Stokes,  stat ionnaires  et  parabolis^es  dans  la  direction  de  1 ' ecoulement .  Les 
Equations  de  base  sont  trois  Equations  integrales,  Writes  dans  le  systfeme  de  coordonnees  (m,b,9  )(Fig.5) 
la  premiere  est  liquation  intdgrale  de  continuity  moyennee  en  azimut.  Elle  est  integree  depuis  la  pa¬ 
roi  (b  =  o)  jusqu'S  la  frontiCe  exterieure  de  la  couche  limite  (b  =  b) 


X. 


jVfW,, 


m  m  wm  * 


(  l  ) 


Le  second  membre  de  cette  Equation,  qui  represente  1 'augmentation  de  debit  dans  la  couche  limite,  est 
calculi  avec  le  module  empirique  de  la  loi  d'entrainement  de  Head  [11). 


Fig.  3  -  Integration  des  equatiorBsuivant  l'envergure 
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Les  deux  autres  Equations  fondamentales  sont  ies  composantes  selon  m  et  0  de  liquation  int£grale  de 
quantity  de  mouvement ,  moyenn£e  en  azimut.  Celles-ci  sont  £crites  sous  forme  d^ficitaire  par  rapport  S 
l'^coulement  sain,  et  int£gr6es  depuis  la  paroi  (b  =  01  jusqu'&  la  limxte  ext^neure  du  domaine  fluide 
(b  =  h)  (cf  Fig.  4) 
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Dans  les  Equations  (2)  et  (3),  les  quantity  ADIm  et  ADIg  sont  les  composantes  du  vecteur  A  07,  ie- 
quel  repr^sente  l’effet  visqueux  sur  la  force  d'aubage.  Au  second  membre  AD3m  est  un  terme  ue  correction 
visqueuse  sur  la  pression  statique  moyenne.  Dans  les  expressions  pr£c6dentes,  les  termes  li£s  aux  fluctua¬ 
tions  azimutales  ont  6t£  supprim£s,  car  leurs  effets  sont  n£gligeables  dans  les  compresseurs.  L  'expression 
complete  de  ces  Equations  est  donn£e  en  r6f6rence  [6]. 

Le  traitement  de  ces  deux  Equations  est  different  selon  que  le  calcul  est  fait  dans  les  aubages  ou  a 
l'ext^neur  :  en  zone  libre  d'aubage,  les  termes  de  force  d'aubage  ADI  sont  nuls,  et  ies  equations  >2:  et 
(3)  sont  r£solues.  En  zone  aub£e  au  contraire,  les  termes  ADIm  et  ADIg  ,  non  nuls,  sont  ^limin^s  ent  re 
les  deux  Equations  par  la  relation  empirique  (4).  t 

AQ^  +  (1  •  £  )  ton  J3  AD10  =0  (  4  ) 

Une  seule  Equation  reste  alors  b  r^soudre.  Dans  la  relation  empirique  (4),  1 ' mtrnduct  ion  du  param£tre£ 
d6j&  utilise  par  Hellor  et  Wood  [1],  est  ndcessaire  pour  les  applications  b  des  compresseurs  multi^tages. 
En  effet,  l'hypothfese  d'un  deficit  de  force  perpendiculaire  b  l'aubage  (  £  =  0)  conduit  avec  cette  m^thode 
num^rique  b  une  croissance  ind6finie  de  l'^paisseur  de  d^placement  $>*m  &  travers£e  d'un  compresseur  mul¬ 
tistage,  ce  qui  est  contraire  &  la  r£alit£  (Fig. 12).  Nous  obtenons  des  valeurs  correctes  de  blocage  dans 
les  compresseurs  basse  pression  avec  des  valeurs  detvoisines  de  0.7. 


Fig.  4  :  Influence  du  coefficient £. sur  I'tfpaiaseur  de  cKplacenent 
au  poyeu  d'un  co^jreaoeur  b  3  stages 


r 
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1.3.  Module  pour  le  calcul  aes  champs  de  vitesse  secondaire 

La  resolution  des  equations  fondamentales  (1)t(2)  et  (3)  depend  de  la  determination  des  trois  compos an¬ 
tes  de  la  valeur  moyennee  en  az.^ut  du  vecteur  vitesse. 


Fig.  3  :  Systfeme  orthogonal  de  coordonnees  intrinsfcques 

Certaines  experiences  montrent  qu'il  est  possible  de  decrire  la  composante  de  vitesse  dans  la  direction 
principale  s  (celle  de  l'ecoulement  sain)  par  certaines  families  de  profils  analytiques.  Lri  revanche  de 
telles  descriptions  semblent  difficiles  pour  les  deux  autres  composantes  de  vitesse  Wn  et  Wb,  en  particu- 
lier  &  1* inter ieur  des  roues  aubdes.  Cn  pratique,  la  composante  longituH  "ale  s  est  dernte  par  un  profil 
de  Kuhn  et  Nielsen  [9], 

La  composante  transversale  wn  est  obtenue  par  une  methode  different lelle  ddnv^e  des  theories  classi- 
ques  de  calcul  d'6cou.lements  secondaires  :  resolution  d'une  equation  de  transport  pour  nbterur  la  vorti- 
cite  secondaire,  longitudinale  : 


b  m  m 

s.-  sir  S?  = 


A  ^Btli 
Q  d  o2 


(  5  1 


puis,  resolution  d'une  equation  de  Laplace  dans  le  plan  transversal  : 
faisant  intervenir  une  fonction  de  courant  venfiant  : 

Dans  liquation  (5),  les  termes  d'oriqine  visqueuse  sont  tr£s  simplifies,  seul  subsiste  le  second  membre, 
uu  la  viscosite  turbulente  est  _ d'un  module  de  turbulence  de  L'ebeci-Smith,  de  type  longueur  de  me¬ 

lange. 

La  troisieme  composante  de  vitesse  est  quant  &  elle  obtenue  en  resolvant  une  forme  appropnee  de  1 'li¬ 
quation  de  continuite  (Eq.8)  b 

BrfWJo)  .  BrfWJOU  J  BrfW^bb  (g  ) 

Le  calcul  de  la  vitesse  est  complete  par  ceux  de  la  pression  statique  et  de  la  temperature  totale.  L 'e- 
cart  de  pression  statique  avec  l’ecoulement  sain  est  calcuie  en  resolvant  la  composante  selon  b  de  1* equa¬ 
tion  de  quantite  de  mouvement.  La  temperature  totale  T  ,  qui  intervient  dans  le  calcul  de  la  masse  volu- 
mique  est  obtenue  en  resolvant  la  forme  non  visqueuse  de  1 'equation  de  l'energie  :  conservation  de  la 
rothalpie  le  long  des  lignes  de  courant. 


>4>  :-0, 

-  --  -  vs. 


(6  1 
(7  ) 


1.4.  Architecture  generate  de  la  methode 

Nous  nous  interessons  ici  S  1 ' architecture  d'ensemble  de  la  methode.  Nous  considerons  le  traitement 
d'une  paroi  (le  moyeu  par  exemple)  &  une  certaine  iteration  de  couplage  avec  le  calcul  meridien.  Les  don- 
nees  initiales  du  calcul  sont  d'une  part  les  vaieurs  de  l’ecoulement  sain  &  la  paroi,  d' autre  part  les  ca- 
racteristiques  de  la  couche  visqxeuse  dans  le  plan  amont  du  calcul.  L'ecoulement  sain  d  la  paroi  est  issu 
d'un  calcul  meridien  prenant  en  compte  des  injections de  debit  £q*  calcuiees  h  1' iteration  de  couplage 
precedente.  Les  ecoulements  secondaires  pour  la  paroi  consideree,  sont  calcuies  en  resol vant  les  equations 
du  paragraphe  precedent,  plan  par  plan,  depuis  1' amont  jusqu'&  l’aval  (processus  parabol ique) .  L’ecoule¬ 
ment  Stan t  suppose  stationnaire  par  rapport  d  chaque  aubage,  le  domaine  de  calcul  est  divise  en  autant  de 
sous-domaines  que  de  roues,  et  un  changement  de  repfere  est  effectue  &  chaque  passage  d’un  sous  domaine  S 
1 ’ autre  (F ig.6  et  11) 


Fig.  6  :  Domaine  de  calcul  -  Mai 11 age  au  moyeu 
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Tig.  7  :  Calcul  des  6coule*enta  seconds ires  sur  une  paroi 


La  parabolisation  des  Equations  conduit  &  des  temps  de  calcul  raisonnables,  mais  peut  entralner  des 
probifemes  de  stability  fe  cause  des  effets  elliptiques  qui  ont  fetfe  nfeqligfes.  Ces  effets  sont  surtout  lifes 
au  champ  de  pressiofi  statique  qui  ,fe  une  faxble  correction  visqueuse  prfes,  coincide  avec  celui  de  1'fecou- 
lement  sain.  Dans  notre  modfele,  ces  effets  sont  restitufes  de  fa^on  approchfee,  en  rfesolvant  une  equation 
supplements i re  relative  fe  1 'dcoulement  sain,  en  mfeme  temps  que  les  Equations  pour  l’fecoulement  visqueux 
En  pratique  cette  Equation  se  prfesente  comme  une  Equation  enwm  et  calculc  les  effets  de  blocage  et  de 
courbure  fe  la  paroi  sur  1‘fecoulement  sain,  induits  par  les  variations  du  deficit  de  debit  de  la  couche  vis¬ 
queuse  entre  deux  iterations  de  couplage.  Aprfes  discretisation,  cette  equation  s'fecrit  sous  la  forme  vec- 
torielle  (Eq.  9) 


- 

r  ' 

A 

c  A 

6q- 

_ 

-  - 

ou  A  est  une  matrice  carrfee  d’ordre  N.  Une  fois  connu  W m,  les  autres  grandeurs  de  1 'fecoulement  sain,  dont 
la  pression  statique,  sont  mis  fe  jour  en  conservant  £  et"T  *  entre  deux  ltferatiorede  couplage.  La  cor¬ 
rection  ainsi  apportfee  fe  l'fecoulement  sain  assure  une  bonne  stability  numferique  et  permet  une  convergence 
rapide  du  processus  de  couplage  calcul  visqueux  -  calcul  mferidien  (Fig.  12). 

II  nous  reste  fe  prfeciser  de  quelle  fagon  les  Equations  sont  rfesolues  dans  un  plan  de  calcul  d* indice  i 
donnfe . 

Les  rfesidus  des  equations  principales  (1)  et  (2)  sont  considferfes  comme  des  fonct ions  implicites  de  pa- 
ramfetres  convenablement  choisis  (en  pratique,  la  vitesse  w  do  recoupment  sain  fe  la  paroi  et  l'fepaisseur 
ictela  couche  limitc).  Un  processus  de  minimisation  classique  (Gauss-Newton)  optimise  les  valeurs  de  ces 
paramfetres  (Fig.  8) 


Fig.  B  :  Resolution  des  equations  principales  au  plan  i 
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Pour  chaque  valeur  testae  des  param&tres  principaux  (V,  S  ) ,  le  champ  a^rodynamique  est  calculi  en  suivant 
1 'organigramme  simplify  de  ia  figure  9. 


Fig.  9  :  Calcul  a£rodyna*ique  dans  le  plan  i 


plication  b  un  conpresseur  wuitidta 


Nous  pr^sentons  une  application  sur  un  compresseur  basse  pression  de  trois  stages  avec  une  roue  direc- 
trice  d'entr^e  (Fig. 10),  et  pour  lequel  nous  disposons  de  mesures  suffisamment  proches  des  parois.  Les 
deux  premieres  rou®  mobiles  ont  une  nageoire  respect ivement  b  60  %  et  55  %  de  hauteur.  Le  point  de  fonc- 
tionnement  6tudi6  correspond  b  un  taux  de  compression  de  3.48.  Compte  tenu  des  valeurs  assez  faibles  du 
rapport  de  moyeu  (0.3  b  1' entree,  0.725  b  la  sortie),  les  couches  limites  de  parois  occupent  une  fraction 
assez  faible  de  la  veine  (Fig.  11).  La  determination  de  l'6coulement  sain  de  reference  ne  pose  done  pas 
d'ambiguite.  Celui-ci  est  mod61is£  par  un  calcul  meridien  dans  lequel  sont  imposees  les  distributions  ra- 
diales  de  pression  et  temperature  totale  b  l'aval  des  roues  mobiles,  de  pression  totale  et  d'angle  absolu 
b  l'aval  des  redresseurs.  Ces  distributions  correspondent  aux  valeurs  mesurees,  sauf  prfes  des  parois  ou 
les  forts  gradients  sont  ei-mines  (Fig. 11) 

Les  resultats  de  la  methode  de  calcul  des  ecoulements  secondaires  sont  presentes  pour  les  plans  de  sor¬ 
tie  du  second  redresseur  et  de  la  troisi£me  roue  mobile  (stations  6  et  7,  Fig.  10).  Nous  constatons  un 
excellent  recoupement  des  valeurs  exp6r imentales  au  moyeu  comme  au  carter  en  ce  qui  concerne  la  pression 
totale  (Fig.  11-A-B),  l'angle  absolu  (Fig.  11C-D)  et  1’ angle  relatif  (Fig.  12-A).  Seule,  la  temperature 
totale  calcul^e  difffere  largement  de  celle  mesur^e  prfcs  des  parois  (Fig.  12  B).  Ceci  est  probablement  li£ 
6  la  non-prise  en  compte  de  la  forme  visqueuse  de  1 'Equation  de  l'tfnergie  dans  la  methode  actuelle,  et 
6galement  b  la  non-prise  en  compte  des  phdnomfenes  de  melange.  (  [15]  £  [17]  ) 

Nous  notons  enfin  le  bon  accord  entre  les  valeurs  calcul^es  de  la  pression  statique  et  les  mesures  ef- 
fectu£es  aux  parois(Fig  12  C  et  0),  preuve  que  le  blocage  induit  par  les  couches  limites  de  paroi  est 
correctement  calculi. 


Fig.  10  -  Cospresaeur  BP  b  trois  stages 
Vue  *6ridienne  de  la  veine 
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3.  Application  au  dess in  d* aubages 

La  m^thode  de  calcul  qui  vient  d'etre  pr£sent£e  constitue  un  outil  pratique  pour  dessiner  les  subages. 
Elle  a  l'avantage  de  calculer  les  ph6nom£nes  secondaires  dans  tout  le  plan  m^ridien,  et  son  niveau  d'ap- 
proximation  est  comparable  &  celui  du  calcul  mlridien  avec  lequel  sont  choisis  les  principaux  param^tres 
a^rodynamiques.  La  SNECMA  l'utilise  en  particulier  pour  dessiner  les  redresseui®  avec  extr6mit6s  vrill£es, 
dont  la  g6om£trie  permet  une  augmentation  du  rendement  et  de  la  marge  au  pompage  d'un  compresseur  multi¬ 
stage.  Dans  l’exemple  represents  en  Fig.  13A,  ces  redresseurs  se  distinguent  des  aubages  classiques  par 
une  forte  augmentation  de  l'angle  de  calage  des  profils  prSs  des  parois.  Cette  transformation  gSomStnque 
rSpond  k  deux  objectifs  :  Vers  le  bord  d'att.aque,  1 '  augment  at  ion  de  l’angle  des  proFils  permet  de  mieux 
adapter  l'aubage  k  Scoulement  incident  (Fig. 13. B)  ;  vers  le  bord  de  fuite,  1 ' augmentation  de  l'angle  des 
profils  permetde  rSduire  la  charge  aSrodynamique  prSs  des  parois,  et  done  de  limiter  le  dSveloppement  des 
phSnomSnes  secondaires.  Ceci  permet  Sgalement  d'attSnuer  les  variations  sur  la  hauteur  de  l'angle  absolu 
k  la  sortie  du  redresseur  (Fig.  13C  et  130).  Par  composition  des  vitesses,  l'angle  d' incidence  sur  la  roue 
mobile  suivante  s'en  trouve  ISgSrement  rSduit  (Fig.  13E). 

La  mSthode  de  calcul  des  Scoulements  secondaires,  couplSe  au  calcul  mSridien,  fournit  les  informations 
nScessaires  au  rSglage  de  l’angle  des  profils  prSs  des  parois  en  calculant  les  angles  k  1 'entree  et  k  la 
sortie  des  redresseurs  et  roues  mobiles.  Enfin,  de  fagon  plus  g6n6rale,  cette  m^thode  permet  de  mesurer 
l'effet  de  ces  modifications  g6om£triques  sur  le  dSveloppement  des  ph£nom£nes  secondaires. 


Conclusion 


La  SNECMA  a  industrialist  et  ttendu  au  cas  des  compresseurs  axiaux  multittages  une  mtthode  de  calcul 
mise  au  point  par  le  Docteur  F.Leboeuf  sur  des  compresseurs  et  turbines  monottages  [6].  Cette  mtthode  re¬ 
pose  sur  la  modtlisation  de  l'tcoulement  mtridien  par  un  tcoulement  sain  stparant  deux  couches  visqueuses 
de  paroi.  Elle  a  l'avantage  de  pouvoir  calculer  la  valeur  moyenne  en  azimut  des  phtnomtnes  secondaires 
dans  tout  le  plan  mtridien,  y  compris  &  l'inttrieur  des  aubages. 

La  comparaison  calcul  -  experience  sur  un  compresseur  basse  pression  de  trois  stages  montre  un  excel¬ 
lent  accord  en  ce  qui  concerne  le  blocage,  la  pression  totale  et  les  angles.  Seule  la  temperature  totale 
calculte  present e  des  hearts  notables  avec  1 'experience.  Ceux-ci  sont  attributs  en  partie  k  l'absence  de 
resolution  de  liquation  complete  de  l'energie. 

Cette  rntthode  de  calcul  est  d'un  grand  inttret  pour  la  conception  des  aubages,  en  particulier  des  re¬ 
dresseurs  k  extrtmites  vrilltes. 
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Fig,  12  COMPRESSEUR  BP  A  TROIS  ETAGES 
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DISCUSSION 


N.  KROll,  Ge 

How  are  the  elliptic  effects  accounted  for  in  the  solution  process  ? 

Author's  Reply 

The  elliptic  effects  neglected  in  the  parabolic  process  are  related  to 
the  static  pressure  gradients  in  the  marching  direction.  These  are  taken  in¬ 
to  account  by  solving  an  approximate  inviscid  flow  equation  simultaneously 
with  the  wall  layer  equations.  This  equation  is  expressed  in  the  form  of  a 
correction  of  the  external  flow  according  to  the  blockage  induced  by  the 
wall  shear  layers. 

This  strong  coupling  ensures  a  good  numerical  stability.  For  more  de¬ 
tails  on  this  point,  you  may  refer  to  F.  Leboeuf,  "Annulus  End-Wall  Boundary 
Layer  Theory",  VKI  Lecture  Series  84-05. 


K.R.  GARWOOD,  UK 

Having  presented  data  on  how  you  propose  to  design  the  stators,  how 
would  you  propose  to  design  the  rotor  blades,  particularly  the  casing  sec¬ 
tions  ? 

Author's  Reply 

This  is  a  difficult  problem  and  investigations  are  currently  under  way. 
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1 4.  Abstract 

The  Conference  Proceedings  contains  34  papers  presented  at  the  Propulsion  and  Energetics 
Panel  69th  Symposium  on  Advanced  Technology  for  Aero  Gas  Turbine  Components,  which 
was  held  4— 8  May  1987  in  Paris,  France 

The  Symposium  was  arranged  in  the  following  sessions:  Requirements  and  Design  Considerations 
(7),  Turbines  (8),  Combustion  (3),  High  Speed  Propellers  (5),  and  Compressors  (11).  Questions 
and  answers  follow  each  paper. 

The  Symposium  was  aimed  at  highlighting  the  development  of  advanced  components  for  new  aero 
gas  turbine  propulsion  systems,  and  it  provided  engineers  and  scientists  with  a  forum  to  discuss 
recent  progress  in  these  technologies  and  to  identify  requirements  for  future  research. 
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